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THEME

The development of advanced components for new aero gas turbine propulsion systems rests on a wide range of practical
and theoretical technologies. The subject was last reviewed at the 32nd PEP Meeting in 1968, and this meeting provided
engineer- and scientists with an opportunity to discuss recent progress in these technologies and identify requirements for
further research.

The scope of the meeting included: compressors, both sub- and supersonic, axial and radial; requirements and objectives
for components and component integration in the complete engine; turbines, including cooling effects; combustors and
afterburners, including mechanical and materials aspects; advanced propellers, and associated drive systems.

Le d~veloppement de composants avances de turbo-machines adrobies pour de nouveaux systemes de propulsion, repose
sur un large 6ventail de techniques thioriques et pratiques. Le PEP a trait6 ce sujet pour la derni re fois a sa 32me reunion en
1968. Ce nouveau Symposium a donn aux ing4nieurs et aux scientifiques l'occasion de discuter des progris r6cents dans ces
techniques, et d'idenfifier les thimes de futures recherches.

Les exposes et discussions ont porti sur les points suivants: specifications et objectifs pour les composants, et leur
integration au moteur complet; compresseurs subsoniques, axiaux et radiaux; turbines y compris effets de refroidissement;
chambres de combustion et systimes de rechauffe, avec les aspects m~caniques et matdriaux; h~lices avancees et leurs systemes
d'entrainement.
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THE COMING REVOLUTION IN TURBINE ENGINL TECHNOLOGY
by

James S. Petty & Robert E. Henderson
Turbine Engine Division

Air Force Wright Aeronautical Laboratories (AFWAL/POT)
Wright-Patterson Air Force Base, Ohio USA 45433

SUMMARY

A major change in turbopropulsion technology development philosophy is now being
pursued by the US Air Force Wright Aeronautical Laboratories (AFWAL) ahich will provide
revolutionary advancements in overall operational performance capability for future
military aircraft and aerospace weapons systems. An historical perspective illustrates
the significance of the advancements being pursued, with engine thrust-to-weight used as
the principal performance figure-of-merit. The High Performance Turbine Engine
Technologies (HPTET) effort, an initiative begun in 1982. is discussed. The overall goal
of the HPTET effort is to provide the advanced materials, innovative structural concepts
and advanced aerothermodynamics to double turbopropulsion capability by the year 2000.
This is being accomplished throug- an aggressive, highly integrated technology
development effort. The Aero Propulsion and Materials Latoratories within AFWAL are
partners in this effort.

INTRODUCTION

Today, a synergistic convergence of new technologies across the materials and
turbopropulsion communities is beginning to occur. Encouraging developments in
turbomachinery aerothermodynamics, lightweight high temperature materials, and new
innovative engine structural concepts are pointing the way toward a radical departure
from the way turbine engines have been designed and built in the past. The situation is
rather similar to that of the late 1930s and early 1940s when a major jump in aircraft
propulsion capability occured because of the development of a new type of engine -- the
turbine engine -- both in England by Sir Frank Whittle and in Germany by Dr Hans von
Ohain. T ,e revolution starting today is noc the result of a new engine cycle, but rather
the result of the convergence of new developments in aerothermodynamics, materials and
structures. The result will be no less dramatic, however.

To accelerate the developmert and application of these new emerging technologies,
and to maximize their early payoff, the Aero Propulsion and Materials Laboratories within
the Air Force Wright Aeronautical Laboratories (AFWAL) organization have joined together
in a new initiative entitled "High Performance Turbine Engine Technologies" (HPTET). The
objective of this initiative is to develop the oritical technologies required to double
turbopropulsion capability by the year 2000 for a bioad range of future Air Force
systems. To accomplish this, it was also necessary to develop a new integrated approach
to the development and demonstration/assessment of new emerging technologies.

The HPTET initiative began in 1982 as an advanced technology development study in
the Aero Propulsion Laboratory. With the realization that advanced materials aevelopment
was a pacing item, the AFWAL Materials Laboratory joined the initiative as a partner in
1984. In 1985. six U.S. turbine engine companies (Allison Gas Turbine Division. Garrett
Turbine i ngine Company, General Electric, Pratt & Whitney, Teledyne CAE, and Williams
International) joined with the Air Force in developing corporate long range plans to
accomplish the ambitious goal of the HPTET initiative by the turn of the century. These
companies have also made substantial commitments of company resources to their long range
plans.

To appreciate the level of technical advancement being pursued under the HPTET
initiative, one must put things in proper perspective. A ccmonly used figure-of-merit
for describing advancements in turbopropulsion operational capability and performance is
engine thrust-to-weight (T/W) ratio. This is of particular significance when dealing
with high performance, air superiority aircraft where maximum T/W capability is of the
utmost importance. Hence, when one speaks of doubling propulsion capability, in terms of
T/W this represents a 2X advancement over that provided by contempora'y turbine engines.
However, doubling T/W does not come easy and, relative to today's fighter engines, will
require a number of dramatic, if not revolutionary, changes in engine design as we know
it today. This is not to say that the engine of tomorrow will be a totally different
design concept from the turbine engine of today. It will still utilize rotating
machinery and will still contain the same basic core components -- compressor, combustor
and turbine. A number of technological barriers will be broken, however, in internal
aerodynamics, materials, structural design and operating temperatures. This, in
conjunction with the technology availability target date of the year 2000, makes the
engine of tomorrow truly a revolutionary leap beyond what we can provide with today's
technology. The overall goal of the HPTET initiative is to provide in the next 12-15
years the same degree of technological advancement that took the past 30-40 years to
accomplish.

"The following paragraphs will endeavor to place the HPTET initiative in historical
perspective, describe the HPTET technical/management approach, discuss some of the
Dromising candidate technologies and present some of the potential payoffs to future Air
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Force systems.

AN HISTORICAL PERSPECTIVE

To better appreciate the 0
extent of advancement being pursued s-
under the HPTET initiative, a brief 6
look at how far the turbine engine
has come over the past 40 years is 40 "
in order. As a ba~it for
comparison, engine thrust-to-weight
will be used as the nerformance 20

figure-of-merit. Figure 1 shows an TV

historical evolution of the turbine V..0  w
engine in terms of T/W dating back 0 A10/

to the first operational jet engine
-- the German Junkers Jumo 004B.
Although this illustration is
complex, It highlights advancements 4

mad6 in terme of propulsion system
specific thrust (engine thrust per
unit airflow through the engine) 2

and specific weight (engine weight
per unit airflow through the
engine), the ratio of whioh
provides lines of constant thrust- 0 20 40 60 60 100 '20 40 160 0 200

to-weight. From this illustration, F/W,
one can derive a trend of
propulsion system advancements
realized over the past 30-40 years. Figure 1. Turbine Engine Thrust/Weight history

Aithough many engines are represented in Figure I, only two will be briefly examined
to provide historical perspective. In the early 1940a, Germany introduced the first
operational jet engine, the Junkers Jumo 004B. Truly a revolutionary advancement in
propulsion capability over the high performance aircraft piston engines of the time, the
0048 represents the beginning of the jet
age as we know it today. The T/W ratio
of the 004B was only 1.25, but it
provided the twin-engined Messerschmitt
Me262 aircraft with a maximum air speed
of 540 miles/hour in level flight -- a
formidable threat to the Allied air
forces during the War. The 004B was a
relatively heavy engine with a turbine
inlet temperature of only 1300°F
(7000C). This operating temperature is i.
of particular significance when one
notes that our most modern engines today Figure 2. Junkers Jumo 0048
utilize hot section cooling air with
temperatures approaching 1300

0
F. Still

there was no doubt that in the 19401s,
this German jet engine represented a
huge leap in propulsion system
operational and performance capability
and a major departure from conventional
aircraft engine design philosophy.
Figure 2 's a photograph of the Jumo
004B, a design not significantly
different from today's jet engines -- an
axial compressor and turbine, and a
multi-can combustor, the principal core
components of any jet engine. Again, it
became operational with the Me262 shown
in Figure 3, a twin-engine aircraft
which first flew in July 1942 and
entered service in July 1944,
principally against Allied bomber
formations. Although a very lethal
weapon system in its day, the Me262/004B
combination had poor relictility and
range -- many aircraft were lost due to
engine mechanical problems and high fuel
consumption. Those successfully Figure 3. Messerschmitt Me262
returning from a m4ssion often required
partial, if riot co.iplete engine overhaul. But, again, the 004B did represent a major
advancement in overall aircraft engine capability and initiated a new era in terms of
aircraft propulsion.

Referring back to Figure 1, one will also note an engine introduced approximately
thirty years after the 004B, the F100. The Fi00 represents a very significant
advancement in propulsion capability relative to the 004B; not only does it exhibit a T/W
capability 6 timAs that o the 004B, it also advanced aircraft operational capability
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Into a whole new flight regime -- the
ability to climb vertically and
accelerate at the same time. Through
advancements in materials, permitting
higher temperature and lighter weight
structural design, the P100 is the fleet
leading fighter engine in the U.S.
arsenal today. Operating at turbine
inlet temperatures greater than 2500°F
(1370

0
C) and with full afterburning,

this low bypass, augmented turbofan

engine produces nearly 25,000 pounds of Figure 4. Pratt & Whitney FlOU Turbofan Engine
thrust with an installed T/W ratio of
nearly 7.4. Figure 4 shows a cross-
sectional view of the F100. To some
extent it is similar to the 004B. It
has a multi-stage axial compression
system (turbofan configuration), an
annular combustion system and a multi-
stage axial turbine, the first stage of
which is air-cooled. The F100 is also
equipped with a large multi-zone
afterburner and an axisymmetric
convergent-divergent variable-geometry
exhaust nozzle. It is used in two
military-only applications by the U.S.
today, the F-15, a twin-engine aircraft.
and the F-16, a single engine aircraft
(Figure 5).

The next generation air superiority
aircraft currently undergoing prototype
development is the Advanced Tactical
Fighter (ATF). Although not shown in Figure 5. F-15 and F-16 - Modern USAF Fighters
Figure 1, the engines for this aircraft
will be substantially more advanced than
the FlO0, having higher operating
temperatures and higher T/W capability,
but perhaps more importantly, allowing
the ATF to cruise supersonically without
afterburning. Figure 6 is a photograph
of a mock-up of one of the ATF
demonstrator engines, the Pratt &
Whitney XF19. (General Electric also
has an ATF demonstrator engine, the
XFI20, under development.) Externally,
the XF119 may appear similar in
configuration to the Fl00, at least Figure 6. Pratt & Whitney XF1I9 ATF Engine
forward of the exhaust nozzle. Demonstrator Mockup
Internally, however, a number of
differences exist, including
incorporation of advance high 1O
temperature materials, structural design so-
changes, substantially reduced parts 6-m 0t ,I
count, and much higher operating -rF
termperature capability. One very
visible and significant difference, 4 MAR

of course, is the addition of a
two-dimensional convergent- 2o-
divergent exhaust nozzle with both
thrust vectoring and thrust
reversing capability. Another W,
significant, but less obvious, a-
change to this engine is the 6- 3
incorporation of a full-authority
digital electronic control system, 4- WN
without which the many variable
features required of this engine
would not be possible. 2-

With this brief historical
review, one could conclude, as I
shown by the bold arrow of Figure 0 2 40 0 80 00 0 140 16 180 200
7, that propulsion system
advancements have nearly reached
their limit in terms of further
improvements in T/W capability. In Figure 7. Future Thrust/Weight Trend and
fact, there are some today who feel the HPTET Initiative
turbine engine propulsion is a
"sunset" technology that has reached its improvement plateau, the further advancement of
which simply would not show a worthwhile return for the research dollar invested. This
could not, however, be further from the truth. The balance of this paper will focus on

-...... ... ... .
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the HPTET initiative and those technology developments currently underway or in planning
which will assure a revolutionary advancement in propilsion system capability by the
turn-of-the-century. The gridded box of Figure 7 represents that region in terms of T/W
for which HPTET is currently focused, drawing upon the moat advanced three-dimensional
aerodynamic design systems. new high temperature composite and fiber-reinforced metal
matrix and ceramic materials, and structural design innovations not heretofore considered
for turbomaohinery applications. Like the introduction of the 0048 engine in 1940, the
HFTET initiative also represents a new era in propulsion system design and performance
capability, an era which will far surpass engine operational capability today or in the
near future.

TECHNOLOGY FLOW IN THE HPTET INITIATIVE

Although the development of advanced technology is the most visible part of the
HPTET initiative, the integration of the flow of advanced technology from the technology
base in aerodynamics, materials and structures, through its use in the design of advanced
engine components, to the assessment/verification of those technologies in real engine
operating environments is also a key part of ensuring the maximum and most rapid
availability of the new technologies at the most reasonable cost. The Air Force is doing
this for the HPTET initiative by integrating its turbopropulsion exploratory development
and advanced technology demonstrator programs t, provide a clear path from the laboratory
to availability for a system. Figure 8 shows this integration schematically. At

TECHNOLOGY BASE

MATERIALS ALUMIMlwIS Aimcieav 
i 

Teo moes I5O LUAA.-W. ALLoTs

STRUCTURES $,.EA.M,5,OACo SSUCTMMflAE SPOIStSO Tf OT SV%

AEROTHERMO ID . , Ft" CYRLI STAG* ,IAW$,KP INVILO

COMPONENT DEVELOPMENT COPRESSeOm SVSIeMowuIsG S rUn Il K , t r "

TECHNOLOGY VALIDATION ---- ATGGO^lrC OMOAWAW, T UA E S
AND ASSESSMENT

Figure 8. Technology Flow in the KPTET Initiative

appropriate points in time, the best applicable technologies are integrated in the design
of advanced turbine engine components, which in turn are integrated Into advanced
technology demonstrator engines. These demonstrators, which include the Advanced Turbine
Engine Gas Generators (ATEGG), Joint Technology Demonstrator Engines (JTDE), and
Expendable Turbine Engine Concepts (ETEC), are then tested under realistic operating
conditions to verify the component technologies and to assess the interactions of these
components in a realistic ergine environment. The close integration between these three
levels -- tech base, component design, and engine demonstration -- requires that the
engineers at each level remain constantly aware of the relationship of their activity to
the whole. The result of doing this will provide a much more rapid transition of
technology from the lab to the field.

THE REVOLUTIONARY NEW TECHNOLOGIES

To the engineer, the most exciting part of the HPTET initiative is the pursuit of
new, and in some cases radically different, technologies for use in future turbine
engines. A large number of potentially attractive new developments are emerging in
materials and aerothermodynamics, which in turn are lead4ng to innovative new structural
concepts. The synergism resulting from the combinations of these developments, and a new
freedom being given to the design engineer to think in new ways, are leading to the
potential for a major increase in turbomachinery capability. A number of these emerging
developments will be highlighted in the next few paragraphs.

Advanced Aerothermodynamics

Advances in aerothermodynamic design capability are required, not only to maximize
the specific thrust of future engines, but also to reduce weight by reducing the number
of rotating stages in the compressor and turbine, making the combustor and exhaust nozzle
more compact, and eliminating the afterburner where possible. The following paragraphs
describe some of the areas needing development and the potential payoffs offered.

0 3-D Viscous Aerothermodynamic Models: The development of accurate 3-D
computational fluid dynamic (CFD) codes for turbomachinery has led to a surge of
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aerodynamic design advances in the past few years.
Figure 9 a photograph of an advanced low
pressure turbine vane designed by Pratt & Whitney
using a 3-D code and tested in an advanced
demonstrator engine. Present codes are for
inviscid flows, but are moving toward the
incorporation of viscous flow modeling capabiltty.
Accurate and efficient CFD codes are needed to
enable the design engineers to maximize component
efficiency while minimizing weight and parts
count.

o Advanced Compact Compression Systems: A
major advance in compression system areodynamic
design occurred in the early 1970s with the
development of high through-flow technology by Dr
Arthur Wennerstrom of AFWAL's Aero Propulsion
Laboratory. The continuing development of this
technology, comoiln~ with new concepts such as
swept airfoild and the use of advanced CFD tools,
is leading to very compact compression systems
which produce in only a few stages the same
pressure ratios which required over a dozen stages Figure 9. 3-D Low Pressure
a few years ago -- and without any efficiency Turbine Vane Design
degradation. Figure 10 is a photograph of a
swept-blade compressor stage presently undergoing
evaluation in Dr Wennerstrom's facility.
Additional development is required to make these
compressors even more compact and lightweight.
Other compressor concepts, including centrifugal
and mixed-flow compressors, also need to be
further developed for small engine applications.

o Near-Stoichiometric Combustors: To
maximize specific core power (gas generator
exhaust gas power per unit air flow rate), and to
eliminate the need for afterburning (reheat) in
some applications, the combustor exit gases need
to approach stoichiometric combustion temperature.
This requires that nearly all of the air entering
the combustor be used in combustion, leaving very
little for liner cooling and exit temperature
pattern factor (a measure of combustor exit
emperature uniformity) tailoring. In addition,
the combustion process must be carefully managed
to eliminate fuel-rich areas which could produce
visible smoke in the engine exhaust. The
combustor must also be capable of stable operation
at very low fuel-air ratios for engine idle and
deceleration. Finally, to minimize weight the
combustion system must be as compact as possible.
All of this requires considerable advancement in
combustor modeling and design, and may involve Figure 10. Advanced Fan Design
innovative concepts such as staged combustion and with Swept Blades
variable geometry.

o Z ... aced Couling Techniques: It will probably not be possible to eliminate all
cooling air requirements for the turbines of future engines, even with thE application of
very high temperature non-metallic composites, such as carbon-carbon. For example, the
need to cope with stoichiometric temperature hot streaks from the combustor will require
that the turbine nozzle vanes be cooled as efficiently as possible. Present materials
and cooling techniques would require excessive cooling air, which could seriously degrade
performance and efficiency. Improved cooling techniques are needed for both non-metallic
materials and for advanced metal alloys.

o Short, High Pressure Ratio, Multi-Function Exhaust Nozzl 3s: As the engine
specific thrust increases, so does the exhaust nozzle pressure ratio. This is true for
fighter engines and, especially, for engines for high Mach number applications. As a
result, the nozzle will tend to become larger and heavier. Additionally, future exhaust
nozzle requirements may include thrust reversing, and pitch and yaw thrust vectoring.
New concepts need to be developed for exhaust nozzle aerodynamic and mechanical design to
minimize weight and size, and for the high Mach number applications, to integrate the
exhaust nozzle into the airframe as efficiently as possible.

Advanced Materials

The key to the successful achievement of the HPTET initiative goal of doubling
capability is the development and application of new, advanced materials not previously
available for use in turbine engines. Some of these new materials are listed in Table I.
They range from very high temperature composites to new high temperature aluminum alloys,
and also include non-structural materials such as lubricants. Each of these materials

offers the possibility of a major improvement in a number of critical design areas

|I
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throughout the engine, such as use temperature or specific strength (strength/density).

TABLE I. NPTET MATERIALS REQUIREMENTS

ENGINE STATE-OF-THE-ART HPTET MATERIALS CANDIDATE
COMPONENT MATERIALS REQUIREMENTS MATERIALS

COLD SECTION Titanium (to 80G
0
F) Z-3X Specific Strength Ti Alumlziide Compa.

(Fan/Compressor) (425
0
C) 1200-1800OF Ti Composites

Nickel (to 1200
0
F) 650- 980

0
C Glass Composites

(650
0
C) Hi-Temperature Al

HOT SECTION Nickel (to 1900
0
F) 3-5X Specific Strength Ceramic/C-C Composite

(Combustor/Turbine (1040
0
C) 2700°F with Adv Cooling Adv Aluminide Compos.

Augmentor/Nozzle) Cobalt 1480
0
C Refractory Metals

3000-4000OF Uncooled
1650-2200

0
C

NON-STRUCTURAL 350OF Liquid Lubes p tc 1530OF Solid Lubes to 1500OF
(Bearings/Lubes) 175

0
C 815

0
C Liquid Lubes to 800°F

Metal Bearings Ceramic Bearings

o Carbon-Carbon Composites: Carbon-carbon composites are some of the highest
payoff, highest risk materials presently under development. Their potential for very
high use temperature -- up to 4000OF (2200

0
C) -- and high specific strength make them

well worth pursuing. Carbon-carbon composites have been available for a number of years,
and are presently in widespread use in aircraft brakes, and as major heat-shield
components in the Space Transport Systems -- the Space Shuttles. The major problem which
prevents their use in turbine engines at present is the difficulty in providing oxidation
protection for the thousands of operational hours required of man-rated engines.
Progress has been made in improving oxidation resistance by "inhibiting" the carbon
matrix and by providing improved surface protection. Unfortunately, most of these
schemes seriously degrade the strength of the composite, rendering it less attractive for
structural uses. Much more research remains to be done to provide thinner, more
effective coatings, extending possibly to the protection of the individual fibers.
Because of their potential, research on carbon-carbon composites is undergoing aggressive
development in many countries.

o Ceramic-Matrix Composites (CMC): The technology of high temperature ceramics has
advanced considerably in the past decade. Modern ceramics are far tougher than earlier
ceramics, and much less prone to fracture due to thermal shock or mechanical loads.
However, their brittle failure mode does not make them particularly attractive for use in
man-rated engines, where a much more "graceful"
failure mode is desirable. Properly designed,
ceramic-matrix composites have the high specific
strength of ceramic fibers, the high temperature
capability of ceramics and a more graceful failure
characteristic. Presently, ceramic-matrix
composites are limited to temperatures less than
approximately 2500OF (1400

0
C), due to limitations

of the available fibers and matrix materials.
France and Japan are currently leaders in CMC
technology, although research Is underway in many
countries. Figure ii is a photograph of an
experimental CMC turbine for a small missile
engine. It was produced by Sooiete Europeenne de
Propulsion (SEP) of France and is presently
undergoing test evaluation in the United States.
Under the NPTET initiative, research is underway
or planned to identify and develop new ceramic
matrix and fiber systems with temperature Figure 11. Smali Turbine Rotor of
capabilities in the 3000-4000°F (1650-2200

0
C) Ceramic-Matrix Composite

range.

o Metal-Matrix Composites (MMC): Metal-matrix composites, consisting of high
strength ceramic fibers imbedded in a high specific strength ratal matrix, are presently
being fabricated into engine components for testing. The use of MMC will produce major
weight reductions in both static and rotating engine structures because of their high
specific strength and high stiffness. A particularly attractive combination for the near
future consists of silicon carbide fibers in a titanium aluminide matrix, which will
provide high specific strength with a use temperature of up to 1800OF (9800). Work is
underway on this and other MMC systems to identify compatible component materials and to
develop fabrication techniques.

o High Temperature Alloys: These include metal alloys, made stronger, lighter and
with higher temperature capability. Rapid solidification-rate powder metallurgy offers
the possibility of developing new alloy combinations, not producible normally, tailored
for greatly increased strength, toughness, oxidation resistance and temperature
capability. or desired combinations of these. Research is planned or presently underway
to provide useful 900OF (4800C) aluminum, 18000F (9800C) titanium and 2700

°F
(1480

0
C)
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columbium (niobium) alloys by the late 1990s. or earlier. If successfully developed, the
high temperature aluminum alloy may displace much of the titanium presently used in
engines, and the high temperature titanium much of the nickel -- in each case with a
significant reduction in weight.

o Aluminides: Intermetallic compounds containing aluminum show great promise for
increasing oxidation resistance and use temperature of titanium and nickel. Alpha2titanium aluminide (TidAl) parts are presently undergoing evaluation in demonstrator
engines in the United States, and gamma titanium aluminide (TiAl) parts will be evaluated
in the near future. TiAl is particularly attractive, not only because of its lower
density, but because it does not burn -- a problem with titanium alloys at present.
Unfortunately, it has very low ductility at room temperature and is extremely difficult
to fabricate. New techniques, such as powder metallurgy, are providing considerable
progress toward the future use of this material, which could replace nickel alloys
throughout much of the engine -- at half the weight. Further in the future, nickel
aluminides may extend the use temperature of nickel to near 2200°F (1200

0
C). However,

much work remains to be done to determine alloy constituents and processing methods.

o Non-Structural Materials: Non-structural materials inciude bearings and
lubricants. At present, turbine engine lubricants are generally limited to about 350°F
(175

0
C). This low use temperature often requires air-oil or fuel-oil heat exchangers in

current engines. At high Mach numbers, where the inlet air temperature may be beyond
800°F (425 C) and the fuel is in demand as a heat sink for airframe, cockpit and
electronics, very high temperature lubricants and bearings are a requirement. Work Is
presently being undertaken to develop liquid lubricants usable to 600°F (315

0
C). and

solid lubricants usable to 15000F (815
0
C). Current turbine engine bearings are of steel

alloys, but these are not suitable for the high temperatures contemplated in future
engines. Ceramic bearings are under development for hih temperature use - a ceramic
bearing has been operated for nearly 100 hours at 1200 F (650

0
C) with a solid lubricant.

This technology is being pursued, not only for limited-life engines, but for long-life
man-rated engines of the future.

Structural Innovation

The new materials discussed above must be applied intelligently to engine structures
to realize their full potential. In many cases, particularly for the composite
materials, simple materials substitution into existing structural designs or concepts is
ineffective. It Is necessary to rethink the way engines are designed -- to invent new
innovative structural concepts that take advantage of the strengths of the new materials
while avoidJng their weaknesses. For example, fiber-reinforced composite materials
generally have great strength in tension along the fibers, but much less strength in
compression and in shear across the fibers. Some of the structural concepts being
considered are discussed below.

o Hollow Fan and Compressor Blades: Substantial weight savings can be realized by
using hollow blade designs in the fan and the first stages of the compressor. The large,
low aspect ratio blades resulting from high through-flow aerodynamics, the development of
high specific strength metal-matrix composite materials, and the development of new
manufacturing methods such as super plastic forming/diffusion bonding (SPF/DB) are making
possible the development of lightweight, hollow blades without sacrificing necessary
ruggedness or aeroelastic rigidity.

o Integrally Bladed Rotors: A significant part of the weight of a rotor with
inserted blades is in the material used for the blade attachment region and the
additional disk material required to withstand the centrifugal pull of the attachment.
Integraiy bladed rotors (IBRs or "blisks") offer a substantial rotor weight saving by
eliminating the additional material required in the blade, rim and disk to handle the
attachment loads. Figure 12 shows the potential for weight saving by using blisk
technology in an advanced
compressor rotor design. Blisks
have not been attractive in the
past because of the lack of repair ASELsmtechniques for damaged blades.
However, the recent development of
such repair techniques, and the
weight reduction potential of
blisks are making them increasingly
attractive for use in large PO
engines. Blisk compressors for
large engines have been tested in
the Air Force's Advanced Turbine

Gas Generator (ATEOG) and the Air CMOT
Force/Navy Joint Technology 010
Demonstrator Engine (JTDE)
programs. '

o Disklesa Rotors: The very
high specific strengths in tension
of the new composite materials make
it possible to replace the disks in Figure 12. Effect of Structural Innovation
conventional rotor designs with on Compressor Rotor Weight
fiber-reinforced rings. This leads

0 - bn m . . m . m m m m m L ,
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to substantial weight reductions, particularly for high through-flow systems which

require high rotor rim speed. Returning to Figure 12. the payoff from the use of metal-
matrix composite ring structures in an advanced compressor rotor, when coupled with
integral blading, Is a weight reduction of as much as 75%. Similarly, new turbine
structural designs now being studied offer weight savings of over 505 in the turbine
rotor.

o Rotor Support Structures: The very high structural stiffness attainable through
the use of fiber-reinforced composite materials offers the possibility of lighter and
simpler rotor support structures. One of the more Interesting possibilities presently
under investigation is the "pedestal" support. In this concept, the rotor is overhung on
a single support structure which is integral with the engine case. Other equally
innovative concepts are under study. The potential weight savings and simplification of
the engine structure should be considerable.

o Static Structures: Again, the very high strength and potential structural
stiffness of advanced composite materials offers possibilities for the simplification of
the engine static structural design. Contemporary U.S. turbofan engine designs typically
have three main frames and five bearing compartments. Advanced structural design
approaches will attempt to eliminate at least one main frame and one bearing compartment.
In addition, current U.S. design practice is generally to use different components for
managing aerodynamic and mechanical loads, and to use redundant load paths for
reliability and safety. In the future, aerodynamic structures will also carry mechanical
loads; for example, the compressor exit guide vanes in the combustor diffuser may carry
the rotor loads from a pedestal support. In addition, the level of load path redundancy
must to be reduced as much as is practical, ideally to the point at which the cost in
additional weight is negligible.

o Controls/Accessories: The engine controls and accessories, including the engine
gearbox and power take-off, account for approximately 20% of the weight of the Fl00
fighter engine. As the weight of the rest of the engine is reduced using the 5nnovations
described above, the controls and accessories weight will become more important unless
similar innovative measures are taken for them. Some of the possibilities under
investigation include: High temperature electronic engine controls with reduced cooling
requirements; Cases, actuators and pumps of composite materials; Electric actuation, and;
Elimination of the power take-off shaft and gearbox through the use of buried
accessories.

Lastly, some rather unique concepts are being studied for specialized engine
applications. One of these is the use of endothermic fuels for high Mach weapon system
applications. An endothermic fuel is one which can be dissociated, or "cracked", in the
presence of heat and a catalyst into higher energy components, such as hydrogen and
toluene, absorbing considerable energy in the process. Such fuels lie midway between
conventional hydrocarbon fuels and cryogenic fuels, such as liquid hydrogen or methane.
Endothermic fuels possess densities comparable to conventional fuels, but offer
substantially higher heat capacity and energy density, making them particularly suitable
for regeneratively cooling engine and airframe structures.

In addition to the developments in aerothermodynamics, materials and structures, the
overall engine design and its thermodynamic cycle also need to be viewed in an innovative
manner. For example, by placing the last stage of the fan on the high pressure
compressor rotor ("core-driven fan stage") to reduce the low pressure turbine work
required, it may be possible to eliminate the vanes between the high and low pressure
turbine stages, with an attendant saving in weight and complexity.

DURABILITY/REPAIRABILITY/MAINTAINABILITY

Although the goal of the HPTET initiative is to double propulsion capability, the
lessons of the past must not be forgotten -- high performance cannot be secured at the
expense of the "ilities"; durability, repairability, maintainability, etc. The desire
for higher performance and lower engine weight will result in simpler engines, in many
cases, with fewer parts. Some preliminary design studies indicate that it should be
possible to make these future engines very easy to disassemble for maintenance. However.
many of the engine components will be made of the new materials described above,
especially the composites, with which there is little or no inspection or repair
experience. As a result, it will be necessary to develop non-destructive inspection and
repair techniques for these materials before they can be used effectively in operational
engine applications. The present Air Force Engine Structural Integrity Program (ENSIP)
was developed for engines with critical components made of monolithic metals. The
extension of ENSIP principles to include brittle and composite materials remains to be
done.

THE COST

As one might expect, the total cost of accomplishing the goal of doubling
turbopropulsion capability will be high. A combined Government/industry estimate for a
full technology-limited program places the cost at approximately $5000 million over the
next 14 years. Although seemingly high, it represents only a modest increase
(approximately 20$) to the cost of a more evolutionary technology development process
which would result in far less capability advancement by the turn-of-the-century.
Regardless of resource availability. however, the HPTET initiative has led to a new
research and development approach. Should the additional research funding not be



F 1-9
forthcoming, either the broad scope of effort would be reduced or some relaxation of theHPTET goal relative to its demonscration by the year 2000 would be necessary.

THE PAYOFF

The potential payoffs of the KPTET initiative in terms of increased weapons systems
capability are substantial. Figure 13 is an example of the potential payoff for an
advanced engine technology applied to a future tactical fighter with supersonic cruise
capability. With an aggressive
evolutionary engine technology
development approach, this
fighter will be 45% lower in
take-off gress weight than
permitted by current technology.
With the revolutionary HPTET
approach, this fighter can also
be given V/STOL (vertical/ short
take-off and landing) capability 20
with no mission penalty. Other 9
exampTe 0fpotential payoff
include: An F-15 size 0
interceptor aircraft capable of g
cruising beyond Mach 3 for a ±
radius of over 1000 miles; A S
new high Mach propulsion system -
capable of operating beyond Mach P sum f
4, but ::so possessing a
subsonic specific fuel
consumption lower than today's
fighter engines; Expendable EN ul.1ausTrwa..nr
engines providing twice the
range of contemporary systems Figure 13. HPTET Payoff for a Future Tactical
for a variety of strategic and Fighter Design
tactical missiles.

There are, of course, also substantial payoffs for the commercial side of the
turbine engine business: High bypass turbofan and propfan engines with very high overall
pressure ratios will be able to operate at very high turbine inlet temperatures with
little or no cooling air required for the engine hot section. This could subtantially
reduce specific fuel consumption and. hence, operating costs. In addition, engine parts
count will be reduced, and many of the remaining parts will be simplified, reducing both
cost and weight.

These are just a few examples of the potential payoff of the HPTET initiative. In
fact, there will probably be no part of the U.S. turbopropulsion community which will not
feel the impact and benefits. Almost all types of systems presently using turbomachinery
will be affected, and many systems not presently using turbomachinery will find it to be
an attractive propulsion system alternative.

CONCLUSIONS

The HPTET initiative is an appropriate undertaking to begin at this time because of
the promise offered by a number of new and emerging technologies, and the attendant
potential payoff to future Air Force systems.

Planning for this initiative began in 1982. and today over $40 million in
exploratory development contracts are underway. The AFWAL Aero Propulsion and Materials
Laboratories have committed their resources to HPTET, and they have been joined in this
commitment by the U.S. turbine engine industry.

Recently, at the urging of the Deputy Undersecretary of Defense for Research and
Advanced Technology (DUSDRE/R&AT), the other Services (Army and Navy), Defense Advanced
Research Projects Agency (DARPA). and NASA have joined with the Air Force in developing a
coordinated long range plan embracing the goal of the HPTET initiative. The resulting
Integrated HPTET (IHPTET) plan will be a joint DoD/NASA initiative involving the
principal US Government organizations and industry involved in aircraft and missile
turbine engine development. It will guide nearly all U. S. military turbine engine
exploratory and advanced technology development through the nxt decade.

o4;
I -
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DISCUSSION

H.J.Lkbtfus, Ge
You have mentioned a SFC reduction of 30% to 40% for the HPTET engine. This is more than for the Prop Fan
engines. Can you please explain how you will get this? Or is it mainly the result of non using the afterburner at
supersonic speeds?

Author's Reply
The goal of 30-50/6 reduction in SFC under the HIIET initiative relates principally to supersonic, air superiority
propulsion systems, currently equipped with reheat systems. To achieve this SFC improvement, dry engine specific
thrust will be improved to the point where the system may be eliminated. This alone should provide 30-401/6
improvement in SFC; the balance would be achieved through component performance improvements.

A.Habrmd, Fr
What overall pressure ratio(s) do you expect allowed by new materials?

Author's Reply
A number of emerging new materials will permit future compressors to operate at higher temperature; however, the
HPTET program is not focused on any specific engine cycle requiring certain overall pressure ratios. For example,
emerging nickel and titanium aluminide materials offer the potential for higher operating pressures and temperatures in
the compression system. Hence, these materials could be applicable to the needs of high pressure ratio, high bypass
subsonic systems as well as some low pressure ratio (but high temperature) high Mach turbojet compression systems.

R.Fletcher, UK
In your paper, you identify main activities, by which you will achieve very significant improvements in engine
performance, namely improved aerodynamics, the use of new materials and innovative design. Is it possible for you to
quantify the relative importance of each in achieving your objectives?

Author's Reply
There is no doubt that materials coupled with structural design innovation are prime drivers in the HPT technology
development initiative. However, this is not to the exclusion of advanced aerodynamics. The key to successfully
achieving the goals of HPTET rests in the component designer's ability to effectively marry 3D aerodynamics with the
new emerging high strength-to-weight materials. For example, Ne must be able to accommodate the advancements in
3D, swept leading edge, long-chord airfoil shapes and the new integral blade-and-ring structural design approach using
fibre-reinforced metal-matrix composite materials.
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SUMMARY

The high pressure compression system for future fighter engines has been projected at two
different proven technology standards. For a given cycle of approximately 175 lbs and 251 overall
pressure ratio, three compressors have been evaluated, ranging from a seven stage unit with medium
loading, to a five a..d a four stage unit with high loading. Test data of the original research
parent compressors and two project specific units was commonised to the engine size and conditions
It is shown that apparent benefits between machines are negated and no significant advantage for
lower work per stage could be identified at a given blading technology standard. Oclative to the
seven stage unit a weight advantage of 20% is gained by the adoption of a liur stage unit. and is
associated with an aerofail count reduction of 15%.

Introduction of higher specific strength metals already under development will enable a 8% weight
reduction to the five stage compressor. Application of these advanced metals to a three stage
compressor of higher loading has the potential of a unit weight reduction of 35% relative to the
five stage machine.

BASIC ENGINE REQUIREMENTS

It is important to datum the physical size of the engines under discussion. since both aerodynamics
and manufacturing processes favour large machines. Internal studies have indicated that an engine
of about 20,000 lb thrust reheated is just over optimum size for maximum thrust:weight ratios.
Significantly smaller engines are hampered by machining limitations, whereas the larger machines are
starting to be affected by the 'square cube' law. This paper will concentrate on an engine cycle of
approximately 175 Ibs fan mass flow, and an engine inlet diameter of 29 inches Typical overall
compression ratios are 25-28:1 with fan pressure ratios ranging from 3.5:1 to 45:1. This mix of
compression system, and the elevated combustion outlet temperatures compared to today's in-service
engines, offers cycles capable of compromising for the conflicting demands of the 'Multiple
Mission', requirements of high dry thrust, and yet excellent loiter fuel burn, high mach number at
low levels and yet agile and surge free at high altitude and low mach numbers.

It is taken as accepted that the future fighter aircraft will be inherently unstable by design
This, in conjunction with 'fly by wire' systems, places an onerous burden on the engine designer,
and the airframe designer. The airframe designer has to strive to suppress intake lip vertices.
wall separations, and any other upsteady flow generators within the intake, under the adverse flight
conditions that are encountered. The stability margin of the engine is lowest at the high altitude,
low flight mach number region of the flight envelope, which is also coincident with the anticipated
worst intake conditions. In order to assess the high pressure ratio compressor requirements it is
first necessary to establish the inlet distortion characteristics. Fortunately, design style of
wide chord, unanubbered rotors leads to a more favourable inherent distortion attenuation in the
fan. Similarly, current blading techniques tend to give favourable pressure gradients through the
fan, leading to improved fan inner work potential. This has tended to suppress the degree of
unsteady flow generated at exit to the fan that can exist even with steady inlet flow (Reference
1).

The HP compressor is therefore, subjected to the
wn_. attenuated pressure distortions of the fan, and

the Implicit temperature distortion resulting from
the pressure attenuation, indicative stability
margin assessment for the HP compressor is given
on Figure 1. The compressors discussed in this
paper assume a given fan technology and require
the same surge margins.

FI13 I

.... h TYPICAL CORE STABILITY REQUIREMENTS
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COMPRESSOR DESIGN OPTIONS

Having now set the cycle, and the parameters for designing particular blading, it is necessary to
consider the stressing requirements of the HP turbine. From the cycle peak temperatures, and
estimates of efficiency potential, required turbine lifes, the turbine blade stress level, chord.
and hub:tip ratio were determined. Hence the HP shaft speed is fixed and the actual process of
selecting a suitable compressor can now commence.

For projecting, compressor aerodynamic loading can most easily be expressed by the term

6ly 1

Where 6H - Enthalpy rise across the HPC
U Last rotor hub blade speed
N = Number of compressor stages

Whilst this is strictly only correct for a compressor of similar radius ratios and similar through
flow mach numbers, it is applied for indicative variations ignoring these limitations. Refinements
to include these effects are normally made during the detailed design stage.

FIG 2FI3
MEDIUM LOADED COMPRESSOR HISTORY HIGH LOADED COMPRESSOR HISTORY

Of the compressors available within Rolls-Royce. two units. with different loading values, were
suitable for consideration. Both units had their origins in the mid to late nineteen sixties and
their family pedigree is shown in Figures 2 and 3. The degree of scaling and cropping to achieve
the given shaft speed at the cycle flow is given in Figures 4 and 5 for each compressor At this
stage, recorded test data were corrected for changes in exit hub:tip ratio, and the actual tip
clearances and mechanical standards. This reduced the differences in the measured performance of
the two units to similar levels of surge margin and efficiency.

IF n 90, Il - I
CRTO W I-L, To F*o I

I SAS TOAL W To1
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FIG 4 FIG 5
MEDIUM LOADED COMPRESSOR DERIVATION HIGH LOADED COMPRESSOR DERIVATION

Since there was no identified performance deficit for the higher loading, a further study, using
these loadings was undertaken. Simply. the exit flow function (WdT/P) from the compressor being
fixed by cycle considerations, the question of exit Mach number and exit hub:tlp ratio could now be
addressed.

Given: Wi/P
Then: Selecting exit Mach number fixes exit area
And: Selecting exit hub:tip at given mach numbers fixes available blade speed (RPM fixed by

Turbine)
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and hence, for a given compressor loading, the number of stages to achieve the required pressure
ratio is fixed solely by the choice of exit hub;tip ratio, 'Figure 6).

NUMBER OF

f.3 -STAGES

iGH MED

1.2 - -4 6

O~.9A i;1 a

a o,0 eeT

14t3:TIP EXIT
RATIO MACH NO -0.27

EXIT
MACH NO 0.26

FIG 6
COMPRESSOR EXIT CONFIGURATIONS

In view of the fact that fighter engines continue to utilise passive clearance controls on the HP
compressor, there is a tendency towards the lower exit hub:tip ratio, and hence minimising the
potential pertormance degradations associated with high hub tip ratio blading with proportionately

larger tip clearances.

Considering the two levels of compressor loading, these particular compressors were further
projected at constant exit Mach number.

A - 4 stage, high loading. 0.92 exit hub~tip
B - 5 stage, high loading. 0.9 exit hub:tip
C - 7 stage, medium loading, 0.9 exit hub:tip

These three units are driven by the same turbine, at the same shaft speed, and each fulfil the
cycle requirements. The requirements of aspect ratio and Reynolds number are incorporated in the
projecting and the resulting annulii are compared in Figure 7. In all cases, only a variable inlet
guide vane would be necessary for part speed operation, although advantages during light up and low

speeds might be derived from the use of variable first stage vanes.

Performance predictions of the three units indicated similar efficiencies for all three Although
the potential efficiency of the seven stage unit was marginally higher, this was negated by the
necessity of meeting minimum chord/Reynolds requirements, resulting in significantly lower than
optimum aspect ratios for the work input per stage. As a result of these low aspect ratios the

surge margin indicated for the seven stage machine was calculated to be some 3% greater than the
five and four stage compressors. Adoption of the lower chords would have implied thicker than

optimum leading and trailing edges An advance in blade profile design was assumed to allow this
effect to be accommodated. If the lower chords were adopted to capitalise on the apparent
efficiency potential, then the computed surge margin would be the same at high Reynolds numbers, but
would be significantly less, and unacceptable at the critcal high altitude low mach number
conditions.

FIG 7
ANNULUS GEOMETRIES

These compressor performance assessments were achieved by blade row stacking of initial designs.
The methods used were developments of a recent RAE Pyastock model (Reference 2 and 3). As with all
these methods, despite their accounting systems for loss. Mach number, aspect rati, hubitip ratio
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and clearances, they are by nature historical, the degree of empiricism based on well developed,
medium loaded compressor designs has to be extended to outside the normal applicability in order to
estimate the characteristics of any new, more highly loaded machine As such. much of the

adaptation of the RAE Pyestock method was to incorporate observed phenomena from the limited high
loading results that had become available Modelling of the parent compressors utilising the new

amendments, gave very encouraging results for both the medium and high loaded compressors

The following table gives the leading parameters of three compressor! studied at the common exist
mach number and flow function

COMPRESSOR A 8 C

No STAGES - S -

INLET HUS/TIP RATIO .73 .70 .88

EXIT cUB/TIP RATIO .e2 .e .e

RELATIVE EXIT Hue RAOIUS 112 too too

RELATIVE LENGTH RATIO so so 125

RELATIVE No AEROFOILS 65 1ao toe

RELATIVE COMPRESSION VOLUME 76 100 128

RELATIVE COMPRESSOR VOLUME 102 100 11a

RELATIVE WEIGHT (VIGV ONLY) 93 100 ieC

INITIAL PI rCHING

During the projecting phases of an engine it is not necessary to finess the pitching of the HP

compressor Although in essence the axial gaps within the machine are dependent on absolute chord

an analysis of engine proven compressors of similar exit flow function indicates that an allowance
of 6 to 7 mm air gap axially between blade rows should be taken as the mean during the projecting
phase Any bleed porting from the casing would need particular evaluation and could welt extend

this air gap. and would preferably be taken at the exit of the stator

The physical chord of the blades can be selected from any of the following

" Basic Interference Diagram (Resonanie Avoidance)

" Required Aspect Ratio

" Critical Reynolds Number

* Leading or trailing edge thickness maximum thickness

" Circumferential Pitching

Of the above, normally the aspect ratio and critical Reynolds number dominate during the

projecting phase, with the others being refinements as a particular design is progressed to

maturity.

Blade aspect ratios are primarily chosen from consideration of stage temperature rise and reaction.

and the required flow range which is a function of the amount of variable geometry to be adopted

and the position of the stage in the compressor Typically , rear stages demand lower aspect ratios.

althougi caution must be exercised regarding the first stage of fixed geometry It has been the

general experience that residual pressure ratios down stream of variable geometry to the order of
4:1 are acceptable for ease of starting and quiescent blades More recent testing of relatively

high pressure ratio per stage, and high work coefficient compressors has indicated that 4 1 may be

optimistic, and hence additional variable geometry could be necessary.

Performance of the compressor at altitude would traditionally have been assessed using "Wassel

Reynolds corrections to flow, efficiency and compression ratio Whilst the "Wassell" method of

performance correction is blade chord dependent, more recent controlled testing (Reference 4) has

revealed that at low Reynolds numbers 'Wassel" can be optimistic. Subsequently, this has been
found to be particularly true of blades with any form of leading edge imperfection, such as would

represent typical long service/hostile environment blades. Consequently, since this degradation in
performance would build in an ddlitional unnecessary surge margin burden, all compressors are sized
on individual blade row chord for Jheir critical Reynolds number at the worst flight condition
Typically, a chordal Reynolds number of 1.5 x 10 is selected at this worst case.
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EXPERIMENTAL DATA

The two parent compressors, of two levels of work were both sponsored by RAE Pyestock though the19 70
's within a normal general research contract. Both of the units were designed and tested at

Rolls-Royce. Under a different contract between MoO (PE) and Rolls-Royce, using joint funding. both
a four and five stage machine were designed and tested They represent the machines A ar.d B fiom
the previous table.

Machine A. the four stage unit was designed at a large physical size of approximately 24" exit
diameter, Typical rig design of bolted discs and heavy casing were utilised for speed and cost A
strutted intake, equivalent to an engine standard, and a diffuser with simulated combustor head
formed the inlet and exit to the machine In all other respects, such as blade leading edge
thickness, bleed ports, tip clearances, axial pitching, surface roughness and root sealing -he
compressor was to engine standards. Machine B. the five stage unit was designed for use as an
engine compressor. Again. testing was accomplished using an engine equivalent struted intake, with
a diffuser and simulated combustor head at exit Between the two units a commonality of
instrumentation standard was maintained

The blading standard of the two units was purposely held to a common philosophy Pitch chord ratio
selection was based On diffusion loading and mach number Deviation rules, profile types and
incidences were consistent between the two units, as was the design pressure ratio and exit mach
number. In order to compare the performance of these two physically difieren: size machinet. the
data sets have bee" reduced to the conditions that would appertain at a common flow Installed behind
a 4:1 compression ratio tan. at sea level static conditions. Figure 8 shows the performance
differences that exist between the two units when the data is reduced in the way described It
should be noted that these comparisons are made for the first build of each unit. and no stage
matching or normal compressor developments are incorporated in the results They consequently
represent the closest comparison known to the author of a constant tech-:cr,y applied between
different stage numbers for the same overall duty

The peak efficiency . flow relationslp is
essentially identical between the two machines.
although the mass flowspeed relationship is
marginally different Likewise, at all speeds
above approximately 80% NH//jji the surge
boundary is sensibly the same Below 75%
-H/CT" the surge boundary was nct

established for the four stage machine due to
blading excitation Subsequent analysis has
indicated that a non-optimum variable vane

- °schedule was utilised for this test. However, the
indications are that the four stage unit would be

- more difficult to handle through the low speed

region compared to the five stage unit Engine
" testing of the five stage unit has proven that

this unit has more than adequate capabilities in
the start up/low idle region Althougl, the four

FIG a stage unit is worse, it is still expected to be
COMPARISON OF 4 & 6 STAGE COMPRESSORS acceptable

FUTURE TRENDS

Changing to the four stage unit from the five results in a saving of 7% of module weight which
then translates into approximately 20% of engine weight, would make a small, but worthwhile
contribution towards the continued striving for higher thrust weight ratios which must be achieved
without sacrifice of component efficiencies, either at maximum rating or at off design conditions
Of similar order of merit is the consideration of the number of parts. and number of part numbers
that would be associated with the lower stage number unit, impacting directly on initial cost. did
cost of ownership However, hidden within the accounting systems for the engine remain large
compromises for stability margins. There is a tendency of transonic blading to have the efficiency
peak closer to the stability limit (e.g., Reference 5) and an estimate of the efficiency penalty for
large inherent stability margins are of the order of I to t 5% To capitalise on this potential by
the development of Active Control Systems could therefore, enable an increase in thrust for the same
engine weight of I - 1.5% without any increase in combustor outlet temperature This becomes more
significant as the compressor loading is inc.eased as the difficulty of achieving peak efficiency on
the engine working time, with large stability margins is compounded with increases in blade relative
mach numbers, and hence loading

Future engine cycles for fighter engines will raise the combustor outlet temperatures towards
stolchiometric conditions end also raise the combustor inlet temperatures as cycle pressure ratios
rise. It must be considered doubtful that combustor volumes will continue to decrease as the
difficulty to fulfil requirements of emissions, low smoke and carbon formation are amplified towards
stoichiometrlc conditions. It is therefore, imperative that the baeic turbo machinery masses are
reduced. Advances in aerodynamics such ti~at loadings (A H/U /N) are increased by a further 25%
are currently being pursued. In order to I-apitalise on the potential of these high loadings, with
the design restraint of exit hub:tip ratio, it is necessary to raise the shaft speed, and allow a
further reduction in stage numbers.
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Design studies for a similar cycle as datum in
terms of maximum compressor delivery temperature.
and maximum combustor outlet temperature indicate
that on a common materials technology basis, a
weight reduction of 20% for the HP compressor
could be anticipated (Figure 9). When the
increase in the specific strergth of compressor
materials to the order of 10 - 15% becomes
available, then the datum five stage machine could

S,,, enjoy weight reduction of some 8%, whereads the
high blide speed unit could benefit by a further
10 to 20% reduction. The increases required in

FIG 9 compressor delivery temperature therelore demand
that these increases in specific strength are also

APPLICATION OF ADVANCED MATERIALS maintained at the elevated temperatures.

CONCLUSIONS

At the engine size of approximately 175 Ibs and 29 inch inlet diameter. design studies indicate
that a weight saving of a four stage highly loaded compressor compared to a seven stage medium
loaded compressor is of the order of 20%. Analyss of compressor test results, when evaluated at
the required physical size and limitations of the HP turbine collapse apparent benefits of different
machines to minimal uifferences A direct comparison between a four and a five stage compressor for
the same duty and same turbine, indicates that the lower stage number was only of problum in the low
speed region, but not so limiting as to prevent engine application. Forthcoming increases in the
specific strength of compressor materials will enable a weight reduction of the five stage unit of
8% whereas these high strength materials in conjunction with increase aerodynamic loadings will
permit a weight saving of some 

3
5%, relative to the five stage unit, of which approximately half the

decrease is due to the increased aerodynamic loading
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DISCUSSION

G. KARADIMAS, Fr

Has the exit absolute Mach number the same value on your design for
the 5, 4 and 3 stages compressors, or do you accept higher Mach number on
the 3 stages compressor ?

Author's Reply

The 4 and 5 stages machines have an equivalent Mach number. The 3 sta-
ges machine has a slightly high Mach number, just about 0.3.

G. KARADIMAS, Fr

As you showed us, for the 4 and 3 stages compressors you accept higher
hub to tip ratio. Do you find, in the last stages, similar secondary
phenomena, or is there a great difference ?

Author's Reply

We attempted to find it on our design approach, because we allowed for
change on blockage, and change on stage efficiency. Therefore, we modified the
work we were puting on the last stages. This, as far as we can determine,
indicates the effect of assuming similar efficiencies.

L. FOTTNER, Ge

Could you comment on the application of inverse or prescribed velocity
profile technology, or involved end-bend profiles in those compressors ?

Author's Reply

In those compressors, we use essentially standard design methods. As
we go to the end walls, the incidence selection is modified. In particular,
near the walls, we have a fairly large negative incidence relative to the
standard axysimetric through-flow. This has the effect of overcambering the
leading edges of all tne stdtor blades. We do not account for the trailing
edge variation deviation.
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SUMMARY

The paper examines the prospects for major advances in gas turbine engine
component technology over the next 20 years. For future military engines
and aircraft, these advances could lead to considerably higher thrust/
weight ratioc than are currently available. The gains in engine perform-
ance resulting from various specific technology advances are outlined and
their impact on the sizing and performance of a typical combat aircraft
are considered. In conjunction with these future projections, an examin-
ation is also made of the influences of main engine cycle parameters, such
as overall pressure ratio, bypass ratio, and rating philosophy on the mass
and performance of the aircraft/engine combination.

1. INTRODUCTION

Aircraft gas turbine technology has advanced steadily ever since the first jet
aircraft entered service in the 1940s and there is no sign yet that the pace of progress
is slackening. Improvements in engine performance continue to be made as a result of
the introduction of new materials or materials processing routes, advances in hot parts
cooling technology and increased aerodynamic and mechanical design capabilities. The
gains are reflected in engines having higher cycle pressure ratios and temperatures,
reduced turbomachinery stage numbers and - of particular importance for combat aircraft
applications - higher thrust/unit volume and higher thrust/weight ratios (see, for
instance, Ref i). Indeed the latter aspects have such a significant impact on overall
fighter size and performance that combat specific thrust (ie maximum thrust/unit inlet
airflow) and engine thrust/weight ratio are generally regarded as among the most
significant indicators of technology level. Progress tends to be measured by the
increase in thrust/weight ratio of one engine generation compared with the preceding
generation. The engines in current service, eg RB199, F100, P404 have thrust/weight
ratios of 7 to 8; the next generation of engines, which will power the advanced tactical
fighters due to come into service during the 1990s will have thrust/weight ratios of 10
or more. For the generation beyond that, some technology projections are so encouraging
that a figure of 20 is being widely canvassed as a target that should be achievable
within a few years of the turn of the century.

The selection of the most appropriate engine cycle and design for a future
fighter is however considerably more complex than simply seeking the highest possible
thrust/weight ratio. At base level the choice of aircraft concept and matching engine
cycle will depend on the role, or roles, that the new fighter is intended to fulfil.
These are typically defined in terms of a set of mission requirements (range, speed,
form of combat, etc) and point performances. Candidate designs ire iterated and refined
to achieve the "best" solution to meet the requirements, "best" often being regarded as
minimum possible aircraft size and weight. Engine fuel consumption and thus the fuel
mass required to complete the missionis can be very significant here. Different mission
requirements can lead to significant differences in preferred engine cycle. For
examrle, an attempt was made to define a common solution to the USAF and USN tactical
aircraft requirements of the 1990s (Ref 2). Although both wanted more payload-range,
improved manoeuvrability, increased combat persistence and easier supportability, the
basic mission requirements - air superiority for the Air Force, combat air patrol for
the Navy - were sufficiently mismatched to lead to different optimum cycles. While the
core cycle parameters (overall pressure ratio, combustor exit temperature and throttle
ratio) were similar, the bypass ratios were considerably different - 0.25 for the Air
Force, compared with 1.0 for the Navy. The dependence of cycle choice, particularly
bypass ratio, on mission requirements is also shown up in several other studies, for
both CTOL and STOVL aircraft (References 3 to 7).
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The aim of this paper is to investigate the relationships - sometimes conflicting
- between the main engine cycle parameters and the three key performance indicators:
specific thrust, specific fuel consumption and thrust/weight ratio. Account is taken of
the potential technology advances, both evolutionary and revolutionary, over the next 10
to 20 years. The inherent influences of the cycle parameters over the performance
indicators will be examined and the further contributions to increased thrust/weight
ratio from new methods of mechanical design and new lightweight materials identified.
However, increased thrust/weight cannot be considered as an end in itself. It is
important to assess the impact of such engine improvements on the overall aircraft
system. This aspect is also addressed in the paper. In the interests of brevity, the
discussion will be confined to "conventional" fighter engine designs, of two spool fixed
cycle architecture; the bypass and core streams are assumed to be remixed prior to entry
to a normal afterburning system, with the total flow being exhausted through a variable
area propelling nozzle.

2. ENGINE CYCLE PARAMETERS AND ENGINE PERFORMANCE

2.1 Choice of Cycle Parameters

The primary aero-thermodynamic parameters which can be selected within certain
limits for a gas turbine cycle are:

(a) bypass ratio (bpr)

(b) fan pressure ratio (fpr)

(c) cycle temperature, defined throughout this paper as turbine stator outlet
temperature (SOT)

(d) overall pressure ratio (oapr)

In addition there are secondary parameters such as component efficiencies and
cooling air flows. Technological improvements can be quantified by advances in SOT and
efficiency, reductions in cooling flow at a given effectiveness, and increases in
pressure ratio per stage. There will, of course, be interactions between some of the
primary and secondary parameters, for example between SOT and turbine cooling air flow.

Some of the primary parameters can be interdependent depending upon the way in
which the engine is configured. For the normal mixed engine configuration, at a given
technology level (constant component efficiencies, bleed flows, etc), the mixing
constraint ensures that bpr is dependent on the values of the other primary parameters.
In particular, if the engine core efficiency (SOT, oapr, and efficiencies) is fixed,
then bpr and fpr are uniquely related.

2.2 The Effect of Fan Pressure Ratio and SOT

Thermodynamically there is freedom to select fpr over a wide range, according to
the requirements of the cycle selected. In practice there are two constraints on the
upper limit. For weight reasons, it is important to limit the number of turbomachinery
stages; increasing fpr to a point where further fan or low pressure (LP) turbine stages
have to be added, may be counter-productive (this point is discussed again later in
quantitative terms). Secondly in a mixed, reheated engine configuration, sufficien-
bypass air must be supplied to ensure adequate cooling of the jet pipe and exhaust
components.

As noted above, the constraint of equalizing core and bypass pressures bofore
entry to the reheat system ensures that a particular bypass ratio will be defined by the
level of fpr chosen, provided that SOT remains constant. For a particular combination
of core efficiencies and bleeds, Figure 1 shows how bpr increases with SOT for tixed
levels of fpr. This bpr increase occurs because Lhe gain in SOT enables the core to
become smaller whilst still providing sufficient power output to drive the fan. As will
be seen, the effect of these trends nn performance is small, but they can have a
significant effect on thrust/weighL. ratio.

Considering first the effect of fpr on maximum specific thrust in reheat, it is
first of all necessary to establish the maximum allowable fuel/air ratio (far) in the
reheat system. Theoretically, the fuel/air ratio can be increased until stoichiometric
conditions are reached at 0.068 far. In practice, stability problems within the reheat
system mean that lower limiting values of far have to be usea. These instabilities are
complex phenomena whose characteristics vary from one design to another in a way that
bears little relation to the cycle. For the purposes of this paper, the limiting far
has been fixed arbitrarily at 0.06 for all engine cycles considered. A slightly higher
figure might have been selected, but this would not have significantly affected the
results.

The variation of maximum specific thrust with fpr and SOT is shown in Figure 2.
Maximum thrust is virtually independent of SOT, but increases significantly with fpr.
These effects are caused by the fact that, when fpr and far are fixed, the pressures and
temperatures in the exhaust nozzle are almost constant. Thus neither of the
contributions (velocity or pressure) to thrust are altered. The gain in specific thrust
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with fpr is due mainly to the increase in the pressure thrust contribution. The overall
specific fuel consumption (sfc) in full reheat is similarly dependent on fpr, but
independent of SOT (Figure 3) because at the same far the amount of fuel used within
each cycle is approximately constant.

Turning now to the situation with reheat off ("dry" operation), the variations of
specific thrust with SOT and fpr are broadly similar to the reheat case, see Figure 4.
Specific thrust tends to fall slightly as SOT is increased, but again the major effect
is the increase with fpr, which arises directly from the increase in nozzle pressure
ratio. Dry operation is habitually used for the endurance parts of the aircraft
mission, so the effect on sfc is the main factor of interest. Figure 5 shows that sfc
increases considerably as fpr is increased, essentially because of the resultant loss in
propulsive efficiency. The trend is only slightly offset by increasing SOT.

The choice of fpr thus has a major impact on overall engine performance and a
requirement for high combat specific thrust is in conflict with a requirement for good
sfc at throttled back conditions. The key importance of fpr is illustrated more clea.Al
in Figure 6, which shows sfc loops for engines having the same core cycle and design
mass flow, but differing fpr's. A fighter aircraft whose primarily role 'E one of
combat air petrol, where 75% of its available fuel would be qsed a- a setting of 25%-50%
of maximum dry thrust, would favour a low fpr. The best choice for an air superiority
fighter, however, in which perhaps 75% of the available fuel load is used at maximum
thrust conditions, would be the highest available for with its consequent low bpr.

For such an air superiority fighter, the logical end point is an engine design
with an extremely high fpr, but no reheit system with its attendant mass and complica-
tion. Additional turbomachinery sages could be an acceptable penalty in these
circumstances. Figure 7 shows .nat by increasing fpr to a value of about 8, and
increasing SOT to aid mixtz and dry sfc, a maximum dry thrust can be obtained approxi-
mately equal to the rximum reheated thrust for the 4.5 fpr engine shown in Figure 6.
This high thrust is also obtained at a much reduced sfc compared to the reheated case.
The severe sfc penalty at part thrust is however clear. Even with an SOT increased
by about 100*C above the levels us"d in Figure 6, the sfc at low thrusts is 20%-30%
higher than the reheated designs. For all exc.ept a very restricted range of missions,
this characteristic could be a considerable disadvantage. The ideal cycle would be one
which has the good high thrust sfc of a high specific thrust, high fpr engine together
with the low dry sfc of the low fpr cycle - is a variable cycle engine. Cycle varia-
bility is a major topic in its own right and consideration of it must lie beyond the
scope of this paper. Suffice it to say that while the thermodynamic attractions are
apparent, the engineering problems are far from negligible.

2.3 The Effect of Overall Pressure Ratio

The main effect of oapr is on the sfc under dry operating conditions. In order
to obtain high core efficiency, the highest possible oapr needs to be utilized.
Assuming constant component efficiencies, Figure 8 shows that increasing oapr from 20 to
30, at fixed fpr and SOT, reduces dry sfc by about 7%. but has negligible effect on
reheated performance; the reason for this is that the increased thermal efficiency of
the core due to increasing oapr is utilized in making the core smaller; the net effect
is therefore similar to increasing SOT. It is worth noting in passing that the same
effect, both qualitatively and quantitatively would result from increasing each of the
turbomachinery component efficiencies by about 2S%.

Figure 8 is valid provided that there is no limitation to increasing oapr. In
practice, materials, stress and temperature limitations place constraints on allowable
oapr, and the effect of these can be considerable. Figure 9 shows a family of SOT
schedules for a set of postulated engine designs having different design oapr's. All
engines have the same fpr at the sea-level static design point, and are limited to the
same maximum HP compressor exit temperature. The oapr of each engine varies from 20
where SOT is not limited at all on compressor exit temperature grounds, to 30 where the
limiting compressor temperature operates from a low engine inlet temperature. The
effects for a typical supersonic flight condition, where engine inlet temperature and
therefore compressor exit temperature is relatively high, are illustrated in Figure 10.
At the higher design oapr levels, the temperature limitation forces the engine to be
throttled back, with major penalities on both sfc and thrust, throughout the combat
range. For the particular case shown, which is purely illustrative, but has a
compressor exit temperature typical of current designs, the maximum thrust of the 30
oapr design is reduced by 20% at the flight condition shown and sfc is increased by
10%.

Combat engines are currently being designed with oapr's of around 25:1. Because
it is very difficult to cool HP compressor components, further advances depend on
material improvements. However, there is little doubt that improvements to metal alloys
will quickly achieve the additional capability required for a 30 oapr design, and
further increases are in prospect with continued materials development.

The approach to selection of oapr is therefore clear. The highest possible cycle
pressure ratio should be chosen, but only up to the point where compressor limitations
start restricting operation in important parts of the flight envelope. In a diverse
combination of requirements (a subsonic combat air patrol and supersonic intercept, for

.00
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instance), the choice of oapr will tend to be determined by the intercept mission, where
too high a value of oapr could potentially result in an oversized engine, in order to
meet the supersonic thrust requirement.

3. ID3GI THRUST/WEIGHT RATIO

3.1 Cycle Effects

It has been shown that increasing the fan pressure ratio increases combat
pecfiic thLust, whi-e incr@mninq the 'y,

1
e temperature allows core size to be reduced.

The latter step say be expected to improve thrust/weight ratio, but the si ation Ir
less clear in the case of fan pressure ratio. Although thrust is improved, the increase
in fpr is accompanied by an increase in core size, while the fan itself may require an
additional stage. Engine mass is therefore likely to be significantly increased. In
order to investigate these effects quantitatively, it is necessary to estimate the
changes in engine mass. At this stage it will be assumed that engine architecture,
materials and construction methods remain essentially unchanged.

Precise estimation of engine mas is not possible without detailed design
drawings and for a parametric study of the type described in this paper, it is necessary
to resort to some simple approximate method. The approach used here is similar to a
method developed by NASA (Ref 8) and is based on empirical correlations for the masses
of the individual major components. By definition it is lounded largely on past and
current experience and has limitations if used well outside that experience. But for
present purposes it gives useful, first order results and, in particular, allows the
effects of changing the sizes and numbers of components to be quantified.

Considering first the effect of increasing fan pressure ratio, the current trend
towards much higher fpr has been made practicable by the great strides of the last few
years in compressor aerodynamic design. Whereas present generation military engines
have fans with a fpr lower than 3.0 in three stages, it is now possible to achieve well
over 4.0, still in three stages and with little increase in fan mass. Research designs
are also being produced to achieve such pressure ratios in two stages, although because
of the considerably greater blade chords needed, such fans are likely to produce a mass
saving only if constructed largely from lightweight non-metallic materials. Whether the
baseline design has two stages or three as the fpr is increased beyond, say 4.5, it may
eventually become necessary to add a fan stage, in order to maintain acceptable fan
loadings. For the reheated engine arrangement considered in this paper, one extra fan
stage is predicted to add around 5% to the total engine mass.

A further and larger increase results from the increasing core size. In this
case the change is more progressive as it is related more to core engine diameters and
lengths than changing stage numbers. In fact, for fixed overall pressure ratio and
cycle temperature, there is likely to be a decrease in the number of HP compressor
stages as fpr is increased, but the dimensional growth dominates. With the core and LP
turbine representing 30% to 40% of the total engine mass, the effect is significant. An
increase in fpr from 3.7 to 5.0 is predicted to increase total mass by at least 20%.
Thus, although there is a 101 increase in specific thrust, thrust/weight ratio actually
reduces by at least 10%. This decrease, together with an added f.n stage, causes the
difference in the two bands plotted in Fig 11.

Fig 11 shows thrust/weight ratio plotted against cycle temperature and, as
expected, increasing SOT leads to an improvement in thrust/weight ratio. As was shown
by Fig 1, at any given fan pressure ratio and specific thrust, bypass ratio is highly
dependent on cycle temperature and increasing the latter allows core size to be reduced
considerably. Turbine temperatures have continued to increase as a result of advancing
cooling technology and improved materials. The engines being developed for the 1990s
will have SOTs in excess of 1800K, ie up to 200CC more than the temperatures of the
previous generation. Technology demonstrator programmes are already considering SOTs of
2000K and more (Ref 9) and there is a good prospect of advancing to 2200K with metal
blades and discs, and in excess of 2400K if acceptable ceramic-based components can be
perfected. The temperature plots throughout this paper have been drawn on the
projection that such temperatures will be attainable within the next 20 years.

Although the general thrust/weight ratio trend is upward, there is again a
complication due to component loading. As the core size reduces, the aerodynamic
loading on the LP turbine has to increase in order to maintain the power required to
drive the fan. Fig 12 shows the variation in turbine loadiig and indicates where it
would be necessary to increase, first of all from a single turbine stage to two stages
and then to three, in order to avoid gross overloading and unacceptable losses in
efficiency. The intrinsically lower bypass ratio of the higher fpr cycles gives thee an
advantage in this respect. Each time a turbine stage is added there is a significant
increase in engine mass, indicated on Fig 11 by the step changes in the curves.

Taking the above factors into account, Fig 11 shows that, without changing engine
layout or conventional metal construction, cycle improvements over the next 10 to 20
years will allow thrust/weight ratios to be increased from the value of around 10 of the
1990 generation of engines to 12 or 13. Engines having moderate fan pressure ratios
will continue to have some advantage over those with high fan pressure ratio.



3-5

3.2 Materials and Structure Changes

The gains in thrust/weight ratio to be obtained from the cycle and from
aerothermodynamic improvements, such as further increases in stage loading, are clearly
significant, but considerable further gains can be achieved by attacking the root causes
of engine mass, is the materials. Hitherto, the combinations of stress, temperature and
reliability required in aero-engines have precluded the use of anything but premium
metal alloys - titaniume for the front end, nickel and cobalt-based alloys for the hot
parts. There is however an increasingly intensive effort to develop suitable non-
metallic materials, eg polyimides, carbon-carbon, monolithic and composite ceramics,
etc. The technology of such materials has progressed to the point where they can now be
considered, at 1e. f.L art-in static zompon-ntL6. More wide.pw,.d ,
including their use for rotating components, remains a matter for some speculation, with
views ranging from strong optimism to considerable scepticism. In general however the
question is not whether such developments will take place, but when. Accordingly, in
the discussion that follows a distinction is made between near term technologies which
could be available within tan years, for the initiation of a new project, and
technologies that appear to lie nearer the twenty year time-frame.

In order to assess how new materials and mechanical design techniques will impact
on thrust/weight, it is useful to consider the mass breakdown of a typical 1990s
technology level metal engine (Fig 13). The important point to note is that the basic
powerplant, is the turbomachinery and associated casings, accounts for less than half
the total. The reheat system with its fuel supply and the exhaust nozzle account for
nearly 30%, while the main engine fuel and control system, auxiliary gearbox, lubricat-
ing oil system and other accessories account for over 25%. There is thus considerable
scope for reducing mass without making any radical changes to the rotating turbo-
machinery. Mass savings have been evaluated for a number of potential nearer term
technologies, for which research bases exist or are in the process of being developed;

Jet pipe and exhaust nozzle in carbon-carbon 7-9 %

Fan casing and bypass duct in polyimide 3-4 %

Replace oil system (including sump, coolers, filters) by gas 4-6 %
bearings

Use ceramics for reheat flameholders, turbine stator vanes and 2-3 %
shrouds, etc

Make wider use of high temperature titanium and lightweighL metal 2-3 %
composites; and "blisc" construction for rotating components

Simplify gearbox and drives, or replace by turbo-driven system 1-2 %

Simplify fuel system and controls, use plastic casings, fibre-optic 4-5 %
transmission

23-32%

Clearly, not all of the above items may reach fruition, 'r the projected savings
may not be fully realized, but even so there are good prospects for achieving mass
savings of around 25%, compared with the all metal engine architectures that have been
used hitherto. Indeed one or two of the above savings are already being designed into
the 1990s generation of engines. When these developments are added to the gains in
prospect from the cycle, it can be seen that thrust/weight ratios of around 15 will
become possible.

Turning now to the more speculative uses of non-metallic materials, the most
likely progression of applications is the use of fibre-reinforced polyimides for the fan
blades, ceramic-based materials for turbine stators and possibly also the combustor,
ceramic-based turbine rotor blades and ultimately ceramic turbine discs or bliscs. With
their much lower density such materials will allow blade speeds to be increased as well
as component sizes and weights to be reduced. However their full exploitation demands a
completely different approach to mechanical design and the overall mase savings are
therefore difficult to quantify without carrying out proper design studies. Such
studies lie outside the scope of this paper, but it may tentatively be estimated that
the mass of the turbomachinery could be reduced by up to a third, compared with a
conventional all-metal design. The further saving to the overall engine mass is
therefore likely to be in the region of 15%. Taken with the savings already enumerated,
it is evident that thrust/weight ratios close to 20 should ultimately be attainable,
while still retaining the basic concept of a mixed flow two spool engine with a reheat
system.

It is however necessary to observe that attainment of such high thrust/weight
ratios depends on a number of highly speculative technology items. While it is possible
to predict with some confidence that technology readiness for thrust/weight ratios of up
to 15 will be demonstrable within the space of the next 10 years, the further advance to
20 is much less certain. Realization of such figures within the next twenty years will
be dependent on maintaining aggressive and extensive technology research programmes on
both materials and mechanical design methods and, not least, adequately demonstrating
their reliability to Service customers.
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4. TR EFFECT OF T/V M AIRCRAF T B

The ultimate value of the big improvements in engine thrust/weight ratio
discussed in the preceding section depends on how they affect the overall aircraft
system. To evaluate this effect a Multivariate Optimisation (MVO) technique for combat
aircraft design developed at RAZI

0
, has been used to establish the likely improvements

in overall take-off mass. The technique involves taking an example of a suitable
mission requirement together with a net of point performance requirements, and obtaining
the optimum values for a set of variables defining the aircraft configuration (eg wing
planform, fuselage shape and size, engine size) that minimize the empty mass of the
aircraft while satisfying all of the requirements.

Apart from those that are incapable of being scaled (crew, weapons, etc) all
components can be scaled independently to fit the given requirements laid down. To
ensure that all of the configurations produced have acceptable geometry, a set of
constraints are applied during the design synthesis, such that, for instance, the
fuselage should be large enough to accommodate all of the items specified.

In combination with a set of point performance requirements, two missions have
been investigated:

(a) an intercept mission which uses the majority of its fuel in reheat in
travelling at supersonic speed at high altitude followed by a combat
phase,

(b) a typical long loiter mission, in which the majority of the fuel is used
at subsonic speed with engines well throttled back.

Baseline current technology engine T/W values for the appropriate size of engine
have been taken as 10.5 for a 3.7 fpr engine, and 9.0 for a 4.5 fpr. From the improve-
ments detailed in Sections 3.1 and 3.2 it is reasonable to assume nearer term T/W
improvements of 50%, leading to figures of 15.0 and 13.5 respectively. In order to
isolate the effects due to the engine, the airframe and avionics technologies are
assumed to remain constant.

The results are shown in Tables I and 2. Both tables show similar results; the
effect of reducing engine mass by approximately 35% is to reduce fuel usage by between
3.3% and 6.3%, and to reduce take-off mass by between 6.3% and 8.1% depending upon the
mission and the cycle being examined. The increase in engine T/W results in an
associated reduction in the structural mass of the fuselage, which in turn allows a
decrease in wing size and hence aerodynamic drag. Therefore the engine thrust require-
ment can also be reduced, leading to a smaller engine and further mass savings. With
the benefits of these effects, the total saving on take-off mass amounts to about 1.7
times the saving on engine mass alone.

Intuitively it would be expected that the savings predicted would vary depending
on the mission and particular engine cycle chosen. However in the examples chosen here,
the engines range from a 'leaky turbojet' (bpr = 0.25) to a conventional fighter (bpr =
0.66), and the missions involve significantly different fuel usage requirements in dry
and reheat operation. Yet the variation in the trade-off against engine mass is seen to
be remarkably insensitive to either cycle or mission requirement, within the range
investigated.

The calculations reported here may be slightly pessimistic in their trade-offs.
Although the various aircraft components were scaled, the basic aerodynamics (wing
planform, sweep, etc) were left unchanged. As a result, any reduction in engine mass
(which is sited behind the centre of gravity) was balanced simply by repositioning the
wing fore and aft in the fuselage or by increasing the fuselage length. A comprehensive
approach would re-optimise the aerodynamics and would tend to increase the saving.
Nevertheless the present results compare reasonably well with other work. Denning and
Mitchell

7
, in investigating the effect of various propulsion parameters on advanced

STOVL aircraft, obtained a reduction of 11% in take-off gross weight (TOGW) for an
increase in engine T/W from 10 to 15. Lehman and Crafa

6 
obtained a 4% reduction in TOGW

for a supersonic interceptor and 5% for a Navy VSTOL aircraft as a result of a 20%
increase in T/W. Extrapolating these figures to a 50% increase in T/W would give a TOGW
gain of around 10%. In a more general US study, which considered the effects of
improving aircraft and engine technologies together for a supersonic cruise STOL
fighter, Dollyhigh and Foss varied aircraft thrust/weight and engine thrust/weight
independently. Their results indicate that improvements in engine T/W tend to give a
better return as aircraft thrust/weight is improved, but the effect becomes small at
high engine thrust/weight. For the typical aircraft thrust/weight of about 1.2, as
considered in the present work, their results show an 8% to 10% reduction in TOGW for an
increase in engine T/W from 10 to 15.

Thus while the results of the present study are on the low edge of the band,
there is general agreement that an increase from 10 to 15 in engine T/W yields an
aircraft TOGW reduction of the order of 10%. References 7 and 11 also considered the
step from 15 to 20 engine T/W ana both found a further 5% reduction in TOGW, thus
indicating that the gains become less marked at very high values of engine T/W.
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5. DISCOSS1ON

It is clear that increasing engine thrust/weight ratio brings considerable
dividends to the aircraft. Mreover, since airframe and aircraft systese tectutologies
are currently advancing at a similar pace to engine technolojy, the gains will be
compounded. Reference 11 suggests that the potential 10% reduction in TOGW resulting
from the increase in engine T/W over a 10 year timespan, will be augmented by a similar
gain due to aircraft improvemaits, giving a total reduction of over 20% for an aircraft
having the same level of performance. The improvements can equally be exploited in an
aircraf* o$ .,changed TOGW but greatly enhanced range and/or point performance.

Engine weight thus has an important influence on the overall aircraft, but the
paramount need to match the engine cycle to the aircraft mission requirements in the
most effective way must not be forgotten. Modern fighters normally have a take-off fuel
fraction of at least 30% of TGW, compared with the 10% or less represented by the
engine itself. Fuel consumption needs Rust therefore be balanced carefully against the
need for maximum possible combat thrust. Even though cycle parameters and engine
thrust/weight ratio are to some extent interdependent, as demonstrated in the first part
of this paper, the cycle must normally be chosen in the first place to meat the mission
fuel usage requirements, with thrust/weight ratio subsequently being maximised to the
extent permitted by the available technology.

In this paper it has been established that technology advances within the next 10
years will make it possible for engine thrust/weight ratios of up to 15 to be achieved.
Further increases to around 20 are also in prospect, in a longer time-frame, but such an
expectation depends on bolder technical steps and must be regarded as much more
speculative. Moreover, the fact that the benefits to the aircraft appears to follow a
law of diminishing returns reinforces the indication that continuing to increase engine
thrust/weight ratio must eventually cease to be cost effective. Even for the nearer
term prospect, it must be recognised that the technology levels involved are very
advanced and, for example, involve extremely high cycle temperatures. It may prove
extremely difficult to exploit such technology developments fully while at the same time
keeping adequate control over the costs of ownership.

In the current financial climate, Air Forces are becoming more concerned about
reducing overall life cycle costs, especially in the light of past problems, and this
has highlighted the need for a disciplined approach to engine structural development.
Within the US, this approach has led to the development of ENSIP (Engine Structural
Integrity Program) requirements

2 
, in which many of the possible problems which can

occur in engine service can be identified and rectified within the research, definition
and demonstrator phases of a project, e prior to full development of in-service
engines. Similarly in the UK, Ruffles has described how adequate research and
development ahead of project launch is necessary to create a competitive technology
base, and how failure to make that investment will increase project development costs.

So although engine technology will undoubtedly continue to proceed along the path
to higher thrusts from smaller and lighter powerplants, increasing importance will be
applied in the future to the reduction of life cycle costs. This could lead to future
research efforts being aimed more at reducing such costs and especially in improving
reliability and maintainability, rather than at simply achieving the ultimate in
performance and low weight.

6. CONCLUSIONS

In a mixed configuration, maximum reheated engine thrust is almost solely
dependent upon the level of fan pressure ratio used. Although having negligible effect
upon engine thrust at the design point, increased SOT enables engine mass to be reduced
through the reduction in core size. Within a conventional layout, a combination of SOT,
reduced stage numbers and advanced lightweight materials for static components will
enable the technology readiness for a T/W value of 15 to be achieved within a timescale
of 10 years . Advances above this value will require a more radical approach to
mechanical d~sign with the widespread use of ceramics and other non-metallic materials
in the rotating components. By these means values of up to 20 may be achievable, within
a 20 year timescale. At a constant aircraft technology level, an improvement in engine
T/W from 10 to 15 is likely to produce an overall take-off weight saving of about 10%.
A further gain of 5% is likely if engine T/W is increased to 20.

Advances in materials and mechanical engineering techuology will provide the
greater contribution towards these improvements, but the choices of fan pressure ratio
and cycle temperature will also be significant. In general, for maximum engine T/W, fan
pressure ratio should be kept relatively low and SOT made as high as possible. However,
because of the over-riding need to select the cycle to provide the beat balance between
fuel usage and thrust requirements for specified missions, achievable T/W will depend
ultimately on the application for which the engine is designed.

or
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Table 1

3.7 FAN PRESSURE RATIO ENGINE

Intercept Mission Long Loiter Mission

Fuel Usage 75% R/H. 25% Dry 36% R/H, 64% Dry

Datum Improved Saving Datum Improved Saving
(T/W - 10.5) (T/W - 15) (T/W 10.5) (T/W 15)

Engine 1662 1100 562 1612 1059 553
Mass (kg) (33.8%) (34.3%)

Fuel 4479 4196 283 4220 4020 200
Used (kg) (6.3%) (4.7%)

Take-off 14883 13874 1009 14484 13571 913
Mass (kg) (6.8%) (6.3%)

Saving Take-off
mass

1.79 1.65
Saving Engine
Mass

Table 2

4.5 FAN PRESSURE RATIO ENGINE

Intercept Mission Long Loiter Mission

Fuel Usage 60% R/H, 40% Dry 38% R/H, 62% Dry

Datum Improved Saving Datum Improved Saving
(T/W - 9.0) (T/W - 13.5) (T/W - 9.0) (T/W 13.5)

Engine 2016 1262 754 1969 1281 688
Mass (kg) (37.4%) (34.9%)

Fuel 4509 4240 269 4329 4187 142
Used (kg) (6.0%) (3.3%)

Take-off 15303 14060 1243 15163 13995 1168
Mass (kg) (8.1%) (7.7%)

Saving
Take-off mass

1.65 17
Saving Engine
Mass
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FIGURE 13: MASS BREAKDOWN OF TYPICAL REHEATED MILITARY ENGINE

DISCUSSION

A. LARDELLIER, Fr

Does the breakdown of weight include equipments and nozzle ? Which ty-

pe of nozzle was assumed ?

Author's Reply

Yes, the weight includes the nozzle and accessories. A variable area

convergent nozzle was assumed, both for the weight and also for the thrust

and discharge coefficients used.

L
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SPECIFICATION DU MOTEUR ET DE SES

COMPOSANTS A PARTIR DES MISSIONS DE L'AVION

par

A.Lardellier et i.Dufau
S.*N.E.C.MA.

Centre de Vilaroche
77550 Moissy Cramnayel

France

1 -INTRODUCTION

Le souci de d~finir avec pr~cision les caract~ristiques de taille et de cycle du

moteur afin de pouvoir sp~cifier sea composants est depuis toujours une n~cessit6

pour ie muotoriste.

La SNECr4A a proc4d0 dana le pasa& i des 6tudes param~triques utilisant des mod~les

simplifi~s davion. Ces 6tudes ont permis de d~finir d~s 1976 le cycle du moteur

M88 que nous connaiseons aujourd'hui.

It eat apparu n~cessaire de disposer d'un outil d'estiiation plus performant. afin

de mieux prendre en corapte lea exigences opkrationnelles. Celui-ci fait l'objet de

la pr~sentation qui suit.

2 - ETHODE

Le cotit et la dur~e de d~veloppement d'un avion de combat et des systirees aaaoci~s

(radar, moteurs etc.) n~cessitent, d -s le stade de l'avant-projet, l'utilisation

d'outils puissante permettant d'appr~hender suffisamsent tat lee technologies n6-

cessairee A sa r~aljsation. Le raotoriste n'6chappe pas A cette r~gle lore de la

conception des moteurs de la g~n~ration future.

L'intgration cellule-sioteure doit 9tre r~alis~e avec lea objectifs suivants

- r~alisation des missions assi~n~es A l'avion

- co~ts minimaux.

Afin de r~pondre A ces crit~res, la SNECMA s'eat dott-e d'un outil d'aide i

l'optimisation des cycles moteura. Celui-ci persist de calculer lee tailles avions

et reoteurs en vue de r~aliser une mission donn~e.
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Son organigroimne g~nfira. eat Is suivant

- calcul du cycle motour
- calcul de 1A masse et oncolabremont motour

- calcul de Vavion (masse et afirodynieiquo)

- calcul do la mission.

On notera. quo is calcu. de la masse at de loncombrement du moteur dhpend essen-

tiellemont de son d4bit total e n ca qui concorns lavion, s masse ainsi quo ps

caract6ristiques ahrodynanaiquos d~pendent do la taille de moteurs. do see capaci-

tfis d'emport do carburant interne at do as configuration afirodynameique.

En r~gle gfinfraie la taillo du motour (d~bit) eat fixfie par ia rhalisation

d'oiigences operationnelles talles qua distance do d~collage, factours do chargo

au combat, limits du domaine do vol roquis.

La taillo do Vavion. A motours donn~e d~pend alors ossentiollemont do a& capaciti

A rfiaiser ses missions cur plein interne.

La mfithode do r~solution oat repr450ntfie figure n* 1.

Les calculs du cycle thormodynamiquo no feront pas Ilobjet de d~veloppemont parti-

culior au coure do cot exposfi. On supposera disponibles lea r~suitats suivants.

n6cessaires A la suite du calcul%

- pouss~es sp~cifiques et consommations spficifiques au plein gaz sec et plain

gas avec postcombustion,

- consommations sp4cifiques aux pouss~os n~cessaires en r~gime de croisi&re,

- param&tres internee do fonctionnemont tels quo temp~ratures et prossions issue

do chaque composant.

Nous nous intt-ressorons par contre au fonctionnement et aux r~sultats issue des

autres phases du calcul:

- dimonsionnoment moteur,

- dizuensionnement avion,

- calcul des missions.

2.1. DIMENSIONEMENIT OKU MOTEUR

Colui-ci oat of fectu6 en deux phases

- dimensionnement afirodynamique,

- dimensionnement m~caniquo.

2 *1.1. Dimonsionnemont a~rodynamique

Le dimonsionnemont a6rodynamique des composante r~alix& en avant-

projot oat basfi our des m~thodes monodimensionnolles de calcul des

voines des principaux coieposants (comprosseurs et turbines).
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Cependant lea r~sultats qui en soft issue sont compatibles avec

l'exp~rience SNECHA des constituents des moteurs militairds actuels

LARZAC, N5-3, MgB8.

L'utilisateur du logiciel fournit la hypothases servant aku dimension-

noeant telles qua

- d~bit sp~cifique i lentr~e et a la sortie du composa~t,

- charge par itage (compresseurs et turbines),

- vitesse maximale en bout d'aubage,

- rapports de moyeux.

Les donn~es suppl~mentaires proviannent du cycle thermodynamique. On

pout citer parmi cellas-ci:

- rendement,

- d~bit r~duit d'entr~e,

au point de dimensionnement pour chaque compresseur ou turbine.

Le programme ditermine alors le nombre d'4tages, et Ia veine a~rodyna-

mique du composant, le nombre d'aubes (rotor et stator) et la viteese

de rotation.

Le dimensionnement afirodynamique eat assorti de deux contraintes

- 6galit6 des vitesses de rotation des composants d'un mime corps,

- compatibilitfi des veines entre les diff~rents corps.

Lensemble des dimensions eat Alors transf~r6 aux programmes de dimen-

sionnement m~canique.

2.1.2. Dimensionnement micanique

Outre les donnfies g~om~triques issues de 1lftapa pr~cfidente,

1lex6cution de ce programme n~cessite:

- ia d~finition de Is technologie de rfialisation de chaque compo-

sanL,

- la hypotbises our lea mat~riaux utilisfis, en fonction de l'6poque

vis~e.

A d4faut do d~finition explicite do ces donnes, le programme choisit
lee mat~risux de chaque component en fonction des teinpiratures inter-

nsaen cherchant toujours I minimiser la masse.
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Dane 1'hypoth~lse o lea r6gimes at dimensions des composants des en-

sembles tournan-. cau aKLeur a av~rent i.compatibics e4'ec Les caract6-

ristiques micaniques du meilleur mat~riau dilsponiblP le programme

calcule lea caract
6

ristiques du mat~riau pour savoir r~aliser Ie di-

monsionnemenft mficanique. Si laccroissement des caract~ristiques des

mat6riaux d~passe la valour pr~visible i I'horizon vis6, il est n~ces-

saire de red~finir Is veins. La logique de calcul est explicitfie figu-

re n* 2.

Les programmes afirodynamiques trait~s sont Les suivants

- Coiprecceur BP

- Compresseur HP

- Turbine BP

- Turbine HP.

Le dimensionnement m~caniquo porte our

- Compresseur BP

- Compreaseur HP

- Turbine BP

- Turbine HP

- Aubes

- Carters.

Le canal de post-combustion et la tuyire no figurent pas parmi lec

programmes de dimensionnement. Cependant leur masse Oct ectim~e au

moyen d'une loi simple en fonction du d~bit moteur.

Lec rkcultats fournic par cette phase de calvul cont

- deccin simplifi4 du moteur (voir figure N* 10).

- masse du moteur,

- Centre do gravit4 du moteur.

2.2. MODELISATION DE LAVION

Au coure du d~roulement de cette partie du programme sont 4valu~es les don-

n6es n~ceasaires aux calculs des missionc, i cavoir

- masse de l'avion,

- cspacit4 d'emport carburant,

- caractfiristiques a~rodynamiques

- coefficient de train~e,

- surface de rfif6rence,

- trainfies des emports externec.

Le calcul d'un avion s'effectue A partir do la taille des moteurs qui

l'fquipent et de is formule dfisirfie pour la cellule (voir figure n* 3).
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Outre 1s crititro doemport de carourant intorne fix& pour la rfiaiisation des

missions qui lui sont assign~es deux contraintes internee permettent de figor

la gfiouftrie:

- respect de la loi des sires,

- centrage donnant une merge statique n~gative donn~e.

Le cboix do ce crit~re a fit4 dictA par la tendance actuells sur les avions de

combat at as juetifie par Is n~cessitA d'agilitA au combat.

Lea paramAtree qui interviennent does is r~alisation d'un avion sont tras nom-

broux asCi 10 programmee a-t-il 6t4 conqu en vue d'offir deux modes do fonc-

tionnemont

- avion do g~omfitrie externo "connue",

- avion "nouveau"

Dans le second cas, le plus frfiquessuent roncontrk lore d'une ktude paramitri-

quo "cycle - avion - mission" lee donn~es g~om~triques cant calcul~es A par-
t ir do corrfilations etatistiques 6tabiee cur lea avions existent&.

Parmi lee choix principaux offerta A l'utilisateur nous pouvons citor

- choix do Is motorisation,

- choix do is formule eafrodynamiquo,

- choix du typo at do Vemplacement des entrfies d'air,

- choix parmi un catalogue do lerement emport4 at do lemplacement do

1 emport,

- choix do lomport externe do carburant ci celui-ci oct n~cessaire A la
rfiaicetion do ls mission,

- choix du domains do vol at plus particuli~rement Mach maximum rfaslisablo

A laltitude do 36 090 ft.

La logique do constitution do lavion s'appuie cur des contraintee g~om~tri-

ques simples qui pormottont d'appr~hender les dimensions do cheque "pertie",

ainai

- Is taille des moteurs, leur d~bit, leur nombre ot 10 Mach maxi du domains

do vol permettent do dfitorminer Is taillo at la longuour des entriies

d'air (fonction do leur emplacement cur la cellule)

- Is visibilithi arrilro du ou des pilotes periset do d~terminer 10 di~dre

minimum de is voilure ou son allongoment maximumI

- Ia largeur at is longuour du cockpit sont ditermin~eo, par l'omploi do ma-

t~rnelseoxistante

- Ie volume ot Ie diamhtro do is points doivent permettro l'utiliestion

d'un radar de combatI

- Is cellule doit d~gager un espace suffisant A lasocamotage du train.
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Los allongements, effilements et 4paisseurs relatives do voilure. empennage,

d~riv* ou plans-canards sont fix~s, sauf indication contraire, par le choix
do Ia formula a~rodynamique (voir figure n' 4).

Le calcul do la gfioitrie do lavion eot figaleisent assorti d'une estimation
do s meass et do sea caractfiristiques a~rodynasiques.

L'&volution des matkriaux de construction des cellulas d'a~ronefs nous a con-

duit A offrir la possibilit4 d'utilisation de mat4riaux composites Bur car-

taines parties do l'avion.

Ce sous-programe fournit un sch~ma de lavion (figure n* 11).

2.3. CALCUL DES MISSIONS

Los donn~es du calcul des missions peuvont itre dissoci~es en deux families

- donn&es issues des phases prfic~dentos,

- donn~es propres A la dfifinition des missions.

La premi~re famille eot constituie par

- lea performances du moteur,

- la masse do Lavion,

- la quantit4 de carburant emportfie,

- los caract~ristiques a~rodynamiques do lavion.

La seconds famille s pr~sente comme lenchainement s~quentiel de phases dis-

cr~tes:

- dficollage,

- acc~l~ration A altitude constants,
- montAe A vitess ou mach constant,

- croisi~re i vitesse constante,

- largage des charges extornes,

- calcul de performances ponctuelles,

(vitesse ascensionnelle, marge at limite do manoeuvre).

Les caract~ristiquos de cheque phase do mission peuvont itre soit des donn~es

du probl~me (cas do la recherche d'un cycle et d'un avion adapt4) soit des in-

connues (recherche do limpact sur la mission do variations do caractfiristi-

ques motour par exemple).

2.4. RESULTATS

Pour un cycle donn6 lea r~sultats sont constitu~s par

- la taille du moteur et sa masse,

- un plan simplifiA de 1a veine our lequel figurent n~namoins leo principa-

lea caractfiristiques des composants (nombre d'aubos, mat~riaux, contrain-

tea et temp~rature m~tal),

- I& taille de lavion et son bilan do masse,

- un plan trois vues simplififi do lavion.
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3 -VALXDITh

Ce logiciel, relativoment complexo, 6tant basfi our des lois statistiques pour ce

qui concerns la d6finition de l'avion et de sea caract~ristiques so devait d'itre

valid6 St 6talonn6 si n~ceeoaire our dos avions existants.

La validation, of fectu~e en troio 6tapes A port6 mur:

- Io calcul doo masses at dos capacit~s d'emport interne on carburant,

- la pr6cision do dfitermination des caractfiristiquos a6rodynamiquao doo avions,

- la cr~dibilit& at la pr~cision dos r~sultas do calcul dos Missions.

LOs doux premi~ros &tapes ont fitf ollos-mfimea d~compos~es en deux. Le calcul seest

d~roul& uno premi&ro fois en figeant toutes los caractfiristiquos gfiom~triques con-

flues des avions our lesquels a port& la validation puis une deuxialme fois avec on

unique donn4e lea tailles, masse et d~bit du moteur 4quipant la cellule.

La troisi&mo Stape a 6t6 effectuke en no fournissant outra 1e8 donnfiea de la

mission, quo los caractfiristiques thormodynamiques du cycle (TET, taux de

dilution, taux do compression global, taux de PC).

Apras quelques modifications, le logiciel aujourd'hui en usage fournit des r~sul-

tto as situant dans uno fourchette do ± 5 % autour de la rfialitfi, au moins en ce

qui concerns los formulas afirodynamiques valid~es

- delta

- delta canards

- double delta canards

- aile haute en fl&cho + empennage.

4 -APPLICATION DE LA METHODE

La m~thode dficrite prficfdenmment permet de rfialiser d'autres types d'4tudes quo Von

pout rogrouper en trois ensemubles principaux:

- Missions donnfies :cycles et avions variables

- Avion et missions fig~s z influonce du cycle

- Avion at cycle donn~s :calcul des missions.

Nous vous proposons do montror ici trois examples d'application do la m~thode

- influence de Is masse moteur A typo d'avion et mission donn~s;

- influence do taux de post-combustion our une mission de croisi&re supersonique

- influence des parambtres de mission our 10 cycle at la taille do lavion.
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4.1. INFLUENCE DE LA MASSE DU MO0TEUR

11 eat colasunkmant admis que le coOt d'acquisition d'un avian militaire eat

proportionnel A sa masse i vide. La recherche pour lea moteurs du meilleur

rapport pousseie our masse r~pond aussi A cat objectif. Il a paru interessant

de chiffrer lea r6percussione our ia taille d'un avion remplissant son fivan-

tail de missions d'unu variation de masse des moteurs l'fquipant. Cette 6va-

luation a port6 sur une mission d'attaque au aol de type LO - LO - LO avec un

avion bimotaur de formule double delta canards en supposant qua la marge sta-

tique davai. itxe ~nav

L'augmentation do masse du moteur s traduit par une augmentation de taille

at donc de masse de lavion qua Von peat attribuera

- conservation de la merge statique,

- emport suppl6mentaira de carburant (plain interne) nicessaire A Ia r~ash-
sation, de ls mission.

Pour an avian bimoteur, on retiendra qu'une augmentation de 5 % de Ia masse
de chaque motear se traduit au total par + 1,4 % masse environ sur Ia cellule

at + 2,75 % de carburant en plus soit au total 2,2 % Bar la masse A Ia misc
en route (figure n* 5).

Une possibilit4 int~ressante du mod~la eat do pouvoir 4tablir, lans le cadre

d'utilisations semblables A cot example, des coefficients d'influence liant

performances motear, performances avian et crit~res de mission.

Noas avons calcuI6 Bar cette mission LO-LO-LO I'aml-lioration de consoessation

sp~cifique qai permettrait de componser laccroissemant d'emport de carburant

calcalA auparavant.

L'augmentation de masse do missaen route eat minimale lorsque ion assure Is

contrage sans augmenter la capacitfi d'emport de carbarant. Dans cotta hypo-

th~se il eat n~cessaire de diminuer Ia consommation spicifique du moteur do

I % (voir figure n* 5).

4.2. INFLUENCE DU TALIX DE POST-COMBlUSTION

En ragle g~n~rale, sur les avions do combat suporsoniques, l'acc~l~ration at

Ia croisi~re au del& do M - I sont effectu~es avec post-combustion (soit au

plein gaz PC Bait en intarm~diaires PC). Il faut cepondant remarquar quo les

temps de fonctionnement. dana ces conditions sont restraints, la missions qui

n~cossitent ce type de fonctionnement Stant principalement des missions da

type interception A haute altitude, Le probl~ma deviant difffirent 1'rsque

Von demande A lavion do pouvoir croiser en supersonique pendant de longues

distances.

On peat alors sinterroger Bar l'int~rAt d'amkliorer lea consonmmations kilo-

mhtriques do lavion en adoptant des moteurs sans post-combustion. Une 6tude

visant A 6valuer les tailles des avions sinai fiquipfis a 6t6 r~alisha au moyan

du logiciel Avian - Motaur -Mission.
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La. mission choisie pour of foctuer is comparaison s dficompose coimme suit

MISSION CROISIRRE SUPERSONIQUE

- Dhcollago PG PC

- Montho A l'altitude et au Mach do croisihre

- Croisi&ro supersonique our 70 1 du rayon d'action

- Combat 1 36 000 ft 1 1,8

- Retour symfitriquo

Deux rayons d'action ont 6t& onvisagho

Rl1 600 Nm

R2 - 400 Nm.

Lo Mach do croisi~ire choisi a fitf M - 1,6 A Z - 50 000 ft.

Les motours secs doublo corps - double flux mfilanghs sur losquols a port6

lh4tudo sont dhfavorishs par lh6volution du taux do dilution dane le domains
do vol. Ceci conduit A un rapport Fcombat/Fdhcollage plus faible que cslui

des moteurs avoc post-combustion.

Le point dimensionnant Weost plus alors la capacitfi & rialiser ls rayon
d'action mais 10 factour do charge A Z - 36 090 ft, M -1,8.

Les taillss des avions at des motours strictement nhcossaires A r~aliser ls

rayon d'action no pormettent pas d'assurer Is taux do virage au combat.

Les rhsultats figure n* 6 montrent quo Is gain obtenu par l'amhlioration do

Cs en croisi~re, our la mission considhrho, no ss rhpercutent pas sur

lavion. La cause principals eat iaccroissomsnt du dhbit motaur nhcessaire.

4.3. INFLUENCE DES PARAMETRES DE MISSION

La mission de pfinhtration supersonique dhcrite au paragraphe prhcfident a 6ga-

lament servi de support A une 6tuds visant A chiffrer linfluence our lavion
ot 10 motour des deux principaux psramhtrss do la mission A savoir is Mach de
croisihre ot is pourcentago do rayon d'action effectu4 en suparsoniqus.

Le cycle thormodynamique des motaurs dhfini par

X -=0,3

" BP - 4.2

" GL - 26,5

TPC - 2100*K

a 6tS choisi lors d'une Atude prhliminairo.

La formsulo shrodynamique do lavion doublo dolts-canards bimotour.
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Les masses au d~collago des avions obtenus oont plus sensibles au pourcentage

de p~n~tration supersonique i effectuer qu'au nombre de Mach auquel

s'effectue la mission (voir figures n* 7, n' 8 et n* 9).

5 -CONCLUSION

Lint~gration dis Ie stade avant-projets des contraintes ope~rationnelles d~finies

par lee objectifs de missions et la prise en compte des caract~ristiques de masse

et d'a~rodynamique des avions do combat, permet:

" de d~finir le cycle Isoteur le mieux adapt6 A I *ensemble des missions A r~ali-

ser,

" de cerner les difficult~s technologiques de rfialisation du moteur (mat~riaux.

tailles),

" de chif fret lea cons~quences d'4voluiions des param~tres moteurs sqr la r~ali-

sation des isoteurs.
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RM 101: COLVE OU inOTUM GETUNE APS DUMOWET~f CWAJUO

FKKM 11 DESMi E LAVION

DISCUSSION

A.S. UCER, Turkey

Could you give some examples of the data necessary to characterize the
aircraft and mission on the computer ?

Riponse de l'Auteur

Les donnies propres i la mission ne sont pas tris nombreuses. Elles
concernent essentiellement les performances ponctuelles, telles que

- distance au dicollage
- facteurs de charge en combat
- limites de manoeuvre

D'autres donnies sont relatives aux vitesses de montie de Vavion, i
Valtitude de croist~re et aux accilirations.
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APPLICATION OF HIGHLY LOADED SINGLE-STAGE MIXED-FLOW COMPRESSORS

IN SMALL JET-ENGINES

R. M6nig K.D. Broichhausen I H.E. Gallus

Institut fur Strahlantriebe und Motoren- und Turbinen-Union
Turboarbeitsmaschinen, RWTH Aachen Munchen GmbH
Templergraben 55 Dachauer Str. 665
5100 Aachen, West Germany 8000 Munchen 50, West Germany

Summary

The predominant requirements on small jet-engines are high power-to-weight ratio and low
specific fuel consumption in combination with structural simplicity. The consequent
demands on the compressor can be fulfilled either by a conventional two-stage unit or by
an extremely loaded single stage. This single stage -ompressors has to be able to perform
a sufficiently large masaflow and total pressure ratio. Consequently the application of a
mixed-flow compressor with supersonic flow at rotor- and stator-inlet (supersonic mixed-
flow compressor) turns out to be advantageous. The co, ception of a jet-engine with a
supersonic compressor demonstrates the significantly reduced size compared to other
engines of the same thrust class.

Nomenclature

cO  flight speed T temperature
D diameter u circumferential speed
F thrust y utilizable comp. power
F specific fuel consumption a absolute flow angle
P height # relative flow angle
h specific enthalpy to hub/tip ratio
M Mach number 9 ratio of specific heat
m massflow I pressure ratio
n rotational speed q efficiency
Q heat of reaction

Subscripts

C compressor t total
CC combustion chamber 0 stagnation properties
F fuel 1 upstream of rotor
I intake 2 upstream of stator
m mean 3 downstrea:, of compressor
m mechanical 4 upstream of turbine
NO nozzle 5 upstream of turbine rotor
r relative 6 downstream of turbine
* isentropic

1. Introduction

The overall dimensions of jet-engine compressors used in small turbojet and turboshaft
engines are strongly limited by application purposes. Thus for these engines highly
loaded compressor stages are required, in order to obtain a high total pressure r and
a low specific fuel consumption.

Tab. I outlines the characteristic features of various small jet-engines /1,2/. The
specific fuel consumption is mainly placed in the range between 105 and 130 k9 /kNh. Only
the two bypass-engines (K and N) have a considerably lower fuel consumption. Generally
efficiency of jet-engines tends to become slightly better with increasing power. In the
observed class of engines, however, a significant and uniform dependence of fuel con-
sumption on the available thrust is not observed.

Regarding the compressor, the considered engines can be devided into two main classes.
The lowest thrust class is characterized by use of single stage centrifugal compressors.
Multistage compressors are commonly used in the upper thrust range beyond 2.5 kN.

Fig. 1 reveals that the massflow increases in a nearly linear way with the static thrust.
The turbine inlet temperatures , commonly placed between 1040 and 1280 K, is only of
secondary importance with respect to the required massflow. The engines with compara-
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tively high massfiow and low turbine inlet terpratures (SOT) are placed in the upper
range of the screened region. Engines with higher SOT are located near the lower limiting
I I ne.
The low massflow of less than 2.5 kg/s in the thrust class beneath 1.5 kN can be easily
performed by conventional single stage centrifugal compressors. The increased massflow of
let-engines with higher thrust requires the application of axial flow low pressure staqe

Lor, at least, advanced conceptions of transonic! centrifugal compressors (engines S and
X).

The average stage-characteristics of tne various compressor units are presented in Fig.
2. Gas-generators with multi-stage axial flow compressors commonly have a stage pressure-
ratio in the range of 1.2 to 1.6. Their design massflow is generally situated between 5.0
and 8.0 kg/s.

The application of two-stage axial flow/centrifugal compressors, however, leads to an
average stage pressure ratio of about 2.5 and a lower massflow between 1.0 and 6.0 kg/s
(exception: engine Y with a massflow of 13.5 kg's).

The pressure ratio of single stage centrifugal compressors is generally placed beyond 3.5
(except engine A, having a pressure ratio of 2.8). In most cases their massflow is lower
than 2.0 kg/s (exception: engines X and S, having a miassflow of 9.6, respectiveJy 5.8
kg/s).

Another point of interest is the utilizable power Y, added to the flow by each 1-ompressor
stage lFig.2). For the subsequent classification a stage efficiency of 86% and an inlet
temperature of 280 K is assumed. It is obvious that the power of most coopressor stages
in small jet-engines is located in the range of 100 to 500 kW. only a few engines have a
lower (A) or considerably higher (S, X, Y) power per stage between 1000 and 1500 kW.
This category of increased power is also reached by supersonic axial flow compressors.

These engines aret characterized by supersonic velocities from hub to tip in At least nc
axial gap of th, stage. Prior developments of different compressor types at NACA I
ONERA 14/, AFARL /5/ and the RWTH Aachen 6 revealed:

impulse-type rotors with supersonic inlet ind exit flow are ap)ropriatc for a high
total pressure rise at high offi,-iency, but

the high supo.snic Mach numbers (M = 1.7) of the absolute flow lead to high
shock and separation losses in the stator and unsatisfying stage effir'ency 7

a Shock-rotors operating with a strong shock-ave in the inlet-section and a criti-
cal rotor outlet normally have a slightly lower efficiency, but

the subsonic axial flow and moderate supors.onlc absolute flow (M 1.4) upstream
of the staotr leads to a Superior stage 'ffliienc:y and uncritlical off-design
perforeanoc , 8'

The design point of such a sup'ison lc aXiaI f low -jmprrl" wit h shock-rotor is narkcd by
the, solid square in Fig.2. The! essent laI fcatir- f s this - t-oripessr stage arc shown in
Fig. I. The relative velocity at rotor inlet arnd the abls,,lut, vel')-sty at stator inlet is
supersonic. The fAnden statur proved to be ne ns-ry in ordr to combine high diffnii-on
with high flow turning Att sat isfzing efficiency. Th, dosign point is marked by:

t otal Il ns I poed :n 23114 rpo
inlet Mach number : Pa1 - 0.69
exit Mach number : - 0.48
c corrected massflow : th 11.7 kqs
total pressure ratiO : o ft 1.0)O
total efficiency : 8h 82.0

These design ita are vsal idated by experimental rig-tests 9.'. This -or-ept fon adilt in-
ally promises to be o-iinvniont t,,r compressors with an even higher specific power. For an
apfl scation as sing)" st -imprcsor in a smal t jet-mglin the perforrance data have to
be consistent wtth thermodynamic requirements of the engine.

2. Th.rmodynamics of small jot engines

According to the applit-al ions of small, low-cost jet -engies, certain qeometrical., the.r-
modvnamical and also mech,,nical restrct ions have iti I, ,eonsidorod. In the ,'resemt ,'axe
the following conditions wre speified:

* flight mission at sea level with M0 0.8

hrust at flight conditions Fo 2.7 kN
* turbine inlet temperature TM 1250 K (un'ooled blades)
* outer diameter D_,, 4110 mm
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Regarding these data the subsequent thermodynamic study was restricted to single shaft
engines. Total pressure losses in intake, combustion chdmber and exit nozz-e were consi-
dered according to empirical data /10/. The effiency of the compressor stage, generally
decreasing with increasing total pressure ratio, is described by an empirical function-

.s-c=- C(C2 + c? + f(-C/c) (1)

where: C1 0.120 C2 0.901
C3 7.236 C4 7.521

This total-pressure dependent maximum compressor efficiency is shown in Fig.4. Published
data of invcstigated transonic axial and centrifugal compressor stages are marked by
solid symbols. The general efficiency trend is reproduced by the assumed function. Regar-
ding the turbine, efficiency variations have not been carried out. For design purposes
the total efficiency was assumed to be 88.0 percent.

Single stage supersonic compressors of the proposed shock-in-rotor type are expected io
be appropriate for total pressure ratios up to 5. With respect to a generalized optimiza-
tion the compressor total pressute ratio was varied between 2 and 10.

For a given total pressure rise the same thrust may be obtained at high massflow and low
turbine inlet temperature or at smaller massflow and higher turbine inlet temperature.
Thus a temperature range of 1000 K to 1250 K was covered. As a result of these calcula-
tions, the overall efficiency

FYRo= rnQ (2)

and the specific fuel consumption

Fs =rh/F (3)

is plotted versus the specific thrust

= F/(im/T7) (4)

in Fig.5. Solid lines represent constant turbine inlet temperatures, broken lines refer
to constant total pressure ratios. it is evident that the overall efficiency is primarily
affected by the total pressure ratio. The specific thrust, however, mainly depends on the
turbine inlet temperature. In order to achieve a satisfying efficiency, a minimum total
pressure ratio of about 4 is required. Furthermore, it is obvious that at total pressure
ratios of about 6 the decreasing efficiency of single stage compressors nearly compen-
sates the thermodynamic benefit.

In regard of the specified performance data the necessary massflow and the specific fuel
consumption can be determined from Fig.6. The total pressure ratio is varied from 4 to 6.
The turbine inlet temperature covers the range between 1000 and 1250 K. In order to check
the influence of leakage, a rated le, kage from 0 to 3 % at the compressor outlet has been
assumed. It is evident that the s, cific fuel consumption is affected by leakage to a
high degree. Regarding a supersonic compressor with a total pressure ratio of 5:1 zero
leakage leads to a minimum consumption of 141 gk/kNh. For 3 % leakage, however, the
corresponding fuel consumption increases to 154 kg/kNh. With respect to the comparatively
high total massflow a reduction of the rated leakage to less than 3 % appears to be
probable. Nevertheless this unfavourable case was assumed for the subsequent geometry
variations. In view of a low thermal turbine loading the turbine inlet temperature is
,.hrisen to be 1050 K. The necessary massflow is determined to be 8.2 kg/s.

3. Geometry of jet-engines with highly loaded single stage compressors

The efficiency of supersonic compressors, operating with strong passage-shocks is affec-
ted by the inlet Mach number to a great extent. The shock losses may be restricted to an
acceptable level only if the supersonic inlet Mach number is suffi,iently low. Thus, the
following aerodynamic conditions were specified for the rotor:

" inlet absolute Mach number M 0.7
" inlet relative Mach number Mil 1.4
" inlet flow without swirl al = 900

outlet relative Mach number M2, 1.0
flow turning angle 4 460

As a result, the corresponding circumferential speed at the compressor inlet can be
determined from

Ulm ( 7 ig(j + I M, 2))s)

tb~rjn(lMJ
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Conservation of energy leads to the equation for the circumferential speed at the rotor
outlet:

u2m= D + V - 7 - (6)

where:

A= ( - I)M, 82
2

C = c,(Tt2 - TO)

D = (C( - A) + B/2)/(l - A)

Thus, the circumferential speed at the rotor-inlet and -outlet can be determined for a
given total pressure ratio, Mach number level and flow angle. Assuming total pressure
rise, stage efficiency, and relative flow turning to be constant reveals that a lower
circumferential speed is required in case of decreasing the relative outlet Mach number.
This fact can be easily explained by the absolute circumferential speed downstream of the
rotor, increasing with higher diffusion inside the rotor. Thus compressor stages incorpo-
rating shock rotors generally need a lower circumferential speed compared to impulse-type
stages. Consequently the mechanical loading of shock-rotor stages is considerably lower.
Nevertheless it is high in comparison to conventional axial flow compressors.

For the shock-rotor, the variation of total pressure ratio with circumferential speed,
mean outlet radius and rotational speed is shown in Fig.7. The broken lines - each one
representing a constant outlet radius - are of exponential shape due to the nearly
quadratic dependence of rotational speed and energy transfer. The region of technical
relevance for single stage jet-engine compressors is marked by screening.

The required rotational speed of the compressor can be determined by means of Fig.8. The
hub/tip ratio at the rotor inlet and the absolute inlet Mach number has been varied in
the range of 0.6 to 0.8. The relative Mach number is 1.4. An increase of the absolute
inlet Mach number yields decreasing circumferential speed with respect to the constant
relative Mach number. The also increasing massflow per unit area leads to a smaller inlet
diameter at constant hub/tip ratio. Thus there are two phenomena of reverse effect on the
rotational speed. In the observed Mach number range the decreasing circumferential speed
is of primary importance. The rotational speed therefore decreases with increasing Mach
number. For given massflow and inlet Mach number and consequently constant inlet cross-
section, an increasing hub/tip ratio of course requires a larger mean radius and a lower
rotational speed.

Conservation of mass additionally yields the blade height at the rotor-inlet and -outlet.
The hub- and tip-radius at the rotor inlet, dependent on compressor massflow and rotatio-
nal speed, is given in Fig.9. Increasing rotational speed leads to smaller inlet radii
due to the constant circumferential speed predetermined by eq. (1). In the case of high
massflow and high rotational speed the extremely small hubitip ratios may cause mechani-
cal problems. The increased blade-height, on the other side, is expected to be favourable
in respect of the tip-clearance and end-wall boundary layer losses.

The corresponding properties at the rotor outlet are shown in Fig.10. The outlet diameter
becomes considerably large for low rotational speeds. A comparison shows that for a given
rotational speed the outlet radius is always larger than the inlet radius, due to the
higher circumferential outlet speed. Thus it is evident that only a mixed flow compressor
is able to satisfy all the requirements. The passage shape is influenced by the rotatio-
nal speed, The difference between outlet- and inlet-radius decreases with increasing
rotational speed due to the constant ratio u2m/ulm and decreasing radius.

Since the shaft-speed affects the turbine geometry as well,, it is necessary to consider
the corresponding turbine-geometry before the final lay-out. For an approximate determ:-
nation of the turbine geometry, some additional conditions have to be specified:

inlet Mach number M 4  0.25
stator outlet Mach number u - 1.0

* turbine outlet Mach number Me 0.4
absolute flow angle at stator outlet Os 170
absolute flow angle at rotor outlet N. 90

o
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The rotational speed of the turbine is already given by the compressor speed. The assumed

flow angles in combination with balance of power lead to the necessary circumferential
speed at the rotor inlet. The required radius is obtained from this circumferential speed

and the known rotational speed. The outer turbine diameter is chosen to be constant.

Fig.11 shows the compressor and turbine geometry of the proposed jet-engine for various

hub/tip diameter ratios at the compressor inlet. The rotational speed decreases from the

left-hand to the right-hand side. A higher hub/tip ratio leads to increasing outer

diameter of compressor and turbine. Furthermore, the shape of the mixed flow compressor

becomes more radial and the aspect ratio of compressor and turbine decreases significant-
ly.

Additionally, a remarkable increase of jet-engine thrust can be performed by increasing

the massflow. In Fig.12 the geometry of compressor-rotor and turbine is shown for a jet-

engine with a thrust of 5 kN. The flow path geometry of this engine is very similar

compared to the smaller jet-engine. Thus increasing the static thrust is not expected to

cause serious problems.

Irrespective of thrust, the rotor passage geometry can be expected to have a significant

influence on the flow losses inside the rotor. A small hub/tip ratio on the one hand will

lead to a comparatively high Mach number level at the tip region of the leading edge and

may therefore contribute to higher shock-losses. High hub/tip ratios, however, lead to a

low blade height. Thus, losses caused by wall-, corner-, and tip-clearance effects may

rise considerably. Therefor, the rotor geometries of moderate diagonal shape promise to

be advantageous with respect to efficiency.

Fig.13 shows a possible lay-out of a mixed flow supersonic rotor for Freon operation. The

profiles are designed along quasi-streamlines and stacked radially upon their centres of

mass. The profile- and passage-design was carried out by means of a streamline-curvature

calculation method. The governing equations are based on a scheme proposed by Novak /11/.

Substantial modifications and extensions, however, were necesssary in order to achieve

stability and accuracy for transonic and supersonic flow conditions. Particularly the

treatment of flow domains with supersonic axial flow, strong shock-waves and near-choking

conditions was subject to further improvements /9/. Additionally, semi-empirical models

were used in order to consider shock-, boundary layer-, and separation-losses /8/.

An appropriate supersonic stator with splitter-blades is shown in Fig.14. The profile

angles of the stator will be exactly adapted to the measured flow properties of the

rotor. Additionally, the passage- and profile-shape and the position of the splitter-

blades will be optimized experimentally.
Based on the preliminary dimensions of mixed-flow compressor and turbine, two small jet-

engines are outlined in Fig.15. The static thrust of the smaller jet-engine (marked by

screening) is approximately 3.7 kN. The second engine (hatched) has a static thrust of

about 6.8 kN.

Fig.16 shows two other jet engines having a static thrust in the range of 3.7 kN. The

first one uses a three-stage axial flow compressor, the second operates on the basis of a

two-stage axial-flow/centrifugal compressor. The significantly lower size of the proposed

jet-engine with mixed-flow compressor outlined in Fig.15 leads to a higher loading capa-

city and lower manufacturing costs.

4. Conclusion

Single stage jet-engine compressors have to have a sufficiently high total pressure ratio

in order to fulfill the established standards regarding overall efficiency and specific

fuel consumption. Centrifugal compressors are generally able to satisfy these demands.

Nevertheless the application is restricted to engines with low massflow and consequently

low thrust. Supersonic mixed-flow compressors are promising with respect to a higher

massflow and likewise high total pressure ratio. Thus the application of single stage

compressors can be extended to engines with increased thrust. Furthermore, the frontal

area of those engines is considerably lower compared to engines with centrifugal compres-

sors. The overall length decreases significantly in comparison with jet-engines using

multi-stage compressors. Thus mixed flow supersonic compressors are expected to be advan-

tageous with respect to power-to-weight ratio and manufacturing costs.
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Horisontal viewpoint: 0°  Horisontal viewpoint: +3W0 Horizontal viewpoint: +WO

Fig.13 Design of a mixed-flow compressor rotor

Horizontal viewpoint: -600 Horizontal viewpoint: -00
Fig.14 Tandem stator for mixed-flow compressor
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DISCUSSION

Y. RIBAUD, Fr

Travaillez-vous avec une sociftj industrielle et avez-vous conqu de
tels rotors avec icoulement mixte ?

Author's Reply

Concerning the first point of your question, we did not work together
with an industrial company.

The mixed - flow compressor has been designed and it is in construc-
tion now. Thus, experimental investigations in our test rig have not yet been
carried out.

P. BELAYGUE, Fr

Pourriez-vous nous donner quelques pricisions sur les limitations de
chambre de combustion que vous avez prevues dans votre itude paramitrique ?

Author's Reply

Our work primarildealed with the design of the mixed-flow supersonic
compressor. This additional viewgraph shows an example of compressor, com-
bustion chamber and turbine. It might be necessary to use an additional dif-
fuser downstream of the compressor unit.
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INTERET DE LA GEOMETRIE VARIABLE
POUR LES TURBOMOTEURS DE FAIBLE PUISSANCE

par
H. VIGNAU - R. RODELLAR - J. SILET

Socitt TURBOMECA
Bordes

64320 Rizens

France

RESUME

Pour riduire Is consommation sptcifique des turbines A gaz de faible puissance, diff6rents cycles de turbomoteurs A turbine
libr at A turbine ie sont 6tudi6s. Le moteur A d6bit variable parrmet do riduire de manire significativa ]a consomrnmation spcifique
A charge partielle. La variation de puissance rat obtenue par changament du dtbit des composants A giomitrie variable ; Ie moteur
fonctionne A pression, tempirature entre turbine at vitess de rotation constantes. Las hypothtas A prendre en compte pour ces
systimes A gtomttrie variable doivent We affinies pour pr6ciser les gains potentials do telles solutions. Les rtsultats de I'6tude men6e
str un comprassour centrifuge A taux de compression de 8,5 at A diffuseur radial A calaga variable montrent qu'une variation de dtbit
de 50 % pout tre obtenue avec des carts de rendement limitis at une sensibiliti au jeu foible.

1. INTRODUCTION

II y a toujours eu une demands preasente auprit des motorites pour diminuer Ia consommation sptcifique de lours moteurs at
do nombreux efforts ont kdt dtployds das co sens au cours des dernires dtcennies.

Si ['on prend par example Ia aes des applications a6ronautiques, I'am61ioration du rendement s'est toujours faite str Ia base de
cycles simples. L'616vation do Ia temp6rature A I'entrie des turbines, autoristo par le dtveloppement d'alliags r6fractaires plus rtsistants,
combinte A ['augmentation du rapport do pression, a conduit A des amtliorations progressives de rendement (Rf. 1. Ces gains ont
6t d'autant plus significatifs qua les progris dans les rn6thodes de calcul d'tcoulement at de structure ont permis d'am#liorer les
performances des composants.

Mais pour une puissance donnie, Is diminution de taille due A I'augmentation de puissance sptcifique, conduit A des limitations
aussi bien en rapport de pression, qu'en randement do composants, Et ces limitations, d'autant plus s6vres qua Is moteur est petit,
laissent prtsagar, dans I cat de cycles simples, des gains limitte.

Par ailleurs, un moteur est dessint pour un point donn6 du domaine d'utilisation at les performance hors adaptation sont
optimises pour satisfaire une mission donnto. Dens Is cas do Ia motorisation des h6licopttres, c'est surtout Ia consommation A
puissance partielle (50 % * 60 % de Is puissance nominale) qu'il s'agit do priviltgier. Pour les moteurs A gtomJtrie fixe, Is possibilitts
de compromis sont limittes at ceci se traduit in6vitablement par un accrolfement d la consommation sptcifique A charge partielle.

Par contra, le concept do gbmitrie variable, offra Ia possibiliti do rtduire ls consommations spicifiques en permettant de faire
fonctionner les comnsposants plus pris des conditions optimales sur toute I'tendue de Ia mission, qua ce soit Is compresseur, Ia turbine
ou le rtcuprateur s'S( y an a un. Mats fes gains potentials dtpendent beaucoup des pertes inhdrantes A de tels systimes, qu'il s'agisse
des jaux ntcessaires A leur fonctionnement ou des fuites qu'ils induueent, ptnalitds qui nexistent pas dans le cs de systtmes A gtomtrie
fixa.

Si historiquement Ia gtomttrie variable a it& introduite dams ls compressurs multi-tagat, les auteurs 1) anlysent son intirt
dans Ia cas du compreaeur centrifuge mono-Atage qui a tendance A dovenir Ia saul Atage de compression dea turbomoteurs de faible
puissance at 2) pr6aentent Is performances d'un compresseur centrifuge A 8,5 do taux do compression obterus au banc d'esai avec
un dfffunur radial 6 calag variable.

2. TURBOMOTEURS DE PETITE PUISSANCE : SITUATION ACTUELLE ET EVOLUTI. NS POSSIBLES.

2.1 Situation actuelle

Tout en reerchfant une augmnentotion do puissance ptcifique at une diminution de consommation aptcifique, I'architecture
ratenue per les conitructeurs, pour les turbomoteurs st plus rtcents do Ia clasw des 500 ch, est des plus simples. If s'agit d'une
configuration A turbine libre avec:

- un Aege do compremion centrifuge,

- un Atage do turbine haute prosaion axiale,

- un tag do turbine do puissance axiale.

t
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Cast I. cas par exarrple du TM 319 (fN. 1) doveopp6 par Ia Socibti TURBOMECA MOi. 2 at 3).

i 4

Fig. I Architecture du turbomoteur TM 319

F Le rapport do pression retenu, 8.5, qul eat prodle de l'optimum de, puissance spbcifique (fig. 2), peut 6tre obtenu en un seul
6tage avec un bon rendement et une plage de tonctionnement tuffisente saet gbomirtrie variable. La tempdrature choisie correspondi
aux possibilitds d'une turbine non refroidie enr matdriau morrocristallin.
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(kg/kW.h)

apucifiqueu n octou rapr de pres+io50

2235d026 26

Fpig. 2 harge rile nnt n umnation d 21Idos consommation spiiue5 de Ia puissance nmina7
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an~Pisac fonctionqu do s uisaice url'ab

1.-

Bifente es p ost evns dumtere e anvigds po urbn ibr ae sat on, ussur b ian o ur s tur otur otturbin ibon
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2.2 Am~liorat ions poasibles du tuittomoteur II turbine libme.

L'adjonction d'un 6changaur avai r~chauffant l'air entrant dent la chambre de combustion. avec des calorier pr~lev~m A l a

sortie de la turbine de puisance, permet un gain significatif de consommation sp~cifhiu. 11est 6 noter que [e rapport de pression de 8.5
s'accomode bien d'un cycle avec 6changeur oval puisqu'une augmentation d.a rapport de pression. 6 m~ine temp~rature entr~e turbine,
entrafnerait une augmnentation de consommation sp~cifiCque (fig.4).

Congomniation spdcifique
(k/1k Wh)

0,260 _

Turbomoteur II turbine libre
avec 6changeurIL

Fig. 4 .Variation de la consummation at de la puissance1
spkcifique en tonction du rapport de pression .. . 10 P/P

at de a temp~rature entr~ tui bine 0206 

789

-____________ Puissance spdcifique (kW/kg.s'

Avec I'hypothdse d'une efficacit6 d'bchangeur de 80 % Suir la base du cycle dui TM 319, [a gain de consommation sp&cifique es
de 27 % A la puissance nominale at reste presque constant Suir touta la plaga de fonctionnement (fig. 5).

La tamp~rature A l'entr~e de 1'6charsgeur d~croissant en fonction de la puissance, une am~lioration supplilmentaire peout Wte
obtenue A charge partielle si l'on mainsient tine temp~rature plus 6lev~e. Cela peut-6tre obtanu par diminution, aux faibles puissances
de la permabilitA de la turbine libre. Un distributeur de turbine libre A calage variable permat ainsi un gain suppl~mentaire de 7 % de
consomniation A charge partielle (fig. 6).

En partant de la puissance nominale, on rencontra tine limitation de merge ati pompage (P).

Turbomoteur A turbine l1ibre Turbomoteur A turbine libre
ayec Achangetir ayec Achangeur et DT L variable

C, C,
C, nominal. C nominala

-ase Bs

1 -30% 1

S Echangeur oval -7 Echangeur ."Il

DTL variabl

w Ill
.5 W nominal. .5 -W nominal.

II 1. .5

Fig. 5 .Evolution de la consummation sp~cifique Fig. 6 .Evolution de la consomeation spkitique
en fonction de la puissance Suir I'arbre an fonctiot de la puissance Stir l'arbra
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Pour ssaffranchir de oette limitation, on pout envisager l'introduction d'une 96omdtrie variable sur Is compremsur. Comma Is
montre Ia figure 7, soul un diffuseur radial h calage variable permet de r~ipondre A Ia question un. grille de prdrotation A calage
variable ne perniet peas en effat de modifier is ligne de pompage du ompresseur.

baeTaux de proason 5% omnl 100 % S nominala

grille de pr~rotation-
diffuseur radial At calage variable/

Fig.? 7 Arn~lioration des plages de fonctionnesnant I
d'un compresseur centrifuge A P/P =8,5

Of I + i 200-

Vitesse de rotation constants ~- 2&'
DMit d'air (kg/si

ll est ainsi possible de maintenir une consommation spbcifique quasiment constante jusqu'au tiers de Is puissance nominale
Ifig. 8I, an respactant respactivement les limites de tempdrature entrb. turbine et dle tempfirature erstr~e 6changaur WE.

2.3 AmAliorations possible$ du turbomotaur A turbine lide.

Le cycle du TM 319 pout aussi 6tre envisalld Pour une configuration A turbine libe avac us soul stage de dftente centrip~te.

Sans g~omAtria variable, si les performances A Is puissance nominale sont comparables A cell's d& turbomnoteur A turbine libre.

na Wn est pas de mima A charge partielle ofu les 6volutions du rendlemant compressaur A vitessa constante sont peu tavorables.

Si I'on envisage par contra Ia mgma dagrA de complexit6 que pr~c~demment, c'est-Adire un diffuseur radial A calage variable
et une variation de capacitd de Ia turbine MRf. 4 at 5), on pout obtariir un gain substantial de, consommatios At charge partielle (fig. 9).

Bien sur, l'adlonction d'un tiangaur aval paroet deans carte configuration aussi une diminution de 30 % de Ia consonimation
spbcifique A 50 % de Ia puissance nominale sur l'arbre.

~Tubrnote Arbine libre L t ur in ie

CS
CS Cs nominale

C, nominal.

I Turbine lile

Turbine libe
Echangeur aval 3% hdbtvral

68%

I Turbine Me~
DTL variable w A debit variable IN.5 7 DR variable -W nomninal. .5 ______ at A 6changaur W nominal.

.5 1. .51.

Fig. 8 Evolution de Is consomniation specifique Fig. 9 Evolution de Ia consommation sp~cifique
en fonction de Ia puissance sur l'arbre en fonction dae Ia puissance sur l'arbre

3. DIFFUSEUR RADIAL A CALAGE VARIABLE

Les 6tudes da cycles ordocidentas ont montrii 'intfirdt du diffusaur radial A calage variable at ont conduit A difinir, rialisar
at essYer un prototype adapt6 A us compresseur centrifuge A taus de pression 00 8.5.

3.1 Carectiristiques globales deIs diffusion

Las compresseurs centrifuges A1 fort rapport de pression nicassitent l'utilisation d'un systilme de diffusion afficaca A Ia sortie
du mnobile pour transformer 1'6rsrgia cindique en pression.
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Dans le cas itudii, un ralentissement trls important (entre un nombre de Mach M= 1,2 en sortie du mobile et un nombre de
Mach M, = 0,15 A la sortie du diffuseur) doit Ltre effectui avec une efficaciti de diffusion & . au moins 6gale A 0,70.

CP
826= CP d avec CP26 Cwficient de ricupkration en pression statique

CP26 P6- accroissement de pressiun statique
Pt2 -Pst2 pression dynamique b I'entre

Simuitaniment, Ia forte composante tangentielle de l'coulement absolu en sortie du mobile doit Otre annulbe, ce qui corres
pond A une diviation de lcoulement de 700 au travers de I'ensemble de diffusion.

Ces deux conditions peuvent dtre remplies par plusieurs types de diffuseurs : aubs, A canaux, A epipe,, A aubes en tandem.
mais seuls les diffuseurs aub s ou A canaux permettent, par rotation, de faire varier la section de passage au col tout en maintenant
des incidences satisfaisantes sur les aubages. Pour des raisons de tenue micanique des aubes, un diffuseur A canaux (fig. 10) a 6tt
choisi pour experimenter un systime b calage variable.

Nombre de Mach A 1'entrike M, = 1,15

Nombre de pales Z = 19
Rapport des sections sortie/entree S4 /SI = 2,35 Plan 3_

Rapport des diamitres sortie/entree 04/03 
= 

1,62
Angle de divergence du canal 20 100
Diffuseur de hauteur constante H 3 = 

4

Fig. 10 - Caractiristiques du diffuseur

3.2 Principe du diffuseur radial A calage variable X

La d~finition du diffuseur radial A) calage variable est issue de considErations aErodynamiques et d'effet de jeu.

3.2.1 Ahrodynamique

Lensemble de diffusion doit rester adaptE pour des variations de d~bit importantes. Le choix du centre de rotation de I'subage
(fig. 11) doit :

l limiter les variations d'extension radiale du diffuseur lisse pour assurer son bon fonctionnement, ce qui implique de placer le
centre de rotation A proximitO du bord d'attaque de laube.

- conserver une bonne adaptation de I'aubage A l'6coulement incident dans le domaine d'utilisation, malgrO la variation d'angle
de calage.

La plage de ddbit Etudie, de 75 A 125 % du d bit nominal, correspond A une variation de calage du diffuseur de -5
°

Diffuseur +

nominal couete

n 03 nominal

125 % de as section -)
nominale au ol couwoeo' A

AG -r~O i~cidet

03 -0,co5

03 nominal

75 % de la section + A 0
nominale au col Ecoulement

0 50 Incident

' 3 nominal

Fig. 11 - Diffuseur radial A calage variable. Choix du centre de rotation
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3.2.2 Effet dojeu

Les systilmes h calage variable essay~s A ce jour, sur les diffuseurs radiaux de compretteurs centrifuges (rdf. 6 et 7) et sur les
distributeurs do turbines centrip~tes (rdt. 8). tont fortenient p~nalisbs par let effets du jeu tur let performances. La diminution du
rendement constat~e ass de l'ordre du point par pourcent de jCu relatif ault extr~mitils des aubet.
Un calcul taube A aube* transsonique (rif. 9) avec simulation des pertes a permis de calculer la distribution des prestions statiques
sur l'intracat eat sur l'extrados de la pale (fig. 12).

De fagon A r~duire les effets de jeu, des flasques sournans solidaires des aubages dans la Partia captation suppiiment let; fuites
intrados/ extredlos dans Ia zone des forts gradients de pression. Les flasques tournants de la pale adjacente permettent de limiter let
fuites dans la zone centi le. Enfin. vets Ia sortie du diffuseur. let fuites sons limitikas parle faible 6cart de pression at par IC laminage de
l'air dQ A li6paisseur locz a de Iaubage.

I.~~~ ~ ~~~Pvso Fi.12Dsriuin ersso taiu

dantn leah difueu aal poin nomna

.0, Corde r~duite

3.3 Dtfinition du montage daessai du compresseur

La montage d'stwai a Wr d~fini afin de relaver let performances du compresseur pour diff~rents calages du diffuseur radial et
pour diffdrents jest ass extr6mit~s des aubages sans damuntage Ji. 6~ machine,
La principe de fonctionnemnent retens est scls~matirA figure 13.
La commande en rotation est effectuke par sne couronne qui eritrainie I'aubage par l'interm6diaire d'un manetos.

Couronne dea commanrie

Fig. 13 -Diffuseur radial A calage variable. Aubes variables
Principe de la r~alisation
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L'ensaemble des probltmes m6caniques posits

*efforts do commando des aubages variables.
*dilatations tlsermiques relatives does diff~rentes pikces (Ia tempdrature des gaz pouvant allot jusqu'A 350

0
C),

*doplacoment relatif du flasque avant par rapport au flasque arri~re pour le r~glage du jeu aux extr~snitft des aubes (1a mosure
du jeu Atant effectu~e par des capteurs de proximitd).

a Ws pris en compte pour la definition du montage doesd.

La figure 14 mor*ro 1ensemble des auboe positionn~os sur le flasque avant et Was A la couronne de commando.

Fig. 14 -Diffuseur radial A caloge variable:
flasque avant

3.4 Rdsultats d'essais

3.4.1 Rdsultats globaux

Les performances du compresseur ont Wt mesur~es pour quatre calages du diffuseur radial correspondent A 75, 85, 100, 125 %
do Ia section au col nominate.

Pour un jeu nut sx extr~ntfis des aubes, ves diff~rerrts diagrammes compresseurs sont prtAentbs fig. 15.

Le taux de compression (total / statique) et donn6 pour diff~rents debits et vitesses de rotation r~duits. Or remarquv que le
d~bit et Ia limite do pompage varient proportionnellement A Ia section au col du diffusour tant quo Ia roue mobile nest pas bloqu~v.
Cola confirrne I'ltude th~orique pr~sontfe pr6cWdmment If ig. 7). l1 en et do m~ine pour le taux do pression qui vanie peu avec le d~bit
pour une vitesee de rotartion donnbe.

, Tax dopresion100 % section au col

0. 1. 1 100%t dar Iut kg

Fig 1 -Inlunceducaag d dffueu rdil ur ospefomace
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La variation du rendement (maximum ou h 11 % de marge au pompage sur chaque isovitessell est donniie fig. 16 en fonction du
taux do pression, pour diffdreasts calages du diffuseur radial.

L'optimum de rendement se d6place vers lea torts taux de pression lorsque Von ferme le diffuseur radial cela rhsulte de
I'adaptetion relative de ia roue et du diffuseur radial.

j Variation du rendemnewi global
Mtaxim. w a I 1 % do ewgsp aus peeseq

0- 125%

Fig. 16 -Influence du calage du diffuseur radial 85%u o
sur le rendensentI 

t

10Tau xde presason

2 4 6 8

3.4.2 Analyse des rfsultats

L'analyse d~taille des performances montre que I'augmentation de rendlement mesurfie lors dle l'ouverture du diffuseur radial
eat due aussi bien A la roue (fig. 17) qu'au diffuseur (fig. 18).

Ul'ivolution du taux dle diffusion rfel MR2 de la roue ramenO au taux ble diffusion ideal M R21 (suivant Ia formulation proposie
rference 10) est pr~sentfe fig. 17 pour diff~rents calages du diffuseur radial. Lea performances du mobile s'amfiliorent par ouverture
du diffuseur radial ;cea amikliorations sont limitiles par le blocage de 'avant roue. Pour les faibles debits, les performances du mobile
sont limit~ea par Ia ddsadaptation en incidence.

L'&volution de [a perte de charge du diffuseur radial ramen~e au facteur dle charge afirodynamique D34 IGfn~ralisation du
facteur dle LlEBLEN ; rflf. 11 ;pour un coulement radial) est pr~sent~e fig. 18 pour differents calages du diffuseur radial. Les
performances du diffuseur s'amfiliorent A l'ouverture, essentiellement du fait de la diminution du facteur be charge afrodynamique.

MR2 Taux de diffusion riel 15 1

100 % Section as ccl

-. * ~(Perte de charge)
W 34 rif~rence

I .75 % Section au col

1.6 / 0.-- 7% 100%
- ." ~ 125%

- 2.

1A-_ _

Ta.n de diffusion id6al MR 2 i Facteur dea charge 034

2 34 5 IN0.7 o.8 02 I

Fig. 17 .Influence du calage du diffuseur radial Fig. 18 Influence du celage du diffuseur radial
sur lea performances de Ia rose sur sea performances
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3.4.3 L'influonce du jou

L'influonico du jou oux oxtrimitis des aubos our las performances ant prdsontie fig. 19 pour difflronts calagos du diffuseur radial
at pour uno vitosse do rotation do 93 % do Ia vitoaso nomninale.

L'augmontauion du iou amnon uno augmontation proportionnolle do Is aection au col at autorise des fuitos d'air do l'intrados A
loextrados des aubagos. Cola so traduit par un diplacemon: des caractiristiquos vets las forts debits lorsquo Ia diffusour ont bloqut (75 %
at 85 % do (a aection au col nominalel sans toultotois degrader Ia nivoau do rondomont. Lorsquo Ia diffusour nost pas bloqu 6, los perlor-
mances no sot pas affactias par un iou do 3 % aux extr itis des aubagos.

Taux do paoalon Jasi relatif / faew

7

6.

5 75%' %5 t %110 % 125 %

0464 d'aer (kg/s)

1.0 1.5

Eaort do randanront (point) .iou ralatif / faew

- 0%

0-

I-I- 100O-% 110 % 125 %

-20 ~~~85% Seto% o

75 %
DWbI dair (kg/si

1.0 1.5

Fig. 19 - Influence du jou aux extrimit~s des aubos sur los performances

4. CONCLUSION

Los 6tudos paronritriquos offactuios tur des cycles do turbomnoteurs do Ia classa des 500 ch, montrant lint~rnt de Ia giomitrie
variable pour ridug 'i consommation do corburant A charge partiella.

Dans cotta taillo do motour o6 la comnpressionr s'offactuo on us soul dtage centrifuge, Ia combinaison d'un diffusour radial A calage
variable at:

- d'un distributeur do turbine do puissance A calage variable dans uno configuration bturbine libre at 6changaur oval,

- d'un distributaur variable do turbine cantripilta dons une configuration A turbine li~e avec ou sans 6chongaur oval,

perinat d'obtonir une consomrnotion spicifique sonsiblarnont constanta do 40 % A 100 % do Ia pt;ssance nommnalo.

Uno r~alisation do diffuseur radial & calage variable, odaptde A un cornprosaeur centrifuge do 8,5 do taus do pression, a Wt foito.

Los ossais snontrant :

- qu'une variation do d~bit do 50 % pout itra obtanue & une vitasse donnie pour une foible variation do rendemret at do
tous do pression,

- quo Ia sonsibiliti au jou est foible.

Cos r~sultats permantent do ccnfortar los gains potentials quo montro 1Vitude paromftrique pr~sentie.
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DISCUSSION

Y. RIBAUD, Fr

L'emplof d'un ichangeur aval apparaft tris intiressant. Avez-vous diji
essayi un tel ichangeur sr turboesoteur, et si out, quel est l'accroltsesent
de poids du esoteur 1ii i l'ichangeur ?

Riponse de leutaur

Un ichangeur intigrii i un tarboeloteur n'a pat Wt essayi. Toutefois,
let estals d'ilielen d'ichangeur Ott montri ]a possibiliti d'obtenir un ti-

y eas d'efficacitj sup~rieur i 80 %. L'accrolssement de la masse du moteur,
d~e i lintroduction d'un icliangeur, sera essentiellement fonctiot ds nfveau

tl effi cad t retenu.
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Abstract

Results are reported for a measurement program designed to investigate the performance
deterioration of gas turbine engines and the associated auxiliary equipment difficulties
when operating in dust-laden environments. Three TF33 turbofan engines and one J57 turbojet
engine have been tested with two different dust blends. The predominant damage mechanism
in all of the engines was compressor blade erosion. The length of dust exposure time
required to cause engine damage was dependent upon power setting and dust concentration.
The turbine inlet temperature for these engines was too low to realize .cOsltton of Rlassy
material on the hot section components.

The Environmental Control System (ECS) was monitored to ascertain the relative amount
of ingested material and the size distribution of that material that makes its way to the
ECS. A significant fraction of the dust is not centrifuged out of the flow and does end up
in the control system air. These particles have a mean size on the order of 6 Am.

The engine parameters most indicative of degradation have been identified and are
discussed. Even with an eroded compressor significant thrust can be generated by
unconventional operation of available compressor bleeds.

1. INTRODUCTION

This is the third in a series of three technical papers describing the results of a
measurement program designed to ascertain the operation of gas turbine engines in dusty
environments. Reference 1 presented results obtained for two different TF33 turbofan
engines and one J57 turbojet engine when exposed to a single dust blend. The TF33 turbofan is
a derivative of the J57 which evolved by removing the first three stages of the J57
compressor and replacing them with two fan stages. The third stage turbine of the J57 was
enlarged and an additional low pressure stage was added. The J57 compressor has basically
the same flow path as the TF33 aft of the fan stages, but the high pressure compressor
blades are constructed of steel instead of titanium for the models tested. It was initially
thought that perhaps the titantium was more susceptible to erosion than would be the steel
blades. This did not turn out to be the case as is described in (1). Upon completion of
the first turbojet measurements, the engine was torn down and the results presented in (1)
concentrated on the damage sustained by that engine. The principal damage mode was
compressor blade erosion. Previously reported (3-5) encounters with dust clouds involving
T56, RB.21l, and JT-9D engines resulted in significant glassy deposits on the hot section
components becoming the foremost damage mode.

It is also important to develop a predictive capability so that one can extrapolate
the results reported in (1) to other engines and other operating conditions for which data
are not available. Detailed measurements of compressor and turbine erosion are available as
a result of this measurement program because one of the TF33s and the J57 were both torn
down for detailed inspection. Refurbished blades as well as new blade profiles were
provided so that comparisons of the wear characteristics could be made. Reference (2)
provides a discussion of the analysis effort.

The technology program currently underway at Calspan in the area of propulsion
research utilizes a unique facility that allows one to subject operating engines to adverse
environments without endangering either an airplane or a flight crew. Reference (1)
describes the facility and some of the results obtained from the first two TF33 turbofan
engines and the J57 turbojet engine. Reference (2) describes the analysis effort that was
undertaken to extrapolate the results to other engines and other operating environments.
The purpose of this paper is to discuss results obtained for a third TF33 operated at
conditions similar to one of the previous TF33s but with a dust mixture significantly
different than used in (1).

*The research reported in this paper was sponsored by the Defense Nuclear Agency under
contract DNA 001-83-C-0182.
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This paper also addresses the results from tests where the engine high pressure
compressor bleed air was sampled for dust. From previous reports of aircraft encounters
with volcanic clouds (3-5) it is known that a portion of the engine ingested material ends up
in the environmental control air supply. For all of the encounters, the crew has reported
an acid-like smell with other indications of the volcanic cloud. For the engines used
here, the air supply for the cabin air conditioning system is taken downstream of the 16th
stage compressor from the diffuser casing at a location on the outer shell. The necessary
plumbing was installed on one of the TF33 engines so that samples of the material contained
in the compressor bleed air could be collected and analyzed. In addition, the same sampling
system was used to collect samples of material leaving the fan discharge for later analysis.
The results of this analysis will be described later in this paper.

The remainder of this paper will provide a very brief summary of the experimental
technique, a summary of the material composition, a discussion of results and a set of
conclusions and recommendations.

2. EXPERIMENTAL APPARATUS AND TECHNIQUE

A sketch of the dust injection system, the dust tube, and the engine mounting system
as they are located within the engine test cell is given in Figure 1. The primary components
of the dust ingestion system are the reservoir, the weighbelt feeder, the compressed air
system, and the dust tube. A bellmouth is placed at the entrance to the dust tube to help
with flow quality. The engine is mounted from an H-frame and is independent of the test
stand as illustrated.

MANUAL
VERTICAL

FEEDER RESERVOIR GATE

VARIABLE SPEED BELT

FORCE00ANCE_/ KRESERVOIR
FORCEBLNC

LOW ASPRATION CHUTE --- '\

: j COM O ;*;.S

TO EJECTOR AIR
W fGHSELT
FEEDER

Figure 1 Sceematic of dust injection system.

2.1 The TF33-P-11A Engine

The particular engine of interest in this program was the TF33-P-11A turbofan built
by Pratt/Whitney Aircraft. To subject this engine to the proposed environment one needs:
(1) a substantial thrust bed, (2) a substantial enclosure to protect the surroundings in
the event of a catastrophic engine rupture or fire, (3) a noise suppression structure to
attenuate the engine noise level emanating from the fan, the core, and the jet exhaust, (4)
a cell which provides a sufficient flow of well-behaved air, and (5) an appropriate fuel
storage and delivery system.

The TF33-P-11A engine used here was taken from an RB-5TF aircraft. The TF33-P-3, P-
5, and P-9 engines are currently in use on the C-135B, the EC-135B and C, and the B52-H
aircraft. The TF33-P-7 and P-7A engines are used on the C-141 and the Tre3-PW-100A engine
is used on the E-3A. The sea level static takeoff parameters for the e-n model are
approximately 8,200 Kg (18,000 lbs) thrust, inlet airflow of 209 Kg/s (460 lb/s,, bypass
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airflow of 120 Kg/s (264 lb/s), turbine inlet temperature of 8700C (16000F), turbine
discharge temperature of 480C (895OF), and compression ratio of approximately 13.5:1.
The engine is equipped with an intercompressor bleed valve which is used to increase the
surge margin at low speed. Some models of the TF33 are equipped with a bleed valve override
so that the valve can be maintained in the closed position during crosswind taxi and thus
avoid low speed engine surge. The TF33-P-11A is one of these engines.

2.2 The Dust Injection System

The dust injection system used here is the same system that was described in (1) and
sketched in Figure 1. A 3.65m (12 ft) long dust pipe provides a conduit to the engine face.
The dust pipe contains a cluster of six nozzles through which the dust is introduced at
the upstream end. This combination of multiple nozzles and length of dust pipe is used
to establish a uniform and equilibrated dust cloud just upstream of the fan face. It is
important that the velocity of the dust particles be in equilibrium with the local velocity
of the air stream ahead of the engine face in order to correctly simulate the encounter with
a stabilized cloud. From this initial state of dispersion, the air and the dust particles
are accelerated and turned by the bullet nose to the engine face similar to what occurs
in flight.

The dust is delivered to each of the six nozzles as a high-loading air-particle

dispersoid which is transported by compressed air. Both the particulate material and the
carrier airflow are carefully metered. The carrier airflow is constant at all feed rates
and engine power settings. The lines are sized to limit the airflow to 2% of inlet air
and deliver the particles into the inlet air at a release velocity which is closely matched
to the local value.

2.3 Dust Blend #1 and #2

In the series of TF33 and J57 dust ingestion tests, two different blends of dust
have been used to represent dust environments. A detailed description of blend #1 was given
in (1) and was composed of 1/3 Hollywood sand + 2.5/9 Corona Clay + 1/3 Mt. St. Helens ash
+0.5/9 Bentonite. The particle size distribution of each of the components in the mix is
also given in (1). Blend #2 was constructed in order to increase the glass content of the
mixture and to lower the melting temperature of the glass in that mixture. To achieve
this purpose, the Mt. St. Helens ash was replaced with a greater amount of black scoria
which was obtained from Twin Mountain quarry at Des Moines, New Mexico. An analysis of
the scoria performed by the University of Nebraska and the National Soil Survey Laboratory
(7) produced the result given in Table 1. On the basis of these results, it was assumed that
the scoria glass fraction was on the order of 85%.

Table 1. Summary of glass fraction analysis for black scoria.

Glass Fraction - University of :nebraska

250 pm portion:

glass for sure : 76%
glass likely but too opaque : 7.3%
partly glass (nitrophere) : 3.3%
crystalline for sure: 14.4% (plagioclass and pyroxene)
nominal glass fraction : 80 - 85%

Glass Fraction - National Soil Survey Laboratory

40% 100 to 250 pm size : 94% glass (37.6% glass)
22% 47 to 100 pm size : 88% glass (19.4% glass)

35% <47 vm size : 70% glass (26.6% glass)

I00 - weighted sum 83.6% glass fraction

The next important matter was to specify the appropriate mi.ture to be used for the
engine measurements. This blend was specified by RDA (G. Rawson) (8) and is given in Table
2. As was noted earlier, the intent of this new blend (blend #2) was to increase the glass
content from approximately 8% to approximately 34% and to significantly reduce the melting
temperature of the glass in the mixture.

Figures 2(a) and (b) are a micrograph of the scoria magnified 100 times and the
elemental composition spectrum of the scoria. The elemental spectrum is consistent with
the University of Nebraska analysis illustrating prominent peaks at silicon, aluminum,
calcium and iron. Figures 3(a) and (b) are a micrograph and an elemental composition for
Mt. St. Helens ash. Comparison of Figure 2(a) with Figure 3(a) illustrates that the Mt.
St. Helens ash can reasonably be represented by a sphere whereas the scoria has the shape
of platelets.
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Table 2. Definition of blend #2 for use In TF33-P-11A engine.

Hollywood Sand

premix recipei 15% of <106,um size bin
85% of 106 Am~ to 250Oam size bin

Corona Clay

premix recipe: T5% of <106 um size bin
25% of 106 gum to 250 gtm size bin

New Mexico scoria

premix recipe: 100% of <250 u~m size bin

Bentonite

as available: 100% of <106 g~m size bin

Mixing recipe of premixed materials above:

26% Hollywood sand + 26% Corona clay +42% scoria + 6% Bentonite

1.! MICROGRAPH OF SAMPLE MAGNIFIED 100'TIMES

W. MICROGRAPH4 OF SAMPLE MAGSNIFIED 20 TIMES
A]S~ 1  A~.IS C. FeFs A -1 -S I I

1b) ELEMENTAL COMPIO5ITION SPECTRUM WbI ELEMENTAL COEUOSITION SPECTRUM

Figure 2 Scanning section microscope micrograph usd Figur*3 Scanning asctron microscop micmogaps and
composition spectrum of black scoria. composition specuumn of Mt. St, Iuss a fsh

tepl (unprocamsd ah).
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2.4 EXPERIMENTAL PROCEDURE

Prior to dust exposure, the engine was sent through a set of preliminary runs for
the purposes of: (1) checking engine, instrumentation, and facility operation;
(2) generating pre-exposure engine baseline data; and (3) providing operating personnel
with engine handling characteristics during rapid accelerations and decelerations. Baseline
data in the "as installed" configuration were important in order to monitor the engine
deterioration with increased dust exposure.

To perform a dust exposure measurement, the engine throttle is advanced to the
predetermined EGT value, several minutes are allowed for the engine to thermally stabilize,
the dust feed system is initiated by turning on the injecting air at the MA-IA start cart
and then starting the weighbelt feeder. All available engine monitoring parameters are
recorded just prior to dust initiation, many times during ingestion, and immediately after
the dust flow is terminated. Control cab and control room readings are taken simultaneously.
Throughout the run, the engine pressure ratio (EPR) corresponding to the initial EGT set
point is held constant.

The selected EGT set points were picked for descent, cruise and military rated thrust
(MRT) and are based on typical in-flight data collected by the USAF Strategic Air Command.
Aslo before each dust exposure run, dust weight flow is calculated to match the desired
dust concentration. The calculation involves several steps. First, an EGT for the given
TIT set point is inferred from the Pratt/Whitney-furnished EGT vs. TIT plot. Secondly,
baseline plots of EPR vs. EGT/TT2 are used to infer an EPR value from the measured EGT and
TT2. Thirdly, the corresponding corrected engine air weight flow is determined from
bellmouth pitot-probe measurements. Finally, the dust ingestion concentration is multiplied
by the air volumetric flow rate to give the target dust weight flow.

When the engine had ingested the total amount of material prescribed for the run,
the feeder was stopped and the injected air shut off. At the end of each exposure, a set
of readings was taken before shutting down and readings were taken at two or three
intermediate power settings in order to establish a deteriorated engine baseline. The
engine was run through several rapid acceleration/deceleration cycles to determine the
engine response. The acceleration schedule consisted of moving the throttle from idle to
an intermediate power setting in six seconds, holding the throttle steady for several
seconds, and returning the throttle to idle in six seconds.

3. DISCUSSION OF RESULTS

The results to be p-esented here will be divided into three basic parts; (a) a
comparison between the results obtained for two TF33 engines that were exposed to
significantly different dust blends but for a similar test matrix. (b) a description of
the wear characteristics on the component parts for one of the TF33 engines using photographs
taken during the tear down, and (c) a discussion of the ECS and fan bypass sampling.

3.1 Results obtained using two TF33's and two dust mixtures

This section of the paper will describe the results obtained for the two TF33 engines
when they were subjected to different dust blends. One of the engines that will be discussed
here was tested in a group of two TF33s and one J57 all exposed to the blend #1 mixture.
This particular engine (TF33 engine #2) experienced a test matrix similar to that of TF33
engine #3 the last engine tested.. Engine #2 was exposed to the dust mixture described
earlier as blend #1. The primary damage mode for all of the engines exposed to this mixture
was compressor blade erosion. However, on the basis of in-flight experiences (3-5),
deposition of glassy material is known to occur on hot se.tion components during encounters
with volcanic material. Late in the measurement program, it was determined that the Mt.
St. Helens ash was composed of about 25% glassy material instead of the initially believed
80%. This raised the obvious question regarding the results obtained with these engines;
did glassification not occur because the TIT was too low or did it not occur because the
glass concentration of the blend was too low?

The third TF33 was therefore dedicated to a glassification study. The question to
be answered was: at the operating temperatures of the TF33 engine, will naturally occurring
glass melt in the combustor and subsequently deposit on the hot section components of the
machine? For this purpose, the Mt. St. Helens ash was replaced with a low melting temperatue
glassy material, black Twin Mountain scoria, and the relative fraction of the scoria in the
mix was increased. The new mixture to be used for TF33 engine #3 was termed blend #2.
Viscosity-temperature calculations were performed by Cranmer (6) demonstrating that the
viscosity of black scoria in the 2000OF temperature range was on the order of 50 times less
than that of the Mt. St. Helens ash. The test matrices to which engine #2 and engine #3
were subjected are given in Tables 3 and 4, respectively.
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Table 3 Dust ingestion matrix for engine #2.

Exposure Time
Run Load Cono Power TIT EGT
# kg mg/m This run, hrs. Cum. Hrs. _ °C C

61 26 120 0.38 0.38 MRT 918 477
62 34 240 0.25 0.63 MRT 875 463
63 33 480 0.125 0.76 MRT 873 461
64 80 240 0.75 1.51 cruise 679 340
65 140 240 1.40 2.91 cruise 677 338
66 200 480 1.0 3.91 cruise 682 343
70 27 120 0.52 4.425 cruise 715 363
71 26 - 0.30 4.725 idle 530 265

Total dust load 566 kg
Total exposure time = 4.725 hrs

Table 4 Dust ingestion matrix for engine #3.

Exposure Time
Run Load Conc. Power TIT EGT
# kg mg/m

3  
This run, hrs. Cum. Hrs. c C C

98 47.7 480 0.25 0.25 Cruise 682 344
99 94.5 900 0.25 0.50 Cruise 682 344
100 67.3 480 0.25 0.75 MRT 918 477
101 129.1 900 0.25 1.00 MRT 918 477
103 49.5 480 0.25 1.25 Cruise 682 344

Total dust load = 388.1 kg
Total exposure time = 1.25 hrs.

3.2 Description of engine damage

At the conclusion of run #71, engine #2 had ingested 566 kg of blend #1 over a time
period of 4.725 hours. Because the engine is disassembled from the tail cone towards the
fan, the discussion of results will also proceed in that direction. The damage description
will be illustrated with photos taken from the tear down of TF33 engine #1; TF33 engine #2
was not disassembled but a borescope inspection revealed very similar damage. The first
hot section components to be removed were the low-pressure turbine stages and nothing
unusual was observed with these parts except for a light dusting of dirt on the blades
which could easily be removed with the finger. The high-pressure turbine rotor was the
next component removed and it also had a light layer of dust on the blade surface as shown in
the photograph of Figure 4. The most interesting feature of this photograph is not the
dust, but rather the manner in which the dust illustrates the flow pattern over the suction
surface of the rotor blades. The dust appears to collect only in the midspan region of
the blade.

Figure 4 Photograph of HP turbne rotor.
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The HP nozzle guide vane (NaV) has a thermal barrier coating and compressor discharge
air Is directed through an internal cavity of the vane to provide forced convection cooling.
The only influence of the dust on the NGV was to remove a portion of the thermal barrier
coating In the stagnation region of the vane as shown in the photograph of Figure 5. There
was also a light dusting of material on the suction surface of the NOV that could easily
be removed. However, no evidence of glassified material was found on the NGV surfaces.

Figure 5 Photograph of HP turbine nozzle guide van.

The combustor was then removed and found to be in reasonably good condition. No
evidence of glassified material was found anywhere in the combustor system. There was a
light dusting at one location in the #8 combustor can as shown on the photograph of Figure
6. This material was loose and did not appear to have any adverse influence on the operation
of the device. Figure 7 is a phrtograph of one of the burner nozzles that again illustrates
a light dusting of material, but nothing of sufficient quantity or solidity to be troublesome.
The small diameter tubing leading to the pressure transducer that measures burner pressure
and then communicates with the fuel-flow controller was carefully inspected. There was a
very small accumulation of light dust in this tube, but the line would have to be considered
unobstructed.

Figure 6 Photograph of inside surface of fl ombutor can.



Figure 7 Photograph of burner nozzles.

The high-pressure compressor was the next major component to be removed from the

engine and at this point the damage mechanism became obvious. The 16th stage compressor
blade tip was seen to be badly eroded as illustrated in the photograph of Figure 8. For
this stage, the squealer is nearly gone and the leading edge in the 70% to 100% span region
is badly worn away. What one cannot see from the photograph is that the tio region of the
blades were worn to a knife edge, so sharp that great care had to be taken in handling the
rotor disc. The wear pattern on the 13th stage blade is shown to be similar to what was seen
for the 16th stage. Again the squealer is nearly gone and the leading edge of the blade in
the 70% to 100% span region is badly worn. Figure 9 is a photograph comparing new blads

with blades taken from stages 10, 12, 14, and 15 of the engine. A blade tip tear is clearly
sho4n in Figure 9 for the 10th stage blade. Stages 12, 14, and 15 clearly demonstrate bad
tp wear with 14 and 15 being narticularly bad. Figure 10 is a photograph of the suction
surface of one blade from each of the HP compressor stages. Figure 11 is a photograph of
the 10th stage compressor disc illustrating that the blade selected for presentation in
Figure 4 was ;ypical and not an isolated case.

Figure 8 Photograph of 1th stop HP compremor disc.



Figure 9 Photograph of 15th, 14th, 12th, and 10th stage HP comnpressor blades.

Figure 10 Photograph of HP compressor blades.

Figure 11 Photograph of 10th stoge HP compressor disc.
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The low-pressure blades were also worn and damaged, but not as badly as the HP blades.
Figure 12 is a photograph of the 4th stage LP disc as it was being removed from the machine
illustrating a saw tooth wear pattern near the trailing edge in the tip region. This
particular pattern was not present on all of the 4th stage blades, but it was present on a
large fraction of them.

Figure 12 Photograph of 4th stage of LP compressor.

The internal cavities of the engine collected significant quantities of dirt as can
be seen from the photograph given in Figure 13. This dirt was coi-pacted but it could be
easily removed by scraping with a soft object. For analysis purposes, large amounts were
collected in this way.

Figure 13 Photograph of internal cavities of engine #1.

Because glassification was not observed in engine #2, the blend was changed as
discussed above and a third TF33 was installed in the test cell. The test conditions to
which the third TF33 engine was subjected are given in Table 4. At the conclusion of Run
#103, the engine had accepted a total load of 388.1 kg over a total exposure time of 1.25
hours. Of this exposure time, 0.75 hours was at cruise power and 0.5 hours was at MRT.
The maximum dust concentration to which the engine was exposed was almost twice the highest
value previously used. The very prominent St. Elmo's glow reported in (1) was again
observed for dust blend #2. Because of the higher power settings and the higher dust
loadings, the glow was much brighter than shown in the photographs of (1).

At the completion of each run, a detailed internal inspection (borescoping) of the
engine was performed. Easy access was possible to the combustor, the HP turbine nozzle
guide vane, the LP rotors, the 16th stage compressor blades and the lst and 2nd stage LP
compressor blades. The borescope used to perfom these examinations is a 6 mm diameter
Olympus unit with a controllable head. The unit is equipped with a 35 mm camera so that
internal photographs of the machine could be and were taken for future refe-nce.

Also at the completion of each dust ingestion run, the engine was required to undergo
several acceleratlon-dwell-deceleration (6 see - 2 see - 6 see duration) cycles to Insure
proper throttle response. First indication of significant engine damage usually surfaced
during the acceleration portion of this sequence in the form of a tailpipe surge, one of
which Is shown in the photograph of Figure 14.



Figur 14 Tailpipe urp for TF33 engne #2.

In order to easily advance the engine to the cruise power condition for Run #103,
the anti-ice system was turned on and the bleed valve was held in the open position. The
power lever angle (PLA) is slowly advanced until achieving a PT7 of 5.5. The PLA is then
retarded to obtain a PT7 of about 3.0 and the bleed valve is switched to the closed position.
The engine can then be easily accelerated to a PT7 in the 8 to 9 range and the operator has
good control of the engine (MRT corresponds to PT7 of about 10).

At no point during the measurements was glassification observed on any of the
components. The primary damage mechanism for this engine was tha same as it had been for
the two previous TF33s and the J57, erosion of the compressor blading. The pattern of the
erosion was very similar to what had been previously seen. While the engine #3 measurements
were being performed, a separate combustor measurement program reported in (9) was also
underway. The material used in (7) was consistent with blend #1 and blend #2 compositions.
However, the turbine inlet temperature in (7) could be varied over quite a large range as
could the dust concentration. As these combustor measurements were completed, it became
obvious that the reason why glassification was not observed in the TF33 was that the turbine
inlet temperature was about 2000 to 300OF too low to melt and deposit any of the dust
constituents.

By way of comparison, the two TF33 engines exposed to dust blend #1 which contained
Mt. St. Helens ash accepted considerably larger amounts of dust and operated somewhat
longer than engine #3 (see (1)). Engine #1 was operated at a dust concentration of 120
mg/m

3 
and at a power setting of descent (for 1.45 hours) and cruise (for 10.42 hours) for

a total loading of 860 kg over 11.87 hours of exposure. Engine #2 was operated at dust
concentrations in the range 120 mg/m

3 
to 1480 mg/ at power settings of idle (0.3 hours),

cruise (3.15 hours,, and MRT (0.76 hours) for a total loading of 572 kg over 4.73 hours
of exposure.

The total time at MRT was about the same for engine #2 and engine #3. However, engine
#2 accepted 93 kg of blend #1 during this time and engine #3 accepted 196.4 kg of blend #2. It
is known from (3) that either higher power settings or higher dust concentrations have a
tendency to deteriorate the machine at a more rapid rate. Because of the much higher
loading for engine #3, it is difficult to be certain whether the rapid deterioration of
this engine was due to the erosive characteristics of the scoria material or if it is the
result of the higher concentrations at the higher power settings.

3.3 Dust sampling in bypass and ECS

During testing of engine #2, the by-pass air and bleed ai to the ECS were sampled.
This sampling was planned for the purpose of obtaining preliminary measurements of dust
density and size in order to assess whether or not a Lhreat to crew and electronic equipment
in the cabin exists.

Among the questions to be answered were:

(a) What is the level of dust release at the compressor bleed which is used for the
ES air?

(b) Does this level scale with the dust concentration at the engine inlet?

(c) Is there significat*t pulverization of the dust as it moves along the compressor?

(d) How much pulverizatlon takes place in the fan and how much in the compresso-
stages further downstream?

(e) How does bleed dust concentration vary with throttle setting?
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The sampling system which was used for these measurements consisted of a cylindrical
heat resistant filter bag, a short admission line, a remotely operated valve and, in the
case of by-pass sampling, a 2.54 cm (1-inch) diameter probe facing into the by-oass discharge
flow. For sampling in the compressor bleed air, the admission valve was mounted directly
to the bleed air flange which is located at the 10 o'clock position on the rear compressor
housing. An orifice plate was used to meter the airflow in the bleed. The high pressure
service airbleed level of 1.0% of core engine airflow at cruise thrust was selected as
typical to evaluate airbleed content. For sampling in the by-pass discharge, the 2.54 cm
probe was installed facing the stream inside the collector duct also at the 10 o'clock
position. The remainder of the sampling system was the same in the two measurements. In
each case the collection time was remotely controlled by opening and closing the solenoid
valve at the desired times in the test sequence. The amount of dust sample collected in
the filter bag was determined by weighing the filter before and after the test.

As a result of the sampling, dust amounts ranging from 10 to 235 grams were obtained
from the ECS. These results are presented in Table 5. Prior to test Run #65, a limited
effort was devoted to implement the sampling system for the ECS bleed. During Run #65,
the first bulk sample of dust from the ECS air was obtained in the filter. Comparison of
the pretest and post test weight of the filter bag indicates that 32.2 grams of dust were
collected over a sampling time of 10 minutes. During this time, the engine operated at
cruise power in air with a dust concentration fo 240 mg/m

3
, resulting in a total amount

of ingested dust'equal to 14.5 kg (32 lb) during the sampling time. A larger sample was
obtained in Run #66 at the same engine power setting but at higher dust concentration in
the inlet air (480 mg/m

3
). In this case, the threefold increase in sampling time and

twofold increase in dust density resulted in a total amount of ingested dust equal to 102
kg (225 lb). This was followed by a sequence of three runs in clear air which were scheduled
to investigate the possibility of accelerating the engine beyond the cri

t
ical rpm level.

Table 5 Summary of test conditions and results at dust sampling in bleed and bypass air.

Sampling
Total Dust Time/Location Amount Rate of

Run No. Ingested (Kg) (mm) Collected (g) Collection (g/min)

65 14.5 10/ECS 32.2 3.2

66 102 30/ECS 235 7.5

67-69 0 0

70 26.6 30/ECS 63 2.1

71 23 16/BYPASS 10 0.63

TOTAL DUST INGESTED = WEIGHT FEED RATE x SAMPLING TIME

After Run #69, before changing to the installation of the sampling system in the by-
pass duct, one more collection in the ECS bleed produced 63 grams in 30 minutes during Run
#70. In this run, the engine operated at cruise power and ingested 26.6 Kg (58.5 lb) during
the sampling time (at a concentration of 120 mg/m

3
).

After Run #70, the sampling was moved to a location in the by-pass discharge duct. On
the first run attempted after this change, it was not possible to accelerate the engine
beyond a near idle power setting. The by-pass sampling was carried out at this low thrust
setting for 16 minutes, and 23 Kg (50.4 lb, of dust were ingested by the engine during
this time. The dust in the ECS system results in erosion of the plumbing at the pick-off
point on the engine. Figure 15 is a photograph of the ECS air duct taken soon after Run #71.

Figme 15 P9hotogrsph of ECS phxumb~ng.
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The rate at which samples of dust were collected from the bleed air and by-pass air
are also indicated in Table 5. From these and the measured feed rate of the input dust the
value of two important parameters which charaterize the contamination of the bleed air
were computed. The absolute level of contamination of the bleed air at any inlet dust
concentration is defined as the fraction of the input dust that shows up in the bleed. In
the three cases sampled, the value of this fraction was approximately constant with an
average value of 2.2 parts per thousand. The efficiency of the particle collection process
at the ECS bleed can be obtained from this contamination level and the estimated air mass
flow in the bleed manifold. In our case, the latter was 0.5% of the total mass flow into
the engine. This results in a 45% particle collection efficiency in the ECS bleed. The
collection efficiency depends primarily on the geometry of the engine near the ECS bleed
and the local air velocity. The engine geometry is fixed and the contribution of changes in
the local air velocity to the collection efficiency, with moderate changes in thrust
setting, is expected to be small. Thus, the collection efficiency is relatively independent
of thrust setting, its measured level can be used to estimate the absolute level of
contamination for the bleed air at power settings other than cruise. For example, at MRT
the increase in ECS airflow of about 50% would produce an absolute level of contamination
for the bleed air equal to 3.4 parts per thousand of input dust feed rate.

A quantitative indication of the degree of pulveriation is contained in Figures 16
and 17. These results of particle size distribution were obtained using the two indpendent
techniques of wet size analysis (Microtrac) and air jet dry size analysis (Alpine Air Jet
Sieve). The average size of the particles collected in the ECS after passing 16 stages of
the compressor was about 6 microns. However, the average particle size of the material
collected In the by-pass was also on the order of 6 microns. The average particle size for
the input material was on the order of 38 microns. It is suggested that most of the
pulverization takes place in the initial rotating stages of the engine.
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Figure 16 ECS run #66 average particle diameter 6 microns.
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The observations noted above should prove useful in determining safety precautions
relative to cabin contamination. A well-known danger (10) which comes from breathing air
with suspended particles is that they may form permanent deposits in the lungs. Fine
particles are most dangerous. Because their settling velocity is a fraction of 1 mm/s,
they remain suspended for long times and are easily recirculated by air currents. Fine
particles of sizes between 0.5 and 101&m are most likely to be retained in the lungs. The
nasal passages tend to trap particles larger than 10 pm, while particles below 0.5 pm are
mostly exhaled again.

4. CONCLUSIONS

Two TF33-P-11A engine have been subjected to two different dust mixtures and the
performance deterioration has been monitored. In addition, samples of dust have been
collected form the ECS and the fan by-pass. The thrust settings, the dust concentrations,
and the melting temperature of the mixture were different for the two engines.

The most important damage mechanisms for this engine is compressor erosion.
Glassification was not observed with either dust blend under any of the power settingZ.
The reason for the lack of glassification is now known to be the result of the turbine
inlet temperature being too low to produce significant melting of the material.

A significant amount of dust was captured in the ECS system. The particle size
distribution suggested the particles are fractured in passing through the compressor and
at the ECS bleed they are predominately 6 m and below. Samples collected at the fan exit
were also fractured, having particle sizes of 6 m and below. The suggestion is that the
dust pulverization occurs in the early fan and compressor stages.
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DISCUSSION

D.K. HENNECKE, Ge

You stated that you didn't observe glassification because the turbine
entry temperature was too low. But a portion of the particles is passing
through the combustor primary zone whose temperature is essentially indepen-
dant of the turbine inlet temperature of the particular engine.

Author's Reply

The low turbine inlet temperature is the principal cause for the absen-
ce of glassification in the TF33. The melting and deposition process de-
pends on the entire temperature history experienced by the individual
particles. Residence time in various regions of the combustor are more im-
portant than the peak temperature encountered. For example, a fine particle
swirling with the gas flow may soften as it traverses the primary combustion
zone and then become hard again as it goes through the dilution zone to a
relatively low temperature turbine inlet. Furthermore, each TF33 combustor
can havea complex geometry with six fuel nozzles and six entries of swirled
primary air. I believe that such a geometry leads to a shorter residence ti-
me of the fine particles in the primary combustion zone.

Y. RIBAUD, Fr

Pensez-vous que les pi~ges i poussiire permettent un meilleur fonc-

tionnement du moteur dans une atmosphire volcanique ?

Author's Reply

Yes. It is a solution possible for small engines. Separators of va-
rious design are used on helicopter installations. They are not used on en-
gines with a large airflow, such as the TF33.

J. HOURNOUZIADIS, Ge

You have mentionned that volcanic ash was deposited on the pressure
side of a turbine inlet guide vane. Have you observed any such deposits on
the suction side, and if so, on what part of the airfoil ?

Author's Reply

No. There were no deposits over most of the suction side. Only near
the leading edge and over a small fraction of the chord, perhaps one or two
percent.
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A. BROOKS, US

Why is it not viable to separate sand and dust in engines larger than
helicopter engines ?

Author's Reply

In principle, some separator designs could be scaled up to large
engines. For example, as you know, there are separators that use streamline
curvature in the axial planes of the engine inlet to cause dust to migrate
to the inlet perimeter where suction is applied in order to reject the par-
ticles overboard. These separators have low losses and could be scaled up.
In pratice, however weight penalties and subsystem complexities associated
with the larger dimensions appear to have discouraged such installations. To
my knowledge, separators are currently used only for engines with airflow up
to about 20 Kg/s ( = 50 lb/s). The TF33 has an airflow of 209 Kg/s (460 lb/s).

Verbally, you also mentioned that there should be substantial centri-
fuging of the dust occurring naturally in the fan stages. I want to emphasi-
ze that our measurements indicate that centrifuging is rather
insignificant.

W.A. VAN BODEGOM, Nl

Is dust damage considered incidental ?
Are there any (official) instructions/procedures concerning operating

in dusty environments ?

Author's Reply

For commercial aircraft, one may consider dust damage from encounters
with airborne clouds to be incidental. There are official instructions for
encounter avoidance on a case by case basis. At present, there are no offi-
cial procedures to follow, should the encounter take place. For example, FAA
Advisories were issued in the past for known eruption areas.

For some military aircraft, encounters with airborne dust clouds
cannot be considered incidental. In paraliel to this program, there are ef-
forts directed to provide means for early detection of the cloud. Then, the
pilot may avoid or choose a course to minimize damage, within mission
constraints. In our measurement program we are developing procedures that
will allow the pilot to best manage its engine resource while damage occurs.
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SUNNARY

The paper brings together some of the main conclusions drawn from recent work
in an on-going experimental program of research on the aerodynamics of a highly loaded
turbine stage. Detailed data have been secured relating to the aerodynamic performance
of transonic nozzles of high turning angle (tested with two different outer wall
contours) and the influence of the stage environment on such measurements. Further work
addressed rotor performance (as affected by blade loading), and also overall stage
performance. The ultimate objective of the work is the extension of turbine design
methods to regimes combining high stage loadings with high pressure ratios, with special
emphasis on small blade sizes.

LIST OF SYMBOLS

bxn vane axial chord
bxr rotor axial chord
Cx axial velocity, m/s
CPO nozzle local total pressure loss coefficient

(Polm - Po2)/(Polm - Ps2m)
Cp circumferential average of CPO __

i area weighted radial average of CpO
AH change in stagnation enthalpy, J/kg
m mass flow rate, kg/s

M absolute Mach number
rn overall area weighted mean Mach number at plane 2
Mr relative Mach number
N rotational speed, rpm
Nr N/'ToI, relative to design value
P pressure
Pr Polm/Ps2m
PR Polm/Po3m
T temperature, K

U Blade speed, m/s
O local flow angle, deg. from axial

F circumferential average of C.

S area-weighted radial average of CL

Subscripts

1,2,3... plane number (Fig 5)
m mean
a static
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INTRODUCTION

Gas turbine engines designed for the propulsion of light helicopter and small
turboprop aircraft generally incorporate single stage axial gas generator turbines, for
reasons of compactness and simplicity. To achieve acceptable fuel consumption, such
turbines must operate with relatively high stage pressure ratios. The resulting large
enthalpy drop, AH, calls for high rotor blade speeds for the achievement of good
turbine efficiency.

However, considerable benefits to engine weight, cost and handling character-
istics would result if blade speeds could be kept low without compromising turbine
efficiency. The results of one design study (of a 600 hp turboshaft/tuuboprop engine)
indicated that if the rotor blade diameter were reduced so that the gas generator
turbine stage loading (AH/Um

2
) increased by 37% over conventional levels, the weight

of the turbine rotor would reduce by 31%, the number of rotor blades by 24%, and the
polar moment of -nertia of the turbine rotor by 39%. The latter is particularly
important for turboshaft versions of small engines, where rotational inertia has a
strong influence on the handling characteristics of light helicopters. The only major
disadvantage of such increased stage loading is the predicted reduction in turbine
efficiency.

A research program on the aerodynamics of a highly loaded turbine stage was
therefore undertaken. This was a cooperative activity involving the National Research
Council of Canada and Pratt and Whitney Canada, and had as its objective the extension
of turbine design methods to regimes combining high stage loadings with high pressure
ratios, with special emphasis on small blade sizes. Results have been reported in
detail in References 1, 2, 3 and 4, and it is the intention here to attempt to
highlight some of the main conclusions of this work.

STAGE DESIGN

The design parameters selected pertain to a small, single stage gas generator
turbine having a stage loading of 2.47, a flow factor of 0.64, and a pressure ratio of
3.76. Figure 1 shows a comparison of the design point of this NRC/PWC turbine with
other similar designs, as reported in References 5, 6, 7, 8 and 9. Bearing in mind
that these parameters were selected in the mid 1970's, it is evident that the target
was ambitious.

The aerodynamic difficulty of the design is further illustrated by the desian
point velocity triangles of Figure 2. Both nozzle and rotor involve supersonic ex.,
Mach numbers and high flow turning angles (76

° 
in the vane and over 126

° 
in the rotor

blade) to accommodate the high stage work requirements. Conditions were more severe at
the root where Mach numbers and rotor blade turning angles were higher.

The nozzle had 14 vanes of aspect ratio 0.6, based on mean true chord.
Trailing edges were quite thick, with 20% blockage, to accommodate cooling require-
ments. Vane sections, shown in Figure 3, were stacked such that the trailing edge was
straight (no tilt) and radial (no lean) in the meridional and axial views. The
meridional view, also shown in Figure 3, illustrates one of the variables in the re-
search program, viz nozzle outer wall contouring. Secondary flow losses in the nozzle
passages might be expected to be significant, due to the low aspect ratio, high vane
loading, and turning angles involved, so that alleviation of the radial component of
pressure gradient by contouring was deemed worthy of exploration. Two nozzle builds of
differing meridional outer wall profiling were available, one with a conical outer wall
contour from inlet to exit (nozzle C), the other with a more rapid "S" wall contour
starting in the vicinity of the throat. In order to maintain the same throat area
between nozzle builds, it was necessary to restagger the C nozzle vanes 0.72* open
compared to those of the datum S version. Dimensions of test hardware shown in Figure
3 are approximately three times typical engine size.

Rotor blade design in a highly loaded turbine generally poses some conflic-
ting requirements. The research turbine was designed for sub-impulse conditions at the
blade root with a resultant large flow deflection (130

°
) and high inlet relative Mach

number (0.8). The tip section was designed to have surface velocity distributions and
loading such that there would be a minimum pressure difference across the tip from
pressure to suction surface to decrease the tip leakage flow and its adverse effects on
stage performance. Design tip clearance was 1.5% span; due to a manufacturing error
the actual clearance during the tests was 2.3% span. Details are shown in Figure 4.

From weight and cost considerations it is advantageous to minimize the number
of rotor blades in a turbine. However, without increasing the stage reaction this
implies higher blade loading, for the same axial chord, and possible performance
penalties. In order to investigate the effect of Zweifel loading coefficient for this
class of turbine, three rotor configurations were tested, each employing the same
blading and designated by the number of blades in the build. The resulting Zweifel
loading coefficients are shown in Table 1. In the case of Rotors 45 and 34, the blades
were closed by 0.7" and 3.0' respectively, in order to maintain the same stage reaction
between rotor variants.
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TEST ARBA GEMMUS

The test facility (Fig. 5), which has been described in References 1, 2, 3
and 4, was designed to accommodate single turbine stages of about 53 cm o.d. with blade
heights up to 7.5 cm. Turbine power was absorbed in a water brake dynamometer with a
speed range up to 10,000 rpm. Air was drawn through the rig by an exhauster plant, and
was prewarmed by thorough mixing with the output of a propane combustor.

Plenum conditions, which were assumed to represent inlet stagnation
conditions, were sensed by sixteen partially shielded thermocouples equispaced around
the circumference, and by four static pressure tappings.

In order to allow for circumferential variations in static pressure at nozzle
exit, mean wall exit static pressures were derived from subsurface chambers connected
to circumferential slits extending over one nozzle blade pitch. Provision was made at
nozzle exit (plane 2) for radial/circumferential traversing by a wedge probe equipped
with a partially shielded thermocouple. Similar radial/circumferential traversing
capability was Ilso available at rotor exit (plane 3), together with hub and tip static
pressure tappings at five circumferential locations. Rotor exit conditions could also
be sensed by four total pressure rakes, each with five probes disposed at centers of
equal areas, equispaced circumferentially in the exit duct (plane 4). The rakes,
located some six axial chords downstream of the rotor exit (a location previously found
to best represent engine measured performance) could be aligned and locked to conform
with the mean exit swirl angle. A straightening cascade restored axial flow in the
downstream ducting, where further mixing of remaining temperature nonuniformities could
occur. Four rakes of partially shielded thermocouples, located at approximately nine
rotor diameters from rotor exit (plane 5), were used to determine the final mixed-out
temperature of the exit flow. Insulation of the entire rig, and careful adjustment of
inlet temperature to maintain exit temperature within 1"C of cell ambient temperature,
combined to reduce heat transfer in the downstream mixing process. A discussion of
instrumentation accuracy and averaging procedures is contained in Reference 2.

PROGRAN OBJECTIVES

The detailed program objectives fall naturally into two groups, the first
relating to nozzle performance, and the second to behaviour of the overall stage.

The nozzles, incorporating high flow turning angles, transonic flows, complex
wall shapes, thick trailing edges and aerofoil twist, were expected to present problems
in terms of analytical predictions. It was therefore proposed to secure benchmark data
for comparison with calculations, to help in the extension of design methods to these
more difficult circumstances.

Although the possible benefits of contoured walls had been explored in
simpler test environments (i.e. with lower swirl angles, Mach numbers and blade
loadings, and in two-dimensional cascades, e.g. Refs 10 and 11) there appeared to be a
clear need for detailed data from a larqe scale rig operated under realistic
conditions.

Such a test capability also lent itself to an investigation of the influence
of downstream conditions on nozzle performance. The rig was large enough to conduct
detailed surveys of flows at nozzle exit, even with a representative rotor in
operation. By performing such tests with various rotors and operating conditions, and
also with no rotor present, it was hoped to assess the influence of the stage
environment on nozzle performance.

With respect to objectives relating to the complete stage, it was believed
that direct measurement of the overall performance of a highly loaded, high pressure
ratio stage at realistic Mach and Reynolds numbers would provide a useful benchmark.
Comparison of overall stage performances secured with each of the two nozzle wall
contours would permit direct assessment of the practical usefulness of such
contouring. Pinally, by changing the number of rotor blades in the disc, the effect of
rotor blade loading on overall stage performance could be explored.

Results are discussed first in terms of the nozzle behaviour, and then from
the standpoint of overall stage performance.

NOZZLE PERFORMANCE DATA

Surface Mach Number Distributions

The analytical method selected here for comparison is based on a time
marching solution of the Euler equations, and is due to Denton (Ref. 12). The method
calculates the inviscid three-dimensional flow field, and has transonic capability.
Appropriate cusps are required at leading and trailing edges.

Measured static pressures along the vane surfaces at midspan, and midway
between vanes on both endwalls, were converted isentropically to Mach number using the
measured upstream stagnation pressure. The results are compared with the analytical
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predictions in Figures 6 and 7 at an area weighted mean exit Mach number of 1.04

(nominal total/static pressure ratio, Pr, of 2.3).

There is remarkable agreement between measurement and calculations, the only
real differences arising in regions of decelerating supersonic flow just downstream of
the throat, indicative of the impingement of an oblique shock wave emanating from the
trailing edge of the adjacent vane. Confirmation of the presence of the shock wave was
provided by surface flow visualization which showed excellent agreement with the
implications of the measured pressure distributions at midspan and on the endwall.

Generally similar agreement between calculation and experiment was found at
all values of nozzle pressure ratio tested, covering subsonic, transonic and supersonic
exit conditions (Ref. 2).

Nozzle Exit Traverse Data

Nozzle exit traversing was conducted with a three-hole wedge probe (automa-
tically nulled for flow angle) at 11 circumferential positions spanning one vane
pitch. The circumferential average of readings at a given probe immersion has been
used to produce the radial distributions of Figures 8 to 11.

Figure 8 shows radial distributions of nozzle exit flow angle for the basic S
nozzle, operated at design pressure ratio. The three sets of data indicate the
influence of downstream conditions, which range from a "no rotor" case, through rotor
running at off-design conditions, to the complete stage operation at design point.
(The nozzle could be maintained near its design point, with essentially constant total
to static pressure ratio, while rotor speed and stage total/total pressure ratio were
varied, since the rotor remained choked down to values of stage pressure ratio near
2.4.) It is immediately evident that the influence of the downstream conditions was
felt more strongly at the hub than near the tip, although some change is apparent in
all regions. Also shown in Figure 8 is the trailing edge bisector angle. Comparison
of this with the flow angle distributions gives some indication of the three-
dimensionality of the flow.

Similar data for the C nozzle are presented in Figure 9. The influence of
downstream conditions on the inner region of the annulus is, if anything, more notice-
able than with the S nozzle, although the tip was little affected. The distribution of
flow angle under stage design conditions is somewhat more uniform than was found with
the S nozzle, although the overall level is lower.

The distributions of total pressure loss coefficients for the two nozles,
shown in Figures 10 and 11, again support the conclusion that the influence of down-
aVream conditions can be significant. For the S nozzle, the generally beneficial
effect on the near hub region of rowu. operation is snmewhat offset by apparent adverse
effects beyond 20% span, a situation which is less evident with the C nozzle results Gf
Figure 11.

The data of Figures 8 to 11 relate to nozzle operation near its design point,
i.e. with generally supersonic exit conditions. Other work, reported in Reference 3,
explored rotor effects down to values of Pr as low as 1.2, and has confirmed that rotor
influences are still evident at low Mach numbers. The results of these experiments are
summarised for nozzle C in Figure 12, in which overall area weighted mean values of
flow angle and total pressure loss coefficient are plotted against mean exit Mach
number. Local flow velocities first reach sonic values near the vane suction surface/
hub wall intersection well before the mean exit Mach number reaches unity, leading to
performance degradation at relatively low values of overall mean exit Mach number. The
transonic deterioration in performance evident in the isolated cascade tests on the
nozzle (i.e. without rotor) appears significantly worse than that measured in a stage
environment, at least for this nozzle. (It is noted that upstream propagation of down-
stream conditions in supersonic flow can occur in boundary layers. Moreover, high flow
swirl angles at nozzle exit lead to an effective axial component of velocity substan-
tially below the sonic level at all test conditions.)

As indicated in the bar charts of Figure 13, relatively small differences in
nozzle design (in this case only the outer wall contour) can have significant impact on
the way in which nozzle performance is influenced by stage environment. In this Figure
the overall performances of the S and C nozzle builds are compared, including separate
evaluations of their hub and tip contributions to tot .l pressure losses for three
nominally similar downstream test conditions.

It is apparent that, whereas for nozzle C the hub total pressure losses are
reduced substantially by rotor presence, the reduction is much less for nozzle S.
Although losses very close to the hub wall are reduced in both cases, the larger
separated region in nozzle C permits greater gains from bentficial rotor influence. In
the case of nozzle S, the smaller gains are reduced further by the appearance of
increased losses in the 20 co 100 percent span region (Fig. 10). This region is also
affected in terms of exit angles (Fig. 8), and the results suggest greater three-
dimensionality of the S nozzle exit flow compared to that of the C version (Fig. 9).
(The three-dimensionality of the S nozzle exit flow is also reflected in the value of
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the corrected mass flow parameter, which was 4 percent lower than found for the C
nozzle despite the nominal similarity in geometric throat area.)

Behaviour of the tip contributions to nozzle total pressure losses (Fig. 13)
also differs between the S and C builds, some slight increase in loss with rotor
presence being apparent for the S variant. One of the results of these detailed
differences in behaviour is that in terms of overall total pressure loss M, the
performance of the S nozzle is only slightly affected by rotor operation, although
overall nozzle exit flow angle 6 is substantially increased by the flow angle changes
induced by the rotor. It is interesting to note that in terms of M, the relative
overall performances of the two nozzles are reversed by rotor operation (Fig. 13).

It appears that some loss components, such as those associated with certain
accumulations of low energy fluid from secondary flows, might be less susceptible to
downstream effects than losses associated with, say, a region of hub flow separation.
The actual extent of improvement due to the rotor would .also depend on the details of
the "no rotor" test conditions.

Information on another aspect of rotor influence on nozzle performance is
available in Figure 14. This compares distributions of nozzle exit mean swirl angle
across the span for three different rotor designs operating at the same nominal design
point, with the no rotor case included for comparison. The rotational speed, blade
design, stage pressure ratio and nozzle pressure ratio are all essentially constant,
the only variable being the number of blades on the disc (i.e. blade loading). It is
apparent that rotor design is another parameter contributing to the observed influence
on nozzle performance.

CONCLUSIONS FROM NOZZLE EXPERIMENTS

It may be appropriate at this stage to review the main conclusions stemming
from the experiments on nozzle performance. It has been shown that surface Mach number
distributions were well predicted by a three-dimensional Euler flow solver. Data have
also been presented which indicate some increase in nozzle losses and flow underturning
at higher Mach numbers. There seems little doubt that the main conclusion from this
work is that the performance of a nozzle can be significantly affected by conditions
downstream of the nozzle exit. The sensitivity of the nozzle performance to rotor
presence depends on the details of the nozzle exit flow field and on the rotor design
and operation. In summary, it appears that performance assessment of nozzles of high
turning angle may require testing with an appropriate rotor.

OVERALL STAGE PERFORMANCE

The second main aspect of the research program c~ncerned the overall
performance of a highly loaded turbine stage, as affected by nozzle wall contouring and
rotor blade loading.

Figure 15 shows the efficiency map for the basic stage, with nozzle S and
rotor 51. For rotational speeds from 80% to 100% of design, the efficiency is largely
independent of pressure ratio over a considerable range, where the rotor remains
choked. Efficiency would be expected to decrease at pressure ratios beyond design,
influenced by rotor shock losses, and to increase for stage pressure ratios below about
2.4, as the rotor unchokes and overall Mach numbers are reduced. The behaviour with
decreasing speed reflects increasing rotor incidence and relative inlet Mach number,
and reduced reaction. The efficiency measured at the design point was just over 80%.

As was noted earlier, a high design value of stage loading had been chosen.
It is, however, of interest from the standpoint of future designs, to attempt to derive
some indication of stage performance at even higher values of stage loading. Such
estimates have been derived in the present investigation, as shown in Figure 16. The
points represent off-design conditions, and thus may be taken as lower bound estimates
of attainable efficiencies for a gas generator turbine of the present size.

Influence of Nozzle Wall Contour on Stage Performance

Some understanding of the influence of the two particular nozzle wall con-
tours on stage efficiency may be gained from Figures 17 and 18 which illustrate direct-
ly the contributions of the nozzle. Figure 17 shows the radial distribution of total
pressure losses for the two nozzle variants, as measured at design point with rotor
51. The superiority of the C contour version is readily apparent, and would be expec-
ted to lead to better stage performance. However, a comparison of mean exit swirl
angles (Figure 18) suggests that other performance parameters must be considered. As
noted earlier, the vanes in the C build were re-staggered 0.72" open (i.e. with less
turning) to maintain a constant throat area. As seen in Figure 18, with the C nozzle
producing about 1* less flow turning on average than the S variant, the mean flow angle
at exit of the two builds differed by 1.8*. This combination of re-stagger and aero-
dynamic underturning of the C nozzle led to cotor incidences which were locally as muc
as 5" below the design values. In such circumstances, measurable effects on stage
efficiency might be expected.



A comparison of overall stage effici, cies for the S/51 and C/51 builds at
design point is presented in Table 2, evaluated with different measurement techniques.
It is seen that overall efficiency with the C nozzle is slightly inferior to that with
the S build, regardless of the measurement technique adopted. It appears that for thr
C nozzle configuration, off-design rotor incidence outweighed lower nozzle losses. In
order to realise the potential of the C nozzle, some re-design to accommodate the
measured flow angles would be required.

The selection of efficiency evaluation methods listed in Table 2 is intended
to illustrate how choice of measurement plane and technique can influence the
calculated value of overall efficiency. For example, total pressure could be evaluated
from rotor exit traverse data (plane 3), from measurements from fixed rakes at plane 4
(about 6 axial chords downstream of the rotor), or from continuity assumptions and
other inlet and exit measurements. Total temperature could also be derived in
different ways, from measurements far downstream (plane 5) or at rotor exit, or
inferred from d,namometer torque readings. (In methods 4 and 5, no allowance for disc
windage and bearing friction losses has been incorporated.) As a point of interest,
total/static efficiencies are also shown. In general, efficiencies quoted n the text
have been derived using Method 1.

Effect of Rotor Blade Woading

The final stage variable of interest was rotor blade loading, which was
explored using the three builds of 51, 45 and 34 identical rotor blades. Figure 19
compares the mean radial distributions of rotrr exit flow angle for the three rotor
builds. The data, obtained from radial/circumferential traversing at rotor exit, have
been re-cast in the relative (rotating) frame of refe-ence. The differences in blade
angle due to the re-stagger are also indicated.

The baseline rotor 51 and rotor 45 both show the expected underturnin; at
mid-span and the overturning near the walls associated with classical secondary flow
mechanisms. Centres of secondary vortices are at about 25% and 75% span, and tip
leakage effects are significant. Rotor 34, on the other hand, with its high blade
loading, clearly has a much more three-dimensional flow field at exit. A strong vortex
centered near 40% span appears to be associated with the high flcw turning in the lower
aspect ratio passage between blades. A similar phenomenon was noted in earlier cascade
testing of the rotor blades at high pitch/chord ratios (Ref. 13).

Data presented in Figure 20 were derived from averaging locally measired
values of total pressure and total temperature from radial/circumferential traverses
conducted at rotor exit. As would be expected, the strong three-dimensionality of the
exit flow from rotor 34 reduced its efficiency, particularly in the mid-span region.

For completeness, Table 3 presents the calculated design point efficiencies
of all the nozzle/rotor builds tested, evaluated usino the methods of Table 1. The
general internal consistency of the data is apparent, together with the spread of
several percentage 1-oints depending on the calculation method adopted.

CONCLUSIONS FROM STAGE EXPERIMENTS

The measured overall efficiency of the basic highly loaded stage was just
over 80%, which conformed closely with design predictions. Lower bound estimates of
efficiency were derived from off design operation for even higher staqe loadinqs, and
may be helpful in selecting future design parameters. Although direct measurement of
nozzle total pressure loss coefficient had suggested that conical outer wall contouring
would be superior to S wall contouring, the expected gains in overall stage performance
were not realised. The shortfall was believed to be associated with the magnitudes of
nozzle exit flow angles achieved.

Blade loadings in excess of normal values were explored, with design mean
Zweifel coefficients up to 1.18. It was found that such increases red,,-' stage
efficiency by about 2j percentage points. The reduction was shown to be associated
with a significant increase in the three-dimensionality of the rotor flow field.
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TABLE 1

ROTOR BLADE LOADINGS

Number Zweifel coefficient

of blades
Hub Mean Tip

51 .69 .77 .79

45 .79 .87 .90

34 1.07 1.18 1.23
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TABLE 2

DESIGN POINT TURBINE EFFICIENCY (%I

Method Pressure Total Temperature
measurement measurement S/51 C/51

1 Po rakes. Mixing pipe rakes,
plane 4 plane 5 80.0 79.8

2 Po traverse, Mixing pipe rakes,
plane 3 plane 5 83.0 82.0

3 Po traverse, Traverse,
plane 3 plane 3 79.4 78.7

4 Po rakes, Dynamometer
plane 4 (N. m) 79.7 78.6

Continuity Dynamometer
5 (Polm, Tolm, (Nm) 81.9 80.8

Ps3m, MX)

6 Wall Ps Mixing pipe rakes,
plane 3 plane 5 70.8 69.2

TABLE 3

DESIGN POINT TURBINE EFFICIENCY (1.

Method S/51 S/4S 5/34 C/S1 C/34

80.0 79.8 77.6 79.8 77.6

2 83.0 82.7 81.6 82.0 81.3

3 79.4 79.5 76.3 78.7 76.0

4 79.7 79.3 77.7 78.6 78.2

5 81.9 81.6 78,3 80.8 78.3

6 70.8 69.7 68.4 69.2 68.1
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DISCUSSION

Y. RIBAUD, Fr

Why is the efficiency so bad, is it because of high hub ratio ?

Author's Reply

We feel that the source of the relatively low level of efficiency ob-
tained ith this turbine lies in the combination of high stage loading
( A H/U2 ) and high pressure ratio, as illustrated in Fig. 1. The former de-
termines the large amount of flow turning in the rotor, with resulting nar-
row flow passages and high streamline curvatures. The latter establishes the
high levels of gas velocity within the rotor passages. The combination of
the two causes large amounts of local diffusion on blade surfaces, as well
as shocks within and downstream of the covered channel of the blade. It is
likely that the present design could be somewhat improved by refinements to
the blade shape, indicated by three-dimensional analyses which were not
available at the time of the original design. However, it is unlikely that
the efficiency of this turbine (at its design target pressure ratio and
rotational speed) could be radically increased as long as the present con-
straints on trailing edge thickness, tip clearance and blade aspect ratio
remain in force.

It should be emphasized that the objective of this research was to es-
tablish aerodynamic "design rules" for turbines in an operating regime which
is generally associated with low efficiency. In certain application, the be-
nefits to engine weight, cost, and rotational inertia may outweight increa-
sed fuel consumption, provided this can be kept within reasonable bounds.

J. MOORE, US

Could you comment on the large difference in rotor flow shown in Figu-
re 19 between the 45 and 34 blades configurations ?

Was this caused by a change in the stator exit flow distribktion ?

Author's Reply

The significant change in the flow field at high blade loadings is be-
lieved to be associated with the low aspect ratio of the rotor blade
passages. Earlier work by S.H. Moustapha (Reference 13) on a non-rotating
rig which simulated this rotor blade geometry, has shown a similar effect at
low values of blade passage aspect ratio.
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EXPERIMENTAL EVALUATION OF A TRANSLATING NOZZLE SIDEWALL RADIAL TURBINE

RichaLd J. Roelke

Research Engineer
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21000 Rrookpark Road
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and

Casimir Rogo
Project Manager
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SUMMARY

An experimental performance evaluation was made of two moveable sidewall variable
area radial turbines. The turbine designs -:,re representative of the gas generator tur-
bine of a variable flow capacity rotorcraft engine. The first turbine was an uncooled
design while the second turbine had a cooled nozzle but an uncooled rotor. The design,
fabrication and testing were carried out by Teledyne CAE under a series of government
contracts. Performance measurements were taken over a turbine flow range of 2:1 in the
Contractor's warm (121 *C) air facility. The cooled nozzle turbine was evaluated both
with and without coolant flow.

The test results showed that the moveable nozzle wall is a viable and efficient
means to effectively control the flow capacity of a radial turbine. Peak efficiencies
of the second turbine with and without nozzle coolant were 86.5 and 88 percent respec-
tively. These values are comparable to pivoting vane variable geometry turbines; how-
ever, the decrease in efficiency as the flow was varied from the design value was much
less for the moveable wall turbine. The measured turbine performance over the entire
flow range was within one point of the estimated turbine performance used in a previ-
ously conducted variable flow capacity engine analysis which showed significant fuel
savings. Several design improvements were identified which should increase the turbine
efficiency one or more points. These design improvements include reduced leakage
losses and relocating the vane coolant ejection holes to reduce mainstream disturbance.

INTRODUCTION

A major programmatic thrust at the NASA Lewis Research Center is to improve the
performance and fuel economy of small (0.9 to 2.3 kg/sec airflow size) gas turbine
engines. Significant performance improvements of this engine class have been made over
the years with optimized engine cycles, improved small component performance and the
incorporation of higher temperature materials and cooling technology. Further fuel
savings may be made (Ref. 1) by utilizing ceramics in the hot section, allowing higher
temperatures and reduced coolant flows, and developing nonconventional cycles such as
regenerative engines. These approaches increase the engine's thermal efficiency.
Another approach to reducing the total fuel burned is to improve the part-power fuel
consumption. This is particularly important for an engine that operates over a wide
power range as in a rotorcraft application. Here the objective of a reduction of total
fuel consumption can be effectively made by a variable flow capacity engine.

Typically, engines are designed to be most efficient at a selected operating con-
dition (or power level), for a given application, and increased fuel consumption is
accepted at other power levels. As is well known, the increased fuel consumption is
due to higher losses as the engine components operate off-design. In the variable flow
capacity engine, the components are operated at constant conditions during the entire
flight and the engine power i§ modulated by changing engine airflow. This is accom-
plished by operating the turbomachinery at their design values of speed, pressure ratio
and turbine inlet temperature and utilizing variable geometry for airflow management.
The variable capacity engine was included in an Army study (Ref. 2), where it was con-
cluded that the lack of data on variable georetry made the evaluation of the cycle
difficult and that research efforts should focus on the critical variable geometry
loss/leakage issues in the engine components. Later Army sponsored studie- (Refs. 3
and 4), provided in-depth analyses of the losses and performance of variable nozzle
area gas generator radial turbines. These studies showed fuel savings for the vari-
able flow cycle compared to a simple cycle, if the aerodynamic penalties of the vari-
able geometry could be kept low.

The latter two studies focused on the variable geometry gas generator turbine
since this was one of the riskiest components in the engine and the one about which
very little information existed. For this turbine, two methods were considered to vary
the nozzle area. One was by translating the nozzle sidewall and the second was by
pivoting the vanes or the trailing edge portion of the vanes. The results indicated
that the translating sidewall method had the same or lower losses than the pivoting
vanes, but lacked substantiating data. An experimental program was recommended to
obtain data for the translating sidewall turbine.
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A series of Army funded - NASA managed contracts were awarded to Teledyne CAE toobtain turbine performance data on the translating sidewall concept. Initially, a
variety of moving sidewall configurations were tested to establish a data base and
identify the one or two concepts with the best performance. An existing uncooled tur-
bine design was used for those tests. Information gained from the test program was then
incorporated into the turbine design of Ref. 4 and a second research turbine built.
The purpose of the second turbine was to determine the effect of nozzle vane coolant
flows and improved vane leakage control on turbine performance.

The testing was done at the Contractor's site. Tests were conducted with air at
a temperature of 121 *C and a pressure of 164 kPa. Overall stage performance and
selected flow surveys were taken. This paper summarizes the results of the Program.

TURBINE DESIGN

A cross section of a conceptual variable flow capacity engine is shown in Fig. 1.
rhe engine has a two-stage compression system, a reverse flow combustor, a radial gas
generator turbine, and an axial flow Power turbine with a forward Output shaft. All
the turbomachinery in the engine has variable geometry. The compressors have variable
inlet guide vanes and translating sidewall diffusers, while both turbines have variable
area nozzles. There is no variable geometry in the combustor. A single mechanical
linkage simultaneously actuates all variable geometry comoonents with a single control.

Several cycle and mechanical variations of this engine were studied and analyzed
for a defined rotorcraft mission (Refs. 3 and 4). A design life of 4000 hr with pro-
jected year 1990 materials was specified. Both cooled and uncooled rotors were con-
sidered for the gas generator turbine. Design parameters of one of the selected
engines are listed in Table I. Comparison of the performance of this engine with a
comparable technology simple cycle showed a seven percent fuel savings for the variable
cycle engine. Additional study details may be found in Ref. 4.

The engine studies forme. the basis of the variable geometry turbine designs. Two
turbine designs were recommended. One design had an inlet temperature of 1370 *C with
a cooled nozzle and rotor, while the other turbine had an inlet temperature of 1205 'C,
a cooled nozzle and an uncooled rotor. The lower temperature design was selected for
the test program. The design engine airflow, i.e., the flow corresponding to th" nom-
inal setting of the variable geometry, and the airflow range were selected based on the
vehicle power demands and an optimization study made to minimize the total fuel burned
for the mission. Results indicated a flow variation of 2:1 was required with the design
airflow set at 78 percent of the maximum flow. The two methods considered for turbine
flow control, the pivoting vane and moving sidewall nozzles, are shown in Fig. 2. The
variable geometry losses associated with the Pivoting vanes are leakage flows between
the vanes and sidewalls and incidence changes as the vanes are rotated. The losses
associated with the moving sidewall are leakage flows on the telescoping side of the
nozzle plus sudden expansion and contraction losses as the sidewall is moved.

First Test Turbine

As mentioned earlier, the initial turbine utilized in the test program was an
existing design of Teledyne CAE. The turbine had been designed some years earlier, but
the design conditions were sufficiently close to those specified for this program. A
variation of the design was also used in a test program to evaluate the pivoting vane
turbine and could therefore serve as a reference against which to compare the moving
sidewall turbine. To adapt the turbine for use in this program the machine was scaled
up (to a rotor diameter of 355.6 mm) to match facility and Reynolds number requirements
and the nozzle hardware was 'edesigned to accept various kinds of moving sidewalls. The
nominal design conditions for this turbine are listed in Table II and the meridional
flow path is shown in Fig. 3.

The test objective for this turbine was to evaluate several stator configurations.
Typical geometries are shown in Fig. 4. Both straight and contoured sidewalls as well
as various vaneless space geometries were tested. Figure 4(a) shows a sudden expansion
or dump into the vaneless space as the nozzle is closed down. The next configuration,
Fig. 4(b), depicts a diffusing ramp in the vaneless space that is actuated by and fol-
lows the moving wall. The intent is to reduce sudden expansion losses. The next illus-
tration, Fig. 4(c), shows a converging vaneless space where the flow is accelerated
smoothly as the nozzle is opened to its maximum area. 4owever, this configuration
still results in a sudden expansion at closed down areas. Ir Fig. 4(d), the vaneless
space wall travels with the nozzle wall and the flow dump occurs in the rotor inducer
where there are lower relative velocities than in the vaneless space.

In each configuration, one of the nozzle sidewalls was always in a fixed position
and aligned flush with the inlet- and vaneless space walls. The opposite sidewall was
then positioned to either increase or decrease the flow area from the nominal setting.
At the nominal setting, both walls are aligned flush with the rotor inducer. All
nozzle vanes of the first turbine were solid and no coolant flow was simulated.

Tests with this turbine were also conducted with variable geometry at the rotor
exit. This consisted of rings that were inserted into the flow just downstream of the
rotor to control the rotor reaction as the stator was closed down. The stage effi-
ciency decreased for all rotor exit ring tests and will not be reported on further in
this paper. Additional design and configuration details are included in Ref. 5.
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Second Test Turbine

The second research turbine was essentially the design executed in Ref. 4 with
some modifications made based on the results of the first turbine tests. Design para-
meters are listed in Table III. The flow path of the turbine, as taken from an engine
layout, is shown in Fig. 5. The use of current cooling technology and year 1990 mate-
rials required coolant in the nozzle vanes, sidewalls, and rotor shroud, plus a small
amount to purge the rotor backface cavity. No rotor coolant was required. All coolant
flows except the shroud flow was simulated in the test turbine. The nozzle was designed
with straight sidewalls and a converging vaneless space. The test turbine was built
so either the hub or shroud walls could be moved. Photographs of the two rotors and
nozzle vanes are shown in Fig. 6.

Vane Seals

During the design and test phases of the orogram, careful attention was given to
the leakage flow around the nozzle vanes. The gap between the sidewall cutout and the
vane profile was nominally 0.4 mm. Tests were run with this gap open, completely
sealed with a rubberized sealant and finally with a metal wiper seal. The seals are
shown in Fig. 7. A cross section of the "L* shaped seal is shown in section B-B.
Based on pressure measurements, it appeared that the leakage flow followed a path as
shown in the figure which caused significant losses. In the first turbine, Fig. 7(a),
only a portion of the vane clearance gap was sealed with the wiper seal. The region
is shown by the cross hatched area in the figure. The application of the wiper seal
to this small area was very effec'ive; however, the seal was extended to most of the
vane perimeter for the second turbine. The effectiveness of the seals is discussed
later in this paper.

APPARATUS AND TEST PROCEDURE

The research turbines were evaluated in a test facility at Teledyne CAR. A cross
section of the test apparatus is shown in Fig. 8. Compressed air at a nominal pressure
of 164 kPa was heated to about 121 IC and ducted to the inlet plenum of the turbine.
Within the inlet plenum the flow passed through two screens to smooth the flow before
entering the turbine. After leaving the turbine, the air was ducted to facility
exhausters. The turbine pressure ratio was set by changing the exit pressure. Power
was absorbed by a waterbrake which also served to control the speed. Between the tur-
bine and waterbrake was an in-line torque meter which measured the shaft torque and
rotational speed.

The instrumentation installed in the test rig is shown in Fig. 9. At station 1,
about one-half vane chord upstream of the nozzle, measurements of total temperature,
total pressure and wall static pressure were taken. At this same location, surveys of
flow angle and pressure were taken from wall to wall to verify the flow uniformity at
the turbine inlet. At station 2 were located wall static pressure taps and an angle/
total pressure survey probe. The survey probe was used to measure from wall-to-wall
axially and over a distance of one and one-half vane pitches circumferentially. Wall
static pressures were measured on the inner and outer walls at stations 3 and 4. A
radial survey probe for measuring angle, total pressure and total temperature was
located at station 3. At station 4, twelve values each of total pressure and tempera-
ture were measured with fixed rakes. The coolant and mainstream flow rates were
measured with calibrated flow orifices.

For each turbine configuration tested, the nozzle sidewalls were moved in incre-
ments (usually four) from full open to 50 percent closed by neans of jack screws with
a pneumatic assist. Stops were provided to repeat the nozzle area settings accurately
as the nozzle contigurations were changed. The nozzle sidewall position could also be
set and/or measured with a depth gage through access holes in the nozzle assembly.
The first turbine was set up so that at the flush wall condition the nozzle area was
80 percent of the maximum area, whereas it was 78 percent for the second turbine. The
nozzle assembly of the second turbine used to simulate vane coolant flows is shown
schematically in Fig. 10. The coolant entered a small plenum behind the hub sidewall
and then flowed through a series of small holes into the mainstream to simulate vane
and wall cooling. A small amount of coolant also entered the mainstream from the rotor
backface plenum.

All testing with the first turbine was conducted at design speed and pressure
ratio. For each nozzle configuration, stage performance datl were taken over a range
of flow areas. Based on the results of those tests, five geometries were selected for
detail flow surveys at the nozzle and rotor exits. Testing with the second turbine was
limited to fewer nozzle configurations but for expanded operating conditions. Data
were taken at speeds of 60, 80, and 100 percent of design and for a range of pressure
ratios above and below the design value. Data were also taken with and without nozzle
coolant flows.

The turbine efficiency was calculated from both torque measurements and the tur-
bine temperature drop. Measured values of tare torque (for bearing, seals and windage
losses) were added to the shaft torque to get the total turbine torque. Comparison of
the efficiencies calculated from the two methods, as well as mass averaged efficiency
values from surveys, showed very good agreement. Torque derived efficiencies were
intended to be the primary basis for performace comparisons but recurring mechanical
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problems with the waterbrake and torquemeter gave occasional erratic results. There-
fore, most of the comparisons were made based on temperature derived efficiencies.

RESULTS AND DISCUSSION

This section presents a summary of the test results of the two research turbines
and the impact of those results on the variable flow capacity engine. Over the span of
seven years of this program much valuable research has been accomplished and inform-
ation gathered. Therefore, of the voluminous amount of data, only the most salient
results are presented here. A great deal of additional information is contained in
Refs. 3 through 7.

First Research Turbine

The first turbine build was tested without any leakage control at the location
where the vanes passed through the nozzle sidewall. The test build consisted of a
moveable hubwall with a vaneless space dump, see for example Fig. 

4
(a). The resulting

measured turbine efficiency is shown in Fig. 11 by the symbol labeled *no seal.' The
test was repeated firs. with the clearance gaps totally sealed with a rubber compound
and then with the flexible metal wiper seal shown in Fig. 7(a). The turbine perform-
ance from both of these tests was the same and is indicated by the symbol labeled (1)
in Fig. 11. The turbine air flow decreased 7.4 percent and the efficiency increased
2-1/2 points for the sealed vane tests when compared to the unsealed vane test. The
wiper seal employed is typical of what could be used in an engine and was used for the
remainder of the turbine tests.

A summary of the overall performance results with the first research turbine is
given in Fig. 12. The peak efficiency ranged from 87 to 87.3 percent for the different
turbine builds and occurred, as expected, with flush aligned nozzle walls. All of the
nozzle configurations with the straight sidewalls performed similarly. The contoured
nozzle configurations were definitely lower in performance and had different flow char-
acteristics. The nozzle contouring was rather arbitrarily added to the straight wall
design and its incorporation into the vane desiqn was not individually optimized. This
may explain its lower performance. There was very little difference in performance
between moving the hub or shroud walls. At intermediate flow reductions (i.e.,
65 percent of the maximum nozzle area), the moveable shroud wall builds performed
slightly better than moveable hub wall builds, but the reverse was true at greater
flow reductions. The change in efficiency from the peak value to the value at
50 percent nozzle flow area was approximately 2-1/2 points for the moving hub wall and
3-1/2 points for the moving shroud wall. The choice of which wall to move may be
selected on the basis of mechanical actuation considerations.

Based primarily on results such as those shown in Fig. 12, two straightwall nozzle
configurations with converging vaneless spaces were selected for detailed stator exit
flow surveys. The pressure and flow angle measurements taken between two adjacent vanes
are shown in Fig. 13. Surveys were taken for four nozzle areas with a moveable shroud
wall and one nozzle area with a moveable hub. The rotor was installed and rotating
during the surveys. The nozzle wall position is indicated on the figure. High pres-
sure losses (Fig. 13(a)), occurred along the shroud as the nozzle shroud wall was moved
into the flow stream indicating probable flow separation. A loss core was also meas-
ured near the hub side. This may have been due to air flowing in the vane clearance
gap between the main channel flow and the plane of the wiper seal. Locating the wiper
seal nearer to the mainstream, as shown in Fig. 14(b), should reduce this hub loss,
however this seal change was not evaluated for either turbine. The dashed line in
Fig. 13 represents the measured loss with the moveable hub wall. In this case, any
recirculating clearance gap flow is shifted from the hub side to the shroud side.
However, that by itself does not account for the large pressure loss measured near the
shroud. Overall mass weighted pressure losses are listed in the figure.

The angle measurements (Fig. 13(b)), show that changes in flow direction occurred
mostly over two-thirds of the channel on the shroud side. As the nozzle area was
reduced, the flow angle measured from radial was increased, which is consistent with
continuity considerations. The maximum change in flow angle as the nozzle area was
changed occurred at 80 percent of the inducer width and equaled 10.

Second Research Turbine

The effect of vane leakage flow on the performance of 'the second test turbine is
shown in Fig. 15. These leakage tests were conducted in a similar manner to the first
research turbine. Tests were run at design speed with the vane gap completely sealed
and then with the wiper seals installed. Data were taken for a range of pressure ratios
at two nozzle area settings, 78 (flush wall) and 100 percent of the maximum area. For
the higher pressure ratios tested, the loss in efficiency was about one-fourth point
for the flush walls and about one and one-fourth points for the maximum flow area.
These losses are greater than those of the first turbine and may be due to the diffcr-
ent pressure gradients around the redesigned vane profile.

The effect of nozzle coolant flow on turbine efficiency is shown in Fig. 16 for a
stator with flush aligned walls operating at design speed and pressure ratio. A refer-
ence test was made with no coolant flow to either the nozzle or rotor backface cavity.
The resulting efficiency is shown by a triangle. Data were also taken with a constant
coolant flow of 1 percent to the backface cavity and for a nozzle coolant flow range
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of 0 to 6 percent. As can be seen, as the nozzle coolant flow was increased the tur-
bine efficiency first increased and then decreased. At the design coolant flow of
5.6 percent, the efficiency was 1.6 points less than the reference value when all
coolant flows were zero.

The nozzle coolant was then fixed at 5.6 nercent of the mainstream flow as the
nozzle flow area was varied. Since the wall position determined the primary flow,
cooling was increased or decreased in direct proportion to the vane surface area
exposed to the mainstream thus simulating an engine application. The results while
operating the turbine at design speed and pressure ratio are summarized in Fig. 17.

All data in the figure were obtained with straight nozzle sidewalls, a converging
vaneless space, and vane wiper seals. Both moveable hub and shroud wall geometries are
included. The top curve is for a turbine without coolant flow and could represent a
machine utilizing a ceramic nozzle assembly. The bottom curves are for 5.6 percent
nozzle coolant flow and 1.0 percent rotor backface flow. The peak efficiencies for the
cooled and uncooled turbines were 86.4 and 88.0 respectively. The moveable hub and
shroud wall geometries performed similarly except for the cooled turbine at the
50 percent closed position. At that condition, the moveable hub turbine efficiency was
2.2 points higher than the moveable shroud turbine. This increased loss, with the move-
able shroud, is probably due to the location of the flow disturbance caused by the cool-
ant ejected into the clearance gap, see Fig. 10. This gap coolant enters the rotor hub
region where there is low reaction and flow diffusion. A similar effect occurs with
the moving hub wall but with a lower loss due to the higher reaction along the rotor
shroud. It is felt that the efficiency levels shown in Fig. 17 can be increased by:
1) redtucing the leakage loss by relocating the wiper seal as discussed earlier; and 2)
redesigning the vane coolant circuit to locate the ejection holes in the mainstream for
all wall positions. The latter improvement would apply only to the cooled turbine.

Comparison with Pivoted Vane Turbines

Shown in Fig. 18 is a comparison of the performance of the two moveable sidewall
turbines with pivoting vane turbines. Many of the turbines compared had different
design requirements and applications and so the comparison is made on a nondimensional
basis. The moveable sidewall turbines used in these comparisons were the best perform-
ing configurations of the first and second test turbines. The Teledyne pivotinq vane
turbine, listed in the figure, was the design used for the first moveable wall turbine
and therefore had the same rotor and vane profiles.

The two moveable wall turbines and the Teledyne pivoting vane turbine had peak
efficiencies of generally the same level (not shown in the figure), but the moveable
wall turbines maintained substantially higher efficiencies as the flow was varied. The
efficiency difference would be even greater than shown if the pivoting vane turbine had
realistic vane endwall clearances. During that test program, for each vane angle set,
the nozzle sidewalls were drawn against the vanes to eliminate the clearance gap.

The moveable wall turbines also compared well against the two turbines of Refs. 8
and 9. Those two turbines were evaluated for reasons other than variable geometry. In
each case, a series of integral machined nozzles were designed to match a single rotor.
Each nozzle was uniquely designed for a given stagger angle and in some instances, the
number of vanes was changed to obtain an optimum condition. Also, the integral nozzle
assembly resulted in no leakage loss. If those turbines were true variable geometry
designs, their efficiency loss would be expected to increase from that shown.

Comparison of Measured and Predicted Turbine Performance

The efficiency of the moveable sidewall turbine was estimated for use in the var-
iable flow capacity engine cycle calculations of Ref. 4. It was arrived at by adding
a leakage loss and a sudden contraction or expansion loss to a predicted radial turbine
performance map. The change in efficiency from the design point is shown in Fig. 19 by
a solid curve. The change in efficiency from the peak efficiency of the cooled moving
hub wall turbine, taken from Fig. 17, is shown for comparison. The research turbine
slightly exceeded the estimated performance for flows larger than design flow and was
slightly lower at low flows. In general, the test results compare well with the esti-
mate. A redesigned nozzle coolant circuit, as discussed earlier, should raise the
efficiency level in the low flow range. The absolute level of turbine efficiency used
in the engine cycle calculations was about one point higher than the experimental
values. However, a further reduction in seal loss would raise the overall efficiency
level of the moveable sidewall turbine. A further increase in turbine efficiency could
be realized if ceramics were used in the nozzle reducing or eliminating the coolant
flows.

A more recent cycle analysis of the variable flow capacity engine, utilizing the
test results of this program, was made and is reported in Ref. 10. The approach dif-
fered from the earlier study, Ref. 4, in that the turbomachinery was not kept at cor
stant conditions for the entire mission. Engine power was varied by a combination of
RPM and variable geometry changes during the flight. The resulting fuel consumption
was compared to the "best' 1984 engines and an advanced technology engine of the 1990's.
The results indicated that the variable geometry engine had fuel savings of 26 percent
compared to the beat 1984 engine, and 11 to 14 percent compared to the 1990's engine in
the 60 percent power range.
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SUMMARY OF RESULTS

A performance evaluation was made of a moveable sidewall variable area radial
turbine applicable to a variable flow capacity rotorcraft engine. The primary results
of the investigation follow.

1. The moveable nozzle sidewall concept is a viable method tc efficiently control
the flow capacity of a radial turbine. The investigation quantified the performance of
turbines with cooled and uncooled nozzles and the effect of variable geometry leakage
flows.

2. Peak efficiencies at design speed and pressure ratio of 86.4 and 88 percent
were measured for cooled and uncooled turbines respectively. The efficiency decrease
from the peak value was about 5 points at 50 percent flow and 2-1/2 points at
100 percent flow for the best performing configurations.

3. i,.e level of the turbine performance was one point or less over the entire
flow range from the component estimate used in a variable flow capacity engine cycle
which showed significant fuel savings. Several design improvements were identified
which should increase the turbine efficiency one or more points.

4. The moveable wall and pivoting vane variable geometry concepts had about the
same maximum efficiency, but the efficiency decreased significantly less as the flow
was changed with the moveable wall.

S. The best performing turbine configuration had straight nozzle sidewalls and a
converging vaneless space. Similar performance results were obtained with either the
hub or shroud wall moveable except for the cooled nozzle configuration at 50 percent
flow area. For that case, the moveable hub performed better.

6. A flexible metal wiper seal proved to be an effective means of controlling

leakage flow around the nozzle vanes.
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TABLE I. - VARIArBLE FLOW CAPACITY ENGINE CONDITION

AT 71 m/s FLIGHT VELOCITY AND 82 PERCENT POWER

Inlet pressure, Pa ......... ....... 103.4 TABLE II. - FIRST RESEARCH TURSNE
Inlet temperature, -C .......... ..... 17.2 EQUIVALENT DESIGN CONDITION AT
Copressor pressure ratio ........ 16
Compressor efficiency, percent ...... . 78.3 80 PERCENT FLOW
Combustor pressure drop, percent ..... 3
Combustor efficiency, percent ...... 99.5 Airflo kg/s . . . . 1.2
GG turbine inlet temperature, -C ..... 1205 Pressure ratio . . . . 4.50
GG turbine inlet pressure, kPa ..... 1602.4 Speed, rpm ...... . 16540
GG turbine efficiency, percent .... 88 Specific work, kJ/kg . 67.88
Poer turbine exit pressure, kPa ..... ... 107.6 ork factor ..... 0.93
Power turbine exit temperature, *C . . . 578 Tip diameter, mx . . . 355.6
Power turbine efficiency, percent . ... B Tip speed, a/s . . . . 306.7
Shaft Power (82 percent of maimum), kW . 515
Airflow, kg/s. ....... .............. 1.43Fuel consumption, kg/kW-hr ........ 0.2571
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TABLE III. - SECOND RESsamCa TuRBINE 0zsrGN

CONDITIONS AT 78 PERCENT FLOW

Enqine Equivalent12e ese?

Rotor Inlet temperatuel *C 120S 14.5

Inlet pressore, kPa 1602.4 101.4
Airflo., kq/S 1.? 1.44
Rotor speed, rp. 71000 15940
Tip diameter, - 176.7 353.4
Tip speed. a/s 656.9 294.9
PTessul0 ratio 4.094 4.S4
Specific york, kJ/kg 442.5 88.7
Total efficiency, percent 87.3 87.3

Nork factor 1.03 1.03
30*215 coolant. percent 5.6 5.6
RotOr backfsce coolant, percent 1.0 1.0
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DISCUSSION

U. OKAPUU, Ca

In your figure showing the variation of turbine efficiency with the
amount of cooling air injected, is the efficiency shown that of the primary
stream only, or does it also include the energy change in the cooling air ?

Author's Reply

The efficiency shown, I believe, includes the energy change of both
the mainstream and coolant flows. The likely explanation for the increase
in efficiency at low coolant flow rates is that the injected coolant at the
vane trailing edge energizes the vane wake and therefore, improves the nozz-
le exit flow field.

R.G. WILLIAMSON, Ca

I understand that the contours chosen were somewhat arbitrary. Could
you comment on the use of any contour in circumstances in which there is
little hub/tip static pressure gradient ?

Author's Reply

The effect of contoured sidewalls on the control of the loss distribu-
tion in the nozzle was not fully understood when this program was started
(- 6 years ago), nor for that matter is it today. In that light it was de-
cided to include sidewall contouring in some of the configurations to obser-
ve if a benefit in turbine performance resulted.
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AN INTEGRATED AERO/ME0h-I0tICAL PERFORMANCE APPROACH
TO I-GH TECHIMOGY TURBINE DESIGN

by

J. Hourmouziadis and G. Albrecht

MTU MOTOREN- UND TURBINEN-UNION MNCHEN GMBH
Oachauer Str. 665
8000 Muinchen 50

GERMANY

SUMMARY

Modern aero engine concepts set very high technology standards for the component design. This is particularly true
for turbines getting smaller in an increasingly hot environment. Precise control of the air system, the clearances and the
deformations of the hardware become on important contributor to the overall performance and the life of the turbine.

This situation su~gesta artempting an integrated approach to the aero/mechanical design. Analytical and experimen-
tal experience from an advanced technology gas generator programm is used to define the requirements on the
engineering sciences involved. Some aerodynamic, performance and cooling problems to be solved in a commo approach
with the mechanical design for radial clearance control, hot gas path sealing and life are discussed. Attention is drawn to
the interactions between these individual aspects of the design.

SYMBOLS

h mm Blade height
s mm Tip clearar-s
I m/m.K Thermal expansion coefficient
1 Iaentropic total to total efficiency

-0 Isentropic efficiei icy with zero tip clearance

1. INTRODUCTION

Advanced aero engine concepts are very demanding on the co-nponent design, with aerodynamic performance
requirements rising continuously in an increasingly hostile mechanical environment. Particularly with turbines getting
smaller and hotter, very close attention has to be payed to the deformations of the hardware, which is only possible if
the thermal behaviour is carefully controlled. Presently aerodynamics define the geometry, then cooling is introduced
usually penalising performance and finally mechanical design has to make a component with sufficient life while keeping
radial clearances and leakage flows under control.

Future developments strongly suggest an integrated approach to these engineering problems. For example
aerodynamic design, initiating the whole process, will have to consider features that reduce the heat transfer from the
hot gas to the airfoil or can accept the introduction of film cooling without performance penalty. Computation of the
pressure field using modern numerical methods can provide timely information on risk areas where hot gas ingestion from
the main stream into cavities can happen. It can also indicate the locations where the reintroduction of cooling or
leakage air into the main fI- will cause minimum losses, Furthermore aerodynamics can assist mechanical design with
the prediction of secondary flows defining the evolution ard transformation of the flow field passing through a cascade.

Some aspects of such an integrated approach will be discussed in this paper. They will be limited to the following
problem areas:

- Radial clearance effects and control
- Hot gas path sealing
- Cooling and secondary flows

Most of the experimental results reported here were obtained in a demonstrator and high pressure turbine rig
programm over several years. The advanced technology demonstrator GNT 1 shown in Fig. I is the single spool gas
generator of a 1000 kW class turboshaft engine described by Weiler and Trappmann (1) and Weiler (2). It consists of an
axial/radial compressor, a reverse flow combustor and a single stage transonic axial turbine. The programm was
sponsored by the German Ministry for Research and Technology.

2. AIERODYNAI EFFECTS (F TIP CLEARANCE

Tip clearance is well known ti; have -tror detr!rrentsf! el . .-- #iltrvv. Data for shroudless turbines from refs.
3 to 8 is plotted In Fig. 2 showing the change of isentropic efficiency r relative to the zero clearance value r .versus tip
clearance s relative to the mean annulus height h. Authors data from cold rig and hot demonstrator results are also
included. Teat results in the former case can be reproduced very well giving a high level of reliability for the clearance
changes, Relative running clearances s/h could be determined with an accuracy of + 0,3%. In a hot engine environment
the aeseasement Is extremely difficult, however the data shown in Fig. 2 could be traced quite closely. It was collected
when the liner coating broke out in two distinct and well identified steps.

Considering the accuracy of determining the running clearance, the scatter is surprisingly low. An exchange rate of
2% efficiency for 1% clearance can be deduced from the diagramm, a rather discouraging fact. The turbines investigated
cover a large variety of preaswre ratios, aspect ratios and reaction. Obviously the exchange rate has not been sensitive to
the designs of the past decades. Ludwig (9) and Hess and Kofskey (6) proposed a relationship between the slope of the
curve and the degree of reaction. This conclusion however was drawn using total to static efficiency, which does not
appear to be an appropriate parameter. The exhaust kinetic energy of the turbine, which is part of the losses In that
definition, is particularly sensitive to any rematch of the guide vane and rotor blade throat areas resulting indirectly

01



11-2

from a change in tip clearance. From the profile pressure distribution point of view, this conclusion does not appear
reasonable either. For a given work output and size of the blading the total aerodynamic loading is the same and the
pressure drop across the profile is of the same order of magnitude for an impulse and a reaction design.

There are two ways of attacking the tip clearance problem. On one hand the aerodynamic design can be refined to
reduce its sensitivity to clearance effects, on the other hand a sophisticated mechanical design can be applied to
minimise clearances. Most of the published work is concerned with the former. Booth (10) has presented a comprehensive
literature survey complementing the experimental and numerical studies reported by Booth, Dodge and Hepworth (11),
Wadia and Booth (12) and Wadia (13). The proposed improvements generally try to increase the resistance to the cross
flow in the clearance gap. The suggested configurations include:

- Blade tip running in grooves
- Winglets
- Variation of the geometry of the blade tip
- Cooling air from the blade blowing into the radial gap
- Reduction of work extraction close to the tip

Some of these concepts shown schematicaliy in Fig. 3 were investigated in an extensive cold rig programm at MTU.
The high pressure turbine of the demonstrator with an outer diameter of 210mm and an aspect ratio of 1 was used.
Clearance was varied using three liners of different diameter.

Experimental data indicating a positive effect on the slope of efficiency versus clearance with blade tips running in
circumferential grooves in the casing have been reported by Kofskey (14) and Haas and Kofskey (6). The latter are aiso
plotted in Fig. 2. It can be seen that the exchange rate was reduced from 2.0/1 to about 1.5/1. No further published data
is available. Such a configuration was part of the test programm and is included in the authors rig results shown in Fig. 2.
The previous observations could not be confirmed. No effect of the grooves on the slope of the curve could he identified.

Blade tip treatment is limited by mechanical constraints. Winglets investigated by Patel (7), Booth, Dodge and
Hepworth (11) and Adams and Hepworth (15) cannot be introduced for turbine blades because the higher weight leads to
unacceptable stresses in the blade root. Knife edge tips should not be used with abrasive liner costings and are not
strong enough for rurning-in configurations. The hollow or grooved tip shown in Fig. 3 was tested and compared with the
flat tip. Both results are included in the rig data of Fig. 2. An efficiency improvement was expected corresponding to
about 15% reduction in tip leakage flow observed in the water tunnel experiments of Booth, Dodge and Hepworth (11).
The results however were negative. No effect on performance could be identified.

The experimental and analytical studies of Wadis and Booth (12) promised an improvement with air injection at the
tip. A method which could also sati-fy cooling requirements in a high pressure turbine blade. The effect, obviously caused
by the blockage reducing the amount of nigh energy gas leaking across the blade tip, was confirmed in the rig. It did not
change the slope of the efficiency versus clearance curve but reduced the overall level of loss.

Reduction of the work done close to the tip is usually incorporated in every turbine design and is limited by the
loading capability of the mean section. The radial work redistribution potential of the turbine was rather small and was
not included in the study.

The available information on efforts to reduce aerodynamic turbine sensitivity to tip clearance effects is not very
promising. It indicates that the flow phenomena and the parameters involved are not understood yet. A lot of
fundamental research like that reported by Graham (16) and Sjolander and Amrud (17) as well as numerical analysis is
still required to identify applicable solutions. At present design work will have to concentrate on mechanical clearance
control.

3. E SCHA CAL TIP CLEARANCE CONTROL

The mechanical aspect of the problem is by all means just as challenging as the aerodynamic aspect. The engine
operating conditions demanding high levels of performance are shown in the compressor map in Fig. 4. The design targets
for an optimum clearance control can be summarised in the requirements for minimum clearance for steady state
stabilise6 high power settings and sufficiently small values for the acceleration of the cold engine.

Although the number of engineering publications is limited, the amount of patent applications is a clear indication of
the importance of the problem. Its complexity is illustrated in Fig. 5 showing the interacting design parameters.
Minimising tip clearance is limited by the engine configuration, the installation and the operational constraints including
manoeuver load deflections. Manufacturing and assc,.'-t."!,.eenes as well as eccentricities present further limitations.
These effects make it necessary for unshrouded turbines to set a minimum clearance avoiding rubbing at the blade tip
under normal conditions. The most severe problem however is the adaption of the expansion rates of the rotor and the
casing during engine transients as has been discussed by Hennecke and Trappmann (18), Lagrange (19) and Hourmouziadis
and Schreieck (20). Since the disc is defined by stress and life requirements, it is the thermal responce of the casing that
will have to be adapted to that of the rotor. For a typical small high pressure turbine configuration shown in Fig. 6 the
evolution of clearance versus time for an acceleration from stabilised idle and a deceleration from stabilised TO rating is
shown in Fig. 7. The following targets have to be met for the thermal response in engine operation.

- The stabilised steady state diameter increase of the casing should be of the same order as the thermal expansion

of the disc.

- This reduces the risk of rubbing in a hot reslam situation,

- it also provides sufficient margin for tolerances and bearing clearances to avoid rubbing during the starting
procedure of the engine. When liner segments in an outer casing are used, attention should be paid to the fact that
the inner diameter decreases when the segments heat up fast in a cold outer ring during starting.

- The transient thermal behaviour of the casing should be designed to be slow and should be adapted to the time
constants of the disc.
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- This would limit the tip clearance increase during a cold engine acceleration

- and would further reduce the running in risk from a hot reslam.

- If the above ground rules are observed, the risk of rubbing the blade tip when the engine is shut down from a high
power setting is very low.

The main difficulty encountered meeting these targets is the high temperature at the outer part of the casing
resulting from the high pressure ratio compression systems used in advanced engines. Overcoming these problems
requires a sophisticated design philosophy outlined in Fig. 8.

The casing structure is resolved into a supporting ring taking the loads and separate liner segments. The lowest
theoretically possible temperature of the supporting ring is that of the surrounding air, 100 to 200 K hotter than the
compressor discharge. As mentioned before, that is already almost too high for the desired low thermal expansion levels.
This means that a careful design is necessary to isolate this part ot the casing from the hot gas path and avoid any
further heat flux into the ring. Fortunately this also satisfies the requirement for a slower thermal response.
Furthermore thermal stresses as well as the deterioration of material properties are reduced.

The shielding funcion is taken over by the liner segments, which themselves have to be protected from the hot gas
temperatures. The application of thermal barrier coatings is one way of doing this. Attwood (21) has presented some
considerations about their application. Two methods of incorporating the Yttria stabilised Zirkonia coating in the turbine
casing are being investigated.

- The thermal barrier material is embedded in a honeycomb structure bonded to the segments. This is a design that
has been successfully developed for the HPT of a military engine. It has two disadvantages. Firstly too much heat
is conducted through the honey comb material to the liner. Secondly the honey comb metal is too hard, so that the
blade tips wear out in case of rub.

- The improved solution is a coating sprayed directly on the liner segments with a suitable bonding sublayer.

In both cases the abradable properties of the coating are not particularly good. Contact between the blade and the
casing will have to be avoided, even if hardened tip caps are used.

Cooling is the other way of keeping liner temperatures low. Impingement cooling is applied through holes in the
supporting ring. Fi!m cooling is also very efficient. Small, closely controlled amounts of air are introduced upstream of
the liner.

The supporting ring itself is also cooled by the liner impingement air. Heat convection and radiation from the
segments to the ring is inhibited by a perforated sheet of metal. The outer diameter of the ring is protected by a heat
shield from the radiation of the combustor.

If these measures do not suffice to ensure the necessary thermal behaviour of the casing, materials like Incoloy 907
with lower thermal expansion coefficients (Fig. 9) have to be considered. Further slowing down of the thermal response
can be accomplished by local accumulation of material and thickening of the support ring. Research is also being
performed for future application of ceramic materials in the strurture.

4. HOT GAS PATH SEALING

Isolation of highly stresse parts from the temperatures of the main flow has become a dominating design feature
for advanced engines. It requires a very comprehensive secondiry air system that helps avoid hot gas ingestion into
cavities, supplies the necessary cooling air and minimises leakages. This has to be coupled with a careful design of gas
seals to provide the necessary resistance to the pressure drop between the main flow and the cavities.

A particular problem arises with transonir guide vanes in highly loaded turbines. The structure of the flow in surh a
guide vane is shown in Fig. 10 in the experimental Schlieren photograph and the time marching prediction taken from
Happel, Dietrichs and Lehmann (22). Two compression shocks originate at the trailing edge. Shock a) is reflected on the
suction side b) and propagates downstream. The suction side shock c) is usually stronger and is of significant influence to
the pressure field behind the cascade. An importand side effect of these phenomena is the pitchwise pressure distribution
at the guide vane exit shown schematically in Fig. 11. The pressure drop across the shock is of the order of 1 bar
depending on the operating conditions. The area between guide vane and rotor blade usually communicates with cavities
where a constant pressure prevailes. An example is shown in Fig. 11 at the casing, in the structure designed to take the
thermal loads. Although the average pressure drop over the connecting gap may be negative, the distribution along the
pitch would lead to hot gas entering the cavity hehind the shock and leaving it at the low pressure main stream region.
This results in recirculation zones downstream of every individual guide vane passage overheating structurally highly
loaded parts.

Minimising these effects sets three targets to be achieved by mechanical design.

- Reduce the size of the cavities
- Provide sufficient through flow of cooling air
- Increase the resistance to the recirculating flows.

For the situation at the casing described above, achieving adequate control of the sealing air is rather difficult. This
is due to the relative movements of the guide vane and the supporting ring. Recirculation however was significantly
reduced by filling the cavity aod introducing a sealing strip as shown in Fig. 12.

Solving the problem at the hub is just as difficult, because the seal is situated between a static and a rotating part
and cooling air has to be supplied to the rotor in the same vicinity. In this case the two functions of the air system have
to be separated. Fig. 13 shows a configuration taking these considerations into account. A cover plate design is used to
increase the pressure of the cooling air and to guide it to the disc rim and the blade. Preswirl is introduced to keep the
temperature of the cooling flow low. The pressure drop across the front seal is adjusted to provide the necessary through
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flow. A double seal concept has been selected to reduce the size of the cavity and to minimise the leakage flow. It should
also reduce the pitchwise pressure gradients by mixing processes between the seals.

5. SECONDARY FLOWS ANDCOOGJN

The high combustor temperature levels in advanced engines require a very complex cooling philosophy to provide
sufficient life with as low a performance penalty as possible. One aspect that needs particular attention are secondary
flows. They dominate the rearrangement of the temperature field along the blade passage, transporting hot gases across
the main flow. This requires again an integrated approach to aerodynamics, heat transfer and cooling as well as
mechanical design.

The three principal secondary flow structures in a gas turbine are shown in Fig. 14.

- The rotational motion induced by the trailing edge shed vorticity when forced vortexing is applied to the
aerodynamic design. Since potential vortexing is effectively not used any more for modern turbines, this
secondary flow is always present. However 3D Euler predictions and test experience indicate that the motion is
quite slow not exceeding about 1/20th of a revolution per passage length in axial turbomachinery.

- The passage vortices on both end walls are generated by the boundary layers at the hub and at the casing. The
secondary velocities involved are one order of magnitude larger and they transport large amounts of fluid across
the passage.

- The horse shoe vortices on both end walls represent the fastest secondary motion. The pressure side leg of these
vortices is transported by the passage vortices towards the suction side, where these flows concentrate. Their
structure is quite complex, the amount of fluid affected however is rather small.

The transport of hot gases around the passage by these secondary flows is the important aspect from the cooling
point of view. The evolution of the temperature field from the inlet to the exit of a turbine guide vane is shown
schematically in Fig. 15. The temperature distribution entering the passage is assumed to be axisymmetric and cold at
the end walls, particularly at the hub. At the exit plane the trailing edge shed vorticity has shifted the mid section hot
gases only slightly towards the casing on the pressure side and towards the hub on the suction side. The passage vortices
give the strongest contribution pushing the hot gas region onto the pressure side across the span of the airfoil. The horse
shoe vortex carries the incoming boundary layer and part of the flow close to the end walls into the main stream.

This is a qualitative discription of the characteristics of secondary flows. Prediction techniques are not yet
sufficiently reliable for design work, one has to resort to experimental results. Fig. 16 shows the flow visualization in a
turbine guide vane discussed by Dietrichs (23). At the casing the effects of both the horse shoe and the passage vortex
can be clearly seen at the inlet. At the hub exit however the motion across the passage can not be identified. The
particularly strong acceleration in the inlet guide vanes of high pressure turbines, with typical exit to entry velocity
ratios of about 10, appears to lead to very thin boundary layers at the hub. This results in low intensity secondary flows.

It is quite evident that these phenomena have to be accounted for in advanced designs. For example two conclusions
can be drawn from Fig. 15.

- Near the trailing edge of the airfoil the hot gases have accumulated on the pressure side. This is quite useful
information for the definition of the coling system.

- If film cooling is to be used for that part of the guide vane, it is evident that it will have to be introduced in the
rear part of the passage. Any cooling air injected further upstream would be washed away from the airfoil onto
the end walls and would be less effective.

6. CONCLUDG REMARKS

Blade tip clearance control remains one of the dominating problems in unshrouded high pressure turbines. Inspite of
a lot of experimental work in the recent past, no reliable solutions for aerodynamic control have yet emerged. Numerical
methods are available today and should be used to attack the problem. There are many parameters involved in
mechanical control and they are well known. Difficulties arise when trying to integrate them in the design.

Gas path sealing and cooling pose a further challenge to advanced engine design. New problems are encountered with
highly loaded transonic turbines. Although applicable solutions already exist some of the design tools still need to be
improved. Reliable secondary flow prediction techniques are needed which can be developed based on the broad
experimental data available today.
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DISCUSSION

A.S. UCER, Turkey

In figure 7 you are showing the variation of blade tip clearance. How
this clearance was measured ?

Author's Reply

Figure 7 is a qualitative presentation of the thermal transients in
the engine. Clearance cannot be measured directly. It is assessed from mate-
rial and air system temperature measurements and the computed thermal expan-
sion of the parts. At the beginning of an engine program, this estimation is
not very accurate. With accumulating experience, after about 100 test houi ,
this estimation becomes quite reliable. Absolute clearance under all opera-
ting conditions including transients can be calculated better than 1 % s/h.
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DESIGN AND TEST OF A HIGH BLADE SPEED,
HIGH WORIK CAPACITY TRANSONIC TURBINE

by

R.C. Kingcombe, J.D. Bryce, N.P. Leversuch

Royal Aircraft Establishment, Pyestock,
Farnborough, Hampshire, GI4 OLS, England

SUMMARY

A high rim-speed turbine has been designed and tested at RAE Pyestock. A major objective in the

design was to achieve high aerodynamic efficiency at high work capacity by way of reduced stage loading -

facilitated by high blade speed. The design includes three-dimensional features such as a parabolic

distribution of exit angle and compound trailing-edge lean on the nozzle guide vane and a thick root,

highly tapered rotor blade - necessary in an engine turbine to moderate blade stress.

The paper describes the design approach and presents and discusses the results of cold flow rig

tests undertaken at RAE Pyestock. Heasurements included NGV and rotor blade surface static pressures as
well as detailed traverses.

I INTRODUCTION

The need to develop a single stage RP core turblne which has both high aerodynamic efficiency and

high work capacity has been the subject of much recent research effort. At such high work capacity

engines often adopt 2-stage rP turbines to drive the core. However, modern advances in materials

technology on both blades and discs permit increases in turbine blade speed sufficient to generate the

desired work capacity in a single stage, whilst maintaining a high level of turbine efficiency. The

major contribution to high efficiency is the moderate level of turbine stage loading achievable when

operatiug at high blade speed. The turbine has the following !arameters:

work capacity CpAT/T 285 J/Kg

aerodynamic loading Ah/U
2  

1.46

blade speed U/IT 14 m/s /_

flow coefficient VA/U 0.41

rotor mean hub/tip ratio 0.87

flow function (/
T

/P 0.76 (kg/s)/--/(kN/m
2 )

This duty is compared with some other research turbines on Fig 1. Included on the figure are some

American turbines 1,2,3 and a previous research turbine designed and tested at RAE Pyestock4. This

turbine had a very high work capacity (C T/T - 306) and a high aerodynamic loading of 2.1 using a

moderate level of blade speed CU/T - 12). It achieved a rig efficiency of 87% at a tip clearance of

1.4% of blade height. The high rim speed turbine aimed to demonetrate considerably higher aerodynamic

efficiency at the higher blade speed and lower loading.

An important feature in modern turbine design, contributing to high aerodynamic efficiency, has

been the choice of three-dimensional geometry for the aerofoils. One of the first to incorporate such

features was the Airesearch turbine
S 

which featured pronounced compound trailing-edge lean on the NGV,
together with radial work distribution. Successful incorporation of three-dimensional geometry to

advanced IP turbine design requires computer codes to predict the three-dimensional fl w in complex

turbine passages. For this turbine,, the Denton three-dimensional inviscid time-marching computer

program
6 

was applied extensively to the qnrodynamic design.

2 AERODYNAMIC DESIC

The turbine annulus is shown on Pig 2. It features cylindrical end-walls on the NGV and equal and

opposite flare of 7.2* on the inner and outer walls of the rotor blade, which is shroudless.

The assumed NGV and rotor losses were derived from both published correlation methods
7

, ,9 and

other turbine data. The NGV'meson loss was assumed to be 0.08, resulting from a profile lose (profile,

trailing edge and shock) of 0.04 together with a secondary lose of 0.04. The manner in which the lose
was distributed across the annulus is shown on Fig 3(a) where it can be seen that the secondary loss has

been concentrated in the Inner and outer 302 of the open. There was some optimism fed into the assumed

level of secondary loss, which it was hoped to minimise by three-dimensional design.

On the rotor, the profile loss (profile, trailing edge and shock) was assumed to be 0.08, the

secondary loss 0.08 and the overtip leakage 0.04. These components were distributed as shown on

Fig 3(b). It can be seen that because of the MV wakes and loss cores, sow effect of the secondary flow

may be felt even at mid-height. The tip clearance loss Is concentrated in the outer annulus region.
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A throughflow analysis study was then carried out to select the blade velocity triangles. A
parabolic forced vortex of NGV outlet angle was specified in order to concentrate most work in the most
efficient central region of the flow and also to unload the end wall sections to help reduce secondary
flow and loss. A similar parabolic variation of rotor exit angle was chosen for the same reasons. The

variation of inlet and outlet gas angles and Mach numbers is shown on Fig 4. The NOV exit Mach numbers
are slightly supersonic (about 1.05 to 1.1 at root and mean sections) and the rotor gas exit Mach numbers
relative to the blade are low supersonic (1.0 to 1.1 at root, mean and tip sections). The exit swirl
from the rotor blade is at a mean value of about 25". The reaction varies from 37? at the root to about
43% at the tip. The throughflow analysis, with the above losses, yields a total-to-total adiabatic
efficiency of 91.5%. This is a gas path figure and excludes bearing losses and disc windage. At this
high rim speed, and for the rig disc which has protruding bolt heads, provisional estimates of bearing
loss and windage indicate a penalty of about l on turbine efficiency.

3 BLADE DESIGN

Preliminary blade profiles were selected using a quasi-three dimensional design method
0 

which
allowed blade-to-blade calculations to be carried out including the effect of change of streamtube height
and rotational effects. Final design was carried out using early versions of the Denton three-

dimensional time-marching program
6
. After the design had been committed for manufacture further

predictions were carried out on an improved version of the program
1 1

. It is these predictions that are
presented in this Paper.

Trailing-edge thicknesses of 0.89 m and 0.85 mm were selected for the NGV and rotor respectively

together with wedge angles of 4*, so that the design would be mechanically practical in an engine, in
which the aerofolls would have to be cooled.

3.1 Nozzle guide vane

A constraint on the choice of NGV numbers was the decision to use the existing transonic turbine
casing for the testing of this design. Thus, despite the optimum number of vanes being around 36,
40 vanes were chosen. Use of this casing, which has cylindrical end-walls, also prevented incorporation

of end-wall profiling.

The NOV stacking was chosen on the basis of previous work and published results
5
. A significant

advantage in controlling NOV secondary flows stems from compound trailing-edge lean such that the suction
surface displays concavity in the hub to tip direction on the back surface of the vane. This is
illustrated on Fig 5. This lean introduces radial pressure gradients on the aerofoil limiting movement
of the blade boundary layer into the end-wall region. This has the effect of reducing the secondary
loss. The maximum tangential lean was limited to 25' at the end-galls. Seven design sections were
selected and were stacked on the trailing-edge line in a constant axial plane but varying in the
pitchwlse direction as shown on Fig 5.

The final vane is illustrated on Fig 6 by a computer picture together with a photograph. The

pressure distribution at hub, mean and tip sections is shown on Fig 7. Illustrated are the predictions
carried out with the improved Denton program

1 1 
after the vane had been comitted to manufacture. There

is generally smooth acceleration of the flow up to the throat region, with modest peak Mach nuabers,
reaching 1.14 on the hub section suction surface. --- r o- -o -ir --ee,,.e on the suction
and pressure surfaces are shown on Fig 8. The patterns indicate largely tu-dimensional flow with a
slight static pressure gradient away from the end-wall towards mid-span in -he region up to the throat.

It should be noted that the three-dimensional shaping of the blade is only slight in the leading-edge
region, giving very small effects in this area.

3.2 Rotor blade

This blade features deliberate choice of a thick root highly tapered design in order to simulate
the engine turbine requirement to minimlse root centrifugal stresses by tapering the blade sections from
root to tip. The thick root philosophy has also been used to minimise diffusion within the rotor row
which can occur at the junction of the pressure surface with the hub platform. The Mach number at the
forward pressure surface has been raised to avoid significant pressure diffusion in the hub/end-wall
region, thereby reducing the tendency of the end-wall boundary layer to migrate towards the suction
surface augmenting the secondary flow.

The blade profiles were stacked so that the centroids of each rection were on a radial axis. It
was considered that this was the most appropriate from the point of view of stressing constraints in an

actual engine turbine.

A study of trailing-edge 'osses and aspect ratio led to the conclusion that the optimum number of

blades was around 60 and the prime number of 59 was selected. This gave reasonable blade lift coef-
ficients. The radius of the leading-edge circle was varied linearly from 2.5 - at the hub to 1.25 ON at
the tip. The resulting blade is shown on Fig 9. The predicted Mach number distribution at hub, mean and
tip sections is shown on Fig 10. These distributions show a pesky, non-uniform distribution of surface
Mach number on the auction surface with an undesirable over-expansion at the point of maximum curvature.
This over-expansion and the subsequent recompression become worse towards the tip of the blade. This
will induce local shocks and accompanying viscous effects which would cause loss of performance. Such

pesky distributions were not predicted at the time of comitting the design to manufacture, but were
predicted by the improved time-marching program

1 1
. If the opportunity had been available the distri-

bution would have been improved by modification of the profiles. In other respects, the distribution is

satisfactory and in particular the lack of hub pressure surface diffusion can be seen. Fig II shows the
predicted static pressure contours on the suction and pressure surfaces of the rotor blade in meridional
view. It can be seen that the flow around the nose and on the forward paert of the suction surface is
largely two-dimensional. The early over-expansion on the suction surface at about the point of maximum
curvature can be seen as a finger of low static pressure extending from the tip down towards the root
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region. There is a pronounced gradient of static pressure acting towards the tip on the suction back
surface at the position of peak Mach number.

4 TEST 1IG

The blading was manufactured and tested in a cold-flow turbine test rig at RAE Pyestock. A
schematic layout of the instrumentation is shown on Fig 12. Air from plant compressors Vs fed to the
turbine via a calibrated venturi-nozzle Sireeter and exhausted to atmospheric pressure. The shaft torque
was measured using a phase-shift torquemeter and the power was absorbed by a high speed water
dynamometer. All pressures were measured by transducers vie Scanivalves and temperatures were sensed by
chromel-constantan thermocouples. All readings were logged by a computer based data acquisitton system
which determined 'on-line' turbine performance from the measurements.

The most reliable and consistent measure of turbine temperature drop was from the measured torque
together with shaft speed and the measured mass flow rate. Neither the downstream thermocouples nor the
Kiel rakes were used in the determination of efficiency. For this purpose, the outlet total pressure was
determined from the mean wall static pressure and a calculation for the mean flow Mach number. This
calculation uses the measured mass flow rate, annulus area and an swirl angle across the annulus deter-
mined from comprehensive (35 point) radial traverses supplemented by 350 point area traverses. This
yields an absolute level of turbine total to total adiabatic efficiency which Is estimated to be accurate
to batter than +i.0 percentage points. geing based on measured shaft power this efficiency includes the
effect of windage and bearing loss. From internal estimates, and a separate set of tests specifically to
measure this windage which are still in progress, the gas-path efficiency is believed to be about 112
higher.

Other important measurements were static tappirgs on both the NGV and the rotor. There were
30 tappings distributed around the NOV surfact at each of 15% and 502 annulus heights and there was a
total of 34 tappings on the rotor blade, 9 at 212 arnulus height, 7 at 50Z annulus height and 18 at 802
annulus height. The rotor measurements were taken out via a rotating Scanivalve with measured correc-
tions for the centrifugal pumping effect. The tappings were not all on one blade or in one pasage but
are distributed around the 40 vanes and 59 rotors. In addition there are NOV exit and NGV passage
end-wall static tappings. Running tip clearance was also measured using electrical contact type probes
with stepper-sotor drive to achieve a resolution of 10.01 sm.

Testing was carried out over a range of turbine speed from 802 to 1102 end pressure ratios from 2.0
to 4.2. Test Reynolds numbers at design point, based on true chord and blade exit conditions, were
3.6 x 106 for the NGV and 0.56 - 106 for the tutor.

5 TEST RKSULTS

At turbine pressure ratios above about 2.4 the turbine was choked and the measured mess flow
function was 0.82 higher than design. This was a creditable reflection on the throat discharge
coefficient aSemed in the design and on the accuracy of setting the nozzle thrs' s in the rig.

The variation of turbine efficiency with speed and pressure ratio is shown on Fig 13. It can be
seen that the performance improves with speed but that peak efficiency occurs at lower than design
pressure ratio. At 1102 of design speed, higher efficiency than at design speed is only obtained over a
narrow range of pressure ratio. The shape of this 1102 characteristic is unexpected, compared with the
shape of the characteristics at other speeds. The meserred efficiency at design point was 89.2Z. The
seasured tip clearance at design speed was 0.37 am, which represents 0.92 of annulus height.

5.1 NGV performance

The measured distribution of surface Isentropic Mach number at NGV aid-height is shown on Fig 14

compared with the three-dimensional time-marching predictions. It can be seen that close agreement is
obtained on the pressure surface and on the suction surface up to the throat. There is evidence of a
weak shock on the suction surface at about 65Z axial chord, with subsonic conditions indicated over the
remainder of the instrumented portion of the blade. It was not possible to Install tappings in the thin
trailing-edge region. The distribution at 152 annulus height shows similar results with an ever weaker
shock at about 65Z axial chord. The end-vall NOV exit static pressures indicate isentropic outlet Mach
numbers of 1.03 and 0.96 at the hub and tip respectIvely, compared with 1.13 and 0.99 at design. With
the 0.92 higher flow than design, these lower outlet M4ach numbers are consistent with a Small error in
NGV throat discharge coefficient in the design. Otherwise the NGV appears to be operating close to
design, with no indication of serious extra loss.

5.2 Rotor blade performance

The rotor blade surface static pressures were measured using a rotating Scanivalve with a
correction for the centrifugal pumping effect between the tapping on the blade and the pressure
transducer on the axis of rotation. Because there is no measure of relative inlet t-,al pressure to the
rotor, the surface static pressures were non-dimensionalised with respect to the highest indicated static
pressure, and Isentropic Mach numbers calculated. Because of uncertainty over the total pressure, the
level of Isentropic Mach number indicated by the measurements is also slightly suspect. The possible
error is largest at the low Mach ambers and so will most affect comparisons on the pressure surface.
The variation of this isentropic Mach amber at design conditions is shown on Fig 15 at 3 snulus heights
and compared with a three-dimensional inviscid time-marching synthesis. This synthesis is not based on
the design values of outlet static pressure, but on the measured values which are lower. The reason for
this difference is discussed below with reference to the traverse results. Comparison of Figs 10 and 15
showe that this has led to the prediction of higher surface Hoch nmbers, with a considerable over-
ezpansion of the flow on the suction surface at about 752 to 802 axial chord which is considerably more
pronounced towards the tip. The measurements confirm the trends indicated by the synthesis but show even
higher suction surface peak Mach numbers. A peak Mach number of greater than 1.5 is measured at 802



12-4

annulus height and this mat introduce higher than design loss towards the tip. The measurements also
show the over expansion of the flow at around the point of maximum curvature on the suction surface (352
to 402 axial chord) as discussed above with the rotor blade design.

Fig 16 shows the variation of measured and synthesised isentropic Mach number distribution on the
rotor blade at 802 annulus height at speeds of 90%, 1002 and 1102 of design, all at design pressure
ratio. It can be seen that there is moderately good agreement between measurement and synthesis on the
early part of the suction surface where the higher Mach number at lower shaft speed are due to increased
incidence of the airfl:ow onto the rotor. This indicates that the incidence onto the rotor is as designed
and helps substantiate the conclusion that the NCV exit flow is close to design intent.

5.3 Downstream traverse measurements

Area traversing was carried out downstream of the rotor by a series of 19 circumferential sweeps
separated by 2.5 am radial increments. On each sweep 19 readings were taken at points Vr apart circum-
ferentially, covering one complete NOV pitch. Total pressure, static pressure and yaw angle were
recorded using a 3-hole wedge probe nulled at each point. Fig 17 shows contours of exit swirl angle
which clearly shows that there is a large region of flow, extending in from the tip, where there is
significant underturning of the flow. This is attributed to the effect of the overtip leakage flow and
the undertuning associated with the strong shock wave in the tip region of the rotor as seen on the rotor
static pressure distributions. This overall reduction in rotor outlet angle is causing a reduction in
work output as well as an increase in pressure loss from the shock. The low swirl in the tip region
means that significantly higher swirl is required in the mid-span and root region in order to achieve
design work. The design swirl is 25*, compared with over 30* from Fig 17 in the mid-span and root
region. This would help to explain why the turbine characteristic (Fig 13) peaks at lower than design
pressure ratio. This effect also explains why the measured outlet static pressure is lower than the
design value, because, with close to design flow but higher swirl, the flow has a higher Mach number and
hence higher total-to-static pressure ratio.

Contours of outlet total pressure are shown on Fig 18. The most striking feature is the pre-
dominantly radial variation of total pressure again confirming the dominance of the rotor losses in the
tip reigon. Although traversing could not be carried out very close to the inner wall, there is no
indication of secondary loss cores from the NGV.

6 CONCLUSION

A high rim speed, high work capacity single stage shroudless transonic turbine has been designed
and tested at RAE Pyestock. The turbine demonstrated a measured efficiency of 89.2% at design conditions
at a tip clearance of 0.92 of blade height. This includes the effect of bearing and windage losses which
are estimated to be equivalent to about l% efficiency. The gas-path efficiency was therefore about 90%
to 91%.

Static tappings on the NOV indicated no major problems on the aerofoil. The other limited infor-
mation available, indicated that the NGV loss was close to design and it should be noted that some
optimism was included for the effect of three-dimensional design on the level of secondary loss. On the
rotor, a rather pesky Mach number distribution was obtained on the suction sursace. The early peak is
associated with an overexpansion of the flow over the maximum curvature of the profile. This can now be
predicted by more up-to-date versions of the Denton three-dimensional time-marching inviscid computer
program than were available when the design was committed to manufacture. The distribution would have
been improved by modification of the profile if the opportunity had been available.

The second factor causing some loss of performance was identified from both the downstream
traverses and the rotor static tappings. The underturning of the rotor blade tip clearance flow in the
outer annulus region is causing the rest of the blade to operate with higher outlet swirl in order to
obtain the design work. Thus the outlet Mach number is higher and the downstream static pressure lower
than design in the mid-span and root region. This gives rise to considerably higher suction surface peak
Mach n mbers on the rotor blade which most induce higher than design loss.

Overall the turbine demonstrated reasonable levels of aerodynamic efficiency with areas identified

where small improvements could be made.
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DISCUSSION

A.S. UCER, Turkey

Do you use any deviation prediction method in your design ?

Author's Reply

Deviation corrections are much lower on turbines than on compressors
because the blade boundary layers are much thinner on turbines. In this
design, allowance was made for deviation by carrying out some continuity
calculations between the throat and downstream and allowing for appropria-
te throat blockage. The outlet angles predicted by the inviscid design me-
thods were thus higher than those required in the turbine.

H.B. WEYER, Nl

How did you correct for the centrifugal effects on the rotor blade
pressure measurements ?

Author's Reply

The centrifugal pumping effects on the rotor static pressure measure-
ments were calculated from the known radius, measured speed and a calibra-
tion based on a disc rim static pressure measurement

R.G. THOMPSON, US

What reference temperature was used to represent the rotating colum
of air when measuring the rotating blade static pressure ?

Author's Reply

The mean temperature of the rotating column of air was determined from
the calibration of a disc rim static pressure measurement as mentioned in
the previous answer. There was one reading on the rotating disc near the rim
and a second reading on the s-ationary structure at the same radius. This
allowed the mean gas temperature in the rotating column to be calculated and
this same temperature was used in the calculation of the corrections for the
rotor static pressure measurements.

J. MOORE, US

Were the 3D flow calculations performed for the stator and rotor com-
bined or for the two blade rows independently ?

Author's Reply

Most of the design work was carried out with separate calculations
for the nozzle and rotor rows. This allowed the maximum amount of detail to
be obtained from the limited overall grid size that could be run on the
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computer. However, some calculations were performed on the nozzle and rotor
cor.bined as a stage in order to determine the radial gradients at exit fro!'
the nozzle arising from interaction between the blade rows. In these
calculations, the flow between the nozzle and rotor was circumferentially
averaged at each radial station so that the time-meared interaction was cal-
culated, not the instantaneous flow for one relative position of the nozzle
and rotor.-

J. HOURMOUZIADIS, Ge

The original turbine you reported on two years ago at the ASME was mu-
ch more advanced. What was the real reason why you decided to make such a
conservative design and put all the advancement into the_ tip speed of your
turbine ?

Author's Reply

It was for the efficiency gain over the earlier design. Because of the
much higher Mach numbers on the blading, the efficiency of the former turbi-
ne was significantly lower, at about 86 % or 87 %. In order to make a tur-
bine of this duty competitive with a two-stage design, higher aerodynamic
efficiency than that obtained previously wculd be required. Advances in ma-
terials technology allowed a higher turbine blade speed to be selected to
give a more competitive turbine at higher efficiency. The attainment of 89 %
to 90 % efficiency at higher blade speed in the turbine described is not
necessarily any easier or less advanced than the previous turbine design.
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ADVANCED TECHNIQUES EMPOY) IN BLADE COOLING RESEARCH

MISS B RGERS. SENIOR TECHNOLOGY ENGINn
ADVAN1CE) TURBINE TECRPMLOGY DEPARTMENT

MR C GRAHA, NEAD ADVANCED TURBINE
TECHNOLOGY DEPARTN

MR K McICUOLAS, SENIOR TEST EGINER
ADVANCED PUJDJECTS DEPARTMIENT

Rma.L. ALYCE PLC, P G BOX 3, FILTOW, BRISTOL, BS12 7O, ENGLAND

SUMMARY

As the demand for improved performance of advanced gas turbine engine components
continues, the environment within an engine, in which the turbine must operate, has
become more hostile. The operating temperatures of turbines have increased such that
not only the first stage, but in many cases the second stage requires some form of
cooling.

The design of an advanced cooling system for moderately cooled second stage blades
was undertaken as part of a demonstrator project. The design process, involving complex
computer modelling, and hot rig testing of the blades, is described in part I of this
paper. The test results confirmed that substantial increases in cooling efficiency can
be gained by introducing small scale turbulators into radial hole cooling systems.

Part 2 describes a development temperature measurement technique based on a video
camera operating in the near infra-red region. The results of the video pyrometry were
validated from results obtained from a series of demonstrator hot rig tests. Also
discussed are a number of problems relating to surface temperature measurement, in
particular, the method used to achieve artificially matured blade surfaces.

INTRODUCTION

Increasing demand for improved performance from advanced gas turbine engines has
resulted in hotter gas temperatures at which the turbine has to operate. Consequently,
the requirement for advancing turbine blade cooling technology continues to be of great
importance.

The penalties of cooling can be twofold, reduction of the hot core air flow and
compromise of the blade aerodynamics.

Therefore, it is in the interest of the turbine designer to develop a cooling
system that uses the minimum amount of cooling air and that will not compromise the
external aerodynamic performance of the blade.

An advanced demonstrator programme, based on an uprated 2 stage high pressure
turbine, required the second stage blade to be cooled to achieve the required life. A
family of cooling systems was designed, incorporating small scale turbulators to enhance
the performance of a radial hole cooling geometry, suitable for thin aero-efficient
aerofoils.

The design process can now utilise complex computer models to predict the
performance of new designs, prior to testing under conditions representative of the
engine environment. The results obtainable from the latter enable assessment of the new
designs and also verification and improvement of the prediction methods used in the
design process.

The conclusions and inferences that can be made from any tests are dependent on the
quality of results obtained. Hence, the development of the measurement techniques used
in testing plays an important part in blade cooling research.

Thus it was with this in mind that the testing of the innovative blade designs was
used for the development of a further advanced measurement technique, video pyrometry,
in conjunction with the already established technique using thermal paints.

The design and test of the new blade cooling standards is described in the first
part of this paper, and the development and results of the video pyrometry technique,
detailed in the second.
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PART 1 - ADVANCED RADIAL HOLE BLADE COOLING TWECUOWGT

The high pressure (H.P.) second stage rotor blade (Fig 1) of the demonstrator
project was used as a vehicle to enable-the cooling performance of a simple row of
square ribbed radial (S.R.R.) holes to be measured. This also served as a manufacturing
driver in the development of core/casting technology.

The moderate amount of cooling required by the second stage H.P. blade enabled a
radial pass, low pressure fed cooling system to be adopted - it was anticipated that
S.R.R. holes had the potential to achieve cooling efficiencies of 100% with moderate
length: diameter holes.

The Company's suite of computer programs for the prediction of aerodynamic and
cooling performance was used to execute the design of a number of cooling standards of
design, and to assess their behaviour at engine conditions.

The comparison of these designs was achieved by both use of the prediction methods
and hot cascade testing.

DESIGN AND PREDICTED PERFORMANCE

The second stage H.P. blade used as the vehicle for this work is shown in Fig 2.

The configuration consists of 8 square radial holes in the leading edge and central
region of the blade shape. The design variants were:-

* plain walled passages, Datum
* passages with 2 walls ribbed
* passages with 4 walls ribbed

The designs were analysed at conditions representative of engine type test
conditions.

The effect of the ribbed surfaces on the pressure drop and heat transfer in the
radial passages was modelled using data from a number of sources including Norris (Ref
1) and Burggraf (Ref 2).

The predicted performance of each standard was compared, relative to that of the
plain walled standard, for mid span mean cooling effectiveness and cooling efficiency,
as derived by Holland and Thake (Ref 3). See Table 1 below.

Table 1. Predicted performance

COOLING COOLING COOLING COOLING
SYSTEM FLOW % EFFECTIVENESS EFFICIENCY

OF DATUM % OF DATUM % OF DATUM

DATUM, PLAIN WALLS 100 100 100

2 RIBBED WALLS 33 68 157

4 RIBBED WALLS 25 61 175

The prediction process enabled temperature contour plots through a number of
different radial blade sections to be obtained. These were then combined to generate a
surface temperature plot (butterfly plot). Both section and surface contour plots for
one standard of cooling are shown in Figure 3.

MANUFACTURING

Manufacture of the square radial hole blades required advances in both core and
casting technology. Reinforced silica tubes were used and grooves 'machined' into the
tubes in batches. The square shape of the cores facilitated the machining process.

Initially grooves were cut using a grinding wheel. 'his was found to be
unsatisfactory as bad scratches raised in the cores resulted in an unacceptably high
scrap rate.

Use of lasers to make the grooves gave much better results as the 'grinding
scratches' were avoided.

Initial casting trials had a problem with location of the core tubes within the
blade section. These were subsequently facilitated by development of the shell
material.

The castings were x-rayed and flow checked before modification for rig testing.
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TESTING

Static hot cascade testing was carried out to enable the relative cooling
performance of the different blade design standards to be measured at representative
teaperatures and pressures.

Two test blades were placed in an annular segment between 'flanking' pairs of
blades to create representative gas paths. The rig was run to correct non-dimensional
engine conditions and the length of test varied dependent on the measurements required.
The test rig is described more fully in Part 2.

In this series of testing the design verification tests were run using thermal
paints to measure blade surface temperature. The gas conditions during the thermal
paint test runs were as below:

Cascade Inlet gas temperature 1326K
Cascade exit gas pressure 60 psi
Coolant gas inlet temperature 825K
Coolant gas inlet pressure 79 psi

A number of different temperature band paints were run for each design standard to
enable a composite picture to be established for each blade. Fig 4 shows a
non-dimensional contour plot of the plain walled, Datum, blade standard - cooling
effectiveness levels have been taken to make allowance for variations in mainstream and
coolant gas conditions from test to test.

Development of the video pyrometry measurement techniques as detailed in Part 2,
looked at a simulated thermal paint test run to enable direct comparison with thermal
paint test results.

The video pyrometry technique was extended to use as a real time measurement
technique to investigate transient behaviour. Tests were run to examine behaviour of
the cooling system during simulated cyclic running.

BLADE COOLING PERFORMANCE

In this section, results from the cascade tests are compared with the predicted
performance.

The measured reduction in cooling flow due to the presence of the ribs is less
severe than predicted, see Fig 5. This, in part, is reflected in the greater measured
cooling effectiveness enhancement due to the ribs, as shown in Fig 6.

The cooling efficiency, however, allows the effect of mass flow variation to be
separated out, giving a true indication of relative cooling performance. In this case
the measured improvement in cooling efficiency due to the ribs is predicted with
reasonable accuracy, see Fig 7.

In order to improve the modelling of the effect of friction due to ribs, the
cooling flow behaviour was analysed in detail. The resultant increases in friction due
to the ribs, test measurement compared with prediction, is shown in Fig 8. This
information has now been incorporated into the design process.

PART 2 - VIDEO PTOETRY OF TURBINE BLADES

A measure of the efficiency of a cooling system can be derived from the blade
surface temperature under operating conditions. This is achieved using two well
established techniques - thermocouples and thermal paints. Although both techniques
achieve the desired results, both have limitations. Thermocouples, for instance, are
prone to mechanical failure whilst thermal paints are limited by the amount of time that
can be spent at operating conditions before being adversely affected by high temperature
and gas erosion. Although both methods achieve the desired results, i.e. surface
temperature measurement, both are essentially invasive, requiring direct contact with
the blade surface.

An alternative to direct surface contact methods is opticll pyrometry.

TURBINE BLADE TEST RIG

Traditionally, Rolls-Royce has used hot rig testing for verification of design and
mechanical integrity of engine components. Rigs, both dynamic and static, are designed
to mimic engine environmental conditions.

The test rig used for this series of static turbine blade tests consists basically
of a high pressure air supply feeding a tandem combustion system. During test running,
the hot combustion gases are transferred via a dog leg shaped duct to the cascade
section. Here, the blades are orientated so that they meet the gas stream at the
correct angle of incidence.
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During testing, all performance and health monitoring parameters are scanned by a
high speed analogue/computer system. Thus, pertinent test data can be readily available
on completion of testing either for performance analysis or for transfer to main frame
computer storage.

The development of video pyrometry was aided by the unique construction of the
turbine test rig in having two line of sight windows, one upstream and the other
downstream of the cascade test section. Both viewing ports were readily accessible,
allowing ease of installation and subsequent adjustment. Services to and from the
camera such as electrical power, cooling air, video leads etc, were readily accommodated
within the test cell without modification.

Video testing was carried out from the downstream window, the camera and its
environmental box being mounted on a platform attached to the port window flange.
Originally, it was thought that rig vibration during running would induce camera
microphony, resulting in a degradation in picture quality. Subsequent experience showed
that there was no picture degradation or distortion, the test rig proving remarkably
free from vibration.

Focusing of the camera was straightforward. The target blades were illuminated by
a tungsten light source and the lens system was then focused until the TV monitor image
appeared clear and sharp, this position then being noted and fixed. Initially, the
focus was considered satisfactory when a visually sharp image was obtained. Later, this
technique was modified by overlaying a graticule on the target blades surface. The
benefit of this technique was that focusing was made more precise, the blade surface
area under observation was made easier to calculate and positions of primary importance
could be readily identified and related as X Y coordinates. Also pixel area change ever
the blade curvature can be readily assessed

The view of the test cascade from the downstream observation window allows only the
suction side to be viewed, and then only partially. The amount of blade surface visible
is dependent on the camber and stagger of the individual blade and its position within
the cascade. Under normal circumstances the test blades are positioned in the centre of
the cascade in order to minimise wall effects and gas stream temperature gradients.

PYROMETRY

Pyrometers operate on the well established principal that a surface, particularly
metal, when heated to a sufficiently high temperature, will emit energy in quantities
that are proportional to the surface temperature. Therefore, if the emitted intensity
can be calibrated, then the temperature of the emitting surface can be determined.

The active photo sensitive area of a video camera is composed of photo-conductive
material deposited on a conductive film. The target can be assumed to consist of a
large number of elements, the size being determined by the size and accuracy of focus of
the scanning electron beam. As with the photo sensor of the engine control pyrometer,
the photo-sensitive element reacts to light, producing an electrical voltage
proportional to the emitted intensity. This relation between illumination and the
signal current can be shown as:

in which: 
IC

15 = the signal current at illumination Es

IC - the signal current at calibration illumination Ec

= the gamma of the tube

If a tube gamma of one is assumed, then the current will be directly proportional
(Ref 4) to the illumination of the target. Thus the camera tube is acting in the same
manner as an optical pyrometer to changes in light levels.

It is well known that heated bodies emit radiation which is characterised
principally by the temperature of the body. Thus an increase in temperature is
accompanied by a corresponding increase in energy. Thus, as the emitted light from a
body is directly related to its absolute temperature and the voltage signal produced in
the camera target is proportional to the light intensity then a suitably configured
camera may be said to act as a radiation detection instrument.

TEST BLADE - ARTIFICIAL MATURING

In practice, it is found that no surface behaves as an ideal emitter and invariably
the emittance at a particular wavelength is less than that for the ideal surface, the
ratio of the emitted valbe to the ideal surface value being defined as emissivity (El
Although the distribution of energy emitted throughout the wavelength spectrum from a
real surface usually follows the trend predicted for a black body, there can be
irregularities in the distribution that cause variations in emissivity with wavelength.
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It is fortunate that blade surfaces, in general, are not strongly selective emitters,
particularly in the higher operating temperatures associated with combustion.

This does not imply that blades operating under the same conditions necessarily
have the same smittance value.

Consider the hypothetical case of a turbine blade under test for comparison with
new design marks of a similar type. The original blade may have been exposed to a
considerable amount of testing time at high operating conditions and consequently
achieved a stable emissivity state. A newly manufactured blade installed alongside the
original, now matured blade, would be continually changing surface condition during
initial running. As chief engineers are not particularly well disposed to unwarranted -
long term test running, maturing of the new blade by extensive high temperature running
is not condoned.

To overcome this problem, a novel approach was proposed, that of artificially
producing a mature blade. This was achieved by spray coating a sample blade with a high
temperature resistant paint and baking it in an oven at 1100*C for 30 minutes. By
baking the blade at conditions higher than those expected during rig testing, all
intermediate surface melt conditions, up to ll00"C, were effectively removed. On
cooling, the blade exhibited a uniformly smooth, dark blue matt surface. There were no
special handling restrictions placed on the blade, other than common sense handling, as
the surface was found to have a good bond and proved to be relatively scratch resistant.

In order to check emissivity (E), the sample blade was instrumented with
thermocouples, the beads being secured in blind holes. The blade was then heated using
an R.F. coil. Temperature measurements were then taken at nominally 50*C intervals, in
the case of blade metal temperature by the thermocouples and surface temperature by a
hand-held optical pyrometer. Analysis of the results indicated that over the 600-860*C
temperature range investigated, there was no detectable change in values. This was
later confirmed from an earlier, and more detailed investigation into the paint, were it
was found that the emissivity (_) value was held constant at the final surface
formation. For the baked blade situation, the final emissivity value was found to be
approx .9, this figure being confirmed by the findings from the earlier investigation.

CAMERA

The camera used throughout these trials was an Insight series 75 unit fitted with
an extended red Newvicon tube. This camera, being physically small (155-m x 62m x
30sm|, is ideal for situations where space to at a premium. In all respects, the camera
operates as a normal video system conforming to CCIR standards. However, the unit does
have a number of selectable options and adjustments that are not normally found on video
cameras.

The camera options utilised for this investigation are susmarlsed below:

a Auto gain ON/OFF - selecting auto gain OFF prevents the gain circuits from
artificially increasing sensitivity at low light levels.

* Selectable black level TRUE/AUTO - as the type of tube used in this camera is
sensitive to changes in reference blade signal level, the selection of TRUE black
level prevents reference signal drift.

• Shading correction HORIZONTAL - VERTICAL - CENTRE - adjustment compensates for
tube dark current shading and lens vignetting.

As mentioned previously, the tube fitted in the camera unit was an extended red
'Newvicon', a silicon based vidicon target. The advantages of using this type of tube
are, sensitivity up to the near infra-red, high quantum efficiency (almost 100%) plus
good resistance to tube target "burn-in'.

The lens system used for these tests was a "NIKON" 105mm with a remote aperture and

focus control.

CALIBRATION OF CAMERA AND LENS SYSTEM

The camera and lens system was calibrated against a black body radiator of known
performance and stability over the temperature range thought most likely to be
encountered during the blade test.

Throughout these tests, the camera lens system was fitted with a KODAK Wratten 87C
I.R. filter. This was incorporated to prevent any stray visible light that might have
entered the environmental box, via the front window, from causing a response in the
camera. In addition by combining the filter cut-off <0.8pm, vith the camera tubes
falling sensitivity >0.95 pm, a comparatively narrow band filter was effectively
produced. Theoretically, there is little flame radiation and interference from
combustion gas thermal emissions in this waveband (Ref 5).
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On reaching a designated temperature, readings - in the form of luminance values
were taken over the full range of lens apertures. From this collected data a series of
curves of temperatures vs luminance for the different aperture selections were produced
(Fig 9). For a video camera, the slope of the curve is a function of the tube gamma and
is also indicative of the accuracy obtainable from the system and of its dynamic range.

A camera having a tube gamma of one, for example, has a target voltage response
that is directly proportional to changes in light intensity. Thus, a camera system
configured to this standard would have good temperature resolution, but at the expense
of the temperature range that can be accommodated. For a camera having a tube gamma of
.65 (say), the temperature range that can be accommodated would be increased, but at the
expense of measurement accuracy.

EXTRANEOUS RADIATION AND BLADE TEMPERATURE MEASUREMENT

If the radiation sensed by the camera tube has been emitted exclusively by the
target blades, then direct surface measurements are possible. This is something of an
ideal case and is unlikely to be achieved in practice. The more common sources of
extraneous radiation are from flame - direct and reflected; from adjacent structuLe3 and
blades and depending on total pressure and gas temperature - from gas emissions. An
investigation into extraneous radiations was considered in some detail. In order to
make the required corrections, it was necessary to assume that any additional radiation
falling within the field of view of the camera would result in the same response as that
due to a black body radiating at the equivalent temperature (Ref 6).

As stated previously, the combustion system for this rig is situated some distance
from the cascade test section and is not in direct line of sight of the downstream
viewing port. Becaus& -f this feature, it 4as considered unlikely that there would be
any direct flame interference. This was subsequently borne out during test running.
However, there remained the possibility of combustion gas radiation, particularly that
from water vapour. In the wavelength band in which the camera was operating, the most
likely interference would be from wings of the H 0 fundamental line at 1.1 m. A
previous investigation at similar inlet temperat~re conditions, though at higher
pressures, had shown that waveband broadening interference was a distinct possibility.
This phenomenon results in degradation of the video images and is characterised by an
apparent haze or shimmer.

With the camera positioned and focused on the blade cascade, there remained a sight
path that allowed an uninterrupted view of the inner wall of the test section (Fig 10).
By monitoring the wall luminance at the following conditions, the effect of combustion
emissions were evaluated.

prior to combustor light up - to obtain a datum luminance level.
* after combustor light up - to assess possible flame reflections.
* at test conditions - for flame reflections and gas absorption.

As the test section is cooled by a continuous flow of water the inner wall
temperature is prevented from reaching temperature levels where it would begin to emit
sufficient radiation to become detectable by the camera at the aperture selected. It
was considered that if flame were present, either as transients or featured over a
period of time, or if radiation were emitted into the upstream test section from the
leading edges of blades, these effects would cause a change in the datum luminous value.

Similarly with gas absorption, as the wall datum luminance did not decrease with an
increase in gas temperature, it can be inferred that there was negligible gas absorption
at the test conditions.

Though the emissivity value for the paint had been determined originally from a
sample blade, as it was obtained at conditions that were not truely representative i.e.
at atmospheric conditions, no adjacent blade etc. Therefore this evaluation could only
be considered as a good working approximation.

Under normal engine operation conditions a turbine cascade operates in a confining
structure of NGV's, adjacent blades and platforms, in conditions that can be said to be
thermally stable. Under these conditions the blade enclosure can be considered to be a
good approximation to a black body source. In the test rig situation where these
particular blades were tested a similar situation occurs, however, because of the
absence of NGVs, the structure is not totally enclosed. As a result, some reflected
radiations escape into the upstream void and though the E value of the enclosed surfaces
of the blade will still tend towards unity, however because of the broken enclosure, a
value of unity is unlikely be achieved. The enclosure or cavity effect produced by the
blades influences the surface emissivity of the blade under observation. In general
terms it can be said that the greater the penetration into the cavity, the closer to
unity the surface Evalue becomes (Ref 7). Thus, the original laboratory derived
emissivity value E , though a good datum figure is not satisfactory as an overall blade
surface correction factor when converting luminance observed values to corrected surface
temperatures.



13-7

To assess the surface emiscivity changes across the blade chord, the following
semi-empirical evaluation methods were used (Ref 9)t

during the 'standard cycle' the cooling airflow was reduced to zero. At this
condition the blade surface will rapidly attain inlet gas temperature. As this
temprature is known the blade temperature is also known. Thus as we have an
observed luminance value for a known blade temperature at a given lens aperture the
effective emissivity (fa) can be derived. This method is particularly effective
for resolving trailing edge Ea values.

by restoring the cooling airflow to the blade, whilst maintaining inlet
conditions, a second set of luminance values are obtained. However, as the blade
temperature has changed (restored cooling air) the surface temperature at a known
position across the chord must be obtained, either via a thermocouple or
alternatively must be able to be determined, perhaps from previous results.

These results were then plotted to produce an emissivity correction curve (Fig 11).

TEST OBJECTIVE

The test objective was to investigate and verify that a video camera could operate
as an optical pyrometer under rig test conditions and could achieve an acceptable degree
of temperature measurement accuracy, as determined from thermal paint test results.

TESTING

To investigate the video pyrometry technique three test schedules were used.

* Thermal Paint Schedule - design point conditions - as detailed in part 1.
* Standard schedule - from a constant cascade inlet condition, step reduction of

coolant pressure ratio.
* Simulated cyclic running - thermal cycle comprising of two accel/decal and

steady state seqments.

The later two schedules were run at off design conditions. Both schedules are
shown in figures 12 and 13.

In order to correlate the video recordings and the analogue computer readings, a
video time clock was linked into the recording system. The clock was set in operation
by a trigger puilse from the computer when an inlet temperature of 7001C was achieved.
Consequently, all pyrometry data could be merged with the relevant test data.

For the scheduled testing, two standards of data logging were useds

* Standard schedule - essentially steady state running - a 5 sec scan rate of all
parameters.

* Simulated Cycle - accel/decel running - a 2 secs scan rate - logging only
minimum, health monitoring parameters.

RESULTS

From the plotted values (fig 14) it can be seen that the results from the video
pyrometry are in close agreement with those of the thermal paint, the error at the blade
trailing edge being approx 5°C, at the 50% chord width position approx 15°C. The error
in temperature can be attributed to incorrect assessment of the degree to which the
adjacent blade enclosure effect causes the emissivity value to shift towards unity.

CONCLUSIONS

1. Square ribbed radial hole cooling systems can achieve high cooling efficiencies
of about 1001.

2. 4 ribbed walls give the most efficient configuration of the 3 standards
investigated.

3. The modelling of the complex heat transfer processes in the presence of small
scale rib turbulators in the design cycle has proved to be reasonably accurate.

4. A real time, low costs, pyrometry system based on a Newvicon camera, has been
demonstrated. The results from a series of hot cascade rig tests were in close
agreement with results obtained from the thermal paint tests.

5. The artificial maturing of the target blades by an application of a high
temperature resistant paint, allowed direct comparison between adjacent blades,
that under normal circumstances, may not exhibit the same surface emissivity
values.

100
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6. The technique allows limited cyclic running to be undertaken, though there is a
limit imposed by the temperature window that can be accommodate by any aperture
selection. The temperature window at F8 for the conditions reported, was approx
200"C.

7. If linked to a suitable computer, digitised video data can be readily transferred
to other computers for updating or creation of a data base, for use in thermal
prediction programs.
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DISCUSSION

D.K. HENNECKE, Ge

In your prediction scheme, do you have a correlation to account for
the effect, not only of ribs, but also of rotation (Coriolis and buoyancy
forces) on flow and heat transfer ?

Which is it ?

Author's Reply

The prediction method used does employ a "correlation" to model the
effect of the ribs. This draws on information from a number of sources.

In modelling the cooling systems for comparison with the hot cascade
test results, which are a static case, rotation effects need not be included.

G. WINTERFELD, Ge

You showed a very interesting comparison between the Video-Radiation
Technique and the Thermal-Paint-Technique on a relative basis. Could you gi-
ve figures on the absolute accuracy, in degrees centrigrade, of the Video-
Radiation Technique ?

Author's Reply

It is difficult to give an accuracy level for temperature sensitive
paints in general. However, our comparisons with thermocouple results show
it to be in relatively good agreement. For these particular tests, the paint
laboratory felt that paint test results should be within _+ 15 to .± 20*C.

J. HOURMOUZIADIS, Ge

Did you select the square form of the holes because the cooling effect
is good ? If so, do you expect any increase in thermal stresses at the cor-
ners of the squares ?

Author's Reply

The reason for choice of squares holes was to aid the manufacturing
process and thus reduce costs of production.

A.S. UCER, Turkey

Have you compared predicted and measured temperature distributions ?
What about the comparison ?

Author's Reply

Comparison of the predicted and measured temperature distributions was
good in the leading edge and central regions where the cooling system has
greatest effect, 5-10OC deltas being seen. Trailing edge region temperatures
still compared reasonably well, within 20°C.

mtI m m m m m mm -_ -__ "
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THE UNSTEADY GAS FLOW THROUGH STATOR AND ROTOR OF A TURSOMACHINE
by
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Pfaffenwaldring 21, 0 - ?000 Stuttgart 80

lummary

The difficulties of computing unsteady transonic flow in multiply connected domains with
a minimum of neglections and approximations have been overcome by using

- individual computational grids fixed to each cascade,
- a novel grid-less finite difference scheme,
- physically real in- and outflow boundaries.

The resulting computer program is capable of computing the inviscid, plane gas-flow
through stator and rotor of a turbomachine stage made up from arbitrarily shaped (thick,
round-nosed) blades of arbitrary spacing, up to local Mach Numbers of 1.8.

1. Introduction

Answering the needs of the industry a large number of computational methods for the flow
through turbomachine cascades has been developed, the overwhelming majority tackling
steady flow. This, however, is only a crude approximation to reality and in order to get
a better picture one has to compute the true unsteady flow through the multistage
sequence of steady and rotating rows of blades. Now the computation of an unsteady and,
as Is now necessary in many applications, transonic flow is a formidable task in itself,
but in the case of the turbomachine it is further complicated by
- the large-scale mutual movement of every two neighbouring cascades which thus cannot

be covered by one common computational grid, and
- the singular grid points which occur inevitably in multiply connected domains and

result not only in additional and non-vectorizable coding but also decrease the
overall accuracy.

The first problem can be solved by a grid-coupling technique developed several years ago
and used successfully for unsteady flows with large-scale moving boundaries (see /1/,
/2/).

The second problem is posed already in computstions of steady flow - for instance, in
using H-grids where it produces the well-known spikes protruding from the blade's nose -
but there it is not going to cause serious trouble. In unsteady computations, however,
with their changing and eventually reversing flow around the nose such singularities are
bound to result in desaster, at least after computing through very many time-steps.
Therefore an acceptable computational scheme for unsteady flows should avoid this pro-
blem altogether. A good choice with respect to this would be the Finite Element Method,
but for hyperbolic problems as presented by unsteady compressible flows it still seems
to be not yet fully developed if one is not willing to accept the existing hybrid
methods (spatial discretization by the FEM, integration in time by, say, Runge-Kutta-

as satisfactory; furthermore, the FEM's developmental expense is very high.
Also the Finite Volume Method, though straightforward in concept and simple to imple-
ment, suffers from the afore-mentioned hybrid character and, in its cell-center-imple-
mentations, additionally from a serious decay of accuracy in stretched and sheared
arrangements of cells. So what can we do?

2. A grid-less Finite Differenos saheme

2.1 Design

An efficient way to circumvent all problems connected with singular grid-points is to
skip grids at all. This seems to be a baffling statement, but regarding the Finite
Element Method quickly shows that it may be quite natural to ask: what is a grid good
for? In diecretizing spatial derivatives by difference quotients we need to know the
relative positions of one point's neighbours, and the notion of a (regular) grid greatly
facilitates the description of these relations - at the price of compulseary regularity.
So, if we find another, perhaps not so elegant but more general way of describing the
said relations we may do away with the grid at all, and so with the associated problems,
too.
A *.pIe example (with only first order of accuracy) way serve to illustrate our idea:

Consider an arbitrary cluster of points 1,2,3. Then for an arbitrary
function u the sought-for partial derivatives u,,uy of u in (0,0) can

* be computed on the basis of three Taylor expansions:

U u +tL ux + yL uy + 0(2), f- 1,2,3

yielding a linear equation:

x I u, u' u,,u (and u)"

x, Y, uy j Rule to give to first order.

Iru1 1U
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It is easy to extend this procedure to secnnd order of accuracy using a cluster of six
points. Of course, to yield robust expressions for the partial derivatives, the linear
system of equations must be well conditioned. It can be proved (see Theilemann /3/) that
the matrix becomes singular if the six points used are situated on the section of a cone
and so this situation must be avoided. This can be done by considering not only six but
eight neighbouring points and picking, by some not stringent "Design Rules", those
giving the best condition number and the smallest truncation error of the Taylor expan-
sion of the sought-for derivatives.

Upon this basis, an explicit algorithm of the Runge-Kutta type can now be constructed in
the following way (see also fig.1):
to advance the point number i at time n to the time n1, in the first step the cluster
of eight neighbouring points is used in the manner described above to compute six
auxiliary points in the time-plane n+(1/2). From these, in the second step, the deriva-
tives u, and u, arve formed in a like manner and used to compute the new values at time
n+1.

2.2 Properties

First, an analytical investigation of the new scheme was made. The accuracy was tested
by extending the well-known Modified Equation Approach (Warming and Hyett /4/) to two
spatial dimehvions, resulting in a condition for second order of accuracy which is not
stringent and can be easily controlled during the design process of the computational
grid, along with the afore-mentioned design rules.

Second, the stability of the scheme was investigated by computing the amplification
factor for a variety of stretched and sheared configurations of the cluster of points
involved. For some rather extreme configurations a very mild instability was fou z or
which a stabilizing term can be computed (after aquiring some "feeling", however, it
proved less time consuming but equally accurate to guess the necessary damping factors
for the actual computation).

Because the tests done so far had to be carried out with a linearized version of the
novel scheme we added a series of numerical tests of the complete nonlinear case using
an exact, non-trivial solution of the gasdynamic equations. For this we picked the well-
known Ringleb Flow (a two-dimensional steady solution of Tchapligin's equation) for the
following reasons:
- choosing appropriate streamlines as solid boundaries, this solution simulates a chan-

nel flow roughly equivalent to the flow between blades,
- using the appropriate set-up, the Ringleb Flow can be used for testing schemes for the

two-dimensional unsteady case as well as for the steady one,
- there exists a complete set of auxiliary programs for this test (in /5/).

Some significant results from these numerical tests are reproduced in fig.2. There is no
unfavourite difference in accuracy compared with good conventional schemes, and nearly
none at all between regular and irregular clusters of points.

Summing up, the statement is justified that the new scheme combines, on one side, the
accuracy and geometric versatility of the Finite Element Method with the perspicuity and
ease of implementation of the Finite Difference Method on the other side. Its disadvan-
tage, compared with the latter, is the larger memory requirement, but this drawback is
eased by the high and equally distributed numerical accuracy resulting in a comparative-
ly low number of computational points (see below). The computation time per point does
not differ much from conventional explicit finite difference methods because the compu-
tation of all coefficients resulting from the irregular clusters is done once only for a
given geometry of the turbomachine stage.

3. Details of actual turbomachine computations

3.1 Overall dtearatizetion

As a model we adopted a turbine stage with a given parallel flow from minus infirity

onto an infinite plane stator cascade perpendicular to he onflow foliowed by a similar
"rotor" moving parallel to the stator with prescribed "circumferential" speed or angle
of attack, the outflow going to plus infinity. All flow angles are left to adjust
themselves.
It :s clear that such a set-up continously produces pressure waves running up- and down-
atream. Although there exisli noa (mainly due to Moretti) a sound philosophy for the
treatment of artificial inflow and outflow boundaries we wanted to avoid any risk and
consequently regarded the physical domain as unbounded, that means we had to provide for
an appropriate computational domain both upstream and downstream. Because the computa-
tion time is finite (it terminates when after a start from rest the periodic flow
through the stage is achieved) It suffices to extend the computational space up- and
downstream only so far that these limits are reached by the spatial loops after slightly
more than half the computational time (for reasons and details see 3.2 below). After-
wards the spatial loop limits are reduced one mesh per time step so that at the end of
the computation only the domain of interest from, perhaps, one blade spacing ahead and
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two behind the stage proper is computed. Such an extension need not be costly in memory
space and/or computing time. It pays anyway to divide,'ne computational space not only
into the two mutually moving subdomaine wrapped around the two cascades but to restrict
these eubdomains to the absolute minimum and to couple them to simple regular grids in
the singly connected on- and outflow regions. These two twodimensional grids need not be
large because the onflow as well as the outflow, being subsonic, becomes essentially
one-dimensional within a rather short distance, about three blade spacings before and
four behind the stage (the actual value can easily be controlled during the computa-
tion). Consequently we may append here one-dimensional grids (which are iery cheap in
memory space and computational time), extending to the spatial limits mentioned above.

The resulting computational domain looks like fig.3. To give some numbers from sample
computations:
- grids A and F use 400 rasp. 600 points,
- grid 8 has 40 x 14, grid E ?0 x 16 points, and
- the grid-less subdomains C and 0 comprise 860 points each.
A sample of one such subdomain is shown in fi&.4; all points which would be singular
when using a grid-bound instead of the grid-less method a.'e encircled.

3.2 The starting procedure

Time and again when modelling critica, parts of a computation, we have found that it is
always safe to stick as closely as possible to what happens physically. So in starting
the computation we "start the flow" by "opening a valve" - modeled by a (one-dimensio-
nal) compression wave immediately upstream of the stator at time t - 0. Then, when this
wave travels downstream through the stage, the rotor is "started rotating" in such a way
that its blades are not attacked under a too incorrect angle (in this case the real flow
would answer with a separation, the computation answers by blowing up).

This starting procedure implies the following economical use of the computational domain
(see fi&.S):
For t - 0 the flow assumes a constant state upstream of the compression wave and is at
rest downstream. According to the theory of hyperbolic equations the physical disturban-
ces travel down- and upstream with the gasdynamic characteristics (rasp. the shock
emerging from the convergent compression wave far downstream), whereas the computational
disturbances proceed along numerical characteristics whose speed is in between the true
and the difference characteristics which are the diagonals in the x,t-grid. It is a
matter of taste if one simply uses the difference characteristics or searches for the
numerical ones to fix the limits of the spatial loop at a given time.

3.3 Trailing edge treatment

The common practice with regard to the trailing edge is the implementation of some
approximate form of the Kutta Condition, mostly by setting the angle of the velocity
vector to halving the tangents to the contour. This works more or less satisfactory with
steady flows, in the unsteady case, however, the Kutta Condition is not valid at all any
more.
We have chosen the following way out (which basically resembles the train of thought
leading to the grid-less scheme):
at contour points the boundary condition makes use of the given direction of the wall.
At the trailing edge this direction is not unique, and thus the trailing edge is not a
valid boundary point in the sense of numerical mathematics. Consequently we exclude it -
what we are completely free to dot - and instead take a nearby point in the field which
is computed with the help of a neighbouring cluster as all other field points. And -
though it is not necessary - it is perfectly alright to push this field point very near
to the trailing edge until geometrically they merge. We just have to choose the computa-
tional cluster in such a way that the upstream influences from the upper and lower side
of the blade have equal weight upon the computation.

4. A sample computation

4.1 geometry of sample stage

The blades of stator and rotor were laid out on the basis of the NACA 0020 airfoil

4.24 . id (0.2948 Vx' - 0.126 x - 0.3516 xZ + 0.2843 x - 0.1015 xa)

whose median line was bent according to

ym - (x - x.) tanx + (x - .. )3A

To reduce the resulting slimness in the rear part, Y,.2. was additionally thickened by a
function

f(vl - 1 + X ,

C



/

14-4

so the final shape of the contour is given by

Y " Y"2, f( -) - Yxi •

The constants are d - 0.1, x - -0.1286, r- 2.0 for both blades
and a C', A - -0.65 for the stator,

0- - 20', 0 - 0.7 for the rotor.

The resulting shape is shown in fig.&.
The blade spacing was chosen as g - 1.12 or, related to the lenght of the chord,

g/c - 0.8 for the stator and g/c - 0.93 for the rotor.

It should be remarked that g need not be the same for stator and rotor. The spatial

periodicity interval, however, is determined by the condition of commensurability and so
may then become very large and consuming, both in memory space and computation time. For
instance, if a real stage comprises m stator blades and m+1 rotor blades, the periodici-
ty interval is equal to the complete circumference and the size of the two-dimensional
subdomains and consequently also the computation time are roughly the m.fold of the case
with equal spacing,

The gap between the two cascades was chosen as 0.15 which is a small realistic value.

Smaller spacings, e.g. 0.1, are perfectly allright with the computational procedure but
- via the CFL Condition - prolong the computation time because of the then rather small
clusters in the overlapping area of the two grid-less subdomains

4.2 Sample sterting oonditions and Some results

As starting conditions we took an unsteady compression wave accelerating the flow at
rest downstream of it to a velocity u. - 0.7, and the circumferential speed was deter-
mined by the condition 0, - 520, see fig.?. These conditions resulted in a periodic
state of flow with a time-average onflow Mach Number of 0.25. The space-averaged velocI-
ty vectors for four times equally distributed over one period are shown in fig.O, the
individual (non-averaged) fluctuations are of course considerably larger.

Such fluctuations are better displayed by, for instance, a sequence of isobar plots.
Fig.9 shous two pictures, one half-pertod apart, from a cinematographic film made up of

such plots. Such a film (as shown during the presentation of this paper) of course gives
a much more vivid impression of the unsteady flow than a lot of diagrems. Nevertheless,
already the comparison of the two pictures in fig.9 shows a lot of details which are
characteristic for such an unsteady flow through the given cascade.

- First, there is a local supersonic region on the rear part of the rotor's auction side
marked by the shaded area. Its boundary, the sonic line, does not coincide with an
Isobar as would be the case for homentropic steady flow. The differences are a measure
for the unsteadyness.

Second, let us compare the pressure distribution

- first on the suction side of the stator blades. For t - T/4 the minimum is very
broad, centered at about two-third-chord and stretching nearly to the trailing edge
with a steep pressure rise there. One half-period later it is much narrower, the
center is at about half-chord and the gradient toward the trailing edge much more
soft;

- second on the forward part of the suction side of the rotor blades. The difference
is striking: whereas for t + T/4 there t a continuous uecrease in pressure corres-
ponding to a continuous acceleration, one half-period later we see a sharp decrease in
pressure followed by an equally sharp rise before the final acceleration along the
rest of the suction side begins, and it is quite clear that such an enormous counter-
pressure gradient will, in real flow, cause massive separatio.

These circumstances are shown once more by fig.10, plotting the pressure coefficient
from our inviscid computation along the contours over -ns period, and fig.t1 where the
results of a quasi-steady boundary-layer calculation based upon the inviscid unsteady
solution are shown: for large parts of each period the calculation fails because the
separation criterion is exceeded.

It is this behaviour of unsteady turbomachine flow which underlines the need for unstea-
dy computations, and in fact for viscous ones, so this paper presents just the first
step.

Also the following diagrams are to be seen under this proviso:
Fig.12 shows the oscillation of the forces and moments exerted upon the stator and rotor
blades - they are by no means harmonic, and would still be changed when incorporating
the influence of viscosity.
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4.3 0ff-design starting conditions

As mentioned above the results of the preceding section have been von for an angle , -

S2* corresponding to the so-called shockless entrance upon the rotor blades. One can of
course also examine off-design cases:
- fig.13 shows the velocity-relations and the pressure distribution along the contour

for the case j,- 41", leading to a time averaged M, - 0.269,
- fig.14 gives the same for X - 99', M_ - 0.248.
The afore-mentioned details show up here, too, partly enlarged, partly diminished.
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7. Figures

Fg1Rune-uta type algorithm
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Fig,2 Distribution of the relative error in pressureo (P/Pxc -1)1O3 for a regular, dis-
torted grid (left pair) and for irregularly chosen clusters (right).

C 7 q

Fig.3 Composition of physical domain from one-dimensional (A, F) and two-dimensional (B,
E) regular grids and grid-less subdomains (C, D). c, and UL see fig.7.
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-Fig.4 Sample distribution of points Fig.5 Above: limits of disturbed and undisturbed
in grid-less method, Irregular regions in the x~t-plane. Ch characteristics
points in a ev. grid encircled. Below: initial pressure distribution with

i unsteady compression wave.

~Fig.6 Shape of stator (above) and rotor

blade (below) used in sample com-
putation. c chord lenght.

CL

W2 Fig.8 (right) Space-averaged velocities,

%V c absolute, w relative
index 0 far upstream

C2 ' between cascades
2 far downstream

1 __

0 C

Figlnt 4 m d u pi fi pit i ofd

ingrd es mthd rrguarreios n hex~-pan. h haacerstc



14-8

9 Fig. 9 Isobars for t. -T/4
labove) and t. -T/4

8 (below) . Shaded area:
supersonic flow.

7~. 7

/ -

Fig.10 Distribution of pressure
coefficient (time as para-
meter) alono the contours
of stator (left) and rotor

blade (right).

- " Fig. 11 Displacement thick-
I3 - --- ness of boundary layer

on pressure side of

5j fff __ro tor ',im as para-

~[ ~ '-separation.
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kt- )/T ff-f.I/T W - IT
0 o"
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(-,I/T A- 7T (t-t)/T

Fig.12 Oscillations of forces (axial: Sx , circumferential: Sy) and moments M (around geo-
metric center of gravity of blade). Stator: above, rotor: below.

2.

0. Fig.13 Velocity configuration anddistribution of pressure
-2, coefficient for off-design:

lower circumferential speed.
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0. Fig.14 Velocity configuration and
distribution of pressure
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DISCUSSION

J. HOURMOUZIADIS, Ge

The rotating blade didn't show any significant pressure distribution
fluctuation on the rear point. The major fluctuation within the suction
peak was in a front part. Do you have an explanation for this phenomena ?

Author's Reply

Being no turbomachine specialist, I paid no special attention to this
point yet and I can just report on what the computation produced. Figure 10
of the written version indeed displays some pressure fluctuations at the
rotor's trailing edge though they are considerably smaller than those at the
stator. A close (post-conference) inspections of the film revealed, however,
that the domain influenced by these fluctuations is very small. This may be
due to the assumption of inviscid flow which remains attached all the time,
whereas in real flow an eventually detached and periodically pulsating boun-
dary layer would produce much larger and farther spreading fluctuations.



ETUDE ET ESSAIS D'UNE PETITE TURBINE RADIALE
POUR GROUPES AIIXILIAIRES DE PUISSANWCE.

Y. RIBALID, C. FRADIN et C. MISCHEL

()Office National d'Etudes et de Recherches A~rospatiales.

29, Avenue de la Division Leclerc - 92320 CHATILLON CEDEX, FRANCE.

(~)MICROTURBO

Chemin du Pont de Rup@, 31019 TOULOUSE CEDEX, FRANCE.

~M&LK

Le projet dVune petite turbine centrip~te d'un taux de dktente de l'ordre de 3,6 a

@t6 entrepris par ]a Soci~t6 MICROTURBO, avec la coop~ration de 1 'ONERA pour la partie

calculs et analyse den r~sultats d'essais.

En premier, le but et les costraintes lis A la mission demandkc sost souligns.

Les calculs prklimisaires conduisent as dessin de la forme des pales du distributeur et

A celles de la roue.

Puis y sont effectu~n len calculs quasi-tridimensionnpls. Le essais a froid de la

turbine sur le banc et len ensais correnpondants A chaud sur le turbomoteur permettent
d'6valuer les performances.

L'int~rdt den calculs de pr~dfamensionnement et de determination des champs

d'@coslement est cosfirmA as vs den hastes valeurs den rendements isentropiques obte-
nun.

Les sondagen de 1'Acoslement en aval de la rose d'@chappement, as point de fonc-

tionnement nominal, permettest de miess connaltre la structure du fluide.

Sjeu entre rose et carter

k rapport estre les chutes d'enthalpie statique et totale

m coordonn~e m~ridienne

N vitesse de rotation (trims)

P presslon

0 d0bit masse (kg/n)

Re sombre de Reynolds

T temp~rature

Ue r vitesse p~riph~rique de ]a rose

V t vitesse tangentielle

V.i vitesse de jet

w vitesse relative

Z sombre de pales

C1 angle de l'6coulement os de ]a pale par rapport A ]a direction tangentielle

AH T chute d'esthalpie totale

a soliditk mkridienne (inverse du pas relatif c~rndien)

,U coefficient de travail (Vt er/U r
q rendement

IT, taux de d~tente (totale/totale), mesures par sonde NASA

wO vitesse de rotation (rd/n).
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e entrke

T conditions totales

st conditions statiques

is conditions isentropiques

R conditions relatives

V volumique
r rose

3 entree turbine

4 sortie turbine.

I - INTRODUCTION

Actuel Iement les turbines radi alIes sont surtout uti Ii s~es d an s des env ironnements

relativement troids, par esempie. dans les G.A.P. (Groupe Auxiliaire de Puissance) (1)

pour les avions ou les h~licoptL5res on dans les rycles He Brayto-, pour des applica-

tions spatiales ou pour des stations sous-marines (2).

Des turbines a gaz terrestres de faible puissance fonctionnent @galenent sonvent
avec des turbines radiales (3) surtout dans la gamme comprise entre cent et deus mulle

kilowatts. Cependant, I'application principule reste le turbocompresseur pour camions

et voitures (4, 5).

Enfin nous devons souligner len recherches irportantes entreprises sur les muatd-

riaux c~ramiques et apliqu~es ass petites turbines a gaz (6, 7. 8). Cedi constitue une

tentative pour d~montrer que la turbine radiale sera utilisc t~t on tard dens les

peti ts turbomoteurs a haute temp~rature pour 1la propulsion des voitures et des

hl icopt~res.

Ici floss 6tudions use turbine d'un tans de ditente de 3,6 nontke dans un petit tsr-

bomoteur d'une puissance comprise entre 40 et 70 kW. L'Ctude a ete conduite par lu

soci~t~a MICROTURBO avec la coopdration de I ' IIERA pour len c aIc uIs th~oriques et
l'analyse des rdsultats d'essais dans le but de d0terniiner avec pr~cision le rendenent

de ce type de turbomachine. En effet, si use certaine exp~rience a 6t6 acquise dans le

domaine des taux de d~tente assez ban par contre pour des taus de d~tente sup~rieurs A

3, pen de r~sultats ont 61t6 publi~s.

2 - BUTS

Les objectits de la soci~itk MICROTURBO sont donnts dens le tableau I
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TABLEAU I

CARACTERISATION GLOBALE DU PROJET DE LA TURBINE RADIALE

.CONDITIONS ENTREE DISTRIBUTEUR

Pression totale P T 3.81 bars - Temp~rature totale T T 953*K

O6bit masse (air + gaz) - 0 0.67 kg/s

.VITESSE DE ROTATION

N = 59200 tr/mn

PERFORMANCES

5.43 ~ - N / V'T7T 19 18 - P T / PT4 = 3.63

5) s, T >82%

.NOMBRES SANS DIMENSION

Nombre de tours sp~c .fique Nombre de Reynolds

Ns X 0.58 Re Oer 2.2 . 106 (A chaud)

(6H T is) 0.5Re 
0 e 6 .10 6 (A froid)

Rapport de la vitesse p~riph~rique sur la vitesse de jet

U er/V.j = 0.69

3 - PREDIMENSIONNEMENT DE LA TURBINE RADIALE

3.1. Contraintes prescrites par la socl~t6 MICROTURBO

- Le diam~tre dentr~e du distributaur est de 220 mm.
- L'espace lisse entre le distributeur et ]a roue doit @tre suffisant pour

dviter 1'6rosion des bords de fuita de la grille distributrice due A Ia centrifugation
par la roue et ass rebonds de particules solides (9).

-Le jau radial relatif au niveas de l'6chappement le la rose est 2.3% (10).

-L'usinage de la rose adapt~e ass essais i froid sur le banc d'essais impose
qua le passage minimum en pied entre deux pales soit sup~rieur A 7.8 mm.

- La projet de la turbine a 6t6 6tabli en utilisant las r~sultats exp~sri-
mentaux de MICROTURBO at las 6tudes th~oriques affactu~es & 1 ONERA.
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3.2. Expdrience acquise par MICROTIIRBO

L'exprience acquise par MICROTURBO sur ]a turbine TCS 14 coiduit auv rigles
suivantes

- les pertes dans le distributeor sont estinees A 3,6% de la pression totale
d'entrde;

- le nombre de pales de la roue est choisi 6gal A 13. Jusqu'& or~sent le tra-

vail effectu6 sur ce sujet a roontr6 que les pales intercalaires ne sont pas trcs utiles

(11) pour les roues de turbines radiales;

- un coefficient de travail 6gal a 0,886 est choisi en accord avec le nombre
trouvd exp~rimentalement dans I dtude de la TS 14. Ce nornbre est de 4 points sup8-

nieur A la valeur th~oriquv UL 1 -2/2r (12);
- le rapport de noyeu a 1' Achappernent doit 6tre sop~rieur A 0.41 pour r~duire

leo risqoes de vibration des pales pr~s de leur bord de fuite vt donc 6viter leur
rupture.

3.3. L'estimation du rendement A partir de 1 approche ONERA

Nous nous sommes appoyds sor I exp~rience acqoise par ALCATEL sar one turbine
radiale (3). Nous avons choisi la plus haute valeur de rendement trouv~e lors des es-
sais et nous avons corrigd cette valeor exp~rinientale pour tenir compte des variations

des novibres adinensionnels, tels que le nonbre de tours spdcifique , le nonbre de Rey-

nolds (13), le sombre sass dimension li6 au jeu radial, entry ]a turbine ALCATEL et

celle correspondant a notre 6tude. En otilisant cette approche le rendenient isentro-
pique total fat vstinh A 84% alors que la valeur pr~vuv par MICROTURBO Atait l~g~rewnent

plus faible et Agalv a 82%.

3.4. Les calcals dv dimensionnement effectu~s par 1 ONERA

Ils so-it bas~s principalement sur les iddes saivantes

- Avvc Paidv dv la technique de lv transformation conformv, le passage d'une
grille axiale a one grille radiale conduit A ddfinir la solidit6 midridivnne et donc j
rvlier cette grandeur au sombre de palvs vt au rapport dv rayon do distribatvur.

Dv nombreou essais vffectu~s A la NASA LEWIS nontrent que pour an angle
d'entr~v dv 1 Acoulementar= g9

0
' et an angle de sortie dv 1 ordre de 15', la valvur op-

timum de Cr est environ 0.75 ( 14) . Gr~ce ao travailI th~oriqov dv cv centre dv re-
cherches, il est possible de relier le rendement isentropique statique et l'angle op-

timum & Ia sortie do distriboteur par 1 intern~diaire do sombre dv tours sp~cifique.

- Dens le rep~re mobile, lv rapport des vitesses relatives entry la sortie et
1 entr~v de la rose le long dv la sappy dv courant moyenne doit itre suffisant pour
@viter toot d~collemvnt lv long des pales :2 <W 4 /Wvr < 2,5

-L' nergie cindtique dv sortie doit 4tre ninimisde : ,03< k<1,05
SEnfin I angle dv calage des pales en sortie dv' lv roue d'6chappenent en t~te

dolt rester sup~rieur A 30' poor faciliter 1 'sinage et poor limiter la contraction dv
la section caus~e par l'6paisseur de la pale.

Lv canal mhridien correspondent est trac6 our la figure 1 sur laquelle sont
port~s les principaux parandtres g6om~triques et aerodynamiquvn.



15-5

4 - FABRICATION DES ROUES

Pour les essais sur le banc de turbines froides, la roue utilisSe comprend deux par-

ties en alliage lger : une partie radiale et une roue d'6chappement axiale. Par

contre, sur le turbomoteur, une pice de fonderie en acier r~fractaire est employde.

MalgrA la vitesse p~riph~rique Alev~e, le niveau des contraintes reste moderA. Ure vue

en perspective de la turbine radiale est pr~sent~e sur la figure 2.

5 - CALCULS D'ECOULEMENT

5.1. Deux types de distributeur ont 6t6 ddfinis

Le premier type est dterminA uniquement A partir de considerations q6om6-

triques tandis que le second type est obtenu en partant d'une grille axiale A hautes

performances, et en lui appliquant la transformatinn cnnforme permettant le passage de

cette grille A la grille radiale iquivalente. Le premier type de distributeur est ca-

ractdrisA par des pales A forte courbure (Figure 3). Tandis que la technique par trans-

formation conforme donne des pales de forme tr~s diffirente, avec une courbure peu pro-

nonc~e exceptA au bord d'attaque (Figure 4). Le calcul d'Acoulement dens ces grilles

peut &tre effectuA & l'aide d'une m~thode numhrique r~solvant les 6quations d'Euler

instationnaires (15). Les r~sultats obtenus sur le premier type de grille ne sont pas

satisfaisants car il apparalt deux zones A gradient de pression positif sur 1'extrados

(Figure 5). Au contraire le second type de grille est caract~rish par une acctlhration

progressive de 1'6coulement sur les deux faces du profil (Figure 6). Il faut pr~ciser

que ces calculs donnent avec precision la direction moyenne de l'coulement a la sortie

du distributeur.

5.2. Les calculs d'6coulement dens la premilre roue (Figure 7) d6finie par MICRO-

TURBO lors de la pr~sente 6tude ont 6t@ effectu~s en utilisant le code de calcul

quasi-3D de KATSANIS (16). Ce code donne accs A 1 'coulement moyen et A 1'coulement

de pale A pale liniaris6. Duns ces calculs, les pertes jouent un r6le fondamental a

1'6chappement du fait de 1 'existence d'un quilibre radial de pression d~pendant for-

tement du moment cin~tique de sortie. Nous avons pris soin de cheisir un niveau de

perte compatible avec le niveau de rendement estimi de la roue, tandis que les varia-

tions d'enthalpie normalement A l'coulement m~ridien sont ignor~es. Les r~sultats re-

latifs A la roue d'origine (Figures 8, 9 et 10) mettent en Avidence un dcficit de

charge de pale & pale dens la partie h~licoTde de la veine mnridienne, ce qui se tra-

duit par des recompressions locales exag~r~es. Une seconde roue pr~sente une veine m-

ridienne plus pinc~e et une roue d'dchappement allong~e de mani~re A obtenir des pro-

fils de vitesse beaucoup plus r~guliers, comme cela apparalt sur les figures 8, 9 et

10, les 6volutions correspondantes Atant dessines en trait continu.

6 - EXPERIMENTATIONS SUR TURBONOTEUR

Les premiers essais de cette turbine (second type de distributeur et premire roue)

ont AtA effectu~s directement sur le turbomoteur complet. Ils ont donnA enti~rement sa-

tisfaction puisque d~s le premier essai la consommation spdcifique demand~e au projet

du turbomoteur complet, soit 500 g/CV h, environ a 6t# obtenue (Figure 11). On note que
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1e rendement de turbine est plus haut que prvu (Figure 12), cette situation est ex-

pliqu~e par le fait que la turbine est effectivement meilleure que prvue et que le

rendement du compresseur est lg~rement inf~rieur A nos pr~sisions.

Nous devons aussi souligner que le rendement maximum de turbine est obtenu pour une

puissance m~canique d~passant 80 kW m~me si le turbomoteur etait initialement con4u

pour la gamme 40 A 70 kW.

7 - ETUDES EXPERIMENTALES SUR LE BANG OESSAI

Sur la figure 13 sont port~es les principales sections de mesure. Le dbit masse

est mesurb au niveau de la canalisation amont A I'aide d'un diaphragme calibrd.

Les r~sultats d'essais montrent que, a la vitesse r6duite nominale (1918) et au taux de

dtente nominale (3,63), le col du distributeur semble bloqu6 et que le dbit rdduit

d'entre est plus grand que la valeur fixe au projet (Figure 14). Les Cvolutions des

rendements isentropiques total et statique sont donn6es en fonction de la vitesse

rdduite, pour le taux de d~tente nominal (Figure 15). II apparait que le rendement

total est nettement plus AlevA que la valeur prkvue par le projet MICROTURBO.

Notons n~anmoins que des calculs r~cents effectuds par la NASA (17) sur une turbin

radiale, dans le m~me domaine de nombres adimensionnels (nombre de tours sp~cifique,

sombre de Reynolds, 
t
aux de dhtente et jeux radiaux) donnent un rendement isentropique

total A total de 0.915. Nous en concluons que lanalyse a6rodynamique des pertes effec-

tu~es par la NASA concorde de mani~re significative avec nos rtsultats d'essais.

Pour un taux de ddtente plus modird de 3.2, un rendement isentropique total maximum

de 0.91 est encore atteint. De plus, le rendement s'6carte peu de sa valeur maximale

dans un grand domaine de vitesse r6duite et ceci pour tous les taux de d~tente Atudi~s.

8 - SONDAGES EN SORTIE DE ROUE AU POINT NOMINAL

Les sondages dF I Acoulement au moyen d'une sonde type NASA (18) donnent acc~s A la

temperature d'arr~t, la pression totale et la direction de l'coulement.

Connaissant bien A'6nergie cintique absolue restante, il est possible de pr~ciser

le rendement isentropique total. Ainsi, au point nominal, on obtient, en tenant compte

avec exactitude de cette Anergie cin6tique restante, un rendement isentropique total de

0.93 (fig. 16) au point nominal. Ces sondages mettent aussi en 6vidence la structure de

1'6coulement.

Dans la partie centrale de la veine, la vitesse m~ridienne est uniforme et le mo-

ment cin~tique r~siduel est tr~s faible (fig. 17). Ces r6sultats sont conformes aux hy-

poth~ses admises los du projet. Par contre, les sondages soulignent le role primordial

du jeu sur la structure de 1'Acoulement : il apparait que les effets du jeu se font

sentir sur une profondeur Agale A vingt fois la longueur de celui-ci. Notons 6galement

que cette structure en dard, pros du carter externe, conforme A ce que 1'tn pouvait

imaginer d'un point de sue qualitacif, semble favorable A l'utilisation d'un diffuseur

lisse radial en aval de la roue ou d'un redresseur.



9 - CONCLUSION

Cette 6tude montre que les petites turbines radiales, axec des taux de detente de

I ordre de 3.5 4 peuvent donner des performances Aleofes, co'.oe cela a 6td dfmontrb A

la lumidre des rfsultats obtenus tant Sur le banc daessai que our turbonsteur.

Ce tranailI de coophrati on entre une soc i ft i ndustri el l e et us organi sme de re-

cherche a 6td trds profi tabl e si nous considerons qa'un rendement total de 93 ' a t

obtenu dds le premier essal . teci dfniontre aussi que 1 'expdrience acquise sur leo tur-

bines radi al es A taos de ddtente moddrd est aussi ut i Iisabl1e our l es t ur b in es a haut
taux de ddtente.

Des progrks sont peut-@tre encore mal isables en calant axec precision 1 'angle de
l'6coulement a la sortie du diotrisuteur et en diminsant l'allongement axial de la

turbine pour minimiser leo pertes par frottement.

bans Ine futur , ls tail le du GAP peurra 6tre rfduite par accroissement de a vxi-
tesse de rotation. Use rfduction de la consummation spenifiqlue pourra 6trx attxint par

on accroissement de la tempfrature a 1 'entree de la turbine et de la vitesse i pnf-

ni que.

Leo progrs r~al isfo tant our leo ratfniaUu ceramiques que our leo all iages mealsi-

liques deoruient permettre prochainement de definir des petits Iurbomoteurn sinplen et

robustes d'une puissance mecunique de I 'ordre de S0eW et axec unn consoromation ;1 fci -

fique in ' Anieure A 320 91(0.h.

E n f ir, soulignons Iimportance des mesuros fines de I'uiein iosi be la roue

tout particulierement hors adaptation. En effet, de tels renseignemenno seriernt d'une

grande xci lit6 pour miess terser le rdle d'un Axentuel redresseu- en soal de la rouen en

vue de ]a minimisation de 1 '6nergie cindtique reotunte.
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DISCUSSION

A.S. UCER, Turkey

Can you comment on the life expectancy of the rotor ?

Author's Reply

The life of the rotor is about one hundred an fifty hours or even more.
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DESIGN AND AERODYNAMIC PERFORMANCE
OF A SMALL MIXED-FLOW GAS GENERATOR TURBINE

0. Okapuu
Chief, Turbine Aerodynamics
Pratt & Whitney Canada Inc.

C.P./Box 10
Longueuil, Qud. Canada J4K 4X9

SUMMARY

Design details and results from aerodynamic rig tests are presented for four variants of a mixed-flow tubine having a
design target pressure ratio of 3:1.

This experimental turbine, designed to satisfy the aerodynamic requirements of a gas generator turbine in a hypothetical
small turboprop engine, demonstrated a design point efficiency substantially in excess of that predicted for a single stage axial
turbine of equivalent duty.

Design and material implications are discussed and potential constraints identified.

INTRODUCTION

The single-stage gas generator turbine in small, two-spool aircraft engine applications continues to show size, weight and
cost advantages when compared to its more complex multi-stage counterpart. Aerodynamic efficiency, the only significant
weakness of high work single-stage turbines, has therefore been the target of continuous research at Pratt & Whitney Canada
for more than two decades.

Results from tests on Radial turbines (e.g. [1]) and high work Axial turbines (e.g. [2, 3]) eventually caused speculation
regardi g the feasibility of combining the demonstrated benefits of each, in a hybrid turbine type which has come to be re-
ferred to as the Mixed-Flow Turbine (MFf). As shown in figure 1, the MFr differs from Axial and Radial Turbines in that
its inflow angle is 60 deg from the axial direction, when viewed in the meridional projection.

The rotor blade speed of the Axial gas generator turbine is principally governed by its disc rim speed, which has a max-
imum permissible value dictated by blade Axig and disc life requirements. The maximum span of an uncooled blade is also
given by its (target) time between overhauls, temperature, and hub/tip metal area ratio. Hence, for a given power, the effi-
ciency of the Axial turbine is limited by its mechanical constraints to blade speed and blade span.

Owing to its shape, the rotor of the Radial turbine can accommodate blade elements with hub/tip metal area ratios in
excess of 10:1, substantially greater than what is achievable with efficient Axial turbine blades. In addition to this, the relative
gas temperature reduces towards the hub, making the blade stronger in the region of highest stress. Taking adantagc of
these properties of the RaWW rotor, its blade span can be much increased relative to its Axial counterpart. This has the effect
of a higher blade speed at rotor inlet (hence reduced flow turning within the rotor) and a larger flow area (hence a lower gas
velocity within the rotor flow passages). Pressure losses being related to gas velocity, the net effect is higher efficiency. An
additional bonus is the substantially lower (absolute) velocity at the exit of the Radial rotor.

The major weakness ,f the Radial turbine concept lies in the fact that, due to its shape, its rotor blades and disc must be
integral with one another. A rotor made from a high temperature alloy suitable for blades, which are exposed to the hot
gases, does not have optimum properties at the bore, where ability to resist low cycle fatigue is important. It is therefore
desirable to minimize bore stresses, and reducing the centrifugal pull of the blades is one way to do this.

The blades of the Radial turbine must be aligned radially, for minimum centrifugal stress. Blade orientation at rotor
leading edge, therefore, calls for a radial inflow direction (when viewed along the axis of rotation) relative to the rotor, for
mnimum entry loss. On the other hand the MFT, owing to its non-radial orientation (in the meridional projection), can have
its leading edge aligned to accept an inflow having a swirl component in the relative frame of reference, while retaining the
radial orientation in its blade elements. This fortuitous quirk of geometry permits the reduction of blade height at rotor
leading edge by trading off Coriols work.against flow turning, thereby reducing the centrifugal pull of the blades and, in
consequence, stresses at the bore of the rotor.

The MFT geometry also holds the promise of additional benefits over the Radial geometry, such as compactness and an
improved resistance to erosion. The major unknown, however, was aerodynamic efficiency: whether the excellent perfor-
mance of the Radial turbine could be matched by the MFT. This, and related questions w-,re addressed by the research pro-
gm described in the following paragraphs.

THE DESIGN POINT

An experimental turbine which is configured for a realistic engine application will produce the most useful design data.
The application chosen for this study was a small, two shaft turboprop engine with a single stage power turbine, a single
stage centrifsugal compressor and front end drive. This engine was sized to generate 600 horsepower when flying at 563 km/h
(350 mph) at 7620 m (25,000 ft) altitude. At this operating condition, engine pressure ratio was 11:1, gas generator turbine
speed 39,528 r/min, AH - 303,8 kJ/kg (130.6 BTU/Ib), inlet temperature 1286 K (1854*F) and pressure ratio approximately
2.9, its exact value depending on efficiency attained. This became the "design point" for the research turbine.

Figure I compares the turbine concepts, all three optimized for this application. The exducers of Radial and MF rotors
have identical radii, and an (absolute) exit Mach number of 0.30. Both have an average gas velocity of 314 m/s (1030 ft/sec)
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within the rotor, but AN2 of the longest hot blade element (a measure of hub/tip metal area ratio required for adequate
blade life) is only 5.1 x 10t0 (in x rpm) 2 for the MFT, compared to 9.2 x 100 for the Radial turbine. By contrast, the Axial
turbine has an exit Mach number of 0.41, average gas velocity of 405 m/s (1328 ft/sec) and AN2 

= 3.7 x 10".
Figure 2 shows a simplified layout of the engine hot end, with Axial and MF gas generator turbines. It appears that

engine diameter and length are not affected by the choice of turbine type. A Radial gas generator turbine, on the other hand,
would have called for a larger diameter, but would have permitted some reduction in engine length. The efficiency of the Ax-
ial turbine was predicted to be a disappointing 8407o (owing to compromises introduced in order to optimize the overal ex-
Pansion efficiency). Sufficient experimental data exist to inspire confidence in this estimate [41. A somewhat less reliable ex-
trapolation of (earlier) test results with Radial turbines indicated that 89.57o efficiency is achievable with that turbine type.
Pressure losses in the inter-turbine duct were also lower in the case of the Radial turbine, due to its larger exit area. The com-
bination of enhanced turbine efficiency and reduced duct loss was predicted to improve the Specific Fuel Consumption of the
engine by approximately 6%, relative to its Axial turbine version. A similar improvement in specific power was indicated.
Would the MFT do as well?

[HE NOZZLE AND THE ROTORS

Figure 3 shows the midspan velocity triangles of the MFT at its design point. The velocity triangles shown here corres-
pond to the actual test hardware, which differed somewhat from the original design intent due to manufacturing desiations.
The swallowing capacity of the turbine, for example, proved to be higher than intended due to excessive nozzle throat open-
ings, causing the exit Mach number to be 0.33.

It is evident that the MFT geometry produces the required power with relati% ely low Mach number, and a modest
amount of flow turning, compared to the equivalent Axial tubine.

Figure 4 shows a segment of the nozzle. Its vanes, which lie on a 60 degree conical surface, are bowed in the spanise
direction at their leading edges. This feature was introduced in order to reduce the aerodynanic loading of the vanes next to
their endwalls, thereby reducing secondary flows and associated pressure losses. The most highly loaded sane section is
therefore at midspan, shown in Figure 5. In addition to the measured pressure distribution, Figure 5 also shows this distribu-
tion as predicted for the tested geometry by the inviscid flow analysis program used in the design of the nozzle. Agreement
with measurements is within the experimental error, and the nozzle is seen to be conservatively designed, with little local
diffusion.

Four rotors were tested with this nozzle. Three had the same blade shape, with radial blade elements, differing only in
the number of blades and/or meridional chord. The fourth had non-radial blade elentents in its inlet portion, blade tips lean-
ing into the flow, with the same camberline at the hub as the other three. All rotors had their blade leading edges oriented 25
degrees off the meridional plane, at midspan. Figure 6 is a photograph of rotor ALPHA. Rotor geometries are summarized
in the following table.

Rotor No. of blades Characteristics

ALPHA 20 baseline design

B-TA 14 same m,ridional projection as ALPHA
GAMMA 20 same as ALPHA, except with non-radial blade elements in inlet portion

DELTA 20 same as ALPHA, except with trailing edges cut back by 4,6 mm (0.18 in.)

Static pressures on rotor blade surfaces were not measured, but were calculated for several operating conditions b, a
three-dimensional Euler code. The results of this inviscid channel flow analysis are shown in Figure 7 for rotor BETA
operating at its peak efficiency conditions of 106% design speed and a (total/total) pressure ratio of 2.5. Thc curses show the
calculated static pressure on tite suction and pressure surfaces of the rotor blades, normalized to the inlet (relative) total
pressure, at hub, mean and tip respectively. A third curve, showing the drop in relative total pressure due to Coriolis work. is
also plotted for reference.

Pressure on the suction surface is seen to be generally reducing in the streamwise direction. The exceptions are the front
portion of the blade at the hub, and the trailing edge uncovered surface sshere recompression is predicted to take place along
the whole span of the blade. The pressure surface sees a reduction in pressure everywhere. It is also evident front the small
difference between relative total pressure and static pressure, on the pressure surface, that the velocity there is generally loss.

The most meaningful representation of pressure distribution is that aloioz stivailines. Figure 8 shows a series of curses
of constant Rothalpy, for the suction and pressure surfaces of the same case. Rothalpy is a quantity which is conserved along
a streamline in a rotating frame of reference, hence the curves represent streamlines as predicted by the present inviscid
analysis. It appears from Figure 8 that on the suction surface the streamlines follow the hub and tip contours of the rotor
quite well, hence the suction surface pressure distributions on Figure 7 closely represent those experienced bN the flow. The
pressure surface streamlines, on the other hand, do not follow the hub and shroud contours of the rotor, streamlines which
begin near the hub migrate up the blade to the shroud. Therefore the pressure surface distributions along the hub, mean and
tip shown in Figure 7 do not represent those along streamlines. However. these Figure 7 curves may be cross-plotted for any
of the pressure surface streamlines shown in Figure 8. The result of this indicates that practically no recompression occurs
along any of these streamlines.

-1
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THE EXPERIMENTAL FACILITY

Aerodynamic testing of the four turbines was carried out on the rotating test rig shown in Figure 9. A 1000 hp com-
pressor supplied air at approximately 138 kPa (20 psia) through a heater and a Venturi flow meter to the inlet of the turbine.
A second, 500 hp compressor evacuated the exit of the turbine. A combination of valves allowed the pressure ratio across the
turbine to be fixed at any desired value. The power generated by the turbine was absorbed by a water brake dynamometer.
The air supply to the turbine was heated to a temperature such that its exit temperature became equal to that of the test cell.

Turbine power, hence efficiency, was calculated from the measured temperature drop across the turbine. A generous
mixing length (several pipe diameters) was provided downstream of the rotor, to produce an accurate average of exit
temperature. Conduction errors were eliminated by thermal insulation of the exhaust duct and by the matching of exhaust
temperature with tea. cell temperature. Rotor exit total pressure was measured by fixed rakes placeu 38 mm (1.5 in) (slightly
more than the blade height at rotor exit) downstream of rotor trailing edge, aligned with the flow at each test point.
Temperature and pressure at nozzle imet were similarly measured by fixed rakes; these were found to be quite uniform.
Temperature based efficiency was preferred to that derived from the dynamometer, since the latter has to be corrected for
disc windage and bearing friction losses, a potential source of errors. Rotational speed at the design -point of the turbine was
22,800 r/min.

The basic measurements of temperature and pressure at the inlet and exit planes of the turbine were complemented by
measurements of static pressure in the nozzle vanes, along rotor shroud and in the exhaust duct. Radial-circumferential
traverses of temperature, pressure and flow angle were also taken at a plane immediately downstream of the rotor trailing
edge. Rotor tip clearance was measured by means of a contact probe, under running conditions. The following paragraphs
present the highlights of the aerodynamic test programme.

RESULTS FROM AERODYNAMIC TESTS

Figures 10-13 show the measured variation of efficiency with pressure ratio at constant normalized speed, for rotors
ALPHA, BETA, GAMMA and DELTA respectively. Efficiency and pressure ratio are based on total pressures. Mechanical
constraints related to rig operation prevented testing at 100 percent speed. The results shown are for a tip clearance of one
percent of exducer span, or 0,34 mn (0.0135 in).

Some general conclusions may be drawn from all four part load maps. Peak efficiencies in excess of 90% were obtained
%ith all turbines. Interpolating for design speed, peak efficiency is seen to occur at a pressure ratio lower than design, which
was 3.2 under rig conditions. The four turbines differ from one another mainly in their rate of decrease in efficiency, as the
pressure ratio is increased, at any given speed.

Nozzle exit traverses permitted the calculation of relative flow angle at rotor inlet, hence rotor incidence. Figure 14 leads to
the conclusion that the optimum incidence is approximately - 20 degrees, and that the leading edges of all rotor blades
should have been oriented at 40 or 45 degrees instead of the present 25 degrees. Whether this would move the efficiency
peaks over to the design pressure ratio, as expected, remains to be confirmed by further tests.

This result was not totally unexpected since earlier tests have indicated that Radial turbines benefit from a large negative
incidence: even under operating conditions when the average flow at rotor inlet is aligned with the blades, circulation about
each blade causes a local induced incidence which the sharp leading edges cannot tolerate.

Another conclusion which can be drawn from these test results is that the performance of rotors with 20 blades differs
relatively little from rotor BETA which has 14 blades. In fact, BETA appears to reach the highest peak efficiency of the
four, by a small margin, although GAMMA has the highest efficiency at design point pressure ratio and speed. Here one is
faced with the frequently recurring problem with flow in ducts involving local diffusion, where wetted area must be judicious-
ly traded off against the risk of flow separation, for minimum pressure loss. It would appear that the pressure distribution
shown in Figure 7 for BETA operating at peak efficiency (with - 20 degrees incidence) represents a good design in regard to
blade loading and rate of local diffusion. It is possible that this design could be further improved by a further reduction in
the number of blades, if three-dimensional flow analysis indicates that local diffusions can be held to their present values by
an appropriate shaping of blades.

Rotor exit traverses of pressure, temperature and flow angle for rotor BETA (Figure 15) indicated that rotor exit flow is
significantly underturned and possibly separated over the outer 50 percent of the exducer portion of the blade. This
phenomenon has also been previously observed on radial turbines. The fact that local streamline efficiency is nearly 100 per-
cent in the inner half of the rotor suggests that the low energy boundary layers, generated within the rotor, are flung radially
outward and emerge from the rotor near its shroud, causing the poor performance observed in that region. There were also
indications that the leakage flow through the rotor tip clearance gap contributes to the underturning of the flow in the same
manner as it does in the case of unshrouded adal turbine rotor blades. The situation was con~pounded in the present case by
the relatively large uncovered turning at exducer tips, ranging from 16 to 22 degrees for the four rotors tested.

Rotor ALPHA was also tested with two tip clearances. Its efficiency was found to change by 0.9 points for a tip
clearance change of one percent of blade span, measured at rotor exit. This, too, is in line with previous results with radial
turbines, and amounts to approximately half the sensitivity of a typical, unshrouded axial turbine blade. Since the axial tur-
bine for the same duty must have shorter blades, for equivalent life, it may be concluded that the MFT (and also the radial
turbine) is substantially less sensitive to rotor tip clearance than the axial turbine.

STRUCTURAL CONSIDERATION

At present, Axial Turbine rotors are with few exceptions assembled from cast, high temperature alloy blades and forged
discs, the two mechanically joined by "fir-tree fixings", carefully designed interlocking lobes which permit the centrifugal
load of the blades to be uniformly transferred to the disc. The blades, operating at high metal temperatures, will thus enjoy
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the good creep resistance properties of high temperature (cast) alloys, while the disc is able to resist low cycle fatigue by virtue
of the strong forging alloys developed for the purpose.

However, the MFT rotor cannot utilize fir-tree fixings nor other types of mechanical attachments. In applications where
the rotor is expected to undergo many stress cycles before it is replaced, present casting alloys appear only marginally ade-
quate. The problem with integrally cast rotors is aggravated by the fact that the rate of solidification varies from one pan of
the rotor to another: the massive hub cools slowly, and its material properties could prove much inferior to expectations.
Techniques for routinely producing fatigue resistant castings are being developed, but these still seem some years in the
future. A complicating factor here is the difficulty of inspecting massive castings for flaws.

One possible way around the creep/fatigue problem is the bi-metallic rotor (Figure 16). If a cast ring of blades were to
be bonded to a forged hub, without degrading the properties of the parent materials, a very strong rotor could be obtained.
Recent experiments with diffusion bonding of cast MAR M-247 to forged INI00 have indicated that a strong bond can be
obtained without a significant deterioration of the original properties of either material. The process consists of holding the
mating surfaces in contact under high pressure and temperature for a pc.,od of time, during which the constituents of the
alloys migrate across the interface, creating the bond. The details of the process, surface treatments, bonding pressure,
temperature and time, and subsequent heat treatments are at present a proprietary art jealously guarded by those who possess
the knowledge.

However, the bonding for a coitaplete MFT rotor is considerably more complex than that of simple specimens, owing to
its complicated shape. This, and the problz of inspecting the bond surface, are at present the major obstacles to the im-
mediate application of the MFT to corventional g. s turbine engines for aircraft propulsion.

While the rotor blades of the MFT are substantially lighter tar those of the Radial turbine, the hub still has to be
massive due to the required axial extent of the rotor. Much of the material in the hub is not needed to carry the bladies; it
merely increases stresses at the bore. Figure I presents some ideas of how the hub might be constructed, to minimize bore
stresses. None of these schemes is free of problems, but the Extended Blade rotor seems the most attractive configuration at
this time.

A detailed, three-dimensional stress anaissi, of the rotor is clearly called for, due to its complex shape. Such areas as the
platform leading edge may prove quite critical: the "scalloping" of the disc, a standard feature with radial tubites intended
to relieve the local stresses in the plattorm" at its largest radius, cause an oserhang of the blades in the case ol the MFT. A
trade-off study will determine the amount of overhang which produces the lowest stresses in this area. Transient stre,
analysis is also required: changes to engine operating conditions may set tip large temperature gradients within the rotor.
causin? sizeable transient stresses calling for innovative design solutions for their relief. The problems do not appear insur-
mountable, only very complex.

Another potential problem related to the durability of radial infto tarbines is that of eros ion. The sitlnerabilit' o
Radial turbine nozzles to particle erosion has been well documented over the years. For example carbon particles, originating
in the combustion chamber, may be carried into the turbine where they enter the rotor at a lwer velocity than the surrouni-
ding stream of gas. The advancing (suction) surfaces of the rotor blades catch up %ith the particles and fling thei outsoard.
against the uncovered surfaces of the nozzle sanc . The residual fragments of the partcles continue to bounce back and forth
between the rotor and the nozzle until their mass/drag ratio becomes small enough for them to be swept through the rotor h\
the gas stream. This mechanism is inherent to the Radial turbine geometry. Witl non-radial entry (such as in the IFTI the
erosion of nozzle vanes, which is the more severe problem, will be considerably alleviated.

This erosion process is gradual, however; it will not cause a dramatic failure. The problem can be eliminated b an isrle
particle separator and a well-developed, carbon-free combustor.

CONCLUSION

Rotating rig testing has shown that the Mixed Flow T,,-bine is capable of surpassing the aerodynamic efficienc% of the
Axial turbine by a significant margin, and matching (and possibl exceeding) that of the Radial turbine, especially in sma!l
sizes. Why, then, has it not found a wide acceptance in gas turbine engines for aircraft propulsion?

The answer appears to lie in the high cost of development of a mechanical:, reliable rotor: even the remotest possibilits
of rotor disc failure is unacceptable in aero engines. The complex shape of the MFT rotor has until recently prevented
reliable stress analyses to be carried out on this component. The t'chnologies to manufacture and inspect a bulkN rotor are
still under development [5]. The "square-cube law" makes the MFT less attractive for large gas turbine engines, and the in-
centive for the required massive R&D expenditures has been lacking in that segment of the industry which could best at ,.rd
it.

Given time, it is expected that the MFT will first find a home in single-shaft engine applications where a large number of
operating cycles between overhauls is not required. The technology for this already .ppears to be at hand.
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DISCUSSION

P. BELAYGUE, Fr

Oa situez-vous, en taux de ditente, le domaine d'int~rit des turbines
mixtes ?

Author's Reply

The range of optimum applicability of the MFT is not well understood
at present.

As to pressure ratio, efficient operation can be expected up to the
limit loading of the exducer, which is likely to occur at pressure ratio in
excess of 7 or 8 : 1, the exact value depending on design details. Structural
limitations are likely to be encountered well' before this maximum is
reached, howevyr, but these will again depend on design details and the
material(s) used for the rotor. The pressure ratio of 2.9 : 1 of the present
research turbine therefore appears to lie at the low end of MFT
applicability. However, it is noteworthy that even at such a modest pressure
ratio, well within the capability of the Axial turbine, the MFT performed
some five efficiency points better. A portion of this difference is due to
effects of small size (tip clearance, trailing edge thicknesses) wich af-
fect the performance of the Axial turbine much more than the MFT. It would
therefore follow that in ve small sizes the MFT will outperform the Axial
turbine at any pressure ratio.

As to the place of the MFT in the specific speed spectrum, it would be
reasonable to expect it to fill the gap between the low specific speed regi-
me dominated by the Radial turbine and the high specific speed regime where
the Axial turbine reigns supreme.

R.G. THOMPSON, US

What is the source or mechanism of the variation of stage efficiency
as a fonction of downstream total pressure probe location ?

Author's Reply

Various test programs on our turbine rig have shown that the observed
efficiency of a turbine depends quite strongly on the location of the
downstream measurement plane for total pressure. Tables 2 and 3 of Paper
N° 9 illustrate this : the efficiency of turbine configuration S/51 can be
taken as 80.0 or 83.0 percent, depending on the choice of measurement plane.
Unfortunately, this fact does not seem to be widely recognized within the gas
turbine industry, with the result that misleading conclusions may be drawn
from comoarisons of test results from different test facilities.

The main mechanism of the redurtion of average total pressure (hence
efficiency) with downstream distance is thought to be the mixing of the ro-
tor exit flow field. Endwall vortices, having their axes essentially in the
streanwise direction, require an especially long distance to dissipate. The-
refore, pressure measurements taken close to rotor trailing edge will inclu-
de a cononent of total pressure which will not be available after mixing.
This situation is expected to be most pronounced in small turbines having
low blade aspect ratios, where secondary losses predominate.
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The practice of Pratt & Whitney Canada has been to measure total pres-
sure at more than two blade chords downstream of the rotor trailing edge, in
the case of Axial turbines. Efficiency computed from such measurements have
been found to agree best with efficiencies deduced from performance measure-
ments on engines. Lacking a corresponding calibration for Mixed-Flow
turbines, we chose a similar distance for the current series of tests.

H. VIGNAU, Fr

Quel est l'intirit du concept de turbine "mixte" pour augmenter le
coefficient de travail et r~duire les vitesses piriphiriques, comparative-
ment aux turbines radiales ?

Author's Reply

Compared to the equivalent Radial turbine, the blade diameter at rotor
inlet is substantially lower for the MFT. It is indeed interesting to note,
therefore, that the MFT achieves efficiencies equal to or better than the
Radial turbine of the same duty, in spite of the higher work coefficient
A H/U2TIP) of the MFT.

The larger amount of flow turning within the MFT rotor, implied by its
higher A H/UfTIP , can be expected to cause greater pressure losses.
However, the span of the rotor blade, at its leading edge, is higher in the
case of the MFT, producing a more favourable passage aspect ratio and
(relative) tip clearance. It would appear, therefore, that these features of
the MFT compensate for any additional losses caused by its greater turning
angle.

J. MOORE, US

In looking at the static pressure distribution in the mixed flow
rotor, it may be helpful to remove the centrifugaipressure field or alterna-
tively to look at the distribution of an isentropic relative Mach number.
This is found to be useful when considering boundary layer development in
centrifugal compressor impellers, for example.

Author's Reply

We thank Professor Moore for his suggestions. We will explore them at
the next opportunity.
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*Ecole Centrals de Lyon
36, avenue Guy de Collongue
BP 163 - 69131 Foully Ceder

France
*SNECMA Villeroche

77550 Moissy Cramayel
France

La conception du diffuseur et de Ia tate dune chambre de combustion do turbordecteur dolt Atre rdalis6e, rwvr
seulement en recherchant une parte de charge faible mais aussi en 9'aasurant de Ia etabilit6 de l'Lscoulemsnt autour du
tube 4 flamme.

Parmi Lea rn6thodes dont dispose Ia SNECMA pour atteindre ces objectifa, figure un logiciel de calcul elliptique,
de type "6idments finis" ddveloppO par P'Ecole Centrale de Lyon.

Cette m~ti-ode de calcul, grace h son maillage triangulaire, se caract~rise par sea capacit~s A prendre en compte
des configurations gdomdtriques complexes.

Sa validation sur diverses configurations 6l6mentaires et industrielles a permis do d~montrer Is robuatease de
l'algorithme de calcul et son aptitude A ddcrire Les caract~rietiqt'e principales de lMcoulement.

NONOIFLATURE

A Matrice de quantit6 de mouvement

B0 Metrics pour une grandeur scalaire

Cp Cheleur masaique At pression conatante

Cl, C2 Constantes de Is loi logarithmique

C, C. C" Constantes du modble k-E

C,,D, 9Pr,?,

04 Constantes dens l'quation de bilan d'une grandeur scalaire

F Second membre do l'Aguation discrdtisds do guantit6 do mouvement

C0 Second mombre de l'6quetion discrdtisdc de$4

k Energie cin~tique de Is tiorbulenco sane dimension

K=CI'ij) Tonsour de diffusivit6 artificiolle

L Echelle cerectdriatlque do longueur

n Vecteur uniteire normal A Is frontibre

Ni Fonction 'ds base du meillage fin

N21 Fonction de base du meillege growlier

nn2 Nombre do nceuds du meillags growlier

7* Preesion moysnne gintralses

Pzh
5  Pression gdndraliad discr~tis~s

Pr Nontre de Prandtl

ai Quentitd de mouvement moyanne sane dimension

Th& Qusntltd de rnouvrnent .noyenne diacrdtlase

Re Nombre de Reynolds

rh Operat,,ur divergence discritiA

rj Compomente de rh

Rt Nont r-e do Reynolds turbulent
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S Second membre de l'6quation de continuitt6

T Tempdrature instantande sans dimension

r Vecteur uniteire tangent 6 Is frontibre

Th Maillage fin du domaine

Tmh Maillage grossier du domaine

Vitesse moyenne, sans dimension

~'' Tenseur de Reynolds

1" ' Flux turbulent

U0  Vitesse de r6fdrance

Uf Vitesse de frottement

r' Frontibre dui domaine

9 Distance b Is parci 00 sOnt imPosdes leg coliditions limites

L t Pas de temps

& Taux de dissipation de l'dnergie cindtique de Ia turbulence

4) Variable scalaire instanten~e

4)" Fluctuation d'une grandeur scalaire,

~i Conductivit6 thermique

Viscoaitd dynamnique

V ViscosifE cin6matique

fl. Domains de calcul

(I Masse volumnique instantandv sans dimension

Masse volumnique moyenne sans dimension

a-T^Tkrq Nombres de Prandtl Schmidt pout T, k, £-

INTROOLACTION

Un contr~le rigoureux du champ adrodynemique au niveau du diffuseur et de Is tWe de chambre de combustion de,
turbordacteur et essentiel pour etteindre l'ensemble, des performances requises pour ce, type Jc foyer.

Permi lea mdthodes rajmdriquea de simulation disponiblea, Ilutilisation des El6ments finis, qui permet de ddcrire de
fagon realiste lea contours d'une g~om~trie induatrielle, eat psrticulbrement attractive.

Une telle methods, dont Is dovelopperment a 6tL6 assurE par l'Ecole Centrals de Lyon et couramment utilis~e 6 Ia
SNECMA sux divers stades de conception :

* Lora dv l'evant projet, Is viscositd et suppoa~e constants. Cetta approche pessimiste permet de m~nager lea
merges n~cessaires & Is reproductibilitd des performances lore de Is fabrication des chambres en sdrio.

* Une analyse fine de zones critiques de I'Ecoulement eat r~alisde au moyen, d'une proc~dure dv sous domaines.

* Le celcul quantitatif des pertes de charge eat ensuite obtenu per Is biais du rm~ne code mais en mrodtlisant Ia
turbulence par une approche du type (k, e )

Daona une premibre Etape, nous d~crivons lea principes physiques et numdriques, dv Ia m~thode do calcul dons Is cas
lv plus g~n~ral, c'est-b-dire int~grant Is modble de turbulence (ki, 21.

Ensuite quelgues exemples extraits des cas de validation stir configurations de Isboratoire d~montreront Ie
carsctbre pr~dictif du logiciel.

Enfin, lutilisstion industrielle, sera illustr~e par plusleurs, applications h des foyers expdrimentaux do Is SNECMA.

I. E(UJ.T'4 I D-1 NVOLUT1ON ET CCII1O. AUX LIMITES

Las Equations instantandes, cl'Evolution sont obtanuas, 6 partir das principas fondaintmax do conservation dv Is
Masse, dv Is quantitd de mouvemant at do Ilenthalple. Cos Equations sont 6critas sous forme sans dimension par
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lintroduction dune longueur de rdfrence, d'une vitesse at d'une tempdrsture caractdriatiques de 116coulement. Ces
grandeurs nous conduisent h construire lee nomnbres sans dimension classiques :

Re oi Pr-
V k

aLee carect~ristiques physiques du, fluide telles qua Is viscositd dynamnique ou Ia conductibilitt thermique sont
sOiPPo86es conatantes. Le masse volumique, quant 6 elle, eat reli6e 6 Ia tempdrature per une dqustion d~dtst ddduite de
Ildquation des gaz parfaits en aipposant que l'effet des variations de pression sir Ia masse volumnique eat n~gligeable.
Ecrite sous forms sans dimension l'dquation d'etat prend alors Ia forins simplifide :

Le traitement des phdnoinbnes turbulents conduit 8 decomposer les variables en une partie moyenne et une partie
fluctuante. Pour ce qui est de Is pression, et de Is messe volumnique, on utilise Is d6composition classique de Reynolds.
Pour Is vitesse at Is tempdrature, on utilise par contre Is decomposition de Favre (1) ddfinie comma suit

U Xt) Xt) - 11" Xt) ou TI~t
Les termes de corr6lation qui apparaissant du fait de Is ddcomposition sont Moddlisde en utilisant une hypothbse

du type Boussinesq. On 6crit alors pour les tensions de Reynolds:

-- 2 1 -1(ga 1 + grad'Su-u" - ( Pk + div u II--ga rd
3 at at

at pour Ie flux turbulent de tempdrature

p u --- grad T
at cr,

ob Ie nombre de Reynolds turbulent est donn6 par

at

k est 1l6nergia cin~tique de turbulence definie par: k = (uiui) at E est son taux de dissipation.

Les 6quations gouvernant l'Livolution des grandeurs scalaires turbulentes k at £font l'objet d'kine moddlisation
analogue 8 cells adopt~e classiquement dana te cas incoinptessibte, W2.

Le systbme fermd d'6quations porte air lea variables dependantes suivantas:

quantltd de mouvement moyanne - IZ4
*pression g~ndralisde
*tempdrature moyanne _

*masse volumnique moyenne
*deux dchelles carectdristiques de Is turbulence k at

Ce syst~ime s16crit alors, (cf (3)):

at * div Q 0

at_ div(- F ) - grad(r) 4divll-. L - l9gad -4grad'=IRt a. t T P

p + -(( + )d ,-P
3 ae Rtls T k

at- = .gradI T) - divl -- grad TI

ak 9Q . 1
at+=.grad( k) - djv((-+ - gred k) +vP- C

grd C) - djvu- + - rdC ~-
Re trao. gra a. +at. k P-CUk

evec

P -- I-(grad -vgrad' -) - -- div + Pk)ID gaF at T 3 3at )*rd
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obi lee constantes soot doondes par:

Au voisinage des parols solids&, Is prdsance de forts gradients aur les variables ddpendantes dui problbme ndcesaite
en tout. rigueur Putilisation do maillages trbs fins.

On prdfbre ici adopter des lois d'6quiibre qul permettent de reporter ies conditions aux limites 6 une distance
de is frontiftre physique rdeiie.

Cos lois ant une forme similaire & celles habitueliement employdes dana e Is as incomnpressible. On ddfinit une
vitesse de frottemnent notde Uf par to relation:

II I P U"

Lea conditions aux iimitea sont store caicuides par:

1 __6 U, 6 U.
__=CI Log - *C2 - 1.

P U, vv

I 1 6 U, 6 U,

= 0

P U, v

k6 _ - 0 .- U

2. IMETHOOE t4A ERIQLJE DE RtESOLUTION

2.1 Discrdtz3atiml an~ temps

Lea 6quations du syst~me (1) aont discrdtiadesaen utilisant un achdma aemi-implicite en tampa d6fini par

1. Calcul de ( ,par:

* grad 11'' div - + -igrad V"')

C.
*C P* - D -

avec II k

CDo 0 -.1 ,Q, /

Pr -Pr, I ,I (pour, respectivement: 4' T, K< et F_)

2. ecul de ~'par I'dquat ion d'dtat

3. Caicul de Qat ~" par ]as quations coupides:

div -
At

* diC~ Q~) -- grad ~*
At

di vl * grad + * rad' 2*)
Re Rt

. ........ .....- .- ....



On note an particuliet quo Is achdma entratno une lin~arlsation des tormos cun .. 'fs dcs3 6quat ions do quantit6 de
mouvernont.

2.2 Obcvrdtlstion an 6Msswfta finla

* L'6criture d'une formulation faible du problhme eat obtonue par multiplication par une fonction test, intdgratiofl
ouri Is domains do calcul et application d'une formula do Green our les tetmes do plus haut degr6 do chacune des
6quations du syst~mo (2).

On utiliso uno double triangulation du domaine do calcul n1 . A part it d'uno triangulation TZh, on construit une
deuxibme triangulation Th obtonuo on subdivisant chaquo triangle de T2h en 4 triangles dgaux comrne le montre Ia
figure ajivants

Les variablos 3,k, E ot - sont slots apptoch6es lin~airement aur chaque triangle de Th, alors que Is
pression Feat approchdo llndairemeS stir chaque triangle de T2h (4).

La formulation de Galorkin du problbme conduit finalemont A un systbme matriciel do le forme

B 0 . G1 
:

A Q~*-,rad ps F

diV Q. - S

06i 01, mi nt lea valeurs approch~fes mis nceuds des maillages Th et T2h.
Les 6quations sur las quanlitds scalairos kS, mint r~golues on utilisant une factorisatio, LxDxU do ]a matrice F,
La mntrice L oat triangulaire infdrieure, 0 eat diagonals et U eat triangulaite supdrieure.

La prdsence d'un terme J pression dons lMquation do quantit6 do mouvemont oblige A effectuer un traitement
sp~cial do colts 6quatlon. Coupl6e b Ia contrainte do continuitdt elle oat, en effet, rdsolue en utilisait --n algorithms
d Uzawa dont Ia convergence est r~gl~e par une mdthode de gradients conjugu6s. La contrainte do continuit6 est alors
satisfaite on minimisant sur Ie domains 11. h, Is quantlt6 intkgrale :

r
2  

dO oVUL r. Z r, N2,

o6i rh est d6fini par

I r N2t dl) - T~divg, - S) H21 dl) Vi=1,nn2

nn2 eat le nombro do nceuds du maillage T2h.

Le processus it6ratif utilis6 a 6t6 initialomont proposd par Buffat et eat detaillds dens (5).

Pour dviter lappstition d'oacillations numdriques dans las 6coulements ob los ph6nombrios convectifs sont
dominants, un echdma do "balancing dissipation" (cf (6), (7)) eat employe.

2.3 Calcul des candltion aumx fImito oen parol

Les lois do patois d6crites en(1I torment un systbme d'dquations ohj los do"- .omposantes do Is quantit~s do
mouvement sont coupides. Ce syst~me oat alors utiliad do fagon b foumnir des cor"Jatlons do type Ijitichlet mur chacune
do ces dous composantes.

Ainsi, connaissant Ie gradient do InA Ia paroi ?i un instant donn6, on calcule au pas do temps suivant Ia viteass do
firottoment unit ddflnie mit chaque ar~to frontibre du maillage par

- P.

La connaissance do un+1 pormet alors do rdsoudre, A Ia frontibre pari~tale, Ie syatbme d'6quations Bur 6crit sous
forma faible

6tl.~'6U,TH r - f, 'U, 'C1. Lo9--- *C2)N,dr S, -11 6

ou

+ T, dr - , p. - 6( U-(116U,,
v S .
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et In r ",dr - o k''' - - (u,'')
5  

. (U,'''
3

Dens Ia pratique, pour des raisons de stabilit6 numdricue, on introduit une relaxation aJr Is vitesse de frottement

qui induit un processus itdratif 5 chaque pas de calcul A t.

3. ETIDE DE QUELGUES COtIIJRATIONS ELEMENTAIRES

Le problhme industriel eat decomposable en un certain nombre de configurations 6]lmentaires : 4clatement
brusque, diffusion, changements de direction, couches limites... etc.

Le bon comportement du iogiciel dens chacune de ces configurations est un pr6alable indispensable 4 Ia
description satisfaisante de Is geometrie globale. Afin de sassurer de cette rdprtsentativit6 de nombreux cas tests ont
dtd traitds.

Les rdaultats concernant un dlargissement brusque et une couche limite sont rapport6s.

3.1 Elargimernent brusque

Pour effectuer cette etude l'exp6rience de Kim et Al (8) correspondant 4 un largissement brusque isotherme,
4 un nombre de Reynolds de 44500 eat retenue.

Les profils d'entr6e de vitesse, d'dnergie cin6tique et de dissipation sont ddduits d'un. calcul d'dcoulement
pleinement ddvelopp4 en canal plan.

Les figures I et 2 montrent des visualisations des lignes de courant ainsi que des illustrations des principales
quantitds caractdristiques de [a turbulence.

Figure 1 Ecoulement derri6re un hlargissement brusque

.lignes do courent

Backward facing step

Streamlines

'vicosli inergie clfnitique . sigatlo ndo turbulence do turbulence
Turbulent viscosity Turbulent kinetic energy

Figure 2 Ecoulement derri6re un .largissement brusque

Backward facing stop

La zone de recirculation, 4 l'eval de iliargissement a une longueur d'environ 5 fois Is hauteur de Is marche h
cette valeur eat infdrieure A celle obtenue expdrimentalement par Kim et Al (7h). Cependant, cette sous-estimation
semble en partie dOe au modble de turbulence utilisg : des rdsultats comparables ont 6t obtenus par dautres auteurs (cf
Mansour at Al 191, Taylor at Al 1101, Brison et Al I71).Les pics sir k et F 4 Ilaval de Ia marche sont, d'autre part, bien
prbdits.



18-7

3.2 Cauche limits

Dans Ie cas dune couche limite, des calculs ont 6t# effectuds en ae plarvant dam. los conditions expdrimentalee de
Chang et Ng (I11I,1121), an situation isotherine (figures 3 et 4).

La vitease I l'ext~rieur de Ia couche limits est alors de 10,4 m/s. Le domains de calcul a'tend sur une longueur de
200 mm, lea profile d'entrde 6tant d~duits des rdsultats expdrimentaux sir u, k at E, .

Les rsultats obtenus dans trols sections (x = 70 mm, x = 125 m et x = lB2 mm) o donn6es par les figures 5 4 7.
Lea comparaisons concernent les profile de vitesee, d'dnergie cindtique de turbulence ainsi que des profile de tensions de
Reynolds.

Les rEaultats montrent une bonne concordan", entre profils exp~rimentaux et numdriques. Les valeurs b Is paroi
semblent, an particulier, pr~dites de faQon corrects par l'utilieation des lois logarithrniques.

60t

soos

\ Wet ... .. I:.a.....
Ent,,. d air Es,., RougS 0lail Smootli P.7 e, o 1e la 1. m

Flow lflter Ssrn on am

Figure 3 Couch limits

Boundary layer Figure 4 Couch. limite
eoudar Boudayelye

a eXP. PO..ndsry i.yer
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5. 0t 182. a.9 Esp.
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f&. UTILSATION INOUSTRIELLE

Les divers tests affoctuds sur des configurations r~alistes do t~te do chembreo nt montrd quo l'hypothL'se
consistent 5 supposer Is vjscosjtiS constants ssvydrait trbs sdvbre en ce qui concerne Ia description de i'a~rodynamique,
on perticulier air lee casquottes, ce qui permet de m6naer les merges ndcessaires b uno bonne reproductibilit6 des
perf ormances sur les chembres de 96rie. Aussi son utiiistion est-elie retentue au niveau de l'avant projet.

Elle est associ6e, pour les zones ou une connsissance plus spprofondie de Ildcoulement est ddsirde, b uno mdthode
do sous domalnos. Dens co dernier cas, les conditions limitas b imposer sur Is fronti~re du domaine ddtaili6, sont
extreites du calcul globsi.

Cette m6thodologie est ilustrdo sur une configuration do chambre industrielle dont Is schdma de princine est
rapportd figure 8.

Pour Pl'8ude globsie d'adrodynamnique extdrieure A Ia chambre, le domaine do calcul s6lectionn,6 eat constitu6 d'un
plan mi!ridien entro deux injecteurs limit6 per deux frontibres, Fune situde b l'entrde du prddiffuseur, Vautre A I'Smont
des trous primaires.

Des profils do vitesso sent impos6s dans les sections do sortie alors qlu'n profl de prossion est donn6 8 Ventrde du
diffuseur. Ce typo do conditions limitos no pormot pas Idguilibrage natural des ddbits ent'e les diffdronts passages.
Aussi, lea diverges vaeurs de ddbit dens les sections do sortie sont obtenues 8 partir dune schdmatisation
monodimonsionnelle ou 8i parti do rdsultats ospdrimentauv. Uno alternative 8 cotta mdthode, consistant b relier la
pression statique an sortie 8 uno vitesse ddbitante, par l'intermddiaire d'un co~sfficient do pcrte do charqe ddduit de
l'espdrience, fore l'objet d'une publication ultdrloure t131

Sur les figures 12 at 13, nous sans illustr6 Is chominoment complet qui va de Is phase d'avant projet jusqu'au
calcul prdcis des performances. Ainsi, Is figure 12 montre comment Is milthode 8 viscosit6 constante permet, en
partant dune configuration malsaine (12a) caractdrisfe par des zones do ddcollement au nive~i do l'alinientation des
premiers films, d'aboutir b une configuration adrodynamniquement vain' (12b).

D'un calcul utilisant lo mod~le (k, F- ) (figure 13) sont ensuite ddduites lea portos do charge do cntournemerit et
los portes do charge entry lo diffuseur et lo fond do chambre. Si ros portos do charge no sont pay encoro confermis 3
L'obioctif, 1l est possible do poursuivra If6tude au may00 du mod~le (k, F6 t fin do rdaliser les dernibres mi difications
locales ndcessairos du prddiffusour, des casquottos oin des carters.

-MY

Figure 8 Ochmatn do [a charnhre 6tadlA.

Scheme ofth st uied combustor

F I a.. s A~radenamique de ]a t~le de chatebre

Aerodyamicl stady af the cnmbuslot dome

Fine mesa

I)Frnti.,. d.tc d...1-,

Fig-r, I Ahrsyeiviesi do Is t~t. do chambr.
Fig-10 ~ros-naiqu doIs W dechabrtSous domein lioangs do couraet

Lige.. do couant cslculh..: Medbl., A Med~ls a s~osit*tulrbulontO cOnlitanto

viscsit turuiete cnstntsAerodynamic af the combustor dame
Aerodynamic ofthe. combustor dome Streamlines- Sebdoteeln calculations

Cclated streamlnes:Cons tent viscsity model Constant Viscosity model
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Figure 12 Optimisation do la tWe do chambre

Mod~le A vIscosIt6 constant.

Combus tor dome optimisation

Constant viscosity model

Fig... 13 Adrodynansique do to t~te de chembre
Lignes de courant sur des casquettes optimss
Modile K - E

Aerodynamic of the comnbustor dome,
Streamlines ovr optimised cowls
Xt-C model

CONCLUSION

Une mdthode d~e type 6idments finis a W~t ddvelopp6e per l'Ecole Centrale de Lyon et est couramment utilisde A Ia
SNECMA poor tous len problimes d'intdraction diffuseure - t~te de chambre.

Le logiciel employ,6 eat elliptique ;Il maillaqe &q type trianqulaire eat bien adaptd pour simuler lea phdnombnes
adrodynamiques dans des configurstiorn o~s Ia q6omdtrie et Io topoloqie nont complexes.

La turbulence eat ddcrite au moyen d'un mod~le (k, C_ ) qui permet une restitution quantitative de l'6coulement.
Cependent, au niveau de l'svant projet, un modble correspondent h une viscositd constants, plus 96vtre sur Is plan d~e
lidentificatlon des zones sunceptibles de d~tcoller lui ent pr6ft~rd

La validlt6 du logiciel a 6t6I vdriflde par l'6tude de nombreunes configurations dlrimentair's reprdsentatives des
diffdrents types d'6culemnent rencontrds ao niveau des problhmes d'intdraction diffuneur - tLte de chambre (couches
limites, recirculation, diffusion ... ).

Sn fisbilitO a Wt obtenue par le passage de cas varida correspondnnt bi des g~om~tries rdalistes.
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DISCUSSION

J.S. LEWIS, UK

How did you define the downstream boundary conditions ?

Riponse de 1'Auteur

Les conditions aux limites en aval (d~bits) peuvent itre obtenues sui-
vant 3 nithodes

- partir d'une SChimatisation monodimensionnelle

- partir des risultats expirimentaux

-en reliant la vitesse dibltante i la pression statique i l'intirieur
du foyer par 1'intermidiaire d'un coefficient de perte de charge
dfiduit de 1'expirience.

Cette derniire mithode fera lVobjet d'une publication ultirieure.



DBVELOPNENT OF A PLEUM CHANMBRNER SYSTEM F( AN ADVANCED VTOLEIGIN_

J S LE IS, T W MURRAY AND D STEKEI
Rolls-Royce plc, Filton, Bristol.

Plenum Chamber burning (PCB) continues as one of the most viable options
for vertical take-off and landing aircraft with a supersonic capability.

Assessments ot the future thrust requirements for such aircraft show
that higher levels of temperature rise than previously demonstrated will
be required, coupled with the ability to operate efficiently over a wide
range of fuel air ratios in an expanded flight envelope.

This paper describes the research and development programmes that were
carried out on model and full size rigs to design and evaluate advanced
concepts to meet the anticipated requirements.

The system characteristics which were evaluated include pressure loss,
ignition, efficiency, thermal integrity and velocity profiles at nozzle
exit under non-combusting (dry) and combusting conditions.

The successful achievement of the target levels of performance on the
rig will now be followed by further demonstrations on the full engine.

Backaor~

The development of thrust augmentation technology for vectored thrust
engines of the Pegasus type is described in Reference 1. The work in
the early 1960's for the supersonic VTOL P1154 aircraft culminated in
the BSI00 engine (Figure 1) which utilised a boost system for the front
nozzles that was given the title of a Plenum Chamber Burner (PCB).
Cancellation of the P1154 project resulted in a discontinuation in the
design and further development of the PCB systems which had been
initially demonstrated on Pegasus rig and engine hardware.

PRIMARY FUEL MANIFOLD SECONDARY FUEL MANIFOLD PRIMARY FUEL MANIFOLI)

SECONDARY FUEL MANIFLD0 PLENUM CHAMBER CONRUSTOR (PORT)

SECONDARY FUEL INJECTP CHAMER
BRANCH PIPES OUTLET DCT

COMBUSTOR (STARBOARD

DUCT BAFFLE

CCO.1USTOR -7'- MOUNTING.
AND FUEL TRANSFER REAR NZZLE (PYWT)

ENGINE INTERMEDIATER

FRONT NOZZL..-- NOZZLE BEARING

(STARBOARD) COMBUSTOR RAIN NOUNTIN.

SUPPORT RING
FORWARD JSECONDARY FUJI, INJFCTIC)N

BRANCH PILE

HANIFOLD SUPPORT BRACKET FRONT NOZZL WORT

AIR COOLED COMBUSTOR COMBUSTOR FRNT 1I1T'UNII".
INT-RCONNFCTOR COMBUSTOR SECONDARY DANPING CtTIlCH AND

FU;LL FEED WUEI INLET ASS) 'U9)1

MANIFOLD SUF'0tLE B RACKET (I(IImUS'OR IRIMARY FUEL FEED

Figure 1 BS100 Engine with Plenum Chamber Burner

Since that time, afterburner technology has evolved particularly for
augmented turbofan engines and reappraisals of the requirements of
future supersonic STOVL aircraft continue to conclude that a front
nozzle PCB system is a major contender (Figure 2).
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Figure 2 Future Supersonic STOVL Aircraft

Rolls-Royce has therefore continued with the development of this
augmentation system starting with an assessment of the full capabilities
and characterisation of the technology associated with the BS100 and
then extending the programme to meet the recognised aims of these future
projects.

This paper describes the results of the research and development
programme that was introduced in Reference 1. The vehicle chosen for
this work was an advanced cycle based on the Pegasus geometry installed
in what was considered to be a realistic and technologically demanding
airframe. The fundamentals of the work described are however applicable
to any advanced cold stream burning geometry.

TEB)LOGY TARGMETS

Design targets were set for the programme which were considered to
represent the future project requirements and would also ensure that the
derived performance characteristics would continue to expand the
existing design data bank in the most economical way.

The targets for the combustion system were:-

1) to achieve a reduction in dry pressure loss compared to that of
previously demonstrated systems.

2) to achieve substantial increases in thrust boost capability and
efficiency.

3) to achieve acceptable high altitude stability and light up.

4) to demonstrate reliable light up capability at Sea Level Static
conditions.

5) to demonstrate acceptable thermal and mechanical integrity and

6) to achieve the above targets with a reduced non-dimensional volume
and installed frontal area.

DEUM STUDIZS - PLUK CEMNU AND OUMUSTOR

An interactive design technique is used to formulate the main plenum
chamber lines taking due account of the required nozzle throat position
and other installation requirements.

Scaled Perspex models of the plenum chamber including fan delivery
casing and nozzle simulation are used at this stage of the design. The
models represent one side of the engine (Figures 3 and 4) and are used
for the experimental confirmation of overall pressure loss and pressure
distribution on air flow rigs in support of the theoretical design
specification. Flow visualisation techniques are also employed to
assist in the definition of the main combustor flow areas and volumes.
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Figure 3 Scaled Perspex Model Figure 4 Scaled Perspex Model
Showing Nozzle in the View of Nozzle Bearing
Vertical Position. Plane.

Initially, simplified three dimensional surfaces are used to simulate
the flame holder arrangement (Figure 5).

Figure 5
Simulated Combustor

With this style of combustor studies were carried out to achieve the
minimum pressure loss while optimising the surface porosity (magnitude
and distribution), the combustor volume and the axial position of the
surface relative to the three dimensional inlet diffuser. As shown in
Figure 6 the chosen geometry achieves the minimum loss and is also in a
relatively stable part of the design characteristic. It is therefore
insensitive to small changes that may be necessary because of mechanical
design constraints or which arise during the development and manufacture
phase of the programse.

As the design progressed, a more realistic surface is produced to
support the stressing and lifing studies. (Figure 71.

t



20-4

12 \

Figure 6 Pressure Loss
Characteristic

11 chosen desgn point
Pressure loss

factor

10

20 2. 28 32 36
Porosity (%)

Figure 7
Combustor Model with
Realistic Flow
Distribution

DESIGN STUDIES - 10ATSHIELD

To achieve the high thrust boost targets with an acceptable thermal
integrity, the region between the combustor and the nozzle throat
required cooling. The experimental studies showed that a substantial
pressure distribution existed at entry to this region (Figure %) and
also in the various sections as the flow turned through the 70 bend
(Figure 9).

The cooling design chosen for this region incorporated hot side film
cooling and cold side convective cooling. Figure 10 shows the geometry
that was used. It featured a maximum of 11 stages of film cooling for
the outside of the bend and 5 stages for the inside of the bend
including the variable area final nozzle.

A full aerodynamic and heat transfer analysis' was carried out to achieve
a minimum cooling flow design at the most demanding simulated flight
condition and fuelling level. The typical metal temperature
distribution is shown in Figure 11 for the 11 cooling stage region.
Allowance is made for a hot side cyclic variation in temperature
associated with geometric features of the burner.

A more detailed cross-sectional view of the assembly is shown in
Figure 12, illustrating the diffuser, primary zone, fuel manifolds and
injectors, "colander" combustor, heatshield and variable nozzle.



200

F A( TOP 'A FC IDR

0 6

0 6

002

Stto t~ W W.: 039 S*

PROGPESSION AROUND BEND

Figure 8 Pressure Distribution Figure 9 Pressure Distribution
at Entry to Heatshield. Around the Heatshjeld

B~end.

0-~ OC\

Figure 10 Heatshield Geometry

fl661

Figure 11 Heetshield Temprature Distribution



20-6

INTERMEDIATE
CASE -

-- -- ENUM CHAMIBER

Figure 12
General Arrangement

~NOZZLE
COLANDER

'  . _ __

L, HEATSHIELD

NOZZLE ELBOW

SECTION THROUGH NOZZLE AXIS

FULL SCALE RIG PROGRAP24ES

A full scale rig programme was then carried out to evaluate the design.

The tests included pressure loss assessment, full combustion performance

(temperature rise and efficiency), high altitude stability, light up and

thermal integrity. The unit was tested in an Altitude Test Facility at

RAE Pyestock (Figure 13) where the required conditions of inlet

pressure, temperature and mass flow were supplied to one half of the fan

delivery annulus and a single nozzle.

SWIN.iNS AP'
F RAMI

HONE COMH FLOW

BELLOWS 
AIR METER STPAIGHTENEP

HONEYCOMB FLOW SLEEVED
STRAIGHTENER \ CB RIO OM ISNO INA E

CELL WALL INTERMEOIATE CASINO.
HP COMPRESSOR 9
0ELIVEPY CASING.
ANO PLENUM CHAMBER

Figure 13 Full Scale Rig Layout

PRESSURE LOSS

The overall pressure loss was obtained by traversing a suitable pressure

probe at the nozzle exit plane to give a mass weighted mean total

pressure which was compared with the inlet total pressure at the fan

delivery flame.

The nozzle exit profile was obtained at several settings of the 
variable

nozzle size as shown in Figures 14. Each -ozzle setting represented a

different Mach number in the plenum chamber and the loss characteristic

(Figure 15) was therefore derived. At the design flow function the full

scale unit showed good agreement with the values obtained from the

scaled model tests and confirmed the substantial reduction in loss of

this design compared with earlier designs. However the target pressure

loss requirement for advanced designs continues to fall and further work

will be required in this area particularly associated with the fuel

injector and fuel manifolds. The velocity profiles of the nozzle in the

dry case showed a centralised region of 'high' pressure with a bias

towards the final outer bend. The ratio of peak to mean pressure was
1.05 for all settings.
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The high altitude light up and primary zone ste'ility characteristics
were obtained and as indicated in Figure 18 met the requirements
anticipated for future projects.

The ignition source is a separately fuelled pilot combustor Figure 19
which had been subject to an optimisation programme to achieve the best
air loading and fuel air ratio at the critical light up conditions. An
igniter was positioned in each combustor at the top of the engine with a
cross-lighting zone positioned between combustors at the bottom of the
engine.
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9 - PERFORMANCE

a - LIGHT UP
TYPICAL FLIGK.

The combustion performance was measured over a wide range of flight
conditions whichi were chosen to enable a systematic assessment of the
effects of inlet pressure, temperature and flow function or Mach number
in the chamber.

At some conditions, a complete traverse was carried out at the nozzle
exit plane to give the gas conditions, fuel air ratio and inefficiency
due to carbon monoxide and unburnt hydrocarbons. Typical distributions
of fuel air ratio, efficiency and temperature rise ratio are shown in
Figures 18. 19 and 20.

FueI-Air Rotio Oistrib~utio Ratio Ce, bstion Elf ciency Rotto

0

Figure 18 Fuel Air Ratio. Figre 19 Combustion Efficiency
Distribution Relative to Diatribution Relative
the Mean Value, to the Mean Value.
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PCB Temperatile Rise RaQto

Figure 20 Distribution of Temperature
Rise Relative to the Mean
Value.

Previous work at Rolls-Royce has demonstrated that these profiles can be
adjusted by changes to the fuel jet position and size to meet any
special needs associated with hot gas ingestion, thermal integrity of
the installation or high efficiency at low and intermediate fuel air
ratios. For this programme the data was analysed to confirm the
combustion performance that was derived from gas dynamic calculations
based on pressure and nozzle area measurements at selected conditions.
This comparison served as a calibration to be used at the other flight
conditions where traversing was not carried out.

The maximum temperature rise ratio set for the project was achieved and
efficiencies greater than 95% were measured.

THERALN3EIzICAL nTEGRMY

The thermal and mechanical integrity of the complete installation was
monitored during the test programme.

The metal temperature of the combustor which are used in the finite
element stress design programme were satisfactory.

The maximum metal temperatures recorded on the heatshield were also
within the required design range.

UTURE PROGR

A full engine evaluation is planned for this system coupled with hot gas
ingestion studies on the Tethered Harrier Installation at Shoeburyness.

Further research work to achieve lower pressure losses will also be
carried out.

1. A SOTHERAN
Development of Thrust Augmentation Technology for the Pegasus
Vectored Thrust Engine.
SAE Technical Paper Series 821390 - October 1982.

This work has been carried out with the support of the Procurement
Executive Ministry of Defence.
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DISCUSSION

N.A. BAIRSTO, UK

With a reheat system of this sort, modulation will be an important
factor. What level of modulation are you able to achieve ?

Author's Reply

The modulation is limited by the degree of complication of the control
system (i.e. the fuel metering controls).

In the system described here, a two zone fueling arrangement is
illustrated, the minimum level is then set by the primary zone fuel (about
5 % of the maximum) which is set to give a constant fuel air ratio, and the
remaining 95 %1 of the fuel can be introduced to give a smooth thrust modula-
tion up to maximum.

If high efficiency is required at these intermediate levels, then ad-
ditional fuel control stages will be required with a corresponding penalty
of weight and cost.
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PUMPING SYSTEMS AND FLOW INTERFACES FOR RAPID RESPONSE

ELECTRONIC REHEAT CONTROLS

BY

Thomas C Yates Trevor S Smith

Engineering Manager Specialist Engineer

Lucas Aerospace Limited
Engine Systems Division

,haftmoor Lane
Hall Green
Birmingham

SUMMARY

Modern engine controls, including reheat controls, are based on di;:tal electronic
techniques and there are many papers published on the use of microprocessors for this
purpose. This paper addresses the problems of fuel pumping and metering which are
associated with digital electronic reheat controls.

A survey is carried out of various pumping options including main engine and reheat
fuel pumping. A technical description of single, twin, and three pump systems.
including rotodynamic and positive displacement pumps is given together with comments
on the relative advantages and disadvantages of the various options.

A fuel flow interface designed for rapid response reheat control systems is
described. The application is a digital electronic control for a future bypass
engine. Comparison is made between computer simulation of the control characteristics
and test results on the hardware.

The report concludes with some comments on likely future advances in reheat control
systems.

1.0 INTRODUCTION

In a modern bypass engine running at full power over 75% of the oxygen
entering the engine remains unburnt. Thus there is scope for increasing the
thrust and this is accomplished by extending the jet pipe, fitting a variable
area nozzle, and burning fuel in the jet pipe. The variable area nozzle is
needed to maintain operating pressures and temperatures in the engine
unaffected by afterburnlng (or reheat). The fuel flow rate required for
reheat is three to eight times maximum "dry" engine flow so the thrust
augmentation is commonly only used for short periods of time for takeoff.
climb, and combat, and almost exclusively in military aircraft.

For optimum aircraft performance rapid reheat modulation is needed.
particularly with modern agile aircraft which have inherently unstable
aerodynamic configurations. Less than 1 second from minimum to maximum thrust
augmentation is a typical requirement. Modern reheat controls are
micro-processor based. Pumps and valves are needed to move and monitor the
liquid fuel, and the response of the pumping and valve system is crucial to
the achievement of rapid reheat response.

This paper considers various options for overall configuration of reheat
control loops and proposes one considered capable of achieving optimum
response performance.

Consideration is given to the choice of pumps to give fastest possible
response in the re-heat fuelling mode. This is then extended to examining the
relationships between fuel flow requirements in the two modes of engine
operation viz:- with and without re-heat, and to the optimisation of
combinations of pumps to meet the wide range of flows required, with minimum
power consumption and heat rejection into the fuel.

The paper describes a system, embodying the re-heat fuel pump and a
combination of metering valves and associated pressure drop and shut-off
valves. which has been demonstrated on a test rig. Typical response
performance results obtained with this system are given and discussed and the
paper concludes with a review of possible future developments in this field.
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2.0 OVERALL SYSTEM CONFIGURATION

A typical bypass engine is shown in figure 1.

Careinjctors pmrylnect

HI HP LI
Compwsw TurbIn Turtblr

FLI TYPICAL BY-PASS ENGINE WITH REHEAT

In this example afterburner fuel injectors and flame stabilisers are fitted in
both bypass and core air streams and the streams are mixed after combustion.
This gives a shorter jet pipe than some alternative configurations but
necessitates separate metering of core and bypass fuel flows for good
efficiency. About 10% of the maximum reheat flow is fed to primary burners
with good flame stanilisation in the core jet stream. The fuel flow to these
burners is maintained constant irrespective of the degree of reheat and
ensures that the other burners are always maintained alight.
Ignition of the primaries is achieved either by a torch, catalytic igniter or
a "hot shot" of fuel injected into the main combustion chamber upstream of the
turbine. In a modern bypass engine with a high degree of augmentation, reheat
is not lit at maximum flow level, because even if the nozzle control could act
quickly enough to prevent engine surge the sudden doubling of engine thrust
could impair aircraft handling. Nevertheless. for optimum aircraft
performance, rapid reheat modulation is ,eeded and this is difficult to
achieve with closed loop afterburner control. If nozzle 0re is selected and
there is a closed loop on the fuel flw which varies flow to achieve the
desired engine operating conditions, there is a risk of exceeding the
stoichiometric fuel air ratio leading to loss of control. The alternative of
selecting fuel flow and having a closed loop nozzle control varyiig nozzlf
area for desired engine conditions, gives an inherently slow system as the
rate of fuel flow change is restricted by the rate of change of nozzle area to
ensure the nozzle area does not lag fuel flow excessively causing LP
compressor surge or blade flutter.

As the Limiting factor is nozzle response. optimum reheat response is achieved
if nozzle area is selected and the nozzle allowed to -'inge area as fast as it
can. The fuel flow can then be scheduled in accordance with the achieved
nozzle area. Such a twin open loop scheduling cntrol gives the fastest
achievable reheat response but requires a fast accurate 3 channel multi
function reheat control. Such a control, shown diiqr:mmatically in figure 2
is the subject of this paper.
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3.0 PUMPING SYSTEM

3.1 Reheat Pump Considerations

The choice of reheat pump has a major impact on the ability to achieve fast
stable system response.

Many current reheat systems use either a centrifugal pump driven by an air
turbine or one having a vapour core created by an inlet throttle. The object
of both types of pump is to reduce unnecessary input power at low flows and
thereby reduce reheat fuel temperature to acceptable limits. However it is
difficult to achieve rapid response with such pumps because of turbine inertia
in the case of a turbo pump or the necessarily slow response of the inlet
'alve in the case of a vapour core pump. Thus pump filling, manifold priming
and system response during modulation tend to be undesirably slow. Attempts
to improve response by increasing system gain cause stability problems due to
the time lags in the pump.

The response problem is best solved by running an engine driven centrifugal
pump full and throttling the output to achieve the required reheat flow. Thus
full pump pressure and flow is immediately available at all normal running
conditions and response is only limited by the response of the metering
valves, there being no pump lags to interact and cause stability problems at
high system gains. This approach also has the advantage of giving minimum
pump weight. Inevitably the fuel temperature rise in the pump at low reheat
flow will be somewhat higher with such a pump but the reheat fuel temperature
rise can be kept below 75 deg C even at /50th of maximum flow. When reheat
is off the pump inlet valve can be shut off and the impeller drained so that
there is virtually no power consumed.
With such a pump the inlet valve does not need a low gain to ensure stability
during reheat operation and so a high gain can be used allowing the pump to
fill rapidly so that full flow and pressure becomes available for rapid
manifold priming when engaging reheat.

A limiting factor is the water hammer surge which occurs at the instant the
pump impeller becomes full and the flow rate in the inlet pipe is suddenly
reduced as the metering valve restriction at pump outlet, rather than the
inlet valve restriction, becomes the controlling factor. The resultant
pressure peak in the LP pipe must be kept low to avoid damage to the pipe.
This effect can be minimised by ensuring the metering valves are already in a
substantially open position as required for priming and by controlling the
gain of the inlet valve over the first part of its opening. This enables the
pump to be filled in less than 0.1 sec. and the manifolds to be primed and
steady minimum flow to be established in a further 0.4 sec.

3.2 Other Considerations

Having selected the type of reheat pump for rapid response one should then
consider the pumping system including main engine and reheat pumps as one
system, rather than considering the pumping requirements for each
independently. Apart from the requirement of supplying the prescribed fuel
flows at appropriate pressures the pumping system must have adequate response
and must not raise the fuel temperature to a level at which the fuel becomes
chemically unstable.

There exists a wide choice of pumping configurations and those considered here
are presented as a representative rather than an exhaustive selection of those
possible. Most modern systems use a centrifugal first stage and spur gear
second stage pumps for the main engine fuel system with some form of
rotodynamic pump for the reheat system. Usually the pumps are driven at a
ratio of engine spees through an engine gearbox, but not always. Engines on
the Concorde, for example, have centrifugal pumps for starting and first
stage, whilst a second stage centrifugal pump is driven from an air turbine
powered by engine bleed air.

The main attraction to using a centrifugal pump for supplying fuel for gas
turbine engines is that its basic simplicity should result in a very reliable
pumping system. This is indeed the experience with the Concorde engine fuel
pumps which are giving an MTBF of 200.000 hours.

The main obstacle to the use of simple engine driven centrifugal (CF) pumps is
the mismatch between pump delivery pressure requirements over the flight
envelope, which leads to excessive power consumption, and hence fuel
temperature at flight idling conditions.

It is possible greatly to reduce the CF pump low flow power consumption, at
the expense of some mechanical complication and increase in weight. For
example a shrouded rotor design, with floating shroud seals and with a
multiport diffuser can consume half the power of a similar sized pump with
convential shroud seals and a simple volute, when throttled down to minimum
flow.
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In this section we first examine the performance of a state of the art
shrouded rotor CF pump and compare it with the performance of a conventional
system comprising backing pump, gear pump and CF reheat pump.

The inherant incompatibility of relatively low main system flow at high
pressure and high reheat flow at low pressure renders the choice of a single
CF pump unlikely. A twin rotor unit is therefore examined in alternative
configurations. In the first configuration both rotors are driven from a
common shaft. The reheat supply rotor chamber is drained when reheat is off.
A better two rotor system is possible if separate drives are provided for main
flow and reheat pumps, and this is the configuration next considered. In this
case. one pump is drained when reheat is off.

We shall therefore consider the following pumping configurations:-

Conventional three pump system Fig 3

Single CF pump supplying main and reheat flow Fig 4

Two rotor system with both rotors driven at
the same speed

One configuration has a first rotor generating Fig 5
reheat systems pressure whilst the second adds
the extra pressure required for main fuel flow.
An alternative has separate rotors generating pressures Fig 6
for reheat & main engine flow.

Two rotor system with rotors driven at different Fig 7
speeds

To give a basis for comparison the table of data (Table 1) is included. This
is an outline flight plan fuel flow and pressure requirement for a typical
reheat gas turbine engine. The figures are realistic but fictional and
include an allowance for starter jets at cranking speed. The table includes
total power consumption for a three pump system in which the reheat CF pump
runs dry when reheat is not in use.

3.3 Single Centrifugal Pump

The model chosen for our single centrifugal pump has a radial flow shrouded
impeller fitted with an integral unshrouded axial flow inlet inducer. The
design is based on data generated by research programmes aimed at identifying
and reducing loss generating processes including inlet recirculation and
shock, disc friction, shroud leakage, diffuser shock and recirculation and
mechanical friction.

From table 1. the maximum output required is 5275 gm/sec at 6.83 KPa for the
reheat system and 2198 gm/sec at 8.52 MPa for the main engine fuel system,
with engine speed 100%. The worst throttled back condition requires a
delivery flow of 176 gm/sec with the engine speed at 94.5%. Correcting for
the differences in engine speed, the lower flow corresponds to 2.5% of maximum
flow. The pressure rise at normal dry maximum flow on such a pump will be
well in excess of that required.

The single pump has the tremendous advantage of being the simplest possible
arrangement. Its main drawbacks are that reheat flow is delivered at
excessive pressure - which is comparatively minor - and the turn down ratio is
excessive. The fact that it would be possible for the system to fail
completely and irrecoverably should a sufficiently large volume of vapour or
air enter the pump so as to deprime it also has to be considered. Some
characteristics of the single pump system are given in table 2.

3.4 Two CF Pump System with Common Speed

Both rotors are driven from a common shaft. One configuration has a main
rotor to deliver the pressure required for the reheat system and a second
rotor to provide the extra pressure required by the main system. Table 3
compares this system with the conventional three pump system in table 1.

An alternative approach is one in which one pump delivers main engine flow
whilst the other delivers reheat flow. This system is analysed in Table 4.
In this case the pump dedicated to reheat flow is drained once reheat is not
selected.

3.S Two CF Pumps with Differing Speeds

This configuration has one pump dedicated to main fuel supply and the other to
reheat supply with conventional shut-off and drain facilities. Each pump is
scaled to make maximum flow coincide with maximum efficiency. The performance
of such an arrangement is given on table 5 and once again is compared with the
conventional three pump system from table 1.
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TABLE I

I 1
CONDITION I RN FUEL PRESSURE FUEL FLOW

I(ENGINE I Mp. I gran/Sec I CONVENTIONAL SYSTEM
SPEED)I I

I I i i I I TKE P
MAIN I UNBAT MAIN I RENHAT I KW JGram I RISE

I ____J...A ____ 1.. _____I(TOTAL) I(CHANNEL) I 'C _I1 I I I I ( T )Ic mS I "C

lie SL M1.2 ry ;,0.C 8.52 0 21;8 I u.6 Z..5 C.-
Ilb SL " Min RN 100.8 8.52 1.38 1295 78.7 22.5 10.6
Ilc SL " Max RE 100.8 8.52 6.83 5275 119 13.0 2.6

12a SL NO Dry 1 101.3 5.12 0 1480 0 36.5 24.6 9,2
12b SL Min R 1 101.3 5.12 1.17 1480 734 60.8 33.0 15.7
12c SL Max RH 1 101.3 5.12 2.84 1480 2947 82.0 15.3 6.2

13 SL NO Idle 1 65 1 0.90 0 100 0 11.3 113 53.2

14a 11 IK K.6 Max 1 93.1 1.45 0 400 0 21.0 52.8 24.5
Min RH 93.1 " 240 35.7 61.3 28.5

I Max RN 93.1 945 41.8 22.0 10.2
l4b 11 KH M.6 Idle 76.3 0.90 0 100 0 11.3 113.5 53.5

I5 Max Flight Idle 94.5 0.90 0 176 0 20.2 115.1 54.5

16 SL NO light up 15 to 10 1 0.35 1
Ifuel Sg 0.75

Conventional 3 pump system reheat pump drained when reheat off

TABLE 2

Single CF Supply Pump

I CF PUMP COWVNTtONIAL sI-SrgMI __________I ____ _____ ____

CONDITION I FLOW IPUMP RPM PRESS I KW in I J/Gram ITEMP I 1W I J/Gram TEMP
I gr/secl I MPa I I RISE I Total I (Channel)l RISE I
I I I I I I _C I I *C I

ISL 81.2 Dry I 2198 1 23160 110.54 I 67.5 1 30.7 I 9.6 1 49.6 1 22.5 1 6.0 1
I M RH 1 3492 1 23160 110.57 1 88.5 I 25.3 I 7.1 1 78.7 1 22.5 1 10.6 1
I Max RH 7473 23160 I 8.52 1141.1 1 18.9 I 4.0 119 1 13.0 1 2.6 1II I I IIII
ISL NO Dry 1 1480 1 23275 110.52 I 56.2 1 37.9 115.2 I 36.5 1 24.6 I 9.2 1
I Mn RH 1 2214 1 23275 110.65 I 68.4 I 30.9 111.9 1 60.8 I 33.0 15.7

Max RH 1 4427 1 23275 110.55 1103.6 1 23.4 I 8.3 1 82.0 I 15.3 6.2
II II I III
ISL NO Idle 100 14035 1 4.09 I 8.58 I 86.4 140.7 I 11.3 I 113 53.2

I I II IIII
Ill Ka 8.6 Max) 400 21390 8.50 1 29.2 73.2 1341 I 21.0 1 52.8 24.5

I Dry l I I I I I I
S Min R8 240 1 21390 1 8.55 1 32.7 1 51.2 I24.1 1 35.7 1 61.3 28.5 I
I Max HI 945 1 21390 1 8.88 1 43.0 32.3 115 41.8 1 22.0 1 10.2 1
" Idle 100 17531 5.63 1 13.8 138.0 165.1 I 11.3 1 113.5 1 53.5 II I II ~

IMax Flt Idle 176 21712 8.67 1 27.0 153.7 172.51 1 20.2 1 115.1 54.5I I II I Ii IIII

ISL MO light 1 1149 to 1 .0251 I I 1 1
1 up 1 2298 Ito.l I I I I I
I I I I I I I I

Best technology tested, engine driven CF pump
designed for maximum pressure rise and maximum total flow, hence large turn down ratio
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TABLE 3

Two Cir Stages in Series lIt Stage giving total flow at reheat pressure
2nd Stage gives required extra pressure for Main System

I I Cr PUMP I CONETIONAL SYSTEMI I _____ ____________________ I -_____

CONITION I FLOW PUMP IPressurl Pressure I KW in IJ/GrmI Tow I KW I J/Grea I TO I
S gr/Sec EPI M a I Required I lb I RISE ITotal j(Chaanel)l ElSE I

H_ I I CIa L" I I -I _
ISL Ml.2 Dry 2198 21564 9.14 8.52 56.6 25.7 7.3 49.6 22.5 6.0
I - Mm E I 3492 21564 9.14 8.52 74.6 21.3 5.2 78.7 22.5 10.6
I IN ax E 7473 21564 6.83 8.52 118.5 15.8 2.6 119 13.0 2.6

ISL NO Dry 1 1480 1 21671 1 9.12 1 5.12 1 46.8 1 31.6 1 12.2 1 36.5 I 24.6 9.2 I
H - M -Is 2214 21671 9.22 5.12 57.6 26 9.5 60.8 33.0 15.7

l Max RE 4427 21671 9.07 5.12 87.5 19.8 6.6 82.0 15.3 6.2

ISL no idle 1 100 1 12905 1 3.56 1 0.9 1 7.0 1 70.2 1 33.0 1 11.3 1 113 53.2 1

)II Km M.6 MazI 400 1 19916 1 7.39 1 1.45 1 23.9 1 60.0 1 27.8 1 21.0 52.8 1 24.5 1
Dryl I I I I I I I I I

I Min ElI 240 1 19916 1 7.43 1 1.45 1 26.9 1 18.6 1 19.8 1 35.7 1 61.3 1 28.5
I Max 3HI 945 1 19916 1 7.72 1 1.45 1 35.8 1 26.7 1 12.5 1 41.0 1 22.0 1 10.2 1
I idle 1 100 16323 4.89 0.9 11.2 1111.9 1 52.8 1 11.3 1 113.5 1 53.5 1

JMx lit Idle 1 176 I 20216 1 7.50 1 0.9 1 22 1124.7 1 58.8 1 20.2 1 115.1 1 54.5 I
II III I I III
II III I I III
ISL NO light 1 1069 to 1 1 0.35 1 I
I up 1 2138 I

Two CP Pump System with Comon Speed

I I I I Cr PUMP I CONVENTIONAL SYSTEM II i_ _ I I - _ _ _ _ _ _ _ _ _-_ _

I CONITION I STAGE I PUW RPM ISTAGI I TOTL I STAGS I TP IPOWER I1 I/GRAM I TOW I
I IFLOWI KW IW IJ/gram I1i3n I I1 I RISE I
SI a/secl I I I" I I I" C I

IlL 81.2 Dry 1 2198 1 28500 1 47 I 47.0 1 21.4 I 5.4 1 48.5 1 22.5 1 6.0 1
I Ei 1294 28500 1 29.5 I 76.5 1 22.8 110.7 1 30.6 1 22.5 1 10.6 1
I MaR 5275 28500 1 77.6 1124.6 1 14.7 I 3.4 1 74.6 1 13.0 1 2.6 1II I II IIIII
IlL 80 Dry I 1480 1 28641 1 36.6 1 36.6 1 24.7 I 9.1 1 36.6 1 24.6 1 9.2 1
I Mis IR 734.3 28641 23.1 1 59.7 1 31.5 115.3 1 26.5 1 33.0 I 15.7 1
I REe 38 I 2947 28641 50 1 86.6 I 16.9 I 7.0 1 50.0 I 15.3 1 6.2 1
I1L NO Idle I 100I 18468 1 4.31 4.3 1 43.3 120.7 111.3 1112.8 I 53.2 II I II III
Ill I U.6 Dr1 400 1 26295 1 26.0 1 16.3 1 40.2 118.9 1 21.0 1 52.8 1 24.5 1
I is 381 240 1 26295 1 13.7 1 29.8 1 57.2 127.5 14.7 1 61.3 1 28.5 1
I -- 0 r1 945 1 26295 1 21 1 37.2 1 22.3 110.6 1 20.7 1 22.0 1 10.2 1
I I Idle 100 21573 1 6.9 1 6.9 1 68.7 132.8 1 11.3 I 113.5 1 53.5 III I II IIIII
IMax lit Idle 176 21712 1 13.8 1 13.8 I 78.5 137.5 I 20.2 I 115.1 I 54.5 III I II II II
II I II IIIII
ISiL E light 1 I 1413 to I I I I I I I I
I up 1 2826 IIi

Reheat pump drained when reheat off
Designed slightly comprised to achieve mn drive speed
Both pip models deviate from best tested model
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TABLE 5

Separate Main and Reheat CF Pumps

I T IC PUMP ICOOVETIO. SySTm III I I __ _ _ _ _ _ _ _ _ _ _ _

I CONDITION I FLOW I PUMP RP4 PRESS I 1W in J/Gra ITP IPOWER IJ J/Gram I TKP I
I I Gm/See! RISE I I RIS& I Kw I (Channel)I RISE
1 _ . 1 1 J P I I I C I I" I -C
ISL Ki.2 Dry 2198 34847 8.52 1 39.5 1 18.00 I 3.6 1 48.5 1 22.5 1 6.0
I 

"  
in - 1294 19072(RU) 7.3 1 34.8 1 26.33 112.2 1 30.6 1 22.5 1 10.6 1

I Max R 5275 19072(MH) 6.83 76.00 14.42 I 3 74.6 13.0 2.6

ISL NO Dry 1 1480 1 35020 1 9.31 1 31.3 1 21.28 1 7.3 36.6 24.6 9.2
m Kin 5H1 I 734.3 19167(11) 7.22 1 27.4 1 37.33 117.6 1 26.5 1 33.0 1 15.7
K MA RH I 2947 19167(R1) 7.50 52.90 17.93 7.3 50.0 15.3 6.2II I II I III

ISL NO Idle 1 100 1 22471 3.64 1 3.16 1 31.47 114.7 1 11.3 1 112.8 1 53.2 1I I
Ill Kin .6 NaI 400 1 32185 1 8.05 1 12.8 1 32.03 114.7 1 21.0 1 52.8 1 24.5
I D ry l I I I I I I I I
I Kin RH 240 1 17740 1 4.14 1 16.60 1 69.55 132.5 1 14.7 1 61.3 1 28.5 1

H Max RH1 945 1 17740 4.27 1 23.5 1 25.20 111.7 1 20.7 1 22.0 1 10.2 1
" Idle 100 26377 5.0 1 4.90 1 49.40 123.2 1 11.3 1 113.5 1 53.5 1II II I I II

IMen Fit Idle 1 176 1 32669 1 7.72 110.1 1 57.50 1 27 1 20.2 1 115.1 1 54.5
II II I II I II
II I II I I

ISL NO light 1 1728 to 1 0.35 1
I up 1 2455 I I
I _ _ _ I _ _ _J_ _ _ .1_ _1_ _L_ _ _

Reheat pump drained when reheat off
Speed chosen to use best tested model without deviation

3.6 Puggping System Summary

The number of pumping systems considered here is not, of course. exhaustive.
For the systems considered, one may draw some general conclusions. Except at
maximum flow and at light up the single pump system produces fuel pressures in
excess of requirements. It also consumes more power with consequential higher
fuel temperatures particularly at the critical flight idle conditions (See
table 2).

By sizing the pump so as to produce only the pressure required for reheat, and

adding a second pump on the same shaft to add the additional pressure required
for main engine flow. one can achieve temperature rises nearer those offered
by the conventional system. The maximum temperature rise however is in excess
of that with the conventional system (see table 3).

A considerable improvement is obtained by choosing to a two pump system in

which one CF pump supplies main engine flow. whilst the other supplies reheat
flow and is drained when reheat is switched off (see table 4).

A system which has separate main and reheat CF pumps separately driven at

speeds proportional to engine speed, results in some individual temperature
rises higher than those obtained in the other aystems considered, but the
maximum temperature rise is considerably lower (see table 5).

The temperature rise in the system is an important consideration and from this
aspect the system which has separate main and reheat centrifugal pumps
separately driven at speeds proportional to engine speed is the best choice.
To satisfy the requirements for rapid response, minimum power, and minimum
fuel temperature rise, a pumping system which has an engine driven centrifugal
pump for reheat flow, which is drained when reheat is not selected, is the
appropriate choice.

We shall now go on to discuss the reheat fuel metering system.

A
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4.0 FAST RESPOUSE EHEAT SYSTEM

FIG 8: SYSTEM DIAGRAM

Fiq. 8 shows the block diagram of a fast response reheat system that has been
rig tested.

The reheat pump has a shut-off valve at its inlet and a dump valve at its
outlet. The metering control consists of 3 individual metering controls in
parallel with distribution and shut-off valves at the reheat manifolds plus a
hot shot control.

The system has demonstrated the ability to reach full reheat, including
priming and hot shot within 1.8 sec. from selection. Accurate stable control
was maintained throughout.

4.1 Meterina Controls

The metering valves are servo controlled by duel coil torque motors with
position feedback from LVDT'r.

The servo supply is from the main engine HIP fuel pump so that the metering
valves can be positioned when reheat is 'off' as well as 'on'. This enables
the first part of the metering valve travel to be utilised to control the
reheat pump inlet valve and save the weight and cost of a separate reheat
selection solenoid. It also allows the computer to check correct operation of
the reheat metering valves when reheat is 'off'.

Reheat controls are often required to fail freeze in the event of loss of
electrical power, this avoids loss of thrust at critical conditions. This is
achieved by having equal servo areas at each end of the metering valves and
using a syrmmetrical torque mOtar and flapper arrangement with opposed servo
nozzles. Thus metering valve position is the integral of motor current and
zero current results in zero velocity. This null condition is set accurately
on build by an adjustable null bias on the torque motors. To ensure that the
metering valve des not mOVe at zero current under flow forces or 'g loads
the piston has sliding cap seals or piston rings which give a friction force
of about + 20 lbf. (± 89 newton).

Thus fail freeze is achieved by simply switching off torque miotor current, the
friction prevents drift, there is no 'jump' prior to freeze and no additional
locking solenoid or piston is required. Tests show that, in spite of the
presence of friction during normal operation, fast stable reponse is easily
achieved with either analogue or digitel position control loops. See test
results later.
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The pressure drop across the primary metering valve is kept constant by a
pressure drop piston and servo throttle valve. In order to save weight and
cost the pressure drop piston is placed inside the servo throttle valve. The
preseure drop piston acts against a spring to control the opening of a servo
nozzle and control seLvo flow to the throttle valve. The servo flow is taken
from upstream of the metering valve and returned downstream so that the servo
flow becomes part of the metering valve calibration and there are no parasitic
flow losses. The spring preload is altered by bi-metal discs to give fuel
temperature compensation and an '01 ring on the pressure drop piston prevents
dirt ingress.

The pressure drop across the bypass and core metering valves could be
controlled by similar combined pressure drop and servo throttle valves to
those used on the primary control. However somewhat faster response can be
achieved by using equalising valves as shown. These throttle so as to make
the pressure downstream of the core and bypass metering valves equal to that
downstream of the primary metering valve.

The equalising valves are sized to give a high corrective force in the event
of hysteresis due to dirt. As well as improved response, the equalising valve
arrangement improves reliability due to the lower component count and reduces
cost.

4.2 Reheat Selection

The primary and core metering valves are moved to their priming flow
positions. This opens ports in series in the two metering valves to supply HP
fuel to the pump inlet shut-off valve. The inlet valve then opens allowing
the pump to fill and as pressure builds up the dump valve opens, connecting
the pump to the metering valves and sealing-off the dump connection. It takes
only 0.1 secs from selection to produce full reheat pump delivery pressure and
thus establish priming flow. the metering valves already being in the priming
position.

The computer controls the opening of the metering valves during priming and
closes them down to reach the appropriate minimum reheat position at the
instant the manifolds become full so as to prevent overpriming. Priming can
easily be achieved in 0.6 sec from reheat selection and if the core and
by-pass shut-off valves are at manifold outlet, so that only the spray bars
have to be primed, then priming within 0.35 sec of selection becomes possible.

4.3 Hot Shot

The hot shot unit consists of a torque motor, a pilot valve and an accumulator
piston. When priming is complete the torque motor is energised to move the
pilot valve to the discharge position. This connects one side of the
accumulator to the injector and the other side to reheat pump delivery
pressure so that a fixed volume of fuel is discharged under pressure. After
firing the torque motor is de-energised so that the pilot valve returns to the
rehare position and the accumulator is recharged from reheat pump pressure.

The porting in the pilot valve is sufficiently large to allow rapid recharging
in about 0.15 sec. ready for repeat firing if reheat fails to light. Rapid
recharging and firing is possible because of the high flow and pressure
instantly available from the reheat pump without affecting metered flow. If
HP fuel from the main engine control were used there would be a risk of
causing a transient drop in flow to the main engine. If the accumulator is in
the discharged position for any reason during reheat selection then it will
recharge before priming is complete.

4.4 Modulation

When light up is detected, flow is increased to the desired level. Rapid
stable modulation from minimum to maximum and maximum to minimum in 0.5 sec is
possible with an accuracy of better than ± 8% of point during the transient.

At low flow levels even distribution to all the spray bars on the core and
bypass manifolds is ensured by having a number of distribution valves each
feeding a number of spray bars. The distribution valves have a calibrated
flow vs pressure drop characteristic to ensure; accurate distribution with a
flow accuracy of ± 5% of point.

The valves also act as shut off valves having an elastomeric seal to give a
drip tight seal when shut down. When shut down the manifolds are kept full of
fuel so that only the spray bars have to be primed, this greatly reduces
priming time.

If required the bypass channel can be shut-off at minimum reheat. This is
achieved by ports in the bypass metering valve which connect downstream of the
metering valve to low pressure. This causes the bypass equalising valve to be
held firmly closed by the higher pressure downstream of the primary metering
valve. A soft seat on the end stop and a low friction seal on the piston
prevent leakage to bypass manifold at this condition.
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The large operating force available at the equalising valve makes the error
due to seal friction acceptable during metering. When bypass flow is selected
the metering valve is rapidly opened and closed to the minimum flow position
to prime the flow line and then opened to the flow level required. This
allows rapid priming particularly if the distribution/shut-off valves are on
the manifold outlet when priming in less than 0.25 eec. is possible.

4.5 htDw

Shut down is achieved by moving both the primary end bypass metering valves to
the 'off' position. This shuts off the HP servo supply to the pump inlet
valve which then closes, under the action of the spring, as servo pressure
decays to LP via a fixed restrictor. The inlet valve servo supply ports on
the two metering valves are in series so that shut down can be achieved by
moving only one of the metering valves in the event of failure of the other
valve.

As the inlet valve shuts, the pump starts to empty, pumping a substantial
portion of the fuel in the pump to the primary and core sprayers and pulling a
vapour core at the eye of the impeller. As the pump empties, pump delivery
falls and when it gets sufficiently low the pump dump valve closes, dumping
the small volume of fuel remaining in the pump and shutting-off the supply to
the metering valves.

The distribution and shut-off valves then close keeping the system full of
fuel. The low pressure return line from the hot shot unit and bypass metering
valve has a non-return valve to prevent low pressure pressurising the system
and cracking the distribution valves. Thus when reheat is off evaporation of
the fuel maintains system pressure at the vapour pressure of the fuel
corresponding to the fuel temperature. The distribution valves will 'crack,
at a pressure which prevents thermal expansion overpressurising the system.

4.6 Test Results

Fig. 9:- U.V. record showing selection to maximum flow

This shows reheat selecton at time zero followed by a short
delay as the inlet valve opens and then a sudden rise in pump
delivery pressure as the pump becomes full of fuel. The
primary flow commences at a high level to give rapid manifold
priming and is then reduced to the level required for reheat
operation. At the same time the core flow is ramped up to
the level required for minimum reheat.this also primes the
core spray bare. After a delay for hot shot firing and
light-up detection, the core flow is ramped up to maximum
level. There is no bypass flow until almost maximum core
flow. then a spike of fuel is put into the bypass line for
priming and then bypass flow is ramped up from a low level.

This record shows the ability to achieve selection to maximum
flow in 1.8 seconds with sequential core and bypass ramps.
If the core and bypass shut-off valves are at manifold
outlets to reduce priming time and the core and bypass flows
are increased together, then selection to maximum flow could
be reduced to as little as 1 second.

Fig. 10:- U.V. record showing minimum to maximum flow and return

In this case reheat flow is initially at a minimum level with
bypass flow shut off. As core flow is ramped up to maximum.
a spike of flow is put into the bypass line to prime it and
then the bypass flow is ramped up after core flow reaches its
maximum level.

This record shows the ability to modulate reheat flow from
minimum core flow and zero bypass flow to maximum flows in
0.6 seconds incluoinq priming of the bypass manifold.

Fig. 11:- Computer simulation for the same conditions as Fig. 10
showing good agreement with test ree'31t8.

NOTE: Figs 9 and 10 show linear ramps in metering valve position
with time giving a non-linear relationship between flow and
time due to the exponential nature of the metering valve
profiles.
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Fig. 12:- Record of 0.5 second flow ramp.

This shows the ability to achieve a 0.5 second flow ramp
between minimum and maximum flow inspite of the exponential
metering valve profiles.

Fig. 13:- Transient flow error for record in Fig. 12.

This shows that the transient error between demanded flow. as
indicated metering valve position, and actual fuel flow does
not exceed 8% of point for a 0.5 second flow ramp.

Fig. 14:- Fail freeze

This shows torque motor current, metering valve position and
flow vs time for a saw tooth wave position demand, giving
full travel of the metering valve in 0.5 sec. Failure is
simulated at 0.54 sec by switching current to zero. This
results in immediate freeze of the metering valve and flow.
with no measurable delay. Fail freeze is maintained
indefinitely with no creep.
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4.7 Reheat System Summary

The fast response reheat metering system described here has demonstrated the
ability to reach maximum reheat within 1.8 seconds from selection and promises
even faster response. The system has also demonstrated the ability to
modulate flow between minimum and maximum in 0.5 seconds with stable accurate
control. Fail freeze at the instant of electrical failure was achieved
without the penalty of additional locking solenoids and valves.

5.0 CONCLUSIONS

The report has discussed a number of possible pumping systems and shown that
with present technologies an engine driven centrifugal reheat pump which is
drained when reheat is switched off is a good choice from both the points of
view of avoiding excessive heating up of the fuel and of achieving a rapid
response reheat system. The reheat valve control described has shown from
analysis, simulation and rig results that it is possible to achieve necessary
rapid response and high accuracy with a comparatively simple valve metering
mechanism.

As always it is possible to see future developments and improvements. These
would include for example smart valves in which each valve meters. distributes
and shuts off fuel downstream of a single manifold, giving substantial weight
saving. It should be possible to develop centrifugal pumps having high
efficiency at high turn down ratios allowing a single pump to be used for both
reheat and main engine system. Sufficiently accurate flow meters would
enable deletion of the pressure drop control in the reheat system.
Development of a variable speed drive to interpose between the engine and fuel
pump would allow the use of a centrifugal pump which would not need to have
particularly good efficiency at high turn down and would remove the necessity
for any starter pump.

These may be the subject of future papers.
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APPENDIX I

CF Centrifugal

gm/sec Grammes per second

HP High Pressure

3/gram Joules per gramme

KM Kilometers

KW Kilowatts

Ll Low Pressure

LVDT Linear Variable Differential Transducer

M Mach Number

MPa Mega Pascal

M'rBF Mean Time Between Failures

NH Engine High Pressure Shaft Speed

RH Reheat

SL Sea Level

UV Ultra Violet



DISCUSSION

E.G. HUNT, UK

1) I made the comment that the statement In the report that the vapour
core pump is associated with slow response of afterburner thrust is not
correct. Many European & American fuel systems use vapour core pumps and
meet the specification. The authors have set as their target 1.8 seconds
from reheat selection to maximum thrust. I quoted the Tornado as 2.0 seconds
from selection to maximum thrust and even this is a limit set by the nozzle
actuation system, and not the pump control system.

2) The fuel temperature rise problem is due to the combustion system.
Have the autors discussed, with the engine manufacturers, how the design of
the combustion system might be modified to obtain lower pressures for fuel
atomisation and distribution ?

Author's Reply

1) The authors thank Mr Hunt for his comment
2) the authors hold frequent discussions with engine manufacturers on

the point raised.

N.A. BAIRSTO, UK

Of the pumping systems described, what are the relative weights ?

Do you have to take a system approach to pump selection, to include
the weight influence of pump air cooled, fuel cooler, etc... and match this
against the temperature rises of each pumping method ?

Author's Reply

The authors agree that it is necessary to take account of a lot of
factors other than merely fuel temperature in comparing pumping systems.
These include total weight, starting and relighting the engine, pump suc-
tion performance, etc.

This was felt to be beyond the scope of the paper presented. It is
misleading to quote relative weights of the pumps discussed without conside-
ring the effects on the rest of the system.

Of the systems described, the relative weights lightest first, are

Single CF pump
Double impellor pump
Two shaft system
Conventional three pump system

The conventional system is probably the only one which meets all pre-
sent performance criteria.
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J.S. LEWIS, UK

What do you propose to do with the fuel which is drained from the CF
pump ? Overboard dumping of fuel is not considered acceptable on reheat can-
cel lation.

Author's Reply

Some fuel is dumped from primary manifolds, and core and by pass in-
jectors on cancellation of reheat, and presumably this quantity is
acceptable. The quantity of fuel involved in draining a reheat pump will add
only a small amount to that already being dumped.
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Aerodynamic Performance

Of a Scale-Model, Counter-Rotating

Unducted Fan

By: Thomas J. Sullivan

General Electric Company

Aircraft Engine Business Group

Cincinnati, Ohio

The aerodynamic performance of a scale-model, counter-rotating unducted
fan has been determined and the results are discussed herein. Experimental
investigations were conducted using the scale-model propulsor simulator and
uniquely-shaped fan blades designed by the General Electric Company under
contract to NASA. The blades, designed for a high disk loading at Mach 0.72,
35000 feet altitude max climb condition, are aft-mounted on the simulator in a
"pusher" configuration. Data are compared with analytical predictions at the
design point and show good agreement.

Nomenclature

J Advance Ratio

Mo Plight Mach Number

PQA Power Coefficient 550 SHP/A/oN
3
D
3

TOA Thrust Coefficient FEF/A/4N2D
2

A Annulus Area, ft
2

D Rotor Tip Diameter, ft

N Rotor Speed, rps

Vo Free-Stream Velocity, fps

SHP Shaft Horsepower

Q Rotor Torque, ft-lbs

/13 Blade Angle at 3/4 Radius, degrees

110 Air Density, slugs/ft
3

"NET Net Efficiency J x TQA/PQA

FBALC Rotor Balance Force, lbs.

FHIU Upstream Face Pressure Force, lbs.

FHD Downstream Face Pressure Force, lbs.

FH Tare Corrected Hub Force, lbs.

FPB Forebody Force, lbs.'

FAB Afterbody Force, lbs.

FEP Effective Thrust, lbs.

PT-RATIO Total Pressure Ratio

TT-RATIO Total Temperature Ratio

1 Forward Rotor

2 Aft Rotor

f
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1. Introduction

The unducted fan engine (UDFTh) under development by the General
Electric Company has evolved over the past four years from the need for a more
fuel-efficient power plant. Conventional high bypass ratio turbofans, which
were the engineering development creations of the 1960's and 1970's, have been
pushed to practical limits of diameter and weight as thrust demands have grown
to 60,000+ lbsa Now, the technology advancements of the 1980's have led to the
ultra-high bypass ratio fans with their potential for significant improvements
in the fuel economy of modern jet aircraft. The unducted fan engine with high
disk loading and counter-rotating blades offers the industry the performance
benefits of ultra-high bypass ratio without a large diameter duct and the
associated weight penalty [1]. The direct-drive of t.e variable pitch fan
blades from counter-rotating power turbine stages further enhances the engine
concept by eliminating the complexity, weight and maintenance problems of a
gearbox.

The General Electric UDFT
M 

engine, which was flight tested on the Boeing
727 from August 1986 through early 1987, and soon to be flight tested on the
McDonnell-Douglas MD-80, operates with 11.67 ft. diameter counter-rotating fan
blades. The demonstrator engine blades were designed in early 1984 and
followed by an extensive scale-model wind tunnel test program aimed at
developing the unducted fan technology needed to meet the engine requirements.
Aerodynamic, acoustic and aero-mechanical performance aspects of several
counter-rotating blade configurations were investigated in the test program
funded by NASA contract and also sponsored by General Electric independent
research and development. Since 1984, scale-model testing of General Electric
unducted fan designs has been conducted at the Boeing low-speed and transonic
wind tunnels, the NASA-Lewis 8, x 6' high speed tunnel and the General Electric
anechoic test chamber. NASA-funded programs, such as this, aimed at
researching the counter-rotation scheme and the development of thin swept,
composite airfoils, have been the natural extension of the single rotation
prop-fan program activity initiated by NASA in the mid 1970's [2].

In the following discussion, aerodynamic performance results and analysis
from wind tunnel testing of a scale-model counter-rotating unducted fan
configuration similar to the full-scale demonstrator engine configuration will
be presented. The blade design, manufacture, test in the NASA 8' x 6' wind
tunnel and data analysis of this configuration were funded through NASA
Contract NAS3-24080. The Boeing transonic wind tunnel test and data analysis
of the same configuration were funded through General Electric independent
research and development.

II. TEST Rig DESCRIPTION

The Model Propulsion Simulator (MPS) is a counter-rotating unducted fan
engine model propulsion system designed for testing "pusher" type fan blade
configurations in either subsonic or transonic wind tunnels (3]. The overall
length from the nacelle forebody nose to the aft end of the drive turbine
housing is 119.3 inches and the propulsor tip diameter is 24.5 inches.

The MPS SNO01 unit was used for testing in the 8 foot x 12 foot Boeing
Transonic Wind Tunnel (BTWT). The MPS SN003 unit was used for testing in the
NASA-Lewis 8 foot x 6 foot transonic wind tunnel and is nearly identical to the
SNO01 unit. A photograph of the MPS rig installed in the BTWT is shown in
Figure 1. In the wind tunnel, the MPS is mounted on a strut extending from the
floor of the test section such that the MPS centerline coincides with the
centerline of the test section. For this test, the wind tunnel walls were
acoustically treated to allow for the measurement of the unducted fan noise at
all critical operating points.

I The MPS rig is shown with the pylon attached to a sting off of the
support strut. The strut is positioned on a turntable which can be rotated to
simulate angles of attack. The pylon is soft-mounted to the nacelle forebody
and can be translated axially to two different positions relative to the
forward blade leading edge. Testing in the BTWT was performed with and without
the pylon installed. In the NASA transonic tunnel, all testing was performed
without the pylon and at zero angle of attack.

The nacelle consists of two sections, the forebody and the afterbody.
The forebody is an ellipsoid-shaped shell supported from the non-rotating
center shaft of the MPS rig. Its shape represents the faired-over inlet and
nacelle of an unducted fan engine and was designed to produce diffusion of the
airflow just ahead of the counter-rotating blade rows to reduce the shock
strengths in the blading. The afterbody shape approximates the outer boundary
of the turbine exhaust air exiting an actual engine; it has a short 6 inch
diameter section before flaring to encompass the MPS drive turbine housing.

The flowpath hubs provide the attachment and locking mechanisms for the 8
forward and 8 aft rotor blades. The forward, or inner shaft, hub rotates
counter-clockwise (aft looking forward) while the aft, or outer shaft, hub
rotates clockwise. A portion of the blade hub flowpath, as well as the blade
platforms, are dished to provide area-ruling for the blade root thickness where

40
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the through-flow Mach numbers would otherwise be the highest. The inner and
outer hubs attach to the metric side of the rotating force balances which, ii
turn, attach to the rotating shaft.

Propulsor loads are measured by rotating force balances gaged to measure
thrust and torque. The rotating force balances incorporate strain gaged
flexure beams for thrust and torque load measurement. These balances are
installed between the rotating inner shaft and the forward hub and the rotating
outer shaft and the aft hub; the balances are completely interchangeable.

The MPS SNO02 unit is a vertical assembly mounted in the General Electric
Cell 41 Anechoic Chamber. The facility description is shown in Figure 2. The
propulsor is located 1.3 fan diameters downstream of the free-jet nozzle exit.
The Mach number capability of the free-jet facility for aerodynamic and
acoustic testing is from 0 to 0.35. The shape of the MPS SNO02 forebody and
afterbody in the region near the propuleor blades is identical to the
horizontal MPS SNO01 and SNO03 vehicles. Since the vehicle is driven by a shaft
from the bottom and the flow is from bottom to top in the vertical assembly,
the forebody does not close but blends into the turbine housing as shown in the
photograph of Figure 3. The afterbody contour is the same as the horizontal
SN001 shape extending to the 6 inch diameter cylindrical section and then is
closed out with an elliptical shape at the top of the model.

Data from the MPS SNO01 and SNO03 vehicles are presented herein.

III. INSTMUMENTATION AND DATA REDUCTION

A data reduction program was set up to calculate the important
performance parameters from the instrumentation measurements made during the
wind tunnel testing of the MPS rig. Standard wind tunnel procedures were used
to obtain free-stream total and static pressures and temperatures, tunnel Mach
number, velocity, density and Reynolds number. The basic MPS measurements
included the blade angle, rotational speed, axial thrust and torque for each of
the counter-rotating blade hubs. Force balance measurements were corrected for
dynamic effects to get the true thrust and torque values. Four of the blades
on each hub are instrumented with three strain gages each. Signals from these
strain gages are routed through telemetry to a 14 track magnetic tape and
monitoring equipment in the control room.

Five rows of thirteen static pressures are located on the nacelle
forebody from the nose to the forward rotor leading edge. Four rows of twelve
static pressure are located on the afterbody downstream of the aft rotor
trailing edge to the point where the afterbody shape blends into the 6 inch
diameter cylinder just ahead of the turbine housing and support strut. Static
pressure measurements on the MPS forebody and afterbody as well as in the
cavities between rotors were used to correct the forces measured by the hub
balances, FBALC1 and FBALC2. A schematic of the MPS in Figure 4 shows the
location and direction of all the forces acting on the model. The body
pressures are integrated over incremental projected areas acsigned to each
static pressure tap.

The resultant forces, FFB and FAD, are calculated for both the blades-on and
blades-off configurations and used in the equations (below) to define the total
effective blade thrust. The hub balance force data are corrected for the
upstream and downstream hub face pressure integrals. Static pressure taps on
the upstream and downstream faces of the rotors at different radial positions
in the cavities beneath the flowpath are area-averaged and represent tare force
corrections (FHU and FHD) to the hub balance thrust measurements. The hub
forces measured with blades off (FHI and FH2) are equal to or very nearly zero
for both high speed wind tunnel tests.

The MPS effective thrust includes the change in nacelle forces due to the
action of the blading. Effective thrust can be calculated as the change in hub
thrust, with-blades minus without-blades, plus the change in nacelle body
forces (i.e. the forebody and afterbody pressure integrals) with and without
blades. Each rotor thrust is credited (or debited) by half of the forebody
induced force and half of the afterbody induced drag. The resultant equations
(1) and (2) for the effective thrust of each rotor are:

FEF1 - FBALCI + FHlU + FHID - i/2 [&FFS + &FAB], - FHI** (1)
and

FEF2 - FBALC2 + FH2U + FH2D- 1/2 (AFFB + AFAB], - FH2** (2)

*Blades On Minus Blades Off
a* Blades Off

The total propulsor effective thrust (3) is the sum of the two individual rotor
thrusts:

FEF - FEFI + FEF2 (3)
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The total effective thrust (FEY) is then used to determine the propulsor net
efficiency:

" T- FE xV (4)
550 SHP

In summary, the effective thrust is determined by using the blades-on rotor
force, first corrected for the tare force (integrated hub face pressure), then
corrected for blading induced body forces (blades-on versus blades-off
forebody and afterbody pressure integrals), and finally, incremented from the
hub force measured with the blades removed.

IV. Slade Damian

The unducted fan blades, named F7A7, were designed at the Mach 0.72,
35000 ft. altitude max climb flight condition. There are 8 blades in the
forward rotor and 8 blades in the aft rotor, each having an activity factor of
150. The blades are designed at a high disk +Aading (SHP/A) of 86 to minimize
the diameter and weight of the full-scale UDF engine. The aerodynamic
design of the unducted fan blades was carried out using the general method
described by Smith [4]. The design specified custom tailored airfoil and
flowpath shapes designed to have favorable velocity distributions with
minimum-strength shocks. The composite construction and moderate sweep cause
the blades to deform substantially from the static to the running condition,
and a finite-element elastic model was employed to account for this change.
However, after the airfoil molds were made, the originally intended stiffness
in the chordwise direction was increased, resulting in airfoils with 2-40
more camber than intended in the running condition. Subsequent analysis by GE
and NASA [5] have indicated that the tested airfoils might have relatively
strong shocks at the trailing edge.

The blades are designed and manufactured in the 24.5 inch diameter
scale-model size for wind tunnel testing at sea level atmospheric pressure.
The following table shows the aerodynamic design parameters of the F7A7
configuration.

TABLE IV-1

Mach No./Altitude 0.72/35000'
Advance Ratio, J 2.80
Power Coefficient, PQA 4.17
Tip Speed, ft/sec 780
Radius Ratio 0.42
Total Activity Factor 2400
Aero Tip Sweep, FWD/AFT, deg. 33/29

A planform sketch of the MPS forward rotor blade, F7, is shown in Figure
5. The blade is made from a composite material of graphite fibers with a
titanium shank and spar extending to approximately 50% of the blade span. The
blades are designed with chord, thickness and sweep distributions that will
allow aero-mechanical stability over the entire operating range.

V. Wind Tunnel Test Data

Aerodynamic testing was conducted in the Boeing Transonic Wind Tunnel
(BTWT), the NASA 8' x 6' Wind Tunnel, and the General Electric Anechoic
Chamber, Cell 41. The BTWT was configured with acoustic wall panels and the
vehicle was tested at tunnel speeds from Mach n.24 to Mach 0.81. Testing was
done with and without the pylon and at angles of attack. Forward-to-aft rotor
spacing effects were evaluated and reverse thrust was measured. A
circumferentially traverseable rake was used to measure total pressure, total
temperature and yaw angle downstream of the aft rotce for certain key
aerodynamic test points. kotor spacing effects were also investigated in the
NASA tunnel. Low speed aerodynamic testing was performed in the GE anechoic
chamber.

The F7A7 blades were tested in the high speed wind tunnels over a wide
range of Mach numbers, pitch angles and rotor speeds. The blades were first
set to pitch angles that would give equal rotor torques at design speed and the
tunnel was brought up to the test Mach number with the blades windmilling. The
rotors were powered to the minimum speed above windmill and data were taken
with equal rotor speeds at several increments up to 110% design speed. The
tunnel Mach number was then adjusted slightly up and down from the nominal
setting and the test was repeated at the same equal rotor speed points. The
initial pitch angles tested were chosen to produce the power required along the
max climb flight path at 100% speed on both rotors and equal torques per stage.
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A. Overall Performance

In the Boeing transonic wind tunnel, the data were taken at tunnel speeds
from Mach 0.24 to Mach 0.81 without the pylon and at zero angle of attack. The
overall performance of the F7A7 blades for these conditions is presented in
Figure 6. The power coefficient, PQA, and net efficiency are plotted as a
function of the advance ratio of the forward rotor, Jl. The efficiencies
plotted are as-measured and do not account for strain gage effects nor dynamic
model calibration. When applied to the test data, these corrections will
increase the net efficiency by 2-3 points at the high Mach numbers. Each power
line represents a different tunnel Mach number with a different eet of pitch
angles. The max climb target design point at Mach 0.72 is shown on the
performance map.

The net efficiency interpolated on the performance map from the measured
data to the design point is 81%. The effects of increasing Mach number can be
seen by tracing the fall-off of efficiency along a constant power loading
line. The data trend shows that at Mach 0.65 the efficiency at 85%, dropping
to 77% at Mach 0.81. At low speed, such as the takeoff condition at Mach 0.24,
the net efficiency is 62%.

Blade pitch angle variations were made at the Mach 0.24 and Mach 0.70
test conditions and the performance data are shown in Figures 7 and 8,
respeitively. The efficiency data when plotted versus the loading parameter,
PQA/J , collapse to nearly a unique lIne for most of the pitch angles
tested. When the loading differs greatly from the nominal value, the
efficiency data will depart from a single line. This is the case at Mach 0.24
(Figure 7) with both rotors open approximately 50 from nominal. The blade
loading is significantly higher and the efficiency is 2-3 points less than
nominal pitch angle data. At Mach 0.70 (Figure 8), the three pitch angle
settings vary only 1-2 degrees from each other and produce efficiency levels
within 0.5 point. The most open setting with the blades running slower for the
same power absorbed gives slighlty higher efficiency.

B. Rotor Soacino Effects

Rotor spacing effects were investigated at Mach 0.80 with three different
spacings of the rotor pitch-change axes. The spacings varied from the minimum
axial distance to blade diameter ratio of .14 to the maximum value of .24. The
nominal distance for which most of the wind tunnel testing was conducted was
4.16 inches. Figure 9 shows that for larger spacing between rotors, less power
is absorbed by the rotors at the same advance ratio, even though the pitch
angles are held constant. The spacing effect on efficiency is shswn in Figure
10 by plotting the data versus the power loading parameter, PQA/J . The
minimum spacing gives the highest efficiency at all Mach 0.8 loading levels,
approximately 1.0 to 1.5 points higher than the nominal spacing. The maximum
spacing is 2 points worse in efficiency than the nominal spacing. Other F7A7
wind tunnel data (Figure 11) show that at slightly lower Mach numbers, down to
Mach 0.67, the nominal to maximum spacing effect is 1-2 points in net
efficiency, while the minimum to nominal effect is less. At takeoff Mach 0.25,
the test data indicate that rotor spacing has little or no effect on net
efficiency.

The proximity of the downstream rotor to the upstream rotor has a
pronounced effect on the torque split between rotors. Data are shown in Figure
12 for three different spacings. At equal power and RPM, the total torque
remains the same but the split between rotors is different. The torque ratio
(Q2/Q ) decreases as spacing increases since the induced effect of the
downstream rotor is diminished. If the spacing was further increased, the
effect would continue to lessen to the extreme condition where the downstream
rotor is so far removed from the upstream rotor that it acts as an isolated
blade row having no effect at all.

C. Angle of Attack/Pylon Effects

Aerodynamic performance data taken in the transonic wind tunnel to assess
the effect of angle of attack, with and without pylon, at Mach 0.24 and Mach
0.70, are shown in Figures 13 through 16. The three graphs in Figure 13 show
the net efficiency, power coefficient and torque ratic,parameters as a function
of advance ratio for the F7A7 configuration without pylon at Mach 0.24. Data
are shown for three angles of attack, 0, 5 and 16 degrees, with constant pitch
angles. Similar data are shown in Figure 14 at Mach 0.70 at zero and two
degrees angle of attack. Since the model is rotated in the tunnel on a
platform by the angle of attack (or) the free-stream velocity (Vo) in the
direction of thrust is equivalent to Vo Coso(. Correcting the advance ratio,
J1 ,aby the cosine(X causes the data to collapse to one curve for all angles
of attack on the power coefficient plot. The effect on the torque ratio lines
is to spread them farther apart with increasing angle of attack.

The measured thrust is in the direction of the model centerline axis
skewed from the free-stream tunnel direction by the angle of attack. The
normal force on the blades as a result of the model direction relative to the
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airflow was not measured, and its streamwise component is therefore not
accounted for in the efficiency calculation. The word "apparent" has been
added to the efficiency label to indicate that it is not a true efficiency.

With the pylon installed at the bottom of the model, as shown in the
photograph of Figure 1, the test points are repeated at the same Mach numbers
and blade pitch angles. The power coefficient, apparent net efficiency and
torque ratio data are shown in Figures 15 & 16. Since the pylon drag is not
measured by the rotor force balances and not otherwise accounted for in the
overall thrust, the apparent efficiency values with pylon on are approximately
the same as the pylon off data, but slightly higher. Now, the free-stream
velocity correction is no longer appropriate to collapse the power coefficient
lines because of the angular momentum change caused by the pylon. The pylon
effect is most noticeable in how it affects the level of torque ratio. With
increasing angle of attack, the pylon acts like an inlet guide vane producing
counter swirl into the forward rotor and loading it relative to the aft rotor.
The schematic of the MPS in the wind tunnel, Figure 17, shows that positive
angles of attack produce counter-swirl into the forward rotor, negative angles
produce pre-swirl.

In Figure 15 at Mach 0.24, the aft-to-forward rotor torue ratio(Q2/Q&), varies from 1.0 at zero angle of attack to 0.85 at 5 and 0.60

at 16 . The large split in torque per stage, observed from test with
constant pitch angles and constant speeds, will be corrected in the installed
engine by varying blade pitch angles and maintaining equal speeds as the
airplane climbs out from takeoff at some angle of attack. The direction of
pitch angle change will also vary from right-hand engine to left-hand engine
since the direction of forward rotation is down inboard on the airplane right
side and up inboard on the left side. An estimate of the amount of angle
change required to offset unequal torques is shown in Figure 18. Data from
low-speed tests at Mach 0, .2 and .4 were cross-plotted to obtain the amount
of ,X 2 change, holdingS 1 constant, as a function of torque ratio.

D. Mis-Matched Rotor Speeds

Wind tunnel data were taken at Mach 0.72 with unequal rotor speeds over a
wide range of RPM's. Figure 19 shows the net efficiency plotted against the
loading parameter, PQA/J , for two different speed ratio lines as well as
equal rotor speed reference data. Testing was conducted with the aft rotor
speed 10% higher and 10% lower than the forward rotor speed. Holding the pitch
angles constant, as was necessary in this type of test, means the rotor torque
splits are not equal as the RPMs are increased. When rotor 2 is running 10%
faster than rotor 1, the ratio of rotor 2 to rotor 1 torque varies between 1.04
and 1.32. When rotor 2 is running 10% slower, its torque varies between 23%
and 74% of the rotor 1 torque. The data show that the net efficiency is higher
at low loadings when the torques are within 25% of being equal. The lower
efficiency line (N/N 1 - .91), at low loadings, shows torque ratios that
are much less matcaed and consequently, lower efficiencies. At the high
loading levels, however, the data show that when the torque ratios are within
25% of being matched, the speed ratio has little effect on the net efficiency.
By comparing all the data shown in Figure 19, the test points with torque
ratios closest to 1.0 have the highest efficiencies.

E. Design Point Data Match

Data were recorded in the high speed wind tunnel near the design Mach
0.72 condition with a circumferentially traverseable rake at the exit of the
second rotor. The rake measured total pressure, total temperature and swirl
angle at 15 radial locations which spanned from the rotor hub to an outer tip
radius approximately 10% above the blade tips. The rake was traverseable
through an arc of 600, from 1350 to 1950. Data were taken in five-15
degree increments,without pylon and at zero angle of attack, with the model
operating at the tunnel Mach number of 0.70. In addition to the rake
measurements, nacelle forebody and afterbody static pressures were measured.
The rake and body pressure data were used to compare with the design analytical
calculation of the circumferential average flowfield.

Detailed aerodynamic data-match studies were ,onducted using the test
data to determine areas of the blade where improvements could be made to reduce
losses. The data match analysis was performed by using a modified version of
the circumferential-average flow calculation procedure that is used for
designing and analyzing conventional high bypass turbofans. The data match
test point was taken at Mach 0.70, design power coefficient of 4.17 and at the
design advance ratio of 2.80. The procedure begins by inputting speed and
torque for each rotor (measured from test) and adjusting the radial
distribution of losses until the net thrust, body static pressure
distributions, and the fan exit radial pressure profile are reasonably well
matched.

The total airflow is adjusted so that the tip streamline matches the
forward rotor blade tip diameter. Figure 20 illustrates the flow field that
results when the data are matched. Meridional Mach number contours are
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superimposed on the chart with the flow streamlines and calculation stations;
the rake plane location is also noted. The peak Mach number of 0.82 occurs
inside the blades where the effects of thickness and lean are accounted for in
the calculation. A hub boundary layer is specified to represent the flow
losses near the hub surface. Figure 21 shows the data match of the pressure
and temperature measurements at the discharge rake plane. Since no data
between the rotors were taken, it was necessary to assume the loss split. The
symbols in these plots distinguish the aerodynamic design intent from the
actual test data results. The data match analysis using the test data matches
the original design intent quite well over most of the blade span. Locally in
the hub region, where the boundary layer affects the test measurements, the
blade total pressure falls off and the loss coefficients are higher than design
intent.

The distribution of static pressure coefficient as a function of axial
length along the forebody and afterbody of the MPS rig are shown in Figure 22.
The data matches the theoretical expectations quite well and confirms the
static pressure rise on the after body and where the hub necks down to a
cylindrical body downstream of the blades.

VI. Conclusions

The scale model, counter-rotating unducted fan blades, F7A7, were tested
in the Boeing and NASA high speed wind tunnels and the aerodynamic performance
has been demonstrated. The following lists the most significant performance
results:

o Aero data were obtained with several blade angle combinations up to
Mach 0.81. The measured net efficiency at the max climb Mach 0.72
design point is 81%; at takeoff, the net efficiency is 62%.

" Large rotor spacings have a significant effect on net efficiency at
high Mach numbers.

o Power coefficient lines at different angles of attack and constant
pitch angles, collapse to a single line when the advance ratio is
corrected by the Cos(to account for the skewed thrust direction.

" The pylon, installed at an angle of attack, acts like an inlet guide
vane, producing inlet swirl to the forward rotor. The swirl unloads
or loads the forward rotor depending on the direction of rotation
relative to the pylon. If pitch angles are held constant, unequal
torque splits result.

" Data taken with unequal rotor speeds show very little effect on
efficiency at loadings and torque ratios near the cruise design
point. When the torque ratios are substantially different from 1.0,
the overall efficiency can be 2-5 points lower than nominal.

" The design point rake data were analyzed and showed good agreement
with the design intent.
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FIGURE 1

Facility Description
Schematic of General Electric Free-Jet Noise Facility
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Schematic Description of MPS Forces
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F7A7 Blade Angle Variations at Mach 0.24
Efficiency vs. Loading Parameter
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NASA 8' x 6' F7A7 Test Results at M =.8
Net Efficiency vs. Power Loading Parameter
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Effect of Angle of Attack,
F7A7, Mach 0.24, No Pylon
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Effect of Angle of Attack, F7A7,
Mach 0.70, With Pylon
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NASA 8' x 6' F7A7 Scale-Model
Performance Mach 0.72

Effect of Mis-Matched Rotor Speeds
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F7A7 Data Match at Mach 0.70
Static Pressure Coefficient Along Forebody and

Afterbody
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DISCUSSION

R.G. THOMPSON, US

1) Was the pitch angle changed from low Mach number to high Mach num-
ber ?

2) Will the control system include speed sensing and pitch control ?

Author's Reply

Approximately three to four pitch angle settings were tested at each
Mach number from Mach 0.24 to Mach 0.81. The standard test procedure was to
set pitch angles at a selected Mach number which would produce the max climb
path power coefficient when the forward and aft rotors were running at 100 %
speed and with matched torques. Data were taken at other Mach numbers with
equal forward and aft rotor speeds and torque ratios slightly less than or
greater than 1.0.

In the full-scale unducted fan engine, the pitch control mechanism
will vary the blade angle settings, responding to changes in flight speed
and engine power requirements ; equal rotor torques will be maintained at
all times.

G. WINTERFELD, Ge

Could you please comment on the effects of the spacing of the rotors
on the acoustics of the UDF ?

Author's Reply

The UDF scale-model tests which varied the rotor-to-rotor spacing were
conducted to obtain both the aerodynamic and the acoustic effects. The maxi-
mum spacing ( A Z/Diametre = .24) was the most favorable from an acoustic
standpoint although the net efficiency was poorer. The larger spacing allows
a greater distance for the tip vortex and blade wakes to dissipate thereby
reducing the noise interaction levels.
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D.W. STEPHENSON, US

Please comment on the degree of agreement in the results between the
Boeing and NASA wind tunnel results on unducted fan performance.

Author's Reply

The initial test results obtained from the Boeing wind tunnel test did
not correctly account for the MPS support strut and turbine housing blockage
interference. When the tunnel velocities are corrected to account for the
difference between the free stream measured Mach number and the UDF fan face
Mach number, the re-calculated net efficiencies are within 0.5 point of to-
tal agreement with the NASA wind tunnel results. The Boeing test data pre-
sented in this paper include the interference effects in the efficiency
calculation.

H.J. LICHTFUSS, Ge

Do you have measured thrust reverse with the UDF model, and if so,
what are the amount of thrust reverse ?

Author's Reply

Reverse thrust measurements from the F7A7 blades have been made in bo-
th the Boeing transonic wind tunnel and the NASA high speed wind tunnel.
The blades have operated at pitch angles 20°-30' past flat pitch without
aero-mechanical instability and have produced approximately 50 % of the ta-
keoff thrust in reverse.

C.A. MOSES, US

You have made some efficiency measurements. Are they what you
expected ? How do they compare with the ducted fans and the older propel-
lers ?

Author's Reply

The Unducted Fan is forecast to produce up to 25 to 30 % fuel reduction
respect to the old by-pass fans. Efficiency we measured is within a percent
of miling the prediction that we had for this blade. There are several
others blades under development and we are very close to miling the require-
ments for the engine cycle that will give us a 25-30 % improvement over duc-
ted fans.

J.M. BOUSQUET, Fr

Do you plan pressure measurements on the blades or laser velocimetry
analysis of the flow field on your UDF models ?

Author's Reply

Yes ! Laser velocimeter measurements are planned for future UDF scale-
model tests at NASA - Lewis 8' x 6' wind tunnel.
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GEAR SYSTEMS FOR ADVANCED TURBOPROPS

by
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Indianapolis, Indiana 46206-0420

ABSTRAcT

A new generation of transport aircraft will be powered by efficient, advanced turboprop
propulsion systems. Systems that develop 5000 to 15,000 horsepower have been studied.
Reduction gearing for these advanced propulsion systems is discussed in this paper.
Allison Gas Turbine Division experience with the 5000 horsepower reduction gearing for
the T56 engine is reviewed and the impact of that experience on advanced gear systems is
considered. Gear system arrangements are analyzed, including single- and counter-rota-
tion types. The reliability needs for component design and development are also consid-
ered. Allison's experience and their research serve as a basis on which to characterize
future gear systems that emphasize low cost and high reliability.

INTRODUCTION

Allison has been active in the design, development, and production of turboprop gear
systems for over forty years. This work has involved both commercial and military
applications of large reduction gear systems. The propulsive efficiency of turbine
driven propellers suggests that gear systems for these applications will continue to be
with us for years to come. It is, therefore, worth while to take note of the lessons
learned from existing turboprop gear systems and see what these lessons suggest for fu-
ture generations of gear systems. The superior fuel efficiency of propellers and prop-
fans When compared to turbofans (Figure 1) has created a resurgent interest in these
propulsion devices as a means to mitigate the effects of expected fuel price increases.
Propfan propulsion studies have in turn initiated new interest in large reduction gear
systems.

This paper-will review Allison's experience with the T56 gear system, consider the gear
system studies ongoing since the 1970's (sponsored by NASA and Allison), and then sug-
gest characteristics of gear system design that develop from this background.

T56 GEAR SYSTEM DESCRIPTION

The T56 gear system is used in many different aircraft. Military applications include
the P-3, C130, C-2, and E-2. Commercial applications have included the Lockheed Electra
and Convair 580. over 100 million flight hours of experience have been accumulated
since this gear system was first produced for the C130 in 1954.

INSTALLED
PROPULSIVE

EFFICIENCY, % 70 i"W8 PF i"

TEC"WXtOGY

sour I . . I . . - ,

FLIGHT MACH MUM

Figure 1. Propulsion Efficiency of Propfans Versus Turbofans.
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The T56 gear system (Figure 2) reduces the turbine speed of 1120 rpm to a propeller rpm
of 1020. This overall reduction gear ratio of 13.54:1 is accomplished in two stages.
The first stage reduction of 3.125:1 is by a spur gear train, and the second stage
reduction of 4.333:1 by a planetary gear train.

In addition to the reduction gearing required by the propeller, an accessory drive gear
train (Figure 3) is included for externally mounted accessories such as an alternator,
hydraulic pump, starter, and tachometer generator. The accessory drive gear train also
drives the pressure oil pump. The externally mounted accessories on the reduction gear
assembly are not the same on all engines of a multi-engine aircraft, due to the design
requirements of the airframe systems.

The reduction gear assembly also contains the devices or systems which protect the air-
craft from excessive propeller drag and negative torque in the event of engine failure
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Figure 2. T56 Engine Reduction Gear System. T512
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on takeoff, climb, cruise, letdown, or approach. It incorporates a propeller brake
assembly which prevents rotation of the propeller when feathered in flight.
The case structure is magnesium and the gearing is AISI 9310 steel. While this gear
system transmits over 5000 horsepower, its overall weight is only 560 pounds.

T56 GEAR SYSTEM PERFORMANCE

The original T56 gear system was designed to operate in a military application at 3750
horsepower during takeoff. The basic life criteria at the time of design was the re-
quirement to complete a 150 hour qualification test without failure. This system has
been upgraded over the years (without external change) to the point where it now trans-mits over 5000 horsepower and demonstrates a reliability of 4000 to 8000 hours MTBUR
(mean time between unscheduled removals) and an efficiency of greater than 98.9%.

The reliability experience of the T56 gear systam is even more remarkable when one con-
siders the various causes of removal (Figure 4). Over half the removals are due toaccessory drive system failures. Approximately 38% are due to main power trair. bearings
and only 1% are associated with main power train gears. The high percentage of acces-
sory drive and main bearing failures is better understood when one remembers that this
gear system was originally designed to pass a 150 hour qualification test at an input
power of 3750 horsepower.

ADVANCED GEAR SYSTEM STUDIES

Allison has participated in a number of gear system studies that started in the 1970's,
some of which were NASA sponsored. While these studies focused on large, commercial,
propeller or propfan driven aircraft, the results are also applicable to military trans-
ports. These studies provided an excellent opportunity for Allison to review their
turboprop gear system design and experience and extrapolate to next generation aircraft.

RELIABILITY AND MAINTAINABILITY STUDIES

A study (Reference 1) of turboprop systems reliability and maintenance costs was
conducted to achieve the following objectives:

o to identify and understand the overall and relative Reliability and Maintenance
Costs (R&MCs) of the gearbox of past and current turboprop systems

o to quantitatively project the R&MC improvements that could reasonably be expected
to occur from these levels to those of new turboprop systems becoming operational
in the 1985-1990 time period

The scope of effort consisted of two tasks which correspond to the objectives:

o Task I--To conduct an analysis of current and past turboprop propulsion systems to
determine the principal factors that have affected their reliability and main-

MAIN POWER

ACESSORY TRAIN

DRIVE BEARINGS

56%

MAIN POWER~TRIUN 0EATEETH

1%

MICLLANEOUS

Figure 4. T56 Gearbox Removal Causes.
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tanance costs, and to establish an overall baseline comparison with current
turbofans.

a Task II--On the basis of the results of Task I and the incorporation of new design
practices, new maintenance practices, and projected technology advances, determine
quantitatively the R&MC improvement that could reasonably be expected for systems
becoming operational in 1985-1990 over turboprop levels at the time of the study.
Recommended actions and R&E programs to achieve the projected advances were to be
defined.

In identifying and understanding the overall and relative R&MC's of past and current
turboprop systems it was recognized that the real era of turboprop usage by the domestic
airlines was in the early to mid 1960's. The Allison T56 (501-D13 commercial) turboprop
engine was chosen for analysis of past systems because of wide usage on the Lockheed
Electra and convair 580 commercial airliners. The main drive reduction gearbox, was a
military design of the 1950's that was designed on the basis of a scheduled overhaul
philosophy. For the airlines, these scheduled overhauls occurred every 4000 to 9000
engine flight hours (TBOs). It was found that the cost of the scheduled overhauls
accounted for 40 percent of the total maintenance cost of each of these major modules,
and were the primary maintenance cost driver of the system. A very positive conclusion
was drawn that a new turboprop system would embody the "On-Condition" philosophy that
would eliminate scheduled overhauls. This philosophy would be facilitated by:

o improved reliability where numbers of parts would be lowered and all parts would
be designed for high durability and long life of 35,000 hours where possible

o improved diagnostics utilizing newly developed automatic conditions monitoring
techniques for better fault detection and isolation

Increased modularity was found to be an essential requirement in a new turboprop
system. The reduction gearbox of the T56 system incorporated three primary functions:
the main drive reduction between the engine and propeller, a drive system for engine
accessories, and a drive system for aircraft accessories. Problems in any one system
usually required complete gearbox removal, including the propeller. A new system would
make the main drive gearbox a simple system for just that purpose, incorporating high
reliability in its bearings and gears for minimization of removal of either propeller or
gearbox. The engine accessory drive system and aircraft accessory drive system would be
individual modules (Figure 5), facilitating access and removal independently of the main
drive reduction gear (Reference 2).
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Figure 5. Modular Accessories.

Maintenance costs for the reduction gear system and other propulsion system components
were reviewed. The conclusion was that an advanced turboprop and an advanced turbofan,
using similar cores, will have very competitive maintenancecosts per flight hour.

CONFIGURATION STUDIES

Allison has studied the design for turboprop propulsion systems for commercial airliners
of the 1990's. These studies have focused on identifying the engine cycles that would
result in the most favorable fuel consumption for a 120 passenger advanced technology
airplane operating at 0.72 Mach at 32,000 ft. altitude. Several engine configurations
were considered, and conceptual designs for engine configurations were defined. The
results of the aircraft/engine evaluation indicate that the propfan-powered aircraft has
a significantly lower fuel consumption than the turbofan-powered aircraft. This fuel
savings is as much as 18.6%. On an economic basis, the comparison shows up to 9.7%
lower direct operating cost (DOC) for the propfan. The DOC advantage is primarily
caused by less fuel burned and lower propulsion system maintenance cost.
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One objective of this design activity was to define, in detail, components for bcth

single-rotation (SR) and counter-rotation (CR) gear systems as they would apply to
production propfan airplanes of the 1990s. In the case of the SR gearbox, the dual
compound idler gear arrangement (Figure 6) was selected for the preliminary design to

take advantage of the accessibility to the propfan drive shaft for propeller controls
and to simplify packaging of the accessories and engine with a contoured nacelle.

Allison's SR gearbox design is fully compatible with specific needs of advanced pitch
change systems. oil supply and a high-speed drive are provided for the hydraulics and
heat rejection requirements of the pitch change.

The differential planetary gearing arrangement (Figure 7) was selected as the favored

configuration for the counter-otating propfan system (Reference 3). This is an in-line

design that is very compact. It is also light weight, efficient (99.2% at cruise), and

designed for long life (30,000 hr MTBUR). Helical gears were used because of their in-

creased contact ratio, resulting in low vibration levels and enhanced life.

* SIMPLE
* MODULAR
* PROP CONTROL ACCESS

.. .... '

VS87-1330

PROPELLER SHAFT CENTER LINE T512

POWER SECTION CENTER LINE

Figure 6. Basic Dual Compound Idler Gearbox Powertrain.

4 ..-
A>

Figure 7. Differential Planetary Gearing for Counter-Rotating System
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A study (Reference 4) was performed to define a single-rotation, 10,000 shp class, ad-
vanced technology propfan gearbox. A configuration selection procedure was performed to
arrive at the favored gearing and bearing arrangement for the preliminary design phase.
This evaluation considered both in-line and offset input-to-output shafting as indicated
by the star and dual compound idler gearing types shown in Figure 8.

0

0

Dual compound
idler

0

0

Star TE84-3840

Figure 8. Offset and In-Line Candidate Gearbox Arrangements.

The procedure involved a weighted decision analysis to rank the candidate configurations
relative to nine parameters:

o reliability
o efficiency
o maintenance cost
o acquisition cost
o propfan pitch change compatibility
o weight
o technical risk
o ease of scaling
o spatial envelope

Reliability and efficiency, the most important criteria, were essentially the same for
all the candidates. The remaining seven parameters favored the dual compound idler
system. However, due to the closeness of the results, :ive additional criteria were
used in the evaluation:

o adaptability of the configuration to over- and under-wing mounting
o impact on inlet duct efficiency
o impact on reliability and maintainability of gearbox and airframe accessory drives
o impact on torquemeter design
o adaptability to an aerodynamically contoured nacelle

The dual compound idler offset configuration received higher ratings for theme instal-
lation criteria. It was also better suited for use with a hydraulic torquemeter, which
leads to a weight saving over the phase detector type torquemeter required for the star
planetary configuration. The overall rating of the dual compound idler offset gearbox
was greater.
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The dual compound idler gear arrangement selected was composed of a single input pinion,
two idler gears, and an output gear, as shown in Figure 6. The idlers are compoundgears consisting of two gears per idler. Power is applied to the input pinion gear,split through the idlers, and recombined in the output gear.

Features of this type of gearbox are summarized as follows:

o load sharing--equalizes loads on each idler and provides for torquemeter roadout
o modularity--provides external accessibility
o prop load isolation--minimizes gear misalignment

The gearbox design included provisions for accessories required by the propfan pitch
change system, such as an oil pump and high speed drive, a propfan brake, an airframe
accessory drive, a gearbox oil pump, and an oil filter.

Studies were conducted to define a counter-rotation (CR), l0,000-shp class, advancedtechnology propfan gearbox for a 300 nautical mile commercial mission. This designincorporated the requirements for a tractor wing-mounted CR propfan propulsion system.

The gearbox study consisted of the following phases:

o a configuration selection procedure to establish the design concepto gear and bearing type selection based primarily on long life and efficiency
considerations similar to the single rotation selection.

o design of the general arrangement including the main gear train, accessory
gearing, mounts and lubrication system.o design analysis to estimate bearing life, gear stresses, heat rejection to the oiland surroundings, and integrity of the supporting structure.

o propfan interface requirements.
o modifications required for converting this tractor gearbox arrangement to a pusher

configuration.

Six candidate configurations (Figure 9) were evaluated for the counter-rotating gearbox.The best configuration was determined through a series of competitions between the candi-date configurations: differential planetary, compound planetary, split path paralleloffset, triple compound idler, differential epicyclic and split path planetary
concepts. The differential planetary gear set was selected.

A general arrangement of the advanced technology CR propfan gearbox is shown in Figure7. The gearbox main power gear train is a differential planetary gear set with fourplanet gears. The sun gear is driven by the input shaft, the outer output shaft isdriven by the ring gear, and the inner output shaft is driven by the planet gear
carrier.

The CR gearbox was analyzed for power loss to determine both gearbox performance andcooling requirements. Considered in these calculations were gear power loss, taperedroller bearing power loss, and oil pump loss. The results of the CR gearbox power lossanalysis are shown in Figure 10. Efficiency of this gearbox arrangement is very high,
99.18% at cruise and 99.24% at full power.

DIFFERENTIAL PLANETARY COMPOUND PLANETARY SPLIT PATH PLANETARY

DIFFERENTIAL EPICYCLE 5PUT PATH PARALLEL
TRIPLE COMPOUND IDLER OFFSET CONFIGURATION

V2S7-1326
T512

Figure 9. Counter-Rotation Candidate Configurations.
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GEARBOX POWER LOSS BREAKDOWN

CRUISE TAKE OFF

= 99.18% 99.24%

TOTAL WINDAGE

80. ACCESSORY GEARS +
CARRIER BEARINGS

POTENTIAL REDUCTION IN POWER PROP BEARINGS

LOSS WITH MODULATED FLOW OIL PUMPS
SUN GEAR

POWER TOTAL WINDAGE = 1.2HP THRUST BEARING
LOSS 4
(HP) ACCESSORY GEARS + PLANET BEARINGS

40 CARRIER BEARINGS
PLANET I RING GEAR '-PLANET / RING GEAR•PROP BEARINGS

"< SUN GEAR THRUST BEARING

20 "SUN /PLANET GEARS
-- "OIL PUMPS ---- SUN / PLANET GEAR

-PLANET BEARINGS

V587-1327
T512

Figure 10. Gearbox Power Loss Analysis.

CONCLUSIONS

The Allison T56 gear system experience, and the studies reviewed herein, serve to pro-
vide excellent guidance for new cear systems.

I. Reduction gearing has been developed to be very efficient. The T56 operates in
the 98.9% or better range and new systems will be this efficient also. Overall
gear system heat rejection will not be a major detractor in considering their use.

2. The reduction gearing used in the T56 application has been quite reliable, 8000
hours MTBUR in some applications. New gear systems will be even more reliable.
They will be designed to meet the needs of modern transports and will be expected
to achieve reliability levels equivalent to other major propulsion system com-
ponents. Gear system components will be selected to achieve a MTBUR of 20,000
hours to 30,000 hours depending on basic system requirements and weight/cost
trade-offs.

3. Cost of ownership will be positively influenced by modular design, on-condition
repair and condition monitoring that can provide timely notice of impending prob-
lems. This suggests that new reduction gear systems will tend to be less
complicated than the T56 gear system that has been so very successful.
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DISCUSSION

H.I.H. SARAVANAMUTTOG, Ca

It is noted that only 1 % of removals occured because of the main gear
train. Could you say how many of these led to loss of propeller load ? On
the T56, being a single shaft engine, overspeed is not a serious problem be-
cause of the compressor load. On a free turbine, however, the power turbine
may suffer severe overspeeding. It is useful to remember the loss of the se-
cond Bristol Brittania prototype in 1953, directly resulting from a gear box
failure leading to catastophic power turbine disintegration and fire. Hope-
fully we are now much better equipped to withstand turbine failures, e.g. by
blade containment rings or fused blades, permitting the blades to fail befo-
re the disc overspeed.

Author's Reply

I am not aware of any instances where tooth failure has lead to turbi-
ne over speed and/or loss of load.

Our current work recognizes that loss of load on a free turbine machi-
ne is serious. This concern is addressed in the mechanical design of the
turbine and by features in the fuel control system.

Our gear design effort places a high degree of conservation in the
area of tooth breakage. Our quality control in manufacturing also is very
concerned with avoiding tooth breakage.

W.G. ALWANG, US

Do you think that new techniques like acoustic emission will play any
significant role in fault detection for future gear box health monitoring
systems ?

Author's Reply

Yes I do. I believe they will require development but they have poten-
tial for improving our understanding of the gear system health.
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NUMERICAL METHODS FOR PROPELLER AERODYNAMICS
AND ACOUSTICS AT DFVLR
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In the DFVLR Institute for Design Aerodynamics, linear and nonlinear analysis
methods for flow fields around propellers have been developed. Two singularity methods
are presented. In the first, a doublet point scheme has been formulated for the calcula-
tion of steady and unsteady loads on surfaces having helical motion in an incompressible
medium, e.g. propellers in uniform and nonuniform inflows and counter rotating
propellers. The second is a surface panel method for computations of steady subsonic
flows around propeller blades moving in a compressible medium. The method has been
extended for the prediction of acoustic quantities. In order to predict the characteri-
stics of transonic propeller flow fields, the DFVLR Euler code for solving the 3-D Euler
equations has been extended. The equations are formulated in a rotating cartesian refer-
ence frame. The solution procedure is based on a finite volume method using an explicit
Runge-Kutta time stepping scheme. Numerical results for various propeller geometries are
presented and compared with experimental data.

NOTATIONS

a_ sound velocity in undisturbed % ,ytz unit vectors of the relative

medium cartesian reference frame

c section chord length j advance ratio, J=sU-/(QRT)

c6 time dependent part of lift M_ axial freestream Mach number,
coefficient M-=U./a.

EX time averaged lift coefficient 
M
h helical ti Mach number,

Cp pressure coefficient
c resr cefiietMa Mach number in radiation

Ac0  difference of cp at the lifting direction
surface

pe O  unit normal vectors
Cp power coefficient0

OASPL overall sound pressure level
C p time dependent part of power

coefficient, real part ipo/p, strength of dipole

C time averaged power coefficient p acoustic pressure at the
observation point

CT thrust coefficient
p pressure

CT time dependent part of thrust

coefficient, real part 0 source term vector
time averaged thrust 4 relative velocity vector withoyt
coefficient rotational velocity, 4 =[uv,w]

C profile drag coefficient q relative velocity vector, 4-ix

d distance between singularity and position vector
observation point

retarded distance 
blade tip radius

S0  surface

d- modified retarded distance

Sp panel surface
E total energy

t time
F flux tensor

U_ propeller advance velocity
H total enthalpy

V,V0  velocity vectors of positions on
lifting surface



24-2

vn  local induced normal velocity of Q angular velocity
monopole and dipole

azimuthal angle
vector of flow variables

p density
x,y,z blade-attached, relative

cartesian reference frame p_ density in undisturbed medium

0
,
4

t stretching factors 9 control volume with boundary 6G

075 blade angle at 0.
7 5

-RT a strength of monopole

IO  efficiency, o=JCT/CP I phase shift

y azimuthal angle between front and 0 angle between and 'o
rear propeller

0' angle between E and V0
* velocity potential

EnC transformed cartesian coordinate
K ratio of specific heats system taken into account

compressibility
W rotational velocity vector,._[Q,o,o]

T

1. INTRODUC'ION

In the view of a design aerodynamicist, various features of high speed propeller
aerodynamics are significant. First, unsteacdy flow phenomena appear for special configu-
rations and operating conditions. These include the cases of nonuniform or time dependent
onflow, unsteady motion and interference between rotating stages. Examples of these are,
respectively; the flow field behind a strut, flutter of blades and counter rotating pro-
pellers. Second, the flow field is usually transonic. This type of flow field will occur
in future applications such as transport aircrafts with advanced propfan propulsion
systems operating in high subsonic flight regimes. Third, the complexity of these flow
fields generates important acoustic effects. The aforementioned flow phenomena may com-
bine to yield extremely large acoustic quantities.

During the last few years a wide variety of numerical methods for simulating the
complex flow fields of rotary wing configurations has been developed. An overview of the
methods for propeller and rotor applications is given by Poisson-Quinton [1] and Johnson
[2]. At present, numerical methods based on linearized potential theory are routinely
used. Their special merits are the simple treatment of complex configurations as well as
the requirement of only small computational resources. Contributions concerning singula-
rity methods which approximate the surface with panels are given e.g. by Hess and
Valarenzo [3], Long [4 and Luu [5]. These methods provide velocity and pressure distri-
butions on the blade surface. In addition, lifting surface methods, treating the blade
without thickness, have been recently reported by Tsakonas et al. [6], Hanson [7] and
Runyan and Tai [8]. In some of these papers, as well as in the paper of Das [9],compres-
sibility effects are taken into account by considering the velocity of sound, to b.
finite. Unsteady propeller aerodynamics at present are mainly calculated by lifting
surface methods producing time dependent lift distributions.

In order to treat nonlinear transonic flows associated with high speed propellers,
several numerical procedures based on the small-disturbance as well as the full potential
equation have been developed. The main limitation of the potential flow model is that the
roll-up of the vortex wake and the convection of the tip vortex behind the blade are not
taken into account. Recent advances in computer performance and computational techniques
have made it possible to solve the three-dimensional Euler equations which admit vortical
solutions. Due to the high computational expense, the numerical solution of the Euler
equations for rotary wing configurations are at present mainly used for the calculation
of steady flows such as the flow field of single rotating propellers in axial flight.
Several papers have addressed the prediction of the flow fields of high speed propellers.
Bober et al. [10] developed a three-dimensional Euler code for a multi-blade propeller
and axisymmetric nacelle combination using an implicit finite difference scheme. Similar
methods are used by Bousquet [11] and Kobayakawa et al. [12]. Holmes and Tong [13]
applied an explicit finite volume scheme to turbine blade rows and propellers. Celestina
et al. [14] presented results of the numerical simulation of the time-averaged inviscid
flow field through a counter rotating propeller.

For analyzing the acoustic characteristics of propellers, numerous theoretical
studies have been performed in the last few years. Theories have been developed by
Farassat [15] and Hanson [16] which allow the prediction of propfan aeroacoustics in the
high subsonic speed regime. Similar approaches have been used by Schmitz and Yu [17].
These methods are baed on the linearized Ffowcs Williams-Hawkings acoustic analogy in
which the equations of fluid motion are transformed into the wave equation for the
acoustic pressure. In order to calculate near and far field acoustics caused by nonlinear
transonic aerodynamic phenomena, like shock waves, new concepts ha'e been outlined by
Korkan et al. [18] and Forsyth et al. [19]. Their approach is based on a nonlinear field
method for the calculation of the propeller flow field.
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At the DFVLR Institute for Design Aerodynamics, research work concerning several
topics of propeller aerodynamics and acoustics has been performed New airfoil sections
for propeller blades have been designed by Horstmann et al. [20]. Acoustic investigations
with emphasis on experiments have been carried Out by Heller et al. [211. Furthermore,
analysis methods for predicting the flow fields of propellers in axial flight, including
linear as well as nonlinear methods, have been developed. The present paper is restricted
to the description of these methods. In the following, these are briefly outlined and
numerical results are shown and compared with experimental data.

2. SINGULARITY METHODS FOR PROPELLER BLADE AERODYMAMICS AND ACOUSTICS

In order to perform preliminary predictions of the aerodynamic coefficients of high
speed propeller blades, singularity methods for special applications have been developed.
These methods require fewer computational resources compared to nonlinear field methods.
However, they are restricted here to inviscid, subsonic and irrotational flow fields.

In the following, two solution procedures for special applications are described. In
order to efficiently predict unsteady lift distributions over propeller blades, a Doublet
Point Method has been developed. This method is restricted to incompressible flows and
simulates the propeller blades as lifting surfaces without thickness. In addition, a
Lifting Body Surface Method has been developed to calculate steady pressure distributions
on the propeller blades moving in a compressible medium. The results of this method has
been used to calculate the signatures as well as the spectra of the acoustic pressure.

2.1 Unsteady Lift Distribution in Incompressible Medium

2.1.1 Integral Equation and Solution Method

The Doublet Point Method for the calculation of unsteady propeller aerodynamics is
outlined with more details in reference [22]. The method is based on the following
equation formulated in a fixed reference frame with the medium at rest at infinity

t

A4 1(~ j 2 Ac dto dS. (2.1)9-n pjJ ?~ n% -n d o

0

Here, i, O are the normal unit vectors on the liftino surfaces at the position of the
observation point and singularity respectively, V and V9 are the corresponding velocity
vectors and d is the distance between these two positions. So denotes the area of the
lifting surfaces, Ac the nondimensional pressure difference and t is the time assigned
to the observation pgint. The equation (2.1) is similar to the expression given by Dat
[23] and car, also be obtained from the integral equation deduced by Das [9] using the
aforementioned assumptions. The integral equation (2.1) relates the normal velocity at
time t in the position of the observation point to the induced velocity caused by a
pressure distribution Ac on an arbitrarily moving lifting surface. The unknown function
is Acp which is a function of location and time.

The numerical solution of equation (2.1) for unsteady propellZr aerodynamics is now
outlined. The first step is the subdivision of the lifting surface into panels. Instead
of a continous distribution of singularities over the panel, the doublet and the upwash
point are located in the quarter and three quarter point of each panel, respectively.
This leads to a simple approximation of the surface integration in equation (2.1). This
doublet point scheme was introduced by Ueda and Dowell [24] for unsteady wing aerodyna-
mics. Each doublet produces a time dependent single force and together they are simu-
lating the lift distribution of the propeller blade. These forces acting on the panel
surface leed to the unknown pressure difference Ac . Here, only periodic cases are
treated and therefore Ac is developed as a Fourigr series. The unknowns are now the
Fourier coefficients for Jach panel. Applying the tangential flow condition at each up-
wash point, a system of linear equations is obtained. The equations are formulated for
different times within one period. In the calculation approximately 30 time steps have
been used.

In the case of interfering lifting surfaces, such as counter rotating propellers,
the complete system has to be solved. In special cases the freestream vector is known in
each blade section, e.g. single propellers acting in a given nonuniform onflow. Then a
harmonic analysis of the freestream velocity can be performed and for each harmonic only
one system of equations is formulated. A quasi steady solution is obtained, if only the
zero coefficient of the Fourier series is taken into account and independent sets of
equations are built for different times. In the case of steady lift distributions like
single propellers with uniform onflow, only one of these systems needs to be solved. The
solution of the system of linear algebraic equations yields the Fourier coefficients for
the Ac for each panel. With these, the discrete time dependent Ac distribution over
the lifting surface is determined. Integral values such as lift co~fficient as well as
thrust and power coefficients of the complete propeller can be calculated. The induced
drag coeffient is calculated using the expression given in [7].
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2.1.2 Numerical Results

In the following, numerical results performed by the Doublet Point Method are shown.
Figure 1 demonstrates the effect of blade number for steady lift distributions. Three
single rotating propellers, having 4,6 and 8 identical blades, have been examined. The
?eometry and experimental data for these propellers are described by Biermann et al.
25],[26]. In this calculation the lifting surface of each blade is subdivided into 6

panels along chord and 36 panels along radius. A central body is not taken into account
with the Doublet Point Method and each blade terminates with a free end at an inner
radius. In the figure, measured and calculated thrust and power coefficients are plotted
versus advance ratio. The experimental data, recorded for helical tip Mach numbers lower
than 0.3, agree fairly well with the theoretical results. The discrepancies in the power
coefficients may be due to viscosity, which is not taken into account in the
calculation.

Figure 2 shows results for unsteady propeller aerodynamics. Experimental data for
ship propellers acting in a nonuniform onflow are reported by Miller [27]. The propeller
used here for comparison has a large blade width (expanded area ratio of 1.2). The axial
onflow varies in the circumferential direction. In the calculation performed with the
Doublet Point Method only the first blade harmonic of the axial velocity is taken into
account. Higher harmonics are relatively small and are neglected. The figure shows on the
right side the unsteady, in-phase part of the thrust and power coefficient divided by the
design value and on the left side the phase shift. All quantities are plotted versus
advance ratio. Here, both, unsteady and quasi-steady calculations with 7 x 15 panels are
presented. In addition, experimental data [27] and theoretical results of Tsakonas et al.
6] are shown. In comparison with the quasi-steady solution, the unsteady calculation

agrees better with the experimental data.

Figure 3 presents results for a counter rotating propeller, which has two blades for
each of the front and rear propeller. On the left side the unsteady part of the lift
coefficient divided by the time-averaged lift (determined from the zero Fourier coeffi-
cients) is plotted as function of fraction of blade radius and azimuthal angle. This
angle varies periodically with time. In the case of a 2- by 2-counter rotating propeller,
one period is equivalent to 180 degrees of rotation. For the azimuthal angle y=O, the
lift coefficient of the front propeller shows a drop of up to 30% of the time-averaged
lift. A maximal peak of 50% occurs for the rear propeller when it is rotating through the
wake of the front propeller. Efficiency of single and counter rotating pcopellers
determined with measured time-averaged thrust and power coefficients are reported in
reference [25]. The right part of figure 3 compares the measured and calculated
efficiency for a 2- by 2-blade counter rotating and a 4-blade single rotating propeller.
An estimated profile drag coefficient of c =0.015 is added to the calculated induced
drag. The improved efficiency of a counter rotating propeller compared with a single
propeller is predicted fairly well with the Doublet Point Method. Calculations presented
in the left side of the figure have been performed with 2 x 10 panels and 3 x 12 panels
have been used for calculations shown on the right side.

2.2 Steady Surface Pressure Distribution on Propeller Blades in Compressible Medium

2.2.1 Integral Equation and Solution Method

For compressible flows a Lifting Body Surface Method based on the linearized Ffowcs
Williams-Hawkings equation has been developed. Following Lighthill [28], one obtains from
the equation for conservation of mass and momentum the general multipole equation for
aeroacoustics. The solution of this inhomogeneous wave equation, taking into account the
acoustic approximation, represents the pressure as a function of the various possible
sources i; flow. This solution is a Fredholm integro-differential equation of second
order, ohic., contains the acoustic pressure in both the left and right hand sides and has
still to be solved.

Integrating the Fredholm integral equation with respect to time and considering the
complete time history of the sources, one obtains the potential formulation written in a
blade-attached cartesian coordinate system

t

So d d. + 1 112__I dS dt. (2.2)

0 0 0

The square brackets denote quantities to be taken at emission time. 0 represents the
velocity potential, o and Ap/p. are the unknown strengths of the monopole and dipole and
2 is the retarded distance between the singularity and observation point. M is the Mach
number in radiation direction. So is the surface and t is the time. The integral equation
(2.2) represents the velocity potential as a function of a surface distribution of mono-
pole and dipole. At the body surface the normal velocity is zero, which leads to the
boundary condition

by" + . . (2.3)
Sn

For the numerical solution of the integral equation (2.2), the propeller blades have to
be subdivided into surface panels, On each panel a constant source and doublet
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distribution is assumed. For the calculation of the velocities induced by the source term
(first term of equation (2.2)), there are existing closed form solutions in cartesian
coordinates for panels given e.g. Hess and Smith [291 and Kohlmeier [30]. For the evalu-
ation of the dipole term (second term of equation (2.2)), the surface integral has to be
cast in another form. This also leads to a physical interpretation of the dipole term.
Using the transformed coordinates ,',C, taking into account the compressibility as a
kinematic effect, and the fact that in these coordinates the acceleraton potential
satisfies the Laplace equation [2],[31] the induced normal velocity is given by

4vCo s + (2.4)4 n a c S a d .
S
p t

a
tP cosO--dtd

+ O * dS + coso tP/ coso dt d

S 0 d d
p b t

Here 0 is the angle beween A and 0' is the angle betweeniVO and t, and Pt are
stretching factors and d is a modifiedretarded distance between singularity and observa-
tion point. The integration of the last term of equation (2.4) can be performed in the
case of a translatory motion in a closed form whereas in a helical motion the integration
has to be executed numerically. Details are given in reference [32]. For the special case
of incompressible flow, equation (2.4) without the first term is the well known integro-
differential equation of Prandtl for thin wings. The second term in equation (2.4)
describes the bound and the last term the free vortex. The separated terms of bound and
free vortices are used later for calculation of lift and drag.

The unwnowns of the numerical procedure are the constant strength of source as well
as the doublet distribution on each panel. The doublet strength in the chord direction is
a discrete Birnbaum distribution which leads to only one unknown for the doublet strength
in each blade section. For the additional upwash point a Kutta panel located in the plane
of the bisector is used. Applying the zero normal velocity in each upwash point, a
linear system of equations is obtained. Using the periodicity, the number of unknowns is
reduced to the number for one blade. The solution of the linear equation system results
in a steady surface pressure distribution using the perfect gas law. From the pressure
distribution and the induced velocities due to the free vortices the coefficients of
lift, drag, thrust and power of the propeller are calculated.

2.2.2 Numerical Results

The Lifting Body Surface Method has been extensively tested for several applica-
tions. Comparisons with results of various numerical methods as well as measurements have
shown good agreement [32]. In this paper calculations for a 2-blade advanced propeller
are shown.

Figure presents on the left hand side pressure distributions for various blade
sections. In the calculation 29 x 8 panels have been used. Although this is a relatively
coarse surface grid, the figure shows reasonable pressure distributions. The lift reduces
in the direction of the hub as well as the tip. For this propeller only measurements of
total forces such as thrust and power are available and reported by Dobrzynski et al.
[33]. On the right hand side of figure 4 thrust and power coefficients are plotted versus
advance ratio. The full line represents the calculation of the Lifting Body Surface
Method and the symbols the experimental data. Since the drag of the nacelle was measured
separately here only the forces resulting from the blades are presented in the figure.
The comparisons show that the calculated values of thrust are slightly overestimated
whereas the values of the power fit the measurements very well. The discrepancies are
less than 5%. An explanation for the fairly good result may be that viscous effects in
this Mach number range are small.

2.3 Near Field Acoustics

In recent years, the acoustic analysis of advanced propellers has received a great
deal of attention. The conventional harmonic analysis of proneller noise based on compact
sources at an effective radiis is not suitable for detailed predictions of the influence
of blade geometry on the propeller noise. With a powerful computer, calculations of the
acoustic pressure signature due to the blade thickness and steady surface pressure
distributions are possible. As a first step some calculations of the signatures and spec-
tra have been performed and will be shown evaluated with the technique equivalent to
Farassat's numerical procedure for the subsonic regime [341.

The acoustic pressure

P,= -P. (2.5)
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at each point in space is the sum of the contributions of all panels. With equation (2.2)
equation (2.5) yields an expression first used by Lowson [35] for acoustic calculations.
Using the chain rule for moving sources

F [ [ f COBB{8 (2.6)

n0 0n . 9

for the differentiation of the second term in equation (2.2), the following expression
for the induced acoustic pressure

-n'= a_ 6 ii - o-0 j P0 o dS + Ap Lml Ma) dS (2.7)
a. Ft a~l - Ma) I a( a

0 0

is obtained. Equation (2.7) is the same used by Farassat [34] for the subsonic regime
The unknowns of the singularity distribution have been calculated with the Lifting Body
Surface Method outlined in chapter 2.2.1. The expression (2.7) is evaluated numerically
for 256 time steps per revolution resulting in the signature of the acoustic pressure.
The spectra are then obtained with a Fourier analysis of the signature.

First results of acoustic calculations in comparison to experimental data 13] are
shown in the next two figures. The right side shows results for a microphone position
outside the propeller disc plane and the left side for one in the plane. In the upper
part, the acoustic signatures and in the lower part the spectra are presented. Figure 5
shows the results for test conditions of J=.57 and Mh=.57. The comparisons between the
calculated and measured peak values show good agreement. Reasons for the discrepancies
may be acoustic wave reflections in the experiment as well as the fact that the quadru-
pole term is not taken into account in the calculation. The calculated OASPL corresponds
very well with the measured values. In E*si 6 results for the same advance ratio but
for a higher helical Mach number of Mh=. are presented. In thi calculation the
pressure distribution of Figure 4 has been used. The comparisons between calculated and
measured data show the same quality as before. In this case the acoustic wave reflections
in the measurements are visuable in the signature for the microphone positions outside
the propeller plane.

3. SOLUTION OF EULER EQUATIONS FOR STEADY TRANSONIC PROPELLER FLOW FIELDS

In order to treat transonic flows of high speed propellers, a numerical method for
solving the three-dimensional Euler equations has been developed. The Euler equations
describe the inviscid transonic flow correctly regardless of the strength of the
appearing shocks. Unlike the potential flow model, the Euler equations allow entropy rise
through shock waves while mass, momentum and energy are conserved. This leads to an accu-
rate prediction of the location and strength of the shock. An important feature of the
Euler equation model for rotary wing applications is that vortical flows are yielded as
solutions of the equations. Since vorticity is captured and convected, the complex wake
geometry of rotary wing flow fields does not have to be prescribed but is a part of the
solution.

3.1 Governing Equations

The governing equations are the unsteady Euler equations in integral conservation
form. In a blade-attached cartesian reference frame, which is rotating with a constant
angular velocity 0 about the x-axis, the equations are written as

at JJ dv + fJ~ dS - Jj~ (.x'h.A dS + {JOdv = 0 . (3.1)
S III If _ If ff."ofo . 0 o

ag as
Here, 6 denotes a fixed region in the blade-attached coordinate system with boundary 6E
and outer normal A. The angular velocity is given by Z = [Q,0,0oJ and f is the position
vector. The equations (3.1) are formulated such that the vector of flow variables does
not contain the rotational velocity wx*. In this formulation the vector , the flux ten-
sor F and the source term vector ' are given by

p pq 0

pu puq+p 1  0

*= pv F= Pvq +pi pow
S'y

pw pwq + pi z  pQV

pE pHq 0
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where p is the density, p is the pressure, E is the total energy, H is the total enthalpy
and I I t denote the unit vectors of the cartesian reference frame. The relative velo-
city Is geftned by

= q - :Xr, (3.2)

where 4=[u,v,w]T, and the pressure p is obtained by

p = p(K - 1) (E - k(u2 + v
2 
+ w

2
)). (3.3)

2

The vector 0 represents the terms due to the rotation of the coordinate system. For Q=0,
the system of differential equations (3.1) reduces to the Euler equations written in a
nonrotating reference frame.

Physical boundary conditions must be imposed at the solid surface and at the far
field. At the solid surface normal velocity has to be zero. The formulation of (3.1),
where the vector of flow variables does not contain the rotational velocity, leads to a
uniform rather than a rotating far field. The flow at the far field is assumed to be
undisturbed and freestream conditions are prescribed. Furthermore, by applying periodi-
city, only the flow field around one propeller blade has to be calculated.

3.2 Numerical Procedure

The solution method is an extension of the DFVLR-developed, block-structured 3-D
Euler code written for a nonrotating reference frame [36]. In the following, the algo-
rithm is briefly described. Details of the method applied to rotary wings are outlined in
reference [37]. The solution procedure is based on the finite volume method using an
explicit multistage time-stepping scheme originated by Jameson et al. [38] . Semi-discre-
tization of (3.1) decouples spatial and time discretization. The flow field is divided
into hexahedral cells by the generation of a body-fitted grid. In the finite volume
spatial discretization the Euler equations in integral form are approximated at each
cell. The flow variables are associated with the cell centers. The surface integrals are
evaluated by assuming that the flow variables are constant on the cell faces and are
calculated as the average of their values at the corresponding cell centers. In order to
damp out high frequency oscillations in the flow variables and to avoid oscillations in
the neighbourhood of shock waves, dissipative terms are added. The terms are formed by a
blend of second and fourth differences of the flow variables.

In the finite volume scheme the solid surface boundary condition results in the
condition that all convective fluxas are zero at the wall. The only quantities which are
required at the wall are the pressure and the volume flux velocity due to the rotation of
the coordinate system. The pressure is obtained by linear extrapolation from the interior

and the rotational volume flux is known from the grid geometry. The far field boundary
conditions are implemented using the concept of characteristic variables.

The spatial discretization results in a system of ordinary differential equations in
time which is solved by an explicit 

5
-stage Runge-Kutta time stepping scheme. Since un-

steady flow calculations require enormous computational expense, at this time our
interest is focussed on steady flow fields. In this case, various techiques, like local
time-stepping, implicit residual averaging [39] and successive grid refinement, are used
to accelerate the convergence to the steady state. Furthermore, the technique of enthalpy

damping [38] has been applied to the rothalpy which is constant in the case of a pro-
peller in axial flight.

The code is written in a block-structured form which allows calculations with a
nearly unrestricted number of grid points on arbitrary grid topologies. The details of
the multiblock structure implemented in the program are found in reference [36].

3.3 Numerical Results

In the present paper, results for a 2-blade propeller are shown which was tested by
NACA [40]. The propeller blades have a rectangular planform and consists of NACA
16-series blade sections. The tests provide pressure distributions on the rotating blade
at a number of radial stations.

Figure 7 shows the structure of the field grid which has been used in the calcula-
tion. The grid is body-fitted and has an 0-0 structure, 'hat is, it wraps around the
blade in both, chordwise and spanwise directions. This provides a good resolution at
leading and trailing edges as well as at the tip of the blade. The grid has been genera-
ted algebraically using the transfinite interpolation method [411. It has a total of
96x20x36 cells, 96 cells around the blade profile, 20 normal to the blade and 36 along
the blade span. The outer boundary of the grid around the propeller blade forms a half
sphere with its center at the x-axis near the blade trailing edge. The radius of the
sphere is about 20 chords, that is 2.6 times the blade radius Because of the strong
twist of the propeller special care has to be taken in constructing the surface grids at
the boundaries of the computational domain in order to avoid intersection or excessively
skewed cells.
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Computations have been performed for transonic flow with axial freestream Mach num-
ber M.-O.56 and advance ratio J=2.3. Figure 8 shows the comparison of the calculated and
the measured pressure distributions at four different span sections. The theoretical
results are in good agreement with the experiment. The shock at the outer station is
resolved in the calculation. The helical tip Mach number is about Mh=0.96. The difference
between theory and experiment may be due to the effect of the boundary layers along the
surface which is not accounted for in the calculation.

Figure 9 shows for the same flow conditions crossflow velocities in six different

x-constant planes which are perpendicular to the axis of rotation. The first three planes
intersect the propeller blade for x=0.3, x=0.5 and x=0.8, that is, near the leading edge,
at the center line, and the trailing edge of the blade respectively. Because of the twist
of the propeller the blade surface is directed downwards near the blade leading edge
(x=O.3) and upwards near the blade trailing edge (x-0.8). The last three planes x-0.9,
x=l.2 and x-1.8 are just behind the blade trailing edge. The crossflow velocities in the
different planes show the formation and growing of the tip vortex. Near the blade leading
edge only the displacement effect is visible. As the croseplane moves further downstream
the croseflow velocities indicate a flow around the tip which then develops into a tip
vortex. This vortex leaves the blade trailing edge and approximately follows the path of
the blade tip.

4. CONCLUDING REMARKS

Two singularity methods for propeller aerodynamics have been presented. First, a
Doublet Point Method for unsteady incompressible flow has been described. Here, single
doublets are distributed over the lifting surfaces and an unsteady formulation for the
doublet strength is used. Applied to unsteady conditions this formulation is superior to
the quasi-steady approach. Interfering lifting surfaces, like counter rotating pro-
pellers, are treated directly without iterative treatment.

Second, a Lifting Body Surface Method for steady compressible flow has been out-
lined. The basic equation is the solution of the linearized Ffowcs Williams-Hawkings
equation in potential formulation, which is taken for predicting both aerodynamics and
acoustics. Using a source and doublet distribution on the blade, surface pressure distri-
butions of an advanced 2-blade propeller in compresssible flows have been computed. The
induced velocities of the bound and free vortices are calculated separately. The evalua-
ted aerodynamic coefficients are used to calculate the acoustic signatures as well as the
spectra.

Furthermore, a numerical method for the solution of Euler equations has been de-
scribed in order to predict the characteristics of transonic flows. It is based on the
finite volume approach and solves the equations in a blade-attached cartesian coordinate
system. An algebraically generated grid around the propeller blade, which has an 0-0
topology, has been used.

Each of the presented theories has been used for the prediction of special flow
phenomena associated with high speed propellers. The various comparisons of theory and
experiment are encouraging.
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DISCUSSION

C. PADOVA, US

Please comment on the state-of-the art for inclusion of viscous ef-
fects in propeller calculations, particularly in the transonic regime to
treat the shock boundary layer interaction.

Author's Reply

At the DFVLR Institute for Design Aerodynamics, presently in the non
linear method applied to rotary wing configurations viscous effects are not
taken into account. In the linear methods viscous effects are accounted for
by a correlation with drag data for wing sections in special cases.

P. PSARUDAKIS, It

1) Can you tell us how do you define the pressure coefficients. I
mean, do you define such coefficients to the relative flow in the plane of
the propeller, or to something else ?

2) In the method you have developed, you have to simulate the rota-
tional wake of the propeller blades. How do you design such wake and what
kind of singularities do you use on the same wake ?

Author's Reply

1) The pressure coefficient cp used in the paper is defined as
p -P

C =
P p

.:(U2 + g.22 -

where p is the pressure,p. and Po are the pressure and the density
In the undisturbed medium, U. is the axial advance velocity of the
propeller,Q is the angular velocity and z is the cartesian coordinate in
spanwise direction.

2) A wake has to be prescribed for the two singularity methods pre-
sented in the paper. In both methods, a rigid wake model is used. The wake
forms a pure helix defined by the motion of the propeller. In the case of
the Doublet Point Method, the wake is simulated by the path of the discrete
doublets. In the Lifting Body Surface Method, discrete vortices are used.

In the method for the solution of the Euler equations, the wake does
not have to be prescribed but is a part of the solution.
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ETUDE DE L'AZODYNANIQUS DES nKLICS POUR AVIONS UAPIDES
ANALYSIS OF HIGHSPZID PROPILLERS AERODYNAMICS

par

J.M. SOUSQUET
Office National d'Etudes et de Recherches Akrospatiales (ONERA)
29, avenue de Ia Division Leclerc - 92320 CHATILLON (FRANCE)

LLLW

Des 6tudes d'h~lices pour avions rapides sont menbes en France dans le cadre de l'oplration CHARHE. On
pr~sente une synth~se des 6tudes akrodynamiques ayant abouti A la dbfinition de l'h~lice HT3 dont une
maquette a 6t* essay~e dans la soufflerie Si de Nodane. Les r~sultats exp~rimentaux obtenus sont compares
aux pr~visions. Par ailleurs l'intfrtt des h~lices coaxiales contra-rotatives est prksent6 du point de
vue des performances.

Highspeed propellers are studied in the French CHARME research program. A synthesis of aerodynamic
developments leading to the HT3 propeller definition and test in S1 Modane wind-tunnel, is presented. The
validity of the main calculation methods used in this research, is analysed. Counterrotating highspeed
propellers are also studied ; their performance benefits against single rotation propellers are pre-
sented.

NOTATION$

B Nombre de pales

C Charge au disque C = P/D
2

C. Coefficient de portance (profil)

C. Coefficient de traine (profil)

D Diam~tre de lh~lice

e/l Epaisseur relative

h Enthalpie

I Rothalpie Ivh(p,p).2 W'_ r.'2 2

1 Corde

N Nombre de Mach

n Fr~quence de rotation n =

p Pression statique

Pt Pression d'arrft

P Puissance

R Rayon de lh~lice

r Rayon

T Traction

V Vitesse

W(1) Vitesme relative V = V. 1

Q Incidence

B Calage ( C - 0,7)

¥ Paramitre d'avancenent T= . = J
nO



25-2

Rendesent 1Tx
A. Pas rdduit du sillage

S Rayon r~duit Coo diam6tre r~duit)

~*Rayon riduit (ou diaa~tre r~duit) du aoyeu

p Hasse volocique

r Coefficient de traction T r C,
p r&F

x Coefficient de puissance Xz Pe Cp
p .0D

I' Circujation

a Vitesse de rotation

Les recherches cur les h~lices d'avions rapides font pertie du contexte plus g~n6ral des 6conomies de
carburant A r6aliser sur les futurs evions de transport.

Pour cerner l'int6r~t de cc nouveau type de propulsion, les Services Officials frangais (DRET/STPA/DGAC)
oat lanc6 l'opkration CHARKE (Concept d'H61ice pour Avion Rapide en vue doune Heilleure Economie) en
1982. Ce programme de recherche ect men6 en collaboration entre l'Arospatiale divisions Avion et
H6licopt~re, Retier-Figeac et lONERA (1].

L'objectif de cette operation de recherche a 6t de d~velopper de nouvelles m~thodes de calcul adapt~es A
cc type d'h6lice. et d'en verifier le champ d'application en rdulisant one maquette de I m~tre de
diam~tre (figure 1) pour essais dans la grande soufflerie transconique Sl de Modane. Si l'essei de cette
saqoette baptisde HT3 a eu pour objet principal l'ttude do fonctionnement a~rodynamique de i'h~lice, de
noubreuses ascures ont 6galeaent 6t6 faites dans les domaines des structures et de I'afro~lasticit6 (2]
et de lacoustique [3].

7-$

Fig I -H01ice HT3

Dana cat article, on pr~sente uniquement la partie a~rodynamique de la recherche. Les m~thodes de calcul
utilistes cont tout d'abord pr~sent~es, pus leur degr6 de validit6 eat analys6 partir des cosparaisons
avec les r~sultats exp~rimentaux obtenus.

2. NZTMODES DI CALCUL

lens le cadre de l'6tude atrodynamique dec h6lices poor avion rapide (optration CHARNE), de nosbreuses
m6thodes ont 6t6 utilis~es et 6valutes. Une description d~taill~e de ces m~thodes est fournie dens Ia
r~f~rence (1] . On ne pr~centera ici que deux de ccc cathodes :a Is thode simple de Ligne Portante Courbe
(prograsme LPC) et Ia m6thode plus sophistiqu~e tridisensionnelle tranasonique (programme Euler M.)
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2.1. 11dthode do Liffn. Portante Courbe (proramme Lid)

Ce type de m~thoda. remarquable par sa simplicit6. reste des plus employt pour la d6finition et I. calcul
de Performances d'hilices classiques.

La sithode est bas6e sur le caicul du tonctionnementcde chaque section do I& pale. dane le champ de
vitease relative, superposition de is vitesse de 1 6coulement Vo, de is vitesse dentrainementiF.T at
du champ de perturbation V.

Le champ de perturbation eat calcul6 A laide d'une mod6isation tourbillonnaire des pales et de leura
sillages, par application des formules de NO0T et SAVART qui, avac lea notations de Is figure 2. a'expri-
sent:

76 r RIMdT

40lIME
Pour les hdlices classiques (droites), l'induction se r~duit A is contribution des tourbillons libres du
sillage, de is fors

6" (E A. BA) d C

en posant

C=- et C
RR

X. eat le pas r~duit de chacun des tourbilions h~licoidaux du sillage.

Vo 4

__ -Fig. 2 -Induction dune Iigne portante droite.

La circulation r variable en enverqg're du tourbillon libre moddlisant Is pale est d~termin~e par
application du th~or~me de Joukowski au niveau de chacun des profils.

O 1-Arctg ( V*
Or-u

M .I w
C

Les oshodes de Ligne Portante consistent A r~soudre simultan6ment lea 6quations (D et (). Moyennant
is dhtersination du C. ( a. N.-0 et du pas de Sillage X. , on calcule Par int~grations, lea performan-
ces Ciobales de l'h~iice is train~e des diftbrenta profils eat #galesent prise en compte mu niveau de
ces intdgrationa.

Lea fonctions f et q pr~sentes dana: %~ sont calcul~es par int~gration nustrique des formulas de BIOT
et SAVART. Lea inthgrales du ayat6e ( s ont traities par une m~tbode analogue & celia de GLAUERT pour
lea silas, en d~veloppant r , f et gen s~riea trigonos~triques. La C. et C. des profila mont d~teain6o
par interpolation dana un fichier de polaires exp~rimentsles de profila.
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L'originalit* do Is adthode reside dans Is calcul exact dlu pas rflduit X.(C ) do chacun des tourbillona
b6iicoidaux du sillage i laide d'un procossus it~ratif.

Pour traitor le cam de pales dbhlices comportant do la fl~che, cette a6thode a 4t6 aodifite d'une part
en incorporant la tbdorie siaplifike do l'attaque oblique pour le fonctionneatent des profils. et dautre
part en prenant en coapte la g6oaktrie d'une ligne portents courbe dans le calcul tourbillonnaire.

Ce dernier point oct illustr6 par Is figure 3, qui sontre is ndcessaire prime en coapte do ia distance
axiale Xm, et du d~pbasage * entre les points J et K, pour le calcul du champ do perturbation.

Or

Fig 3 - Induction d'une ligne porrate courbe

Le systece Qdevient en conskquence

6, =ft'~ ( 'r f)i ( ECXt,. h 0p B~ I d

les fonctions fl, gi concernent le sillage ;leg fonctions hx: et he concernent linduction des lignes
portantes courbes. Elles cost calcul~es par int~gration numdrique.

leffet global do ces nouvelles fonctions est montr6 cur la figure 4, oi sont compardes les r~partitions
do circulation pour une ligne portante droite et pour une ligne portante courbe typique, pour les mes
r~partitions do pas do sillago A.( ti) . on rosarque, quo lincurvation do Is ligne portante se traduit
par un d~calage du maximum do circulation vers l'extr~mitk do Is pale et par use inflexion dans leg zones
m~dianes.

c~cuIat-f r Lacu P Cone

Fig. 4 -Influence d'une ligne portante courbe.

05 0t,

Co r6sultat montre 1 importance d'une moddlisation correcte do Is gtom~trie do pales comportant do Is
flkche, pour la pr~vision de la repartition do charge cur les pales do Vhbdie.

La sdthode do Ligne Portante Courbe (LPC) conctitue l'outil do base pour ls conception et Is calcul des
performances d'hdlices pour avionc rapidec. Sec avantagec principaux r~cident-dans la souplocce d'eaploi
(simplicit6 dec donn603 g~oadtriques relatives & lhdilice) et sc rapiditt d'excution (environ 10
secondec CPU cur CYBER 750). Son int6rit. comae on le sontrors au paragraphs 4. concerns la pr~vicion dec
performances globales (traction, puissance. rendosent) do l'b~lice, svec possibilit6 do price en coapto
do linteraction d'une nacelle sotour at possbilit6 do calcul do lb~lice en incidence.

Le prograsmes LPC a 6galement 6t6 4tendu au calcul dec doublets d'hdlices coaxiales contra-rotatives
(prograams LPC2).



2.2. Uhode tridimen ionnelle tra naaoi ue (programme ul r W3D)-

Cette m~tbode a dtI initialement dtveloppde pour lea turbomachines.

Dana l'hypotb~ae de fluide parfait, lea equationa d'Suler dhcrivant le comportement d'une parti-

rule Is long d'une ligne de courant relative nh6crivent{(a) do, (PQ) =0
W b di (p-Wew.pI). pF%0

(c) di. (p1;; )(=0

oil I dbsigne la rotbalpie

etCF eat ia somme den accildrationa d'entrainement et de Coriollis 2z 20iI. -r'

e, t e, sont lea vecteurn unitairen axial et radial du rtfdrentiel tournant.

Ce problilse atationnaire eat d'abord transforil en un probidme pseudo-inatationnaire par introduc-
tion d'une variable "temps" fictive, qi pernet de construire un proc~dh it~ratif convergeant yarn la
solution atationnaire. Le syntdme pseudo-instationnaire ant construit en rempiaq;ant lk6quation de
l'6nergie 3 (c) par ia condition de rothalpie uniforse I = Cts et en traitant lea formulations instation-
naires exactes des 6quations de continuitl 3 (a) et de quantit6 de souvement 3 Wh.

(b) aoW + -P 0 7P). p1 0

Lea quatre inconnuendu probl~ae sont in manse volutique p at lea trois composantes de Is quantitl de
mouvement relative p W. La pression statique ent ddterminde par la condition de rothalpie uniforme I=
Cte at par Ia relation tharmodynamique:

p~~p )= I 2 2,y P

La paraniltre -1 4tant 6gal & yf=Et at dana les applications usuallen 'Y= 1.4.
C,

Le syatkme(Deat compl~t6 par un ensemble de conditions aux linites et de conditions initiales.

Des conaidkrationa de ptriodicit4 persettant de limiter le doaaine de calcul 4 leapaca comprin entre
deux pales conndcutives (figure 51.

BORD DE FUITE SURFACES DE

PERIODICITE

PALE I NTRADOS AA

EXTRADOS AA
ROAD~ jq

DATTAQUE

Fig. 5 - Domaine de cakcul Euler 3D

CARTER FICTIF

AMONT

MOYEU D6-- -T 0MAINE DE CALCUL

Lea conditions limiten banden nur Is rdaolution d'6quationa de compatibilit6 sont du type

- pfriodicitt aur lea surfaces lat~rales, sauf mur le pales oil une condition de gliasement relatif ant
appliqute,

- glissesent relatif sur le moyeu (cannerole et nacelle),

- direction de Is vitessa imposde dana is plan amont.

- condition de preasion (iquilibre radial simplifi6) on condition de non-rdflexion des ondes acoustiques
dana Is plan seal,

- glisasment relatif, on condition de preasion, ou condition de non-riflexion dam ondea acoustiques sur
is carter fictif, selon le type de calcul Ch~lice en snufflerie on atmoaph~re imici).

Le mailisge tridimensionnel eat de type H, permettant une construction relativement simple. Un example de
naillage eat fonrni sur is figure 6, oil trois frontites du domaine de calcul ont #t# reprhsents.
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Fig. 6 - Surfaces fronitires du mailage fridimensionnel Euler ID

Les maillages usuels coaportent approximativement 30 000 points, ce qui conduit A des temps de calcul
d'environ 20 minutes CPU sur ordinateur CRAY 1S.

3. CONCIPTIOff DI L HILICI IT3

La conception atrodynanique de l'blice HT3 a 6td effectu6e par lOMERA. is conception structurale et la
fabrication des pales par l'Atrospatiale et le moyeu et les modifications du banc d'essai par Ratier-
Figeac.

Le point d'optimisation de Vh6lice a 6t6 choisi par l'A6rospatiale division Avion :charge au disque C
250 kM/a

2
, sombre de Mach de vol M - 0.75 A Z = 10 500 m (Z = 35 000 ft), vitesse de rotatinn periphiri-

que OR = 220 a/s ;ceci correspond en notations adimensionntes A X = 1,82 et 'y = 3,12.

La m~thodologie employ6e eat pr~sentde sur la figure 7. La conception articul6e autour de Is m6thode
Ligne Portants Courbe. compte tenu des lois de d6finition g6om~trique des pales et du moyou ainai que des
caract~ristiques a~rodynamiques des profils bidimensionnels (profil isoI6 ou en grille, moyeu axisym6tri-
que). parsat de trouver 1a loi de vrillage la mieux adapt~e pour optimiser le rendement de l'h6lice au
point de d6finition tout en gardant de bonnes performances aux astree points de vol caract~ristiques de

Fig. 7 - Difinition d'une hlice pour avion rapide.

Les lois de fl6che (empilemant tridimensionnel des profils) et d*6paisseur relative de profilesmont
choisies en int~grant des contraintes d'ordre structural at atrotlastique.

La seconds phase de la conception a6rodynamique concerne ia edrification du bon fonctionnement adrodyna-
mique de lenseable pales + moyeu, A laide de calculs tridimessionnels. A ce stade de la conception. on
utilise essentiellement la m~thode Euler 3D, qui permet notasnt de v~rifier 1 absence de blocaga de
1'6coulement en embass de pales ;dans cam calculs, on pest prendre en compte it~rativement leffet des
d~formations de pales mous laction des efforts centrifuges et sarodynamiques, calcul~es par exeaple en
utilisant un code 416ments finis de structures en rotation.

Dana s d~finition finale. l'b6lice 1T3 comports 12 pales en fliche. Les profilesmost modarnes. spiciale-
sent adapt~s an fonctionnament en r~gime tranesonique. En particulier, Ia partie exterse des pales ant
congue autour ds profil mince 012204 (a/l - 0.035) dont la caract~ristiques A grand sombre do Kach most
tr~s bosses come on past le voir sur Ia figure 8 oO sea performancem most compar~es A celles du profil
clasmique MACA 16304. Un. vue de I. forme en plan des pales, sinai que leapilage des profile do lhblice
HT3 mont fournis ssr I& figure 9.
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CZ
ESSAI 2D S3MA

NACA 16 304
1 CZ MAX OH_220

d4,6.106OH20

- Md. (ACx - 0,002)2
0,5 NACA 16 304 Q. - 4,106

OH 2204+

0,6 0,7 O,8 0,9

Fig. 8 - Performances du profal mince 0H2204. Fig. 9 -Pales de Ihealice 11T3.

4. COIIPARAS0N DIS RISULTATS DI CALCUL AVIC L'ZXPSUXZNCZ

L'h~iice HT3 a 6t essayde dans la grande souffierie Si Modane de l'ONERA. Une photographie de 1'h~iice
de 1 n~tre de diamndtre dans Is veine d'esai est pr~sent~e sur la figure 10. Le dispositif d'essai ainsi
que les trds nouabreuses mesures effectu6es sont sch~matiquement repr~sent~s sur Ia figure 11. on notera
i'originaiit4! de certaines des mesures, notanunent des mesures de pression sur ics paies, par i'interm6-
diaire de capteurs de pression miniatures implant~s A liintdriear des pales en mat~sriau composite.

Fig+ 10 - Essai delVhelice llr3 dans lasoufflerie Sl 'todane de VO'.RA

PRESSIONBA NC
PALE BALPOANES

6COMMANDETE

CONTRAINTE DE PAS
PALLCTU TURBOMOTEURS

21LCTU 2 x450 kW

Fig. I) I Mesures effecrt ees lors de lessai 210 PISTES

de l'helice HT.I \ I
PRESSION

MICROPHONES

L~-'~LPRESSION
NACELLE
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Des mesures de pression utilisant la a6s. technique ont 6galement ot6 etfectu6es sur Ia casserole
tournante (4].

Les perf ormances mesur6es an cours de cet essai sont hounes comae le montre le tableau do la figure 12.
En particulier on resarque que Is bonne performance mesurbe A grand nombre de Mach eat tr6s voisine do ia
pr6vision faite par l~a m6thode LPC d6crite au paragraphe 2 (Ie rendement net mesur6 - 0.79 eat tr6o
proche de Ia pr6vision I = 0.796). A plus faible nombre de Mach, pour des points de vol correspondant au
d6collage et A la mont6e avion, la performance mesur~e est suptrieure A Isa pr~vision. laissant aupposer
que la prise en compte de Ia trainite de profil dans is m6thode LPC, par l'intera6diaire de ia trainte
'6mentaire de profile bidisensionnels, eat prohablement pessimiste pour ce type de pales de faible
alloogesent et cosportant de is flkche.

ESSAI CALCUL
SIMA LPC

M - 0,25

-= 1,24 x - 1,43 0,633 0,583

M 's- 2 3 )( 1,4 0,834 0,783 Fig 12 - 11113cr 11 3 Rendemen net

M = 0,7
= 3,12 X = 1,82 0,810 0,807

M = 0,75

'Y 3,12 X =1,82 0,790 0,796

La validit6 de la a4thode LPC Cest pas limit6e A la pr~vision du niees de rendement des holices
rapides. La figure 13 sontre que 1l6volution calcul6e du coefficient de puissance X avec le paraa6tre
d'avancesent 'y , a calage de pale J3 fix6, est tr~a voisine de l'6volution obtenue en esai, avec toute-
fois an 1dger 6cart d'environ 2,50 sur ia valtur de l'angle de calage, qui peut Wte an somes partielle-
mnt attribu6 A Is d~formation des pales sous charge.

x
----ESSAI SiA

-CALCUL LPC

63,50, 03 )-62,20

62,90, U 029

03 62,20\ a3=63,50

Fig, 13 - Heice 173. Perfornances 1M 0. 75N\ \('orparaison cakcul/experience s\o 63.50

\0, 290

62,20

1 0=60,40

3 4

La m~thode Euler 3D a 6t6 utilisie au coura de Is phase de conception pour s'assurer notasuent de
labsence do blocage de ld6coulement dana le canal inter-pales prg, du aoyeu. tin autre point important
dans l'ttude des r~sultas do calculs par is m~thode Euler a k6 do v~ritier quo lea nombres de Mach
relatife maximaux sur les profils n'ttaient pas trop importants3 Wel 4 1,4 sur toute ls pale pour
M zO,75), atin d'bviter tout risque de d~collement au pied du choc par interaction avec Ia couche limite.

La figure 14, montre un exemple do calcul aur l'hflice 8'I3, pendant la phase de conception de lh6lice.

La s6thode tiler 3D a pa 6tre 6valute A lissue des essais en soufflerie de l'hdlice H13.

Sur Ia figure 15 lea r~partitions des pressions aosur~es et calcul6es sont copar6es sur un profil sitU6
an rayon relatif C =0.8, pour an ossai A M = 0.7. On romarque quo laccord calcul/expirience est
relativosent bon.
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Fig. 14 - Hdice 11T3. Ca/cu) Euler 3D.

-~ 64Fig I I/fcue lIT.? Pressions sue (em pales 3t 5

Le calcul. aous-4vaiac toutefons ldg6rcsent lcm pressions maximalen (et sur6value donc ligerement les
nombres de Mach relatits maximaux) taut a luintrados qu'A l'extrados du pruful isl recompression mesure
de 14coulement A l'extrados du profil appurait 4galement moins progressive quc celle calculde.

Lo~sque le nombre de Mach de i' coulemcut cut plus Ievk (M = 0.75 mar la figure 16) l'accord avec
l'exp,5rience rente acceptable, la mkme remacque concernant iasunrIvalsatnon du sombre de Mach relatuf
maximal par le calcal peut ktre faite. On peut penser que 1cm effets vinqucux non prim en compte par la
mithode Euler 3D pourraient expliquer au nouns partuilement cet ecart.

Fig 6s -i/Nice FIT? Presmions sue les pales M - 0. 5

be champ d'applucation traditionnel de la mdtbodc Euler 3D concerne essentiellement 1cm donaines trains-
soniques et supersoniquen. Aux plan faibles nombres de Mach (domai.ies incompressible et aubsonique
compressible) la mdthode nest pas parfaitement adaptie. Os remargue cependant su la figure 17, que le
fonctionnement ds profil nitad au rayon relatif Z = 0.8 eat relativement bien pr~vu. Vest dana is partic
de l'extrados proche ds bord d'attaque que 1Licart entre le calcul et 1'emp~ricnce eat le plus sensible;
hoes qse cette zone uc suit pam parfantement dpc-ite expdrimentalement en raisos du faible nombre de
capteusa de presmion dams cette r~guon ds bord d'attaque, il semble quc la recompression ssr l'extrados
do profil soit assex mal pr~vuc par cc calcul. Ccci pourrait 6tre di as type de maullage en H stulimi
pour le calcul Euler 3D, qui n'est pas trim bien adapt6 ass grands rayoins de bord d'attaquc den profuls
modernes stilisis sur i'hilice HT3 ;cc phinomine pourrait 'galement 6tre attribsi A lusmportance de is
dissipation osmiriquc nicesmaire pour traiter cc cam difficile.

On pest mouligner A cette occasion que den diveloppementa nouveaux mont en coars A l'OMERA atim damio-
rer la prime en compte des bords d'attaque den profile par use technique de sous-domaines dams le calci
Esler 3D.



25-10

"..i SIVIA -O.25 1 1,2s Xz.1

-tk.E m.55 5 29 1-.26 X-%35

0.1 Fig. 17 - He'lie HT3. Pressions sur les, palesA M 0,2.5

Dans l~ta t actue1 les mdathod s d~veloppdes as cours de :opt ration :HAM! not bie: adapt6es ,pour la
pr vis ion des performaces et des caract~ri t iques de Il6coualement Csurdes hdlices pour avio rapide
s imple-rotation.

5. ELIChS POUR AVIONS 3APZDZS CONTPU-ROTITIVRS

L'int~rkt des h~lices3 coaxiales contra-rotatives rdside dams le fait que l'6coulevhent qui est dkvie A la
so r tIe de la premikre rangdc de pales est redressk par la seconde rangde. minimisant ainsi la perte
d'. nergie cin 6tique due A ia presence dune composante de vitesse tangentielle dams le nillage d'une
hblice simple-rotation ;cette solution est d'autant plus intkressante gue la deviation 4 l'aval des
hdlices rapides simple-rotation est grande en raison de Is tras forte charge aa disque (C ) 250 6W/n) de
ce type d'hlices.

Pour traiter le can des hblices contra-rotatives des m~thodes de calcul soot en cours de dbseloppesent a
l'OWERA. On ne prdsentera ici que des rdsultats de calculs obtenus avec la m~thode LPC2. extension au caS
des h~lices contra-rotatives de la m6thode LPC ddjA d~crite.

Comme pour les h~lices simple-rotation, is m~thode LPC2 calcule A partir daune definition simple de la
g6om~trie des pales (lois de ddfinition), les performances de chacune des h6lices fonctionnant dais le
champ a~rodynamique cr66 par lautre.

is performance glohale du doublet est obtenue par nomination den performances de chacune des hblices. Il
faut signaler a ce sujet, que les culculs d'optisisation d'hdlices contra-rotatives sont globalement plus
co~tteux que les h6lices simple-rotation. En effet, le fonctionnesent de chacune des rang~es de pales dans
le champ abrodynamique de lutre n6cesste an calcul itkratif environ 5 fois plus long que le cal"ul
du'ne h~lite simple-rotation ;de plus le choix des parandtren de fonctionnesent de chucune des rangees
de pales (r~partition de is puissance, choix des r~gimes de rotation, den nombren de pales ... ) multiplie
de facon isportante les talculs n~cessaires.

A ttre de compa~aison, floss avons Otudi6 des helices contra-rotul-ives bas~es sur la definition de
Vh~lice simple-rotation HT3. One illustration du type d'h6lice 6tudid est fournie sur la figure 18, dunn
une cost ogurat~on h~lite tractrice 6 + 6 pales.

Fig. 18 -Exempie de doublet d'htlices
contrarotatf el 6 + 6 pales



Pour cette 6tude, la puissance appliquie sur chaque rang~e de pales et la vitesse de rotation sont
identiques, ce gui correspond souvent A une solution proche de l'optimum de performance. Les diamtres
d'hlices et de moyeu sont identiques pour les deux rangtes de pales.

Si ion regarde le rendement induit de 'hklice gui ne prend en compte que les pertes induites dans le
sillage de ihlice (acchlbration de l'coulement axial, dhflexion tangentielle, non-uniformtt de
l'coulement dues au sombre discret de pales) l'avantage intrinsNque des solutions contra-rotatives est
pleinement dhmontrk. Sur la figure 19, on remarque que laugmentation du coefficient de puissance X (qui
rtsulte uniquement de variations de la charge au disque C = P/Di lorsque '( est fix) fait beaucou momns
chuter le rendement induit des hhlices contra-rotatives que celui des helices simple-rotation par rapport
A l'optimum que constitue le rendement de Froude. Les pertes de non-uniformit6 d*6coulement sont d'autant
Plus faibles que le nombre de pales est grand ; le rendement induit de la configuration 9 + 9 est
d'tnviron 2 points suphrieur A celui d'une configuration 6 + 6 pour X = 3. La repartition du nombre de
pales entre la rangde amont et la rangte aval est assez indiff'rente en ce qui concerne le rerdement
induit ; en effet les solutions 6 + 9 et 9 + 6 sont sensiblement 6quivalentes, bien intercalees entre les
solutions 6 + 6 et 9 + 9.

Ces conclusions partielles doivent etre nuanches des lots que l'on considhre dgalemest les pertes par
viscosit6 traduites dans la m~thode LPC2 par la prise en compte de la trainhe des profils comme i1 est
fait sur la figure 20. Pour cette comparalson, les lois de definition et notamment la lioi de largeur des
cordes, sont conserves identiques pour toutes les hhloces. On remarque que pour les grands coefficients
de puissance l'avantage des solutions contra-rotatives A grand nombre de pales est toujours determinant ;
pour X = 2.5, la solution contra-rotative 9 + 9 a un rendement d'environ '2 points :up~rieur 4 l'h~lice
simple-rotation, et d'au moins 1 point suphrieur A lI'liece contra-rotative 6 + 6. Aux falbles coeffi-
cients de puissance ( X 1,.), la trainee des profils devient tr6s importante pour toutes les configura-
tions, la largeur des cordes employhes dans cette Mtude devenant beaucoup trop importante ; la solution 6
+ 6 est alors moins p~nalise que la solution 9 + 9, montrant qu'une optimisation sr des bases differen-
tes de celles de cette 6tude serait n~cessaire pour cerner au mieux les avantages respectifs de chacune
des solutions.

CALCUt M=0.75 lf=3.15 CALCUL M=0.75 $=3.15

C95 FROU/ - -- - -- CONTRAROTATIVEI

N ONTRAROTATIVES 9 9

N x 19.6
6-6

SIMPLE ROTATION SIMPLE
' ROTATIGS

085 

075 /\

0 2 COilIICIINT O- 2 COFICTN
POISSANCF 1'<si aN1lE

Fig 19 -Ht1lices contrarotatives Influence du coefficient I-ig 20 Hlelies contraroities Influen, dI ,offi(wi
de puissance sur le rendernent induit de puissance str e rendement global

Cette 6tude succincte montre A la fois l'int~r~t de la solution h61ice contra-rotative par rapport A ia
solution simple-rotation, et la difficultk de cerner au stade de l'avant-projet les paramntres d'optimi-
sation de ces doublets. De telles 6tudes sont poursuivies activement & I'ONERA.

Il faut signaler que ces 6tudes sont menes au stade actuel de la recherche unuquement par calcul. Les
bons rhsultats obtenus sur lhlice simple-rotation HT3 laissent A penser que la dsmarche est correcte.
Il serait toutefois n6cessaire de valider les mthodes de calcul A l'aide d'un support expkrimental qui
pourrait tEre constituh au cours d'une op6ration CHARME2.

Par ailleurs, d'autres mthodes sont en cours de dhveloppement pour tralter ce type d'hhces contra-
rotatives, notanent un code de rksolution des 6quations d'Euler en trudimensionnel.

6. CONCLUION

Lea cathodes de calcul d6velopphes au ;ours de l'op6ration CHARME se sont avrkes bien adapt~es pour
calculer le fonctionnement atrodynamique des hhlices rapides simple-rotation.



Les performances de l'hlice HT3 essayee darts la soufflerie SI Modane sont conformes aux previsions
faites A l'aide de la msthode globale de Ligne Portante Courbe. Le d6veloppement de l'6coulement trans-
sonique sur les pales de cette h~lice, est bien mod6lis6 par le calcul Euler 3D, comme le montrent les
comparaisons avec les mesures de pression faites en essai.

Les 6tudes s'orientent maintenant vers les doublets contra-rotatifs dont les potentnalit6s ont et6

cern6es A laide de calculs par une mnthode globale (LPC2). Les d6veloppements futurs de ces etudes
concerneront des mnthodes plus sophistiqu6es, er une vdrification expdrimentale.
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DISCUSSION

N. KROLL, Ge

1) How many grid points did you use in the Euler calculations ?
2) How was the non linear effects accounted for in your linear methods

for the counter-rotating propellers (M = 0.7b) ?

Author's Reply

1) We used about 30000 points in an inter-blade calculation domain.
Mesh is of "H" type.

2) In the curved lifting line method (LPC) non-linear effects are ta-
ken into account through lift and drag characteristics of 2D airfoils
(experimental or calculated data).

T.J. SULLIVAN, US

In your paper, you show that the predicted global efficiency of the
counter-rotating propellers is dependent upon the number of blades in each
rotor. Can you comment on why the 9 + 6 combination is better than the 6 +
9?

Author's Reply

It must be pointed out that the parametric study presented on counter-
rotating propellers has been done with keeping airfoils and chord width
constant (the same as HT3 highspeed propeller). In this case the drag of a 9
bladed aft propeller is more important than the drag of a 9 bladed front
propeller, which explains the slight superiority of the 9 + 6 combination
over the 6 + 9. Other choices of airfoils and chord width may change this
conclus ion.
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AXALYISIS OF POSSIBIZ TRAIIISSION
ARtANTSN APPICABLE FOR bUYIVP SINLE

Oft Twin CMTZ3r0WT7I FANS ON PMVAN EDxrnS

by

L.Batteasato and S.Turra
Diresiua Progettazions

rIA AVIAZZOM
Corso Forrueci 112 - 10100 TOR IN

Italy

A number of different designs of propfan engines are now being defined by

the main engine manufacturers in the world. Some of these designs require a reduction
gearbox between the LP turbine and the propfan; the propfan itself is conceived as

single stage, variable pitch blade or double counterrotating stage variable pitch
solution.

In order to satisfy these requirements, the authors propose different mechanical
arrangements of the reduction gearbox and, for given engine interfaces, compare their
relative merits in order to eventually show the optimum solution.

The comparison is made on the basis of various aspects, namely: lightness, quietness,
life, reliability fail safety and maintainability.
The analysis is carried out on the basis of the experience acquired by FIAT AVIAZIONE
after thirty years of high level work on design, development and manufacturing of
transmissions for aeronautical application.

Starting from 1975 a lot of new studies have been conducted with the aim

of defining new high efficiency aircraft engines: these are based on the use of the
new technology high efficiency propellers that allowed to configure the new engines
as an hybrid between the old turboprops and the modern turbofans with a very high

bypass ratio.

With this aim in mind, a number of possible solutions have been
conceived:

- the propeller is configured as single or double counter rotating blade row

- the propeller is rotating in the free air or is shrouded for containment and better

noise abatement

- the propeller is on the front (tractor) or on the rear (pusher) of the engine

- the speeds of the propeller and of the drive turbine are independently optimized:

consequently a geared transmission is needed in order to alow the single element
to rotate at Its own optimum speed

- as an alternative the two modules can be solidly mounted together and optimized as
a single rotor

- the choice of the optimum solution can be heavily influenced by the type of
installation on the aircraft (wing or tail mounting).

Finally the total panorama is complicated by the fact that today's

technology is not ready for Solving the totality of the problems. A lot of
assumptions must be made based on future trends of present technology, on the use of
new materials, on the adequacy of design solutions. These assumptions must be entered
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intr the equations of the problem in order to get the optimum solution: this is the
reason why the studies made by different engine manufacturers in the world seem to
conclude on different optimized configurations.

In this panorama, we in FIAT AVIAZIONE as expert on gearboxes, can offer
our experience on the matter, by trying to show the best gearbox solution most
suitable to propeller and turbine configurations, by putting in evidence the features
or problems that need technology development because they are beyond the practice on
past gearboxes for aircraft application.

In the past we had examples of turbofans with geared drive between
turbine and fan: they had limited applications because of two main reasons:

- Turbofans in those days were not oriented to very high bypass ratios; the fan speed
could be sufficiently high for a direct drive from the turbine without too
important weight penalties c -ch irgle element.

- The gearbox technology was not ready yet for offering light, silent, reliable,
durable, high power gearboxes whose behaviour would not deteriorate unacceptably
the equivalent characteristics offered by the other modules of turbofan engines.

GEARBOX SOLUTIONS FOR DUAL OUTPUTS COUTER ROTATING FANS

Among the various possible configurations of gearboxes capable of driving
two counter rotating propellers, we evaluated some with offset and some with in line
input and output shafts.

Generally the first ones ask for a higher number of bearings and gears,
thus having a higher weight. higher overall dimensions and lower reliability.
Also, eventually, the offset solutions give major problems in defining the air path
within the fan and the other modules of the engine.

Among the in line solutions, the Inline Differential Planetary (see fig.I) seems the
most attractive because it has the lowest number of items and it has no meshing loads
reacted on the structure.
Consequently the gearbox generated vibration or noise transmitted to a/c structure
and to ambient will be minimized.

This solution offers the possibility to assure a given RPM and torque
distribution between the outputs to the fans, through the intervention of pitch
control on eact propeller.

However we must underline that, should any failure arise causing the incapability of
one fan to absorb the due torque, the other fan torque will change proportionally; in
other words the failure of one fan cannot be covered by the other.
Fig.2 proposes another Inline Differential Planetary with split path; in this case
the extra added parts impact iegatively on the weight and on the reliability of the
system but allow to cover to a certain extent the single fan rupture because a
constant input/output ratio is assured.

The same advantage would be offered by the Inline Multiple Stars of fig. 3; however
gear meshing loads are in this case directly transferred to the structure with
detrimental effects on weight, vibration and noise. It offers the possibility to
reduce the outer dimensions of the gearbox and could then become attractive at high
input/output gear ratios for which the previous solutions would require too large
ring gears.
We give in the following table the results of relative evaluations of the above three

solutions.
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Inline Differential Inline Differential Inline Multiple
Planetary Plan.with Split Path Stars

Design complexity:

Number of gears 5 to 7 8 to 12 11 to 14

Number of bearings- 9 to 11 15 to 21 12 to 14

Outer diametral dimension base base - 12% of base

Axial length base + 10% of base 30% of base

Vibration to structure low med. high

Efficiency 99.2% possible -.30% -.40%

Reliability base failure probability: failure probability:

70% higher than base 65% higher than base

Weight base * 12% of base + 16% of base
at 1:3 ratio

- 4% of base

at 1:7 ratio

A different nunber of bearings could be required as a consequence of the integration of the
gearbox in the engine.

G(AiSOX SOUfION FOR SINGLE OUTPUT TO SIIKUE ROB FAN

In this case too, a number of gearbox configurations has been studied and
the relative merits evaluated. As said in the previous paragraph, the sane difficulty
for the engine overall configuration is created by gearboxes with offsets between

input and output shafts.

Having then taken into consideration only the in line configurations, we
propose three solutions:

- The Counterrotating Inline Star Gear System (fig.4) is the simplest arrangement,

with sun and ring gears rotating in opposite directions and with star gears located
on fixed structure. The number of elements is minimal.

The solution looses its feasibility for the high transmission ratios: in fact as
the ratio increases the sun gear reduces its diameter and the number of stars that
can be located in the available space diminishes. Consequently the ring gear,
having concentrated loads in fewer points, must be stiffened thus causing its
weight to increase over acceptable limits.

- These facts can be overcome with the solution shown in fig.5, Codirectional Inline
Double Row Star Gear system. The multiple row star gears allows to mesh with the
sun and the ring gears with smaller and more numerous stars.

- As an alternative, the Counterrotating Double Stage Inline Star Gear System shown
in fig.6 allows to have a high total ratio thanks to the two step down gear

meshings; in the second stage a very high contribution to the total ratio is
achievable.
The loads transferred to the structure are in this case higher then in the previous
cases: the noise and vibrations transferred to the support structure are expected
higher and more difficult to be brought within acceptable limits.

In the following table the results of studies and the relative merits of the above

three solvations are given.



26-4

Counterrotating smr CodirectInal double Counterrotating

gar ita row star gear syete. bLe stop star gear

Deslgn complexity

Numberof Sers 5 to 7 1 to l1 8 to 12

Nmber of bearings * 8 to 12 20 to 26 10 to 14

Outer dImetraL dimesion base base - 12 of bass

Axial length bass base 30% of base

Vibration to structu d. md. high

Efficiency 99.4% possible - .4% - .4%

Reliability base failure prob. :110% hi- failure prob. :40%

gher than base higher than bae

Weight base 10% of base at 1:3ratio -7% of base at 1:3rat
of base at 1:7 ratio -131 of " at 1:Trat.

* A different number of bearings could be required as a consequence of the integration of

the gearbox in the engine.

R wIa lT ZN TO RE ?ET IN TH DESIGN O TE GEARBOX

The design of the Zearbox should be done trying to satisfy the
characteristics normally required for a/c engines:

- lightness

- highest possible running temperature

- low noise and vibration generation

- long life

- reliability
- fail safety

- maintainability.

The designer knows that eventually the design will be a compromise among these

requirements: the gearbox, for example, will be the lightest allowed by the life

offered to the operator.

Keeping this principle in mind, few remarks on each characteristic can be done.

Lightness and highest possible running temperature

All the parts in the gearbox must be sized carefully for a good result in this
aspect.

The gears in particular concentrate the highest part of gearbox weight, so they must

be considered with the maximum of care.
We in Fiat normally define the gears on the basis of bending stress and of flash

temperature delta as per AGNA calculation method.

The optimization prccedure we applied for each gear meshing of each proposed solution

can be understood from the chart of fig.7 applicable to the sun/star gears meshing of

the Counterrotating Star Gear System (fig.4), capable of the following
characteristics :

- power 40.000 HP

- input speed 6.500 RP14

- ratio 1:5

Curve number I and 2 give the limit modulus/face width combinations for spur gear and

helical gear respectively at the max assumed bending stress; curves 3a,bc the limits

at flash temperature deltas of 130, 90 and 70*F

The first point we can deduce from the graph is the advantage obtainable with helical

in comparison with spur gears: the face width can be reduced of some 10 to 15%. The

choice cf the best solution, highest permissible stress and flash temperature delta,
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lies on point A, intersection of curves 2 and 3a.

In fact the choosen design point reduces the dimensions and then the weight, of the

meshing gears to a minimum.
Indicatively, according to our experience, the temperatures we assume in the system

are (in max take off hot day condition):

oil input to lube circuit 135aC

oil output to heat exchanger 160-165-C

The assumed flash delta temperature of 130OF can bring the local metal temperature
even in the case of good lubrication and cooling up to 200-210*C.

The temperature level we suggest i. taylored on the new gear materials now having
increasing applications, namely:

- new carburizing steels capable of displacing the critical temperature from 170*C

(as per the traditional carburizing steels such as SAE 9310) up to 300-C.

Among these, we acquired good experience on Cartech 00053 and CBS 600.

- nitriting steel that could run at a temperature of 4500C without an structural
damage.
The ,,oe of nitriting stec's for large gears as in the present application must be
checked carefully; in fact the high stress levels require evidently a perfect tooth
geometry so that the teeth must be ground after heat treatment.
Now, considering that the max case thickness should be of the order of .4 am, the

deformations imposed on the gears during heat treatment must be such that the
following grinding operation will not cause any local reduction of the case
thickness under .3 mm in order not to cause underskin cracks when applying the

meshing loads.
Consequently we can be quite sure that the larger gears required for this
application shall be made of the carburizing steels mentioned above.

A small remark must still be done on running temperature: of course it is
convenient to run at the max temperature allowed by materials for the required
life; the oil heat exchanger would have the maximum temperature differential to the

ambient air, so its dlmensions and weight could be minimized.

At this point the evolution of gear material would allow an increase in temperature

up to about 300OC: we must stay instead lower than 200:2100C as we said before
because the present lubricants widely available for aeroengines and then preferred

by operators have effectiveness, durability and stability problems at higher

temperatures.

Anyway the capability of gears to operate safely at those temperatures offers them
an optimum survivability characteristic in windmilling condition after leaking out
the total quantity of oil in the case of possible failures in the oil system.

The same concepts underlined for gears shall be applied in designing the other
parts of the transmission, such as shafts, splines, bearings.

Bearings in particular are the other very critical parts to be looked at carefully:

materials like tungsten steel, CBS 600, NW0, M50 NIL, offering structural stability
up to 300CC are necessary; some of these steels are commonly used already, other
onea have been developed and their technology is restricted in few companies or
countries. In particular 150 NIL is very promising; bearing vendors using it claim

they have been able to solve problems of premature failures and of inadequate
damage tolerance experienced on other materials.
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Low noise and vibration generation

Modern Jet engines have shown a great advantage over the geared turboprops because of

their lower vibration and r.oise t-ansmitted to the structure of the aircraft. The
adoption of a high power speed decreaser gearbox will be accepted by operators only
if the engine equipped with it will offer the same quietness as the present engines.

Modern technology offers the way to minimize the variation of transmitted load in

gear meshing, thus reducing the cause dirictly in its origin.
The actions to be taken will consist mainly in the sense of reducing the variations
,r 'he actual transmission ratio of meshing gears or along the contact on the same

pair of teeth or in the transition between subsequent pairs; in particular, the

actions that we in Fiat showed useful in this aspect, are:

- increasing of the total contact ratio by:

e adopting higher addendums of spur gears (High Contact Ratio gears, having the

profile contact ratio higher than 2, can be used, provided flash temperature
limits are not exceeded)

* pos3ibly adopting helical gears

* reducing the pressure angle

* increasing the number of teeth (by going to a finer pitch)

- improving the accuracy by:

* reducing the relative position error of tooth profiles

* reducing the position error of teeth relati-e to the gearshaft supports

- modifying the involute profile for avoiding that position errors and deformations

of teeth under load cause sudden engagement of teeth when entering the contact,
thus generating heavy shocks on the supports.

In fig. 8 we give an idea of the modification introduced on the epicyclic stage gear
profile of a helicopter main gearbox previously defined with traditional gears; the

contact ratio went up from 1,47 to 2,04 with a noise abatement in the relevant stage

of 8 dB over the original 98 dB.

We underline the care we took in manufacturing these gears.

The position error of teeth has been reduced to the minimum obtainable with existing
machine tools (0,002 mm tooth to tooth position error has been achieved. The profile

correction has been studied carefully taking into account the deformation due to
Hertzian stresses and to bending deflection of teeth and of their relevant supporting

structure; the profile correction theoretically required has been manufactured with a

precision of . 0,003 mm.

Long life and reliability

As we said before, the transmission should offer the assurance of satisfactory
running for periods of time much longer than presently offered by turboprop main

gearboxes; also it must be very light in order to assure competitivity for the engine

in comparison with the version with direct drive from turbir- to fan.

In order to satisfy these requirements it is necessary to have in hands some

technology development programs capable of giving the designer information on the
points that are out of the common experience on the traditional designs (namely: new

materials large hearings and gears, high temperatures, etc.).

F- example an important problem to be solved is the one concerning the rotating

seals in the gearbox; oil and air internal ambient must be sealed to its external
where the main engine stream passes by. The dimensions of the gearbox require for the

different designs and power levels some seals of the order of 600 to 1000 mm.
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The most convenient design seems to rely on positive carbon seal, radial, segmented,
oil cooled type, of which some samplAs are now being rig tested and developed in
Fiat.

The characteristics demanded for these seals are of course the capability to perform

the function of sealing the gearbox, and the capability to run in an optimized

condition of oil cooling and lubrication such that the heat geuerated by friction
would not cause oil coking and carbon deposition and eventually the unserviceability

of the seals within the TBO.

More generally we can say that, in order to reach the very long required MTBR'3 (Mean
Time Between Removals) it is necessary to have a reliable and sound design gearbox.

Under this aspect, according our past experience, a number of areas should be
accurately checked when designing and when manufacturing the gearbox because anything
forgotten there can cause inacceptable recurring problems and tedious interventions
on fleet during service. A detailed analysis of the matter has been given on ref./l/.

Fall safety and safe life characteristic

The transmissions we propose are essentially fail safe at least to a certain extent

of failure; in order to maximize this characteristic we suggest in the following
table few features whose introduction should be considered in order to

* increase the fail 'aftty quality of the system

* '3nitcr incipient damages for allowing the intervention -f the operatcr before thcy
grow to their extreme level of unaerviceability of the system

Features provided for giving fail safety characteristics to the gearbox design.

Type of incipient failure Possibility of survival/Detection method

1. Bearing rolling elements and rings; The phenomenon progresmes slowly/Chip detectors

pitting and scuffing and vibration pick-ups

2. Gearing; pitting and scoring The phenomenon progresses slowly/Chip detectors

and vibration pick-ups

3. Gearing; partial or total loss of one or Special shaping of the adjacent static parts in
more teeth order to force chips out of meshing area Is good

design principle. The continuity of the drive
is assured, when the missing tooth would be in

contact, by the other gears offering unaffected

contact/Chip detectors and vibration pick-ups.

4. Oil system; loss of lube function or The transmission can -un many minutes at reduced
loss of oil due to leakage power after complete loss of oil thanks to the

choice of adequate materials. Oil circuit pressu

re and temperature and vibration pick-ups.
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Of course, the failure on structural parts leading to mismatch of gears cannot be
suffered and would cause the immediate stop of the engine. These parts must be

designed with a different approach, offering them a characteristic of safe life,
caracteristic to be demonstrated by calculation or by fatigue rig testing.
Alternatively, a modern philosophy on the matter tends to design these structures
with a damage tolerance characteristic:the damage tolerant parts should allow in any

feature of theirs any damage to start and to grow within the operating time between
two subsequent overhauls, whithout reaching the point where the system would be

unserviceable. Many studies are in progress on the matter, but it is undestaondable
that this characteristic is difficult to be shown both theoretically and practically;
the maximum effort should be done anyway when designing the gearbox, for approaching

the optimum condition as much as possible.

Maintainability

As usual for commercial engines, the design of the gearbox snall be conducted having
in mind that the operator requires to ease the intervention on engines for

maintensuk- puLp-.e: ihe parts requiring the intervention should be

- easily accessible on aircraft
- quickly detachable from the engine as a separate module.
This characteristic should apply both to the gearbox as a complete module and to
any single accessory located on it such as the oil pump, the cooler etc.

- equipped with an accessible health monitoring system, capable of a simple and
realiable indication to the operator

Clearly these principles shall be applied and the final design shall be optimized

having in sight the designs of the total engine and of the installation on the
aircraft: in other words, the optimized version should be the results of a strict
collaboration among the designers of the gearbox, of the engine and of the a/c

CONCLUSION

The new large, efficient engines require that an important step forward should be
done in the field of gearboxes. The challenge in future years for gearbox
manufactures will be to show they are capable of producing light, efficient,

reliable, quiet transmissions so that the engines will take advantage from them.
Few difficult problems still require to be solved: modern technology already shows

the ways of possible solution; these ways must be tried immediately in order to be
ready for the contest.

(1) L.Battezzato, S.Turra - Possible technological answLra to new design requirements
for power transmission L.,tems. Agard Conference Proceedings No.369.
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OUTPUTS

TO FANS

Fig. 1 - Inline Differential Planetary Solution -Schematic.

OUTPUTS

TO FANES

Fig. 2 -Inline Differential Pl anetary Solution with Split Path-

Schematic.

OUTPUTS

TO FANS

Fig. 3 - nline Multiple Star Solution -Scheatic.
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Fig. 4 - Cou~nterrotatiflg
Inline Star Gear System,
Schematic.

x +

Codirectional Inline Double Row Star Gear System Schematic.

Fig. 6 -Counterrorating
Double Stage Inline Star
Gear System -Schematic.
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Fig. 7 - Optimization graph for the
0 Sun - Star gear meshing of the Counter

0X rotating Gear System (fig.4), based on

the following assumptions:

transmitted power 40000 HP
input speed 6500 UPI
ratio 1:5
ring gear pitch dis 38 ins

curve 1 : 55 KSI spur gear bending stress limit

N 2 55 KSI helical gear bending stress

limit

3a: 130"F flash temp delta limit
3b: 100-F flash temp delta limit

3c: 70F flash temp delta limit

3, 3 .7 4.1 4.5 4.9 5-3 5.7
sodule 1.51

25--

;lwdprofile
- w fmdor NCR

H Thmdlvwtllow~" FR m

Traditional Teo

pprof il

SW' - watt gayFORM CIA

Fig. 8 Application of tICR (high contact ratio) gears on the ePicyclit stage of

a helicopter gearbox Jeigad and pflodUced uy vial.
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TRANSONIC BLADE DESIGN ON ROTATIONAL STREAM SURFACES

F. KLIMETZEK and E. SCHMIDT
Institut fUr Aero- und Gasdynamik, Universitat Stuttgart
7000 Stuttgart-80, Germany

ABSTRACT

A method enabling the coiputation of cas-ade profiles from prescribed velocity distri-
butions in a relative system is presented. The optimisation of the velocity distribu-
tion to attain definite values in parameters such as turning angle, chord length or
profile thickness is also included. Comparisons between the inverse design methoi with
various analysis programs for cascades in both absolute and relative systems show good
agreement.

NOMENCLATURE

d profile thickness T pitch
h enthalpy w, W velocity-vector,-magnitude
H total enthalpy
h metric factor Bi2 up-, downstream angle
I cord length 3 stream angle
La Laval number A diverging angle of the stream-sheet
Ma Mach number (sin A = 3R/3m)
n arc length on s density

normal lines 3 co-ordinate function
R radius y stream function
s arc le-gth on 5 angular velocity

stream lines
t stream-sheet thickness f,m,z rotational co-ordinates

INTRODUCTION

High pressure ratios and mass flow rates are prerequisites to increase power density in
turbomachines. The resulting high velocities with steep gradients between suction and
pressure sides of the blades lead to supercritical flows with local supersonic regions.
To avoid losses due to boundary layer separation which frequently appears with shocks
in the decelerated region, a careful blade profiling is of utmost importance.

In the sonic region, small changes of the profile contour lead to large changes in the
velocity distribution thus making the well known analysis methods (e.g. /1,2,3/) labo-
rious due to the many iterations.

It is more effective to prescribe velocity distributions, which can be optimised by
boundary layer methods for low losses, and to use an inverse computation procedure that
delivers the appropriate profile contour. Only a few methods /4,5,6/ exist for tran-
sonic flows.

The following method, based on Schmidt /7,8/, solves this inverse problem for super-
critical cascades o icLational stream surfaces with variable sheet thickness in a
relative system. This extension should lead to a more accurate prediction of fluid
behaviour in highly loaded turbomachines.

GOVERNING EQUATIONS

The inverse design makes it feasable to obtain low profile losses without stronq
shocks, so the following equations for stationary, isentropic flows are valid to cal-
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0 continuity (1)

VR-V (h A! - " R' 0 energy()

This paper considers flows in a mean S,-plane /9/,
i.e. We assume rotational S planes of variable sheet

2, M thickness. If one observes the equation of motion in a
ii Brotational co-ordinate system (Fig.1) , it is obvious

that flows on rotational stream surfaces exist only in
flows that satisfy the simplified equation of motion

R (7aw)-42= 0 /10/.

l~ocal rototonal system a m
lobalrQ satiosa sys tem R,z

Figure 1; Co-ordinate systems

in ISGAV-R

TRANSPOR14ATION INTO THE COMPUTATION PLANE

In the stationary case, streamlines s and theit normals n can be used as co-ordinat'
lines. The stream function , is defined as a co-ordinate function on the normal lines,
with

dip - qt( ad) =pt W dn14

and a function Ton the streamlines

dip = h, ds 15'

with h, as a metric factor /11/. The tro-nsformation to this system on a rotational
s;tream surface with vim/Wu =tan(3) and sinll) )iR/,m lad: to the foi lowing set -f
equations:

h, 3 (R q t W) ~
R 9 t 

2  2
P 24

36 _ t 3 (CR W) 2wu sin)),)b
3yp R h, -Ty W hR

F Lows in1 t he absolIute system alIlow a potent ial I ith d~ W dis t o be d ~f anei f rom t le
equaticn of motion with -0, i.e. in potential flows, the metric factor simnplifies t

= W.

DETERMINATION OF THE METRIC FACTOR

The irthogonal oty of the 2. ,co-orii ate system can he used to 3etormin nt he netris-
factor hi. The curl =" ii in an orthogonal .',, system with i ( W0) canl he culciu-
lated using equations 9%4) and (5):

The equation of motion V O -2 lca ds tor

W ,-2w~3 2,o SknW I, [

Integrating on normal (in's constant results in

I( 7 w s' sC)

\ a,,j

As hi W is valid for the flows in an absolute System, it is used) as the condition for
the Cree integratioin e-nnetant hjU. S0 that hU(t=O) =Wu -
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COMPUTATIONAL EQUATION

By eliminating the stream angle 6 , the system of equations (6) can be reduced to the
final computational equation:

C W C +a2 n(w) ( 2 .. C n(W) 2 _C .n(W( C ,Cn(W _I ay((~ 2 2 c3 alp ~ -- )~ 2 3( 34 ay ay

C, - f(W, R,t, hl) i-1..7 (10)

For flows with constant stream sheet thickness and constant radius the introduction of
the logarithm in the differentials reduces the terms C5 to C7 to zero.

The type of this quasilinear partial differential equation of second order changes
according to the sign of C1 . It is elliptic for C, positive (Ma<i,0), hyperbolic for C,
negative (Ma>i,0), and parabolic for C1 t 0 (Ma=1,0). For the numerical solution of
this equation, finite differences are used. The adjustment to the different domains of
dependence occurs by type-dependent switching between the respective difference stars
/12/. The numerical treatment is given by the equation

c 1ri+C 2sl +C .' c3t 2+ t 2ul 11% + t stI + Coull

- p'i( Clri + C3tii C5tii) - + (Cr . * .3t 
+  

c tI,) = C7  fill

with r and t standing for the centered formulae of second- and first-order numerical
differentiation in flow direction, and s and u for the same normal to flow direction.
The switching factor is

= 0 for subsonic flow

a = I for supersonic flow
The solution of the difference equation is performed by successive line overrelaxation
(SLOR) /9/.

TRANSFORMATION INTO THE PHYSICAL PLANE

From the computed velocity field, the flow angles can be calculated by integrating the
continuity equation on normal lines and the equation of motion on streamlines.

f -h1 ain(p R w(

d- w  d (12)

I

To avoid numerical inaccuracies in determining the derivatives on normal lines at the
boundary, equation (13) is used only to compute the flow angle of the mean streamline.
From the mean stAeamline to the boundary the flow angle can be calculated by using
equation (12).

Analogously, using equations (4) and (5), the physical co-ordinates on streamlines can
be calculated with:

R d9- T dy d.n T dp
di.0

and on normal lines with:

Rd9 - zin~flSA dip d. - d,# (14)
qtWj J QtW

e 'P.0
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THE INVUSE DESIGN KETHOD

The inverse design method for rotational stream sheets (ISGAV-R) consists of two
modules.

- THE COMPUTATION MODULE
It is used to compute the channel geometry along the boundary streamlines of
the channel for a prescribed velocity distribution.

- THE OPTIMISATION MODULE
A prescribed velocity distribution does not necessarily lead to a profile
with desired parameters such as turning angle, pitch or profile thickness.
The optimisation module interprets the result of the computation module and
modifies the velocity distribution accordingly to achieve the desired para-
meter values by iteration.

For the frequent recalls of the computation
module in the optimisation stage, it is essential
that the computation time be minimized. Reducing
the number of mesh points is the simplest method.
The necessary correction at the stagnation point
is shown in reference /13/. As an example, Fig.2
depicts the computed isotachs (lines of constant
velocity) for a plane supercritical cascade com-
posed of a 21x140 main-grid with 3 additional
grades of local refinements in the stagnation
point region (solid lines) as compared to a solu-
tion of a computational grid comprising only 5x28
points (dotted)

Greater differences in the contours are observed
¢ompta.tio.no q,, only in the stagnation point region, the integral

5 , 28 point, values such as turning angle or pitch differing
-- 21 x 148 point. + t001 by less than 1.5%. The ratio of the computation

times is 54:1 at 8.8 CPU-seconds for the coarse
grid solution with the CONVEX Cl.

Figure 2: Comparison of the com-
puted velocity fields and contours
with a coarse grid (dotted) and a
fine grid with local refinements
at the stagnation point. (solid)

THE COMPUTATION MODULE

Fig.3 represents the flow chart of the computation module. The simple basic-algorithm
comprises of:

- Setting up of the computation grid in the ,i plane and of the boundary
values from the prescribed velocity distribution.

- Computation of the velocity fields by the SLOR procedure.

- Computation of stream-angle fields and of local co-ordinates by integrating
the velocity solution obtained above.

BOUNDARY CONDITIONS

In supercritical flows, it is generally not possible to predict if a certain prescribed
profile-velocity would lead to a convergent solution as it represents an "Ill-posed
problem" and thus a physical solution need not exist in this case. The non-elliptical
type of differential equation in transonic and supersonic areas allows computation of
the flow only in the domain of dependence. By completely prescribing the boundary
values along the profile contour and by determining the sonic line during the course of
the computation leads to the interaction between the elliptical subsonic differential
equation and the parabolic type at the sonic line and the hyperbolic type in the
supersonic field and thus to an overdetermination of the system of differential
equations. By a "bad" prescription, the differential equation system cannot be solved.
i.e. it leads to non-convergence of the numerical relaxation. A discontinuity in the
velocity occurs within the computation field which can be concluded to be a shock

If strong oscillating shocks appear in the field, the prescription of a weak shock on
the boundary with consideration of the Rankine-Hugonlot relation is the only alterna-
tive. Otherwise, a total change of the velocity distribution with lower maximum velo-
city and different distribution of the circulation over the blade depth is needed.
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Figure 3: Flow-chart of the computation module.
Homogeneous flow is assumed at the channel grid entrance and exit so that the pre-
scribed velocities could be set at the normals. The velocities must be periodic at the

suction and pressure sides of the entrance and exit regions of the streamlines. Their
distribution depends mainly on the profile nose form; in highly staggered cascades it
is additionally influenced by the area of maximum veloccty on the profile suction-side.
In the program, the accurate velocity distribution on the stagnation streamline is
computed iteratively by alternate computation between the main field and a transposedfield comprising the stagnation line /13/. The trailing edge stagnation point being
absent due to the wake and the velocity gradients being relatively weak, the distribu-
tion is less problematic downstream.

As the function of the axial co-ordinate z = f( ) is a result of the computation
itself, the transformation of the prescribed radius and stream sheet thickness along
the rotational ax s z has to be performed iteratively. Starting from an empirical pre-
set value, the geometry is determined, both fields then take on the new values of theaxial co-ordinates and the velocity field is solved again.This procedure is repeated
till the differences are within given limits of error.

4 ao d m(e7.i) 2 ao8 r +motr foctor Axium iteration occurs only when a rotorX rodiu, is computed in the relative system. The

cace withi on .te computation cyl, ustempridcta s welas te raus

X l X periodkcity transformation of the prescribed velocity in

integrating equation (5) to determine the~normal function . The suction side values
2ee If-0 can be integrated directly; the metric~factor h, of the pressure side streamline

being unknown in the beginning of the
soJle computation. During the relaxation procedure

the metric factor is determined anew
so- -28 0- iteratively according to equation (9). After

fitting the radius and stream sheet
ee thickness, the metric factors from the

9 3a-pressure side are used as new prescribed
reel facor ©clH values and the ,Oo-computation grid is then

2 - - ,t , .. -4.. ... 0m tl . . ' ete m ined anew . This iterative procedure is
|~ 11 '-- run till the maximum change in the metric

-.- nd ree , (CPU lee0 288 309 factor is within a certain error limit.

Figure 4t Convergence history of the Fia.4 shows the convergence history for a
maximum changes of the turning angle, computation cycle (5x81 mesh points) . The
radius, and metric factor for a rotor maximum change in the metric factor h,, the
cascade within one computation cycle. upstream periodicity, as Well as the radius

i for each solution of the velocity field
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within a computation run for a rotor cascade for Ma, = 0.8 is represented in this
diagram. Depicted in the left figure is the convergence history of the metric factor as
well as that of the radius within a cycle in adjusting the metric factor. If the
computation grid dimension remains constant during one iteration of the metric factor,
the radius and sheet thickness field values of the previous iteration are taken over as
starting values, resulting in a reduction of the computation time between the geometric
cycles. The convergence history of the metric factor as well as the upstream perio-
dicity for a complete computation cycle is shown in the right section of Fig.4.

The distance between the periodically transposed boundary streamlines in the upstream
region of the grid is defined as the upstream periodicity. In three periodicity-cycles,
the maximum difference in the periodicity lies within the convergence limit of 0.5%.
Due to the coarse computation grid used, a higher standard of accuracy is not
meaningful here.

THE OPTIMISATION MODULE

To obtain a profile with minimum energy losses, the design of cascades starts with the
development of the velocity prescription by a check on the state of the boundary laver.
For a complete design of a compressor or a turbine and the dynamic loads expected trom
them, further properties such as turning, profile thickness, length or cascade numbers
are stipulated. Therefore, it is generally necessary to modify the velocity prescrib-
tion to satisfy all prerequisites.

Fig.5 depicts the optimisation module in a flow chart. Based on a velocity prescrip-
tion, the necessary modifications due to the non-linearity of the computation equations
are performed iteratively. The built-in modification functions are developed in such a
way that the type of velocity distribution is maintained to a great extend, so as not
to influence the boundary layer too greatly.
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For torflatio yetarts with acntr the necessary circulation ton of teve-
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to determine the first integral in equation (15) . The adjustment between the turning
angle and circulation has therefore to be carried out simultaneously, At first the
profile arc length is varied to achieve the geometric periodicity of the wake. The
actual circulation necessary for the turning angle is calculated using equation (15).
The difference between the turning angles is a measure for the necessary modification
in the profile circulation. An exact adaptation is still not possible, as the variation

of the velocity yields a new geometry so that the
necessary circulation has to be determined iteratively.

La, = 8, 784 La, = 0. 52 If the differences in the turning angles and the pitch
= 133,8 T/I = 18 lie within given tolerance limits, the boundary layer

displacement thickness is then computed. The metal
profile is determined by subtraction from the calcu-

1.0 lated potential profile contour and the camber-line and
-- thickness distribution are then obtained. The minimum

Lo and maximum profile thickness is then testet for a
given profile range.

When all prescribed parameters are fulfilled, the fine
field computation Is started (FINE=l) , i.e. the ad-
justed velocity distribution is taken as the new pre-

- - scribed velocity for a second run in the optimisation
module, in which now all available local computation
grid refinements are included.

/3 A subsonic stator grid serves as an example for a
modification iteration. Fio.6 shows the velocity
distributions as well as the metal profiles. Through
the modification module, the prescribed velocity
distribution is varied so that the turning angle of the

result after modification (solid) new profile increases by 100, the pitch cord ratio
being constant and the maximum profile thickness lim-

prescription (dashed) ited to 8.4% (d/1). In spite of large increments in the

Figure 6: Comparison between grid parameters, the plateau type velocity distribution
prescription and the final is held constant (maximum velocity in the suction side
result (velocity above; at z 25% (x/l)) by the internal modification functions,

profile contour down) of the so that boundary layer separation does not occur in
modification cycle, spite of the higher maximum velocities.

Fiq.7 presents the conver-

66.e6 gence history for the turn-

% x turning angle ing angles and profile
6 thickness (1ix142 mesh -

+ pitch cord ratio points), the development
within the computation

46.6- A max. profile thickness cycles being not included.
The large difference in the

3e a- turning angle after the

first computation cycle

26.9 shows clearly that the wake
is not periodic as the
profile circulation of the
predicted velocity distrib-
ution has already been11 -------... -- - -- - --.! ---. adjusted. The desired

turning angle is achieved

in the successive iter-ations by contrarily
varying the arc length of

-26. ; the prescribed velocity
-. o_ computation cycles distribution on the pres-

sure and suction sides; the
circulation being held con-

- modification cycle stant. This variation leads
I 1 . 2S. .nevertheless through the- 56. 266. 366. 466. 566. 666.

seconds (CPU) consequent change of the
stagger-angle to an

Figure 7: Convergence history of the changes in percent- increase in the axial blade
age of the turning angle, pitch cord ratio and maximum length. The first computa-
profile thickness for a stator cascade within a modifi- tion of the profile thick-

cation cycle. ness shows an increase of
about 60% maximum
thickness. By decreasing

the mean velocity level the desired profile thickness is attained in two iterations.
The minimum influence on the turning angles and on the pitch by this modification can
be clearly seen. A simple damping algorithm is implemented to prevent overswinging of
the parameter during the modification cycle.



27-8

RESULTS
To verify the results of the inverse design method, comparative computations with ana-
lysis programs have been conducted.

La, - 0,870 La 2 - 0,615 Lo, =0.786 Lo2 =,52

P, = 142, 0' p= 122.1" P, = 133,00 = 100,00

is, - 1 15 t/l., = 1, 3 Os= 1 33 A= 300

29 see

.666 .566 a/I oo .oo 566 s/I I 666

inverse design (solid) inverse design (solid)
analysis (symbol) analysis (symbol)

Figure 8: Comparison between Figure 9: Comparison between
the inverse design and the inverse design and analysis
analysis method for a plan method for a stator cascade
supercritical cascade, with variable radius.

Fig.8 shows a plane supercritical cascade wiLh La, = 0.87 and a turning angle of 200.
To consider the increase of the side wall boundary layer, the sheet thickness between
the leading and trailing edges is reduced by 15%. The profile contour shows the poten-
tial profile attained by the inverse procedure. In the comparative computation, a
finite-flux element program (FFEM) /14/ solving the compressible potential equation is
utilised. Except for some differences in the leading edge area of thc pressure side and
in the local supersonic region there is very good agreement.

The profile contours shown in the subsequent figures have been produced by transforming
the profile data on an equivalent cylinderical stream sheet.

La, = 0. 721 Lo 2 = 0, 6-

P, = 142,5* P'= 110,01

Os.= 1. 5 , =25"

1.298_ n = 30 000 rpm

L 0 X.X

. 9 6X/ . o

soli)L

266.666 .i.. a/I 1.66

inverse desigs (solid) - O = 1
Onolysit (symbol)

Figure 10: Comparison between Filute 11: Stream surface
the inverse design and of a rotor cascade in
analysis method for a rotor the meridian plane.
cascade with variable radius.
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For flows on rotational stream surfaces, a time dependent finite volume computation
method with i modified McDonald program /15/, has been used for comparison. Fie.9 shows
the transformed profile contour of an inverse designed stator cascade. The cascade has
been designed for high subsonic flow with La, = 0.786 and a turning angle of 330. The
stream sheet has a mean divergence angle Am of 30-. Comparison between both methods
shows excellent agreement.

As n example for design in the
relative system, a rotor cascade with

La 0, 505 La 2 = 0 50 30 000 rpm was chosen. Fig.10 shows the
velocity distribution and the
transformed profile contour. Being a

125,5 #2 = 131,3 preliminary test, the profile form has
still not been optimised. The high

QSW= 3. 00 R2/R1 = 1 87 loads lead to a strong supercritical2 velocity distribution. The stream
surface represented in the meridiann 45 000 rpm plane in Fig.11 shows the shockfree
solution which can be identified
distinctly by the smooth development of
the sonic line as well as by the

R neighbouring lines of constant
velocity. This comparison has likewise
been computed with the modified
McDonald program. The deviation in the
supersonic region can be explained by

z the existence of a weak shock. The
pressure side shows good agreement.

The efficiency nf ', rver: Arn
method was testet on a radial com-
pressor with 45 000 rpm. The upper left
portion of Fig.12 shows the development
of the stream surface. The divergence
angle of the stream sheet at the
trailing edge has been restricted to
89.50 due to non-uniqueness of the
radius as a function of the axial
co-ordinate.M

The profile contour in the meridian
plane with its respective lines of
constant velocity is shown in the
bottom part of Fig.12. The thickness in
the front part of th- profile shows
that the velocity distribution needs to
be optimised.

Figure 12: Stream surface of a radial rotor

cascade in the meridian plane including the
development of the stream surface.

In our experience, the extended inverse design method is an effective procedure to
design highly loaded axial compressor cascades on rotational stream surfaces and could
also possibly be applied to radial compressors.
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DISCUSSION

N. KROLL, Ge

1) You talked about local refinements. Do you use adaptative flow lo-
cal refinements or do you prescribe regions in advance ?

2) The design problem is a non linear problem, and, I think, one pro-
blem of the method is to find a starting solution. Can you say something
about the robustness of your code concerning starting solution and also con-
cerning the pre-parameters in the design method ?

Author's Reply

1) Since we prescribe the velocity distribution, the critical ranges
within the computational grid are known in advance, so there is no need for
an adaption of the grid refinements.

2) The starting solution of the velocity field calculation is always a
linear interpolation between the prescribed boundary velocities. The only
free-parameters of our SLOR method .to solve the velocity field are the over-
relaxation parameters. We have one subsonic and one supersonic parameter with
linear slope in the sonic range.
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For the starting velocity distribution within the optimisation cycle
you car, use any distribution you want. In the design of supercritical casca-
des the crucial point is the interaction between the calculated sonic line
and the prescribed velocity distribution at the boundary. Therefore, if the
prescription at the profile contour does not match, a shock appears within
the flow field. But we have developed some methods to modify such velocity
distribution.

R.G. THOMPSON, US

My question concerns supersonic flow. Do you see applicability for the
method and the possibility to minimize the boundary layer blockage at the
throat ?

Author's Reply

The problem of supersonic flow upstream of the cascade lies in the
correct prescription of the bow wave which has severe influence on the velo-
city distribution of the usptream stagnation streamlines of a flow channel.
Therefore we calculated only flows with subsonic usptream velocities up to
now.

With the prescription of an "optimized" velocity distribution we try
to minimize the boundary layer thickness. Secondly we look for solutions
which are shockless or at least which have only weak shocks. If this is not
possible, we have to change the parameters of the cascade.

R.B. GINDER, UK

I)Which boundary layer calculation method do you use ?

2) In choosing your velocity distribution, do you aim for any particu-
lar type of boundary layer behaviour, e.g. is the boundary layer well
attached, or do you allow it to approach separation at some point on the
surface. Do you aim for any particular distribution of the shape parameterH ?

Author's Reply

1) The Rotta and the McNally codes are integrated in the method.

2) The only thing we look for is sufficient distance from separation.
If we have separation within the modification of the velocity distribution,
we just stop the calculation of the inverse design. We do not use inverse
boundary layer methods.
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INVESTIGATION OF DIHEDRAL EFFECTS IN
COMPRESSOR CASCADES

F.A.E. BREUGELMANS

von Karman Institute for Fluid Dynamics
B - 1640 Rhode Saint Gen4se - Belgium

ABSTRACT

An experimental investigation of the influence of blade dihedral on the secondary flow in a two dimen-
sional MACA 65-series compressor cascade is performed. Different inlet boundary layer thicknesses are used
on the endwalls.

Three different stacking lines have been chosen, namely a straight line inclined at 15*, 25' and 35',
a circular arc and an elliptic arc. The incidence range up to stall has been investigated and the local
and overall losses are compared. The obtuse angle between the blade suction surface and the endwall has a
beneficial effect on overall and secondary flow loss. Some limitations have to be accepted, depending on
boundary layer thickness and incidence.

NOMENCLATURE

AVR axial velocity ratio SUBSCRIPTS
8L reference inlet boundary layer
BL2 thickened inlet boundary layer o stagnation conditions
OF diffusion factor 1 inlet
P pressure 2 outlet
q dynamic pressure BL boundary layer
Re Reynolds number cl based on chord and inlet velocity
V velocity MS midspan
i incidence angle PROF profile
a angle of attack s spanwise with L=0

° 
as reference direction

U flow angle;ATAN (V/V ) sec secondary flow related
7 stagger angle in plani parallel to end wall T overall
y exit yaw angle-ATAN (V /Vx) x axial component
S* boundary layer thickne~s a pitchwise direction
6 boundary layer displacement thickness
A dihedral angle SUPERSCRIPTS
E sweep angle
0 boundary layer momentum thickness - pitchwise integrated
81 exit bank angle = ATAN (Vs/V) pitch- and spanwise integrated
o solidity tangent to camberline
* total pressure loss coefficient

INTRODUCTION

The annulus wall boundary layer build up from the blade end clearance effects, the boundary layer cen-
trifugation, skewing and the blade-to-blade pressure gradient producing a cross flow, yield the secondary
flow field. The accurate prediction of the detailed flow distribution is closely related to the secondary
problem. The type of vortex law chosen for a given meridional flow path produces the radial eouilihrium and
the positioning in space of the blade elements generates additional radial force components. The freedom
in choosing the stacking line, within the mechanical constraints, can introduce sweep and dihedral which
will exert a control on the secondary flow evolution.

The dihedral or lean angle effect on the radial equilibrium are discussed by Vavra [11 and Smith [2,
3] who showed that the effect on the radial pressure gradient is proportional to the tangent of the dihe-
dral angle. Smith discusses in detail the dihedral and sweep effects and advices on incidence angle and
solidity to be considered for the cascade. Novak [41 discusses the lean angle effect on a turbine nozzle
configuration in which a reversal of the spanwise distribution of the mean static pressure in the blade is
predicted with and without 100 lean angle. At the trailing edge plane, only a slight difference between
the two cases is observed since there the transverse pressure gradient becomes zero. The effect of fillet
geometry, studied by Debruge [51 included also the considerations of dihedral in the prediction of the
boundary layer development in the corner.,

Numerous experimental investigations of secondary flow development have been performed. Salvage [61
derived his conclusions on longitudinal and crosswise boundary layer development and on secondary flow
magnitude and distribution based on 43 different compressor cascade experiments. Dejc & Trojanowski [71
describe experiments in annular turbine nozzle cascade where positive and negative dihedral angles (A) of
+130 and -14

° 
produce large variation of the loss in the hub region. Other experiments with A=+20' to -20'

show a symmetric influence on tip and hub with an increase of the mid spa, loss. In this case, the model
has a small aspect ratio. It is mentioned that the meridional contouring has to be combined with leaning
the blades and this geometrical freedom provides a larger control on the degree of reaction. It is sugges-
ted to use a curved blade in order to obtain a beneficial effect at the root and tip radius. The experi-
ments are carried out on a curved blade with 0* dihedral at the tip. An improvement is observed over the
lower 2/3 of the span when compared to the radial blades. The aspect ratio and hub-tip ratio seem to be a
factor in the loss distribution, since they determine the relative importance of the secondary flow with
respect to main flow, as defined by the radial pressure gradient.

Breugelmens et al. (81 showed the important influence of the dihedral angle upon the cascade perfor-
mance at nominal incidence. Different inlet boundary layer thicknesses were investigated. The conclusion
was that a moderate dihedral of 15, forming an obtuse angle between blade suction and wall, yields an
important gain. This beneficial effect can be obtained on both blade extremities when a curved stacking
line is used. A circular arc one and and elliptic arc one are investigated from the point of view of
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overall and local losses but also the blade pressure distribution and blade midspan boundary layer evolu-
tion.

EXPERIMENTAL FACILITY AND INSTRUMENTATION

THE FACILITY

The experimental rig is the low speed cascade tunnel C-1 of the von Karman Institute. It is a contin-
uous flow facility with a rectangular cross section of 127x500 m (Fig. 1). A large centrifugal blower pumps
air into the settling chamber, equipped with screens. A large contraction guides the flow into the rectan-
gular duct towards the rectilinear cascade model.

The inlet duct is equipped with slots in the endwalls and with porous and deformable walls at the top
and bottom in order to remove the boundary layer build-up in and control the axial velocity ratio across
the cascade. However, suction through the slots is not applied and solid endwalls are used in order to
avoid any recirculation through porous walls for these tests.

The inlet velocity can be controlled by the continuous speed adjustment of the 18 KW DC blower. The
amount of suction, when applicable, can be controlled independently by valves in the piping to the 45 KW DC
suction blower. The inlet flow survey plane is fixed at 120 mm in front of the blade mid chord position,
the downstream surveys can be performed in the span- and pitchwise directions in planes parallel to the
blade trailing edges. Tho maximum air speed is 40 m/s and the tunnel of the non return type, discharging
into the atmosphere. Compressor and turbine cascades can be accommodated.

THE INSTRUMENTATION

The upstream flow field is measured with a directional probe of the NACA short prism type [9]. The
downstream surveys are performed with a multihead probe in which the total pressure sensing port is sepa-
rated from the directional ports by 20 mm. The probe is described in (8] and shown in Fig. 2.

The calibration curves are determined using the techniques of £9, 101 in which yaw, pitch, static and
dynamic coefficients are determined for yaw and pitch angle variation of ±30'. This calibration confirmed
the insensitivity to angular variations of the total pressure reading. The pressure tappings are connected
to strain gage pressure transducers, whose signal is amplified and stored on a magnetic tape using a micro-
processor controlled 8 channel data logger.

The blade surface boundary layer profiles are measured with a classical single hot wire mounted on a

0.1 mm step-by-step displacement carriadge.

THE CASCADE MODEL

The blades are NACA 65-12A,,-10 airfoils as described in [121 with a chord of 127 mm, solidity and
aspect ratio of unity, a stagger angle of 28.9

° 
and a nominal air inlet angle of 45' corresponding to an

incidence angle of -II when dihedril is zero. The straight blade cascade, the inclined and curved blade
model are shown in Fig. 3. The effect of dihedral is investigated for dihedral angles from 0' (reference)
to 35' [8]. Dihedral, or the blade not normal to the endwall, is introduced by rotation of the two dimen-
sional blade around the chordwise direction. This operation introduces a change of the incidence angle,
adds a slight sweep angle to the cascade model and modifies slightly the aspect ratio and solidity. The
incidence angle is corrected by a modification of the stagger angle according to :

tg(si-y) =O  A 'y A 8yAy = - ARCTG -- or
cosA 0. Reference 25

°
' -1.5'

15' -.5' 35' . -3.1'

TABLE I

The sweep angle, formed by the projection of the leading edge on an axial plane and the normal to the
endwall is eliminated by a rotation around an axis normal to the plane formed by leading edge and chord.
The 3SZ dihedral model and the sweep angle compensation are illustrated in Fig. 4. These rotation angles are
9.2', 14.90 and iJ.8' for the three values of the dihedral. The solidity increases from 1.0 (reference) to
1.01, 1.03 and 1.06 with an aspect variation from 1.0 (reference) to 1.02, 1.06 and 1.14 for the increasing
dihedral angle. The effective blade maximum thickness changes from 10%, 11.0% and 12.2% as well as the ef-
fective camber angle. These effects are not corrected for in the blade construction since two dimensional
blades are cast and the ends cut to fulfil the no-sweep requirement with a zero clearance fit at the endwalls,
127 mm apart.

The circular arc stacking lines formed an argle of +15', +25', +35' and -15' with the endwall, where
+150 means ar obtuse angle between blade suction surface and the wall. The elliptic arc stacking is chosen
to have a span of 127 mm and an angle of +25' with the wall. This circular stacking introduces a small amount
of sweep 9.20 of the leading edge of the blades and the sweep angle decreases from the wall towards the mid-
span position. The following definitions are used
f I5°S stacking along a straight line,
" ISCO stacking along a circular arc with the obtuse angle on the suction surface,
* 15*CA stacking along a circular arc with the acute angle on the suction surface.
" 15'EL stacking along an elliptic arc.

MEASUREMENTS AND DATA RLDUCTION

The measurements are performed In planes parallel to the cascade leading and trailing edge plane. The
inlet flow survey is performed at a plane 56 m axially in front of the leading edges; the inlet boundary
layer on both endwalls is measured with a boundary layer probe, which is exchanged for a NACA prism type
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measLred at 21 equally spaced traversing planes 10 mm axially downstream of the trailing edge. This distance
is ke~t constant for all spanwise measurements. Two inlet boundary layers are used : the naturally developed
one ane an artificially thickened one using triangular vortex generators fixed on the endwalls, 1 m upstream
of the Lentral blade. The boundary layer parameters on the endwall are given in table 1.

BL1 -BL2 BLi BL?'
Reference 7 n. Edge Reference 9 nu Edge

Straight Blades Vortex Generators Curved Blades Vortex Generators

6 18 mm 32 mm 27 mm 50 mm

6* 2.3 3.5 4.4 8.0

1 1.7 2.1 2.9 5.7

TABLE 1

Turbulence levels in the inlet plane at the midspan position of Tu=O.8% and 1.25% are measured for the two
inlet boundary layer thicknesses.

The local tutoi pressure loss coefficient and the downstream flow vector are obtained through the cali-
bration curves of the multiple head probe. Mass and area averaged quantities are calculated for each pitchwise
survey. The following procedure is used in defining these values : the average value, 7, of the parameter
X(se), a function of two variables, is given by

) ( X(s,q)W(s.f)dsde
X Si,

W(si)dsdl

where W(si) is a weighting function dependent, in general, upon the two spatial variables.A double bar
over a flow property indicates the results of averaging over the entire half plane of measurement. For s
equal to a constant, the equation degenerates into the furm

' X(s, ) WI 5,h)d

X(s) . . . . .

W(s,-)dA

Thus, a single bar (-) over a flow property indicates that the quantity results from pitchwise averaqing. The
spanwise position at which this average was made is indicated by Pither the nubscript MS if the midspan is
implied or by (s) if the spanwise position is arbitrary. For area averaging, the weiqhting function. W, is
given by : W 1 1; everywhere.

For mass flow averaging in incompressible flows : W(s,6)=rV(s.@)cosF(s,h), since density is constant and
where Vcos3 is the axial component of the velocity vector at (s,e). This procedure can now be applied to the
total pressure and flow angle by substitution of X through P2 and 62.

TOTAL PRESSURE LOSS COEFFICIENTS

The overall (or global) total pressure loss coefficient

(P1-)MS--- where (qi)MS is the dynamic head at midspan read on the upstream probe"T (q )MIS (P~o-o l)M .pr2

A local loss coefficient, .(s,f) may be defined as .(S'e) .... .

(q! I
Average results for 4sI)

s() pitchwie int-rite ld Coeflj ,4-_

(qj)MS

Loss in total pressure attributed to secondary flow is here defined as follows : e= T
1 

S) -BL
1 

S) , where

BL(s) is the loss measured at the same plane due to the boundary layer

In the same way ; wsec 'T-'BL.

O'JTLET FLOW ANGLE AVERAGING

Two types 0. outlet flow angle are encountered

82 local

2 pltchwise mass average, obtained with the above described method.
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EXPERIMENTAL RESULTS

All experiments are performed at an inlet Reynolds number of Re=2.lxlO5. The inlet flow uniformity is
checked for three passages in the center of the cascade. Adjustments can be made only by the upper and lower
walls since no suction is applied in this investigation. The downstream traverses explore the central passage
while allowing for a suitable overlap due to the physical separation of the probe total pressure point from
the others.

The influence of two different inlet boundary layers, BLI and BL2, on the cascade performace is invest-
igated from nominal to stall incidence angle. Four different stacking lines are considered, i.e., the refer-
ence zero dihedral, the 150 dihedral with straight stacking line (15'S, the circular arc stacking line (15°C0)
and the elliptic arc stacking line. A limited number of experiments are performed with 15°CA and 25°C0 stack-
ing lines. The discussion will be limited to the total pressure losses in these different configurations.

The inlet total pressure loss due to the boundary layers BLI and BL2 is presented in figure 5.

TOTAL PRESSURE LOSSES FOR STRAIGHT AND INCLINED BLADES

The total pressure loss coefficient (.) contours for the 0' and 15* dihedral with the reference and ar-
tificially thickened inlet boundary layer are shown in figure 6. The aspect'ratio is exagerated in the plot-
tings due to the different scale factors for the span- and pitchwise directions. The accumulation of losses
in the suction surface endwall corners are shown, and slight difference are caused by the non identical inlet
boundary layer on the left and right hand side (00 dihedral). A small amount of dihedral (15') produces a
sufficient spanwise pressure gradient to suppress almost completely the development of a large loss zone in
the larger corner. The losses along the endwall, between two successive blades, equal the inlet boundary layer
loss on the right hand endwall when excluding the blade wakes. On the opposite wall, a large secondary flow
loss zone develops, spreading out to midspan and covering 100% of the pitch at the endwall for 35 dihedral
case as reported in the references.

The pitchwise integrated loss valvjes are compared in figure 7 on which the inlet boundary layer loss
profile is also shown. The difference is caused by the secondary flow development through the blading. The
application of dihedral changes this spanwise distribution in an important manner. Very quickly, a doubling
of losses occurs on the acute angle side while one approaches the inlet loss distribution on the right hand
side for 15' to 350 dihedral. The losses at 25' dihedral reached a level where the inlet boundary layer ef-
fect does not modify the distribution and the high losses region occupies 25% of the area.

The overall loss is compared in figure 8 to the 0* dihedral configuration, using the left and right hand
side of the blade span. The overall losses are rapidly reduced on the half span with the obtuse corner and
this at moderate dihedral angles for both inlet boundary layer thicknesses. The blade half span with the
acute corner demonstrates a sharp increase in loss with respect to the reference case as shown and the bene-
ficial effect cannot compensate the detrimental evolution on the opposite endwall.

The diffusion factor, OF, is calculated at the spanwise minimum loss position using the expression

V2  VvK-Vo2
DF 1 - v- + V

where the inlet midspan velocity and the pitchwise averaged outlet velocity components are used. The axial
velocity ratio is calculated using the pitchwise averaged velocity component Vx2. The DF increases from 0.29
(A=O) to 0.33 (,=350) and AVR from 1.15 to 1.19 for the reference inlet boundary layer case. A lower OF of
0.24 and higher AVR 1.21 is observed for the artificially thickened inlet boundary layer.

The secondary loss is that part of the total loss which is not present in the inlet wall boundary layer
and in the midspan blade wake, under the assumption that the sidewall flows have not merged over the blade
suction surface. The inlet boundary layer profiles are shown in figure 5, together with the pitchwise aver-
aged total pressure losses. The secondary loss (Fig. 7) is reduced already by almost 50% for a moderate di-
hedral of 15' and little or no benefit is obtained on the obtuse angle side of the cascade model for a further
increase in dihedral. The large increase in secondary loss on the opposite side is strongly dependent on in-
let boundary layer thickness and dihedral as shown. The evolution towards a limit loss level, as for the total
loss, seems to occur.

TOTAL PRESSURE LOSS CONTOURS FOR THE CURvrn RADES

The results of the experiments on an inclined blade demonstrated the improvement of the flow conditions
in the obtuse corner. A beneficiil effect on both endwalls can be obtained by applying a curved stacking
line of 30* camber. In a preliminary series of tests a C-7 blade of 450 camber was used. The total pressure
distribution is shown in figure g and the most striking feature is the wake thickening at the midspan position.
The streamtube divergence, due to dihedral, causes an additional diffusion in this high turning cascade and
any beneficial effects in the endwall region may be cancelled by the increased midspan losses. A systematic
investigation is started with different curvedStacking lines and the influence of incidence angle is included.

A selection is made for the presentation of the losses in the exit plane. The thick inlet boundary layer
case with the reference, 15* dihedral straight and 15' dihedral curved stacking cascade model has been chosen
for the inlet flow angles of 45, 50 and 55. The cascade aspect ratio of unity is modified in the plottings
due to the different scale factors in the span- and pitchwlse directions. The location of two blade wakes
can easily be observed as well as the 15* inclination or curvature of the trailing edge, with the suct on
surface pointing downwards. The accumulation of the losses in the suction surface endwall corners are shown
and the differences between left and right hand side, for the symmetrical models, are caused by the presence
of inlet Instrumentation ports.

A small amount of dihedral (15') prevents the thick inlet boundary layer to grow into a large secondary
--- 1 ----. _ - . .th- .,..+. --,.n - .lf+ c.4d. .. i-~r*ttfAl 0*.*FCn f
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the i.sses is obarved. A very thick wake over the entire span occurs at a=S55. The observations of [81 are
confirmed for the minimum loss incidence.

The curved stacking (1S'CO) model shows higher losses and thicker wakes at the midspan location due to
the local streamtube divergence t s jgh the cascade under the influence of the transverse component of the
blade forces. The flow separation over the entire span at oj=55' is delayed as can be observed in figure 10,
but a local separation around the midspan is measured. Further comparisons, using local and averaged data,
are made in the following paragraphs.

MIDSPAN LOSSES

The midspan losses are presented in function of the inlet flow angle el to the different cascade models,
the different inlet boundary layers BLI and BL2 being the parameters (Fig. 11).

The NACA two dimensional minimum loss value is confirmed for the reference boundary layer, while a three
times higher minimum loss occurs for 9L2. The operating range, defined by twice the minimum loss, is limited
to Bi=S2' and 54' for BLI and BL2 respectively. The axial velocity ratio AVR is 1.0 (BLI) and 1.04 (BL?) at
the midspan minimum loss point, with an increase to 1.13 (BLi) and l.OP (BL?) at stall conditions.

The effect of dihedral in the case of a straight stacking (15'S) is observed at the midspar location.
The beneficial effect of the obtuse corner shows up in the lower losses but stall occurs in a more abrupt way
and the losses at midspan are higher than for the reference cascade in the case BLI.

The midspan loss for the curved stacking case 15'CO has a different evolution for BLI and BL?. The losses
are the same as the reference cascade for BLI, but an important improvement is observed at the positive in-
cidence angles when a thick inlet boundary layer, 6h2, is present. The incidence range is seriously reduced
for the negative incidence angles

The midspan losses for the 25'EL model are lower than for iSCO at moderate incidence angles. The rate
of change is much larger when approaching the stall conditions.

A comparison of the reference model with the 15'CO model shows that the AVR is lower and the diffusion
factor higher for the midspan section of the curved stacking. The discrepancy is largest for the case BLI and
occurs in the positive incidence range. This indicates a streamtube divergence due to the spanwise component
of the blade force (Fig. 12).

EFFECT OF INCIDENCE ON ENOWALL LOSSES

The beneficial effect of an obtuse angle, obtained by the dihedral, between blade suction surface and
endwall has been demonstrated. A comparison can be made of the local pitchwise averaged total pressure loss
distribution for the reference, 15'S and 15CO model with the two different inlet boundary layers, BLI and
BL2. The figures illustrate the artificially thickened boundary layer case in the different cascade models.

The incidence effect on the endwall losses in combination with 15' dihedral is shown in figures 13a-b.
The comparison of the reference and 15'S model shows that over the last 25% of the blade span, losses increase
rapidly and are incidence angle dependent. The positive effect of 15' dihedral in the obtuse corner is ob-
served for the reference and artificially thickened boundary layer of the minimum loss and moderate positive
incidence angles (81=50'). The beneficial action of dihedral is lost at high incidence angle (2:'55; for
the case of ELI. Only in the c.se of the thicker inlet boundary layer, a positive result may be expected
(Fig. 13a).

A similar comparison is shown for the 15' curved stacking model (15'CO). The influence on the endwall
loss distribution is marginal or negative at 61=45'. A positive trend can be detected between l:-50 to 52"
for the thick inlet boundary layer, the stall at high incidence angles (e1=55' ... 57'5) is worse than in
the reference cascade model. The additional diffusion of the midspan streamtube is now (model 15CO) domiiat-
ing the entire separated flow (Fig. l3b).

SPANWISE AVERAGED LOSSES (Fig. 14a-b)

The different models are compared on the basis of the spanwise averaged losses over 50Q of the span and
considering only tl' obtuse angle side. The increase in the secondary loss, !SEC='--BL

, 
is observed for higher

inlet flow angles in the case of the reference cascade model. The evolution is the same for the two inlet
boundary layers, BLI and BL2.

The 15'S cascade model demonstrates a decrease of the secondary flow losses, the endwall flow is strongly
influenced in the obtuse corner and the losses are smaller than the ones in the inlet plane to the cascade in
the case of PL2. An abrupt increase is obuerved at an inlet flow angle o' 51'. The improvement mentioned in
18I is confirmed and, when compared to the reference cascade, extends over a limited incidence range (-7<)
for BL and over the total range up to stall for the BL2 inlet boundary layer.

The curved stacking model, 15CO, does not provide an improvement for the reference inlet boundary layer
BLI. A remarkable reduction of the losses is obtained in the range from +6' incidence angle towards stalls;

zero and negative incidences should be avoided due to the large losses in case of a thick inlet boundary
layer BL2.

A comparative test has been performed with a i5'CA cascade model and the averaged spanwise losses for
the case BLI are given in table 2. This demonstrated clearly the positive and negative dihedral effect and
no further investigations have been made with this cascade model, forming an acute angle between suction
surface and endwall.



28-6

61 []15oc0 15-CA

45 10.5% 14.5%

50 12 % 21.5%

55 15% 26 %

TABLE 2

The elliptic stacking line demonstrated identical overall losses as the circular one (Fig. 14a). A sub-
stantial improvement can be observed at moderate incidence angles. The stall occurs at 91 incidence angle
(Fig. 14b).

BLADE PRESSURE DISTRIBUTION - BOUNDARY LAYER EVOLUTION

The blade pressure dist-ibution has been measured at 4%, 12,5%, 30% and 50% of the span. A comparison
will be made between the reference blade (a=O) and the elliptic stacking line model for the reference and
artificially thickened inlet boundary layer in Figs. 15a, b.

The increased loading at 50% chord, and midspan is observed as well as the unloading near the endwalls
for the 25'EL cascade (Figs. 15a) at 450 inlet flow angle.

At the higher inlet flow angle of 50' and the artificially thickened inlet boundary layer, one can obser-
ve a plateau pressure over the whole span for A=O'. This is a local separation and does not exist for the
25°EL model (Fig. 15b) as was shown by oil flow visualization.

The evolution of the boundary layer thickness for the reference blade t=0 and the elliptic stacking
A=25'EL is shown in Fig. 16, from the 50% to 90% chord position. Different inlet flow angles have been used
for these midspan surveys. The appearance of a separation bubble is observed as well as its upstream motion
for increasing inlet angles (A=O'). The large increase of the midspan boundary layer thickness in the case
A=25'EL is demonstrated.

CONCLUSION

Four different stacking of a NACA-65 series blade section are investigated in a cascade arrangement with
two different inlet boundary layers. The inlet flow angle range covered is 3,=40' to 57.5'.

The 150 dihedral stacking along a straight line shows an improvement in the total pressure losses for the
two inlet boundary layer thicknesses. An abrupt increase of the loss occurs near the stalling inlet angle where
a decrease of the loss is only observed for the thick inlet boundary layer.

The effect of a 150 dihedral stacking along an arc of a circle fades out towards the midspan position
where an increased diffusion is observed due to the streamtube divergence. No difference is observed with the
reference cascade model in the case of the reference inlet boundary layer. A remarkable improvement of the
spanwise averaged losses is obtained for medium to stalling incidence angles when a thick inlet boundary layer
is present.

A moderate amount of dihedral (15') correctly applied can improve the flow in the endwall region in con-
ditions such as occurring in multistage compressors.
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DISCUSSION

J. HOURMOUZIADIS, Ge

Thank you very much for such a magnitude of useful information, Pro-
fessor Breugelmans. I would like to comment firstly ; your experience agrees
perfectly well with our experience on low pressure turbines.

You showed that loss increases at mid-span with the thicker boundary
layer for the curved blade, at negative incidence which indicates that you
must have some kind of a laminar separation. Do you have an explanation why
this happens with thicker boundary layer only ?

Author's Reply

Usually, if you incorporate beneficial effect, you will see the posi-
tive result much easier if you have very durty flow coming in, namely in our
case a very thick boundary layer. And that there is why we are doing a lot
of effort to get very thick wall boundary layer and a lot ofsecondary flow.

Now, if you see on the vectors at mid-stream for the curved blades,
they may seem to diverge and that of course puts additional diffusion on it.
Now, do not forget the Reynolds number of the test we run is low speed and
it is 200 000, so certainly air profiles sit there where transition is mo-
ving back and forth. That's probably the reason why we have, at 50-51 de-
grees for the reference blade, a circulating bubble very good visible with
flow visualisation on the surface, as it moves up. This disappears if you
put in the beginning, due to side blade force, an additional diffusion.

J. HOURMOUZIADIS, Ge

My second question is on the effect of leaned and curved blades. We
have been doing that now for several years in our production turbines and
our impression is that the primary effect on long blades is the rearrange-
ment of the two-dimensional loading of the profile. In fact, we have not been
able to identify any significant effect on secondary losses. Have you been
able to separate two-dimensional losses from secondary losses ?

Author's Reply

Not entirely. You could do this by looking at the mid-span loss. The
mid-span losses are not 2D losses because they are much too high. We have
aspect ratio of 1 with 30 % boundary layer coming in, on both sides. This is
completely different situation than in a turbine with a much long aspect
ratio. Secondly, this is a compressor cascade, so pressure gradient and so
on, are opposite to what we have in turbine. That is probably the reason why
it is harder to see it in turbine,where you expand the flow sufficiently and
where it is very hard to measure any boundary layer at the outlet.

K.D. PAPAILLIOU, Gr

I would name two possible sources for improvement or disprovement of
secondary losses in the measurements that you have presented. One is the me-
chanism that creates the rolling up of the vortex, so acting directly on the
secondary loss. The other would be the transport of material that has been
lost somewhere and goes elsewhere discharging localy the blade and, not enti-
rely in fact, but indirectly improving localy the performance o. the blade.
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However, this lost material is going elsewhere and it is the total effect
which we have to look at.

Could you comment on this two mechanism in order to explain what is

your feeling about the improvement of designing, in this direction ?

Author's Reply

Comment is : we have to wait a few more years. That is exactly the
test under way now, using rotating hot wires to get the fluctuating compo-
nents and hoping to find the vortex in the corner and how it moves. May be
we have the answer in two years.

H. WEYER, NI

Please, comment on the effects of spanwise contraction (AVDR) on
losses, in particular what is the reason of increased loss of the plane cas-
cade with thickened boundary layer ?

Author's Reply

The axial velocity density variation is 8 or 10 %, I believe. The in-
creased loss iS due to the aspect ratio of 1 and to the 30 % boundary layer,
on both sides.

L. FOTTNER, Ge

Should one take into account the incidence according to the boundary
layers by making the camber different near the wall ?

Author's Reply

That is something you certainly should do in a machine because the lo-
cal high entropy at the ends. For a high speed machine, when you have a very
narrow incidence range, you must adapt the leading edge to the local flow
and that is the all story of the end-bend and the 3D design. That is just
following the flow and not hoping the flow will follow the blades.
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ETUDE Pl.ENOEwLOCGWE DlU FLOTTEbDIT DE BLOCAGE SLtik LA BASE
DES RESULIATS OLN4E Tl-EORE LII'ARISEE

par Pascal FERRANDU
Laborstoire do Mdcanique des Fluldes - ECX)LE CENTRALE DE LYON (E.C.L.)

B.P. 163 - 69131 ECULLY CEDEX - FRANCE

RESUE

Le flottemant do blocage se prodult stir des radresseure fonctionnant an Incidence ndgative svac un col sonique
procha da l'antrde dui cartel interaube sulvi dfun choc drolt. Lina moddlisation monodimansionnalla des les cansux
Intersubeseat bidlmanslonnelle hors grille a dtd ddveloppda da tells sorts qull solt aiad de menar una 6tude veristionnalle
des diffirenta parambtres. Los risultats sont bads our Vexpdrianca do TANIOA et SAITO. Line dtuda phinomdnotogique
eat slnsl prdsentde, centrde our Is miss en didance des dipendances dui gradiant de vitesse longitudinal statlonnaita et
dui mouvement du choc. Los rdoultats obtenus ne sont pas contradictoiras avac dsautres rsoltats publids mais remattant
an cause ]a intarpritations qul y sont ssocides. 11 appealt, par example, qua Ie mouvernant dui choc eat tributaire des
fluctuations qul se diveloppent dana Is zone smont so choc slots qua Is contribution dui domainseaval taste moddrda. Cas
rdsultats montrent pour Is premlibre tale comment agir adrodynamliquament pour limitar lea risquas de fiottemant.

PARAM~ETRIC STUDY OF C-HOKE FLUJTTER WITH A UWEAR THEORY

ABSTRACT

The choke flutter problem arise In the stator, the incidence is slightly negative and the inlet Mach number is
subsonic. A one-dimensional unsteady approach is used in blade channel and out of the cscade, tha equations describe
the unsteady two dimensional periodical flow field. The results ae compared to experimental data from TANIDA et
SAITO tests. A parametric study has been developped to understand the influence of statiovnery velocity gradien,. and
shock wave movement. The results obtained dont contradict with each other but give different explanation. For
example, its means that the shock wave movement depends highly of upstream perturbations but weakly of downstream
flow. For the first time, these results point out the possibilities to limit the choke flutter domain.

1. INTROCUJCTICN

La flottement de blocags apparatt ii rdgime partial at hi fort ddbit (figure A), principalement sur des redresseurs
ddtages intermildilres de comptesseurs. Lin, flottament en configuration bioqude pout aussi se prodtire air turbine, mais
Ia structure de 1'dcoulement diffiire de celia ddcrite.
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Lee Incidences sont faibles ou mimne n~gatives. Les nombres de Mach amont et aval sont subsoniques. Le canal eat
iraversE par un col pule par un choc droit situil, 96n~raement, entre Is quart et La mi-corde. 11 existe ur, couplage
intersube, lea aubes vibrant en flexion ou en torsion. On attri~ue g~ndralement cc flottement au mouvoment du choc ;
linfluence des atfets viaquoux West pas d~termindE. Les mdcaniames d'apparition do cc type do flottement sont
m~connus, tr~s peu do recherches syant dtd etfoctudea our cc problbme.

* Notre objectif eat dlutllssr une thiorlo repr~seontative du flott-mont do blocage III pour analyser lea causes
d'apparition do co phdnomhne dens une configuration ausal simple quo possible. La m~thode syant dtO vaLid~e 12( & partir
do L'expirience do TANIDA 0t SAITO 131, c'est air cette configuration quo nous diveLopperona notre 6tude.

2. RAPPEL DES H-YPOTH-ESES DE LA MEl-ODE

L'amplitude des mouvements vibratoires des auibes Is Lapprocho du flottemont oat auffisamment foible pour qu'uns
thdorie lInarsede pulses Otre appliqu~e. L-1coulement oat adpar6 en huit zones (not~es do A h H) comme dMini figure B.

Cal

is sia osii e t

Figure 0: Domeine de celcul

Dana les zones A at H (hors grille), lHcoulement oat supposE bidimensionnel compressible subsonique. St
Flicoulement moyan pout Atre consid&rE constant, des solutions enalytiquos pouvont 6tre obtonues 141. Lea pdriodicit6!
spatisios (suivant is circonfirence) et temporelles sont s~psr~es en eppliquant une d~composition en s~rie
triqonomdtrique pour Is prernibre direction ( 6 ) at une d~composition on erie complexe pour Is seconds (t).

Les zones Internee aux census interoube sont s~partes par le col et le choc. Dane toutos ces zones (do B A G),
l16coulement eat suppood monodimonsionnel compressible. Los effets visqueux sont prisaon compte per un caicul couplE
dcoulomont sain -couche limite Inatationnaire, Ileffet do cotto derni~re Rtant introduit par un apport do d~bit. Lea
mouvomnents vibratoires des subes provoquont des 6volutions do sections instationnaires qui sont introduites commo des
termos sources.

Lee conditions d'dcouloments bidimensionnels hors grille ot le ddphasaes ontre cheque aube imposent un caicul air
dous census adjaconts gui oncedront une aube do rdf~renco. Coast sur celle-ci quo seront ddtormin~es los r~partitions do
pression intredr'a-extradoo sprbs evoir imposE uno condition air Ilangle instationneire do sortie pour rdsoudr-e Is systbrme.

La structure do Ia mdthods (sous forms do matrices ds trensfert) eat tolle qu'il oat possible d'analysor lint luenco
dun parambtre inddpendamment des eutres. Coest cotto particularitd gui est utiliode dens is pr~sente Etude pour essyer
deonalyser los causes d'eppsritlon d&. flottement do biocege.

3. C0FOIGUATION A'IALYSEE

TANIDA at SAITO 131 ont Oesyd do simuler [a flottomont de blocaqo roncontr4 on turbomnachine on plaqant une seuls
aube so milieu dun csnal A parole peallbles (figure C).

Lasube et un profl symiltrlque h double arc do cercie. Las cords et do 50 mm ot lipaoisseur relative do 0,1. Les
parole no writ peas profildes, ce gui conetitue dous canaix lmitils par doux parole (le pro? i at Is parol extdriours) non
sym~triquos. Le pas relatif pout varier do 1,5 Js 0,25 ; n~anmolns, lee principals exp~riences sot RdE effoctuiss pour Is
plus petit pes relatif.
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La profit pout owcllar on rotation autour de Ia ml-
cordepowrun frdquenc de60 Hz ou de100Hz, cequi
donne des frdquences rddultes foibles (Inf~rieures 4 0.10). -20..
Llemplitude de l'oscilatlon 6A eat de plus oti mains 0.50.

Figure Cs Escprience TANIDA at SAITO

On edmet qua Iloscllction do ca prof it loold entra deux parols fixes schdrmatlse un flottement prdsentant un
ddphasege Inteaube de 180 degrds. En effet, pour une position Instantande du profit, en un point d'un canal, Is section du
canal sera minimal. store qua Ie point homologue do Ilautre canal prdsenters uns section maxlmele. Done, dlun point de
vue 6volution des sections, cette expdrience raprodult bien Is structure d'un flottament en opposition do phase. Par
contre, cette opposition de phase qui s ratrouve stir grille rdelle entre deux positiona instantandes do daux stles
Ilmitrophes, 'existe pas dana cette expdrience du falt do rimmobllitd des parole. Catte diffdrence so traduit
ndcaasalremant par un. structure do ldcouiament Instationnaire hors grille diffdrante.

Las configurations enalysdas se rdfbrant h des conditions axpdrimentales repdrdes par Ia rapport do pression
statique do sortie & prassion totals d'antrde (Ps/PT) pour un pas relatif do 0,25 at un. frdquence de 100 Hz.

La figure 1 montra l'dvolution comparde thdorie - expdrience do Is partia imagineire do coefficient do moment
normalisda par Ia produit do Is pression dynamique at do l'angla do torsion J-1 . L-1coulement at akbsonlqua pour un
rapport do prassion oupdriaur & 0,74 at transonique en deqh, Is plus foible valeur correspondent h una onda do choc procha
do bord do fuite.

Las donndes statlonnaires utliades sont calls@ ralaydes expdrlmentalement. L'sccord at bon, compta tanti do Is
dispersion des rdsultats expdrlmentaux, seuf doe Is zone assonique obi, pour toutas lea configurations 6tuddeas, Is velour
thdorique 6talt trap ndgative.

La flottament apparalt loreque Is pertia imaginaira do coefficient do moment (Im (Cm)) at positive. On coristate
qua In pr~dIction do passage stable - Instable eat correct.

4.ErTUDE PlJ OQGLAE

Nous sulns assayer do comprendre ce qul conditionna Ia changemant do signs de i(Cm) en Etudlant l'Evolution do
Is pertie Imaginaire do coefficient do preselon statique (Im(KPS)) Is long do Is corda at ce pour diffdrants points do
fonctionnement.

Compte-tenti do mouivemant do torsion sutour do Is mi-cord., Ia partia imagineire lm(PS) at stabilisanta
iorsqu'elle sat n~gative Ia long do La premnibre demi-corda at positive Is long do Is second. moltid.

L'E6tude cuivante a 6td mende pour daux pas relatifs (13,25 at 0,3,U), un mouvament vibratoire et doux frdquances
(60 Hz at 100 Hz). L'Ecart do frdquence nlayant pas felt a,,parettra do dIffdrences significative., seuis las rdauitats
obtenus pour Is friquanca Is plus dlevde sent prdsentds. 11 at h noter, ndanmoins, qua pour catte frdquence,
pratiquement souls los aeffate visquaix statlonnairas Influencent. Ia flottament atore qua pour des friquences do l'ordre do
1 000 Hz (frdquence rdote do Ilordre de luniti), Ia contribution des couches limites instetionneires deviant important.
151.

4.1. RMe dee grediernt longlitudinaux do vitasse atationnaire le long du profit

11 eat intdressent do comparer la volutions Is long do In cords do Ia ddrivde logarlthmlque do Is vitesse
stationnaire (notde OU/U) (figures 2,4,6) at do irn(PS) (figures 3,5,7). Cas dernlbres figures ddcrivent 116volution do Ilm(PS)
Ia long do Is cord. our Ilextredos at lPintradoe, ce qul correspond en felt h Is ligne moyanne du canal rtjorriur at
infdrleur do lauba do r~fdrence. Dens la ccc 6tudids, correspondent h Ilexpdrience, las mouvemaents dtent en opposition
do phase, les velours do Im(KPS) sont dgalas en module main do signs opposE. Le celcul do coefficient do moment
s'effectuant h partir do Is diffdrence extrados mains intrados, clest cette demuire courbe (en trait contini) qua nous
snalysons dens Is sits do cat article.

Pour Is premier point transonique (rapport 0,710), quelques oscillations eppealasent our Ia gradient - vitasse
(figure 2), sans douta provoqudes par l'imprdcision des donndes. La gradient prdsente tin minimum aui col (aitui an 0,45)
suivi d'una augmentation do lsmccoildration dens Ia pertie supersonique. Lldvolutlon correspondents do Im(KPS) (figure 3) at
conctants dens Is premibre partie (evac un. trbs Idghre boss. ou quart do Is cord@), puts croft (en veleur ndgative)
jusqulau col avant do d~croitre jusqueau choc, cec gi donna siore tin. Evolution inversoe. par rapport o, gradient do
vitesse. On petit rcmarquer 6 Ilavel do choc un. d~c~ldration delv~e qul se tradolt par .si fort amortisment do Is
proselon Instetionnaire.

Pour un rapport do prassion do 0.642 (choc plus racuid), lee Evolutions do DUj/U (figure 4) et do Imn(PS) (figure 5)
*ant l1girement diffdrentas dui point prdcdent & level doi cal. Aprbe Is col, on observe un. augmentation plus brutal@ do
raccdldratan ejivie d'une lIgire diminution puts drune d~c~ldration justo & flcmant. du choc. A I'svai do celul-ci, Is
ddecllrotion eat foile at so stabilise outour d'un velour do DU/U do 0.36. La partle Imeginalre Im(PS) eat identique au
point prdcfdant )uaquu col. Par contra, ela diffbre den. Is zone asersonique. Apr~s Is cal, I. module dic. tt plus
rapidement (cc gui correspond h flccroiscmeont plus rapid. do flccilldration) puts continue do dicroftra mals plus
moddrftmnt )usqb recroltra ldgirement au point prdcddent I. chac at gui "idit, lull tin. ddedlration. Apria Is choc, Is
module rests pratiquemnt constant. Mualitativement, on observe done blen un lien antra r'dvolution do Is partie
imagInsire doi coefficient do pression at Is logarithms do gradient do vitesas longitudinal, exclusion felts do Io travers~o
du choc (cells-cl sem Otudie plus loin).
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L'enalyse dui point de fonctionnement prisentent un rapport de pression statique & totale de 0.594 confirms lea
mimne. tendances. Ln. forte augmentation de J'acciliration (figure 6) dens ta partie supersonique suivie d'une trbs lIgbre
ddcdldrton h l'amont dui choc engendre une diminution continue, mais pas bnutale, du module de WmPs) (figure 7)
juuaeu chma. A Ileval de celul-ci, l'icoulement accilbre avac un maximum entre Ia choc et Ie bard de fulte, ce qui s
tradult per urn augmentation continue dui module de WmPS).

Leg ddrlvies de Ilicoulemant stationnaire sont calculdes dens cheque zone (figure B) en considirant cheque limite
do zone comma urn frontlhre, done en dicontrant, en amont ou en oal, lee points limitrophes. Pour un point courant, leo
divdea sont nalculdes au quatrime ordra :

Zx% .4JAL
Pour Ie point prdcddent, Is frontibre (aval dens ce coo), Ia formula suivante et applique:

Et h [a frontibro

Lino impricision apparaft au nivoau du col puisque cehul-ci Nest qu'une frontibre fictive. Lerrour introduits eat bien Sur
d'autant plus Importonte quo Is nombre do points de discnitisation eat foible.

En calculant des ddrivies centrdas h travers Ie col, on obtiont pour Is point 0.642, Ia courbe on pointilld prdsentde
figure 4. Compte tenu du foible nombre de points (21 our Is cards), un 6cart Important apparaft puisque Ie point
pricidant Is col prdsente urn point dlaeiliration at non un creux. Les risultats do Is partie imaginairo de Ia pression
sont illuatris figure 8. Cotta modification so traduit stir lm(PS) par urn valour plus foible du module au bard d'attaque (de
l'ordrs de 20 %) ot surtout par urn forte diminution locale au point prisentant Is plus forte accdldraton (prts du col).
Darns Ia zone auporsonique, flacciiration diminue eantindment, ce qui s traduit par un Idgor accroisament du module do
ImPS). La sanaibiliti do Is partie imaginairo dui coefficient de pression au gradient do vitesse prbs du cal oat donc
dvidenta.

La figure 9 parmot do mioux s rendre campte do Ia corrospondence entre OU/U et lm(PS). Cette analyse ayont
dti effetude indipendamment do Ia diseantinuiti b travers Io choc, les courbos ant Rtd tracios en prenant camme
origin. la veurs des variables Ai lamont et b Plaval du choc (Is discontinuitd & travers celui-ei nlapparaft donc pas). Le
gradient DU/U a Wt, dana ces conditions, suporpasi au terms !m(PS) ;on constato, qusaux oscillations pr~s, lea pontes
des courbos 6voluent dane Ia mime Sens sauf dens Is dornier quart do corde o6i on observe urn inversion des pontes.

It roseort do cetto analyse qu'une forte acciliration provaquo uno importanto rigrossian dui module do Ia psrtie
imaginaira du coefficient do pression at inversoment pour urn foible acciliration ;par ailleura urn diminution do Is
dcilraton pravoque plut~t urn diminution du module do Im(PS) mais cotta dipondance est mains notto (et pout mome
VInvorsor). 11 semblorait qua pour catte zane dicdldratrico (giniralemont oval Cu choc), 'lvolution do Im(PS) dipende

aussi des velours de cotta variable au nlvoau du choc. On romarque urn sensibilitI trbs grendo su gradient DU/U pr~s dui
col puisqulil samble avoir urn influence locale maie ausal sur Ia nlveau des fluctuations & lontrie du canal. Enfin, lea
ivolutions do Imn(PS) darns Is zone supersoniquo somlalnt dipendro A un moindre nivou (quAh lamont dui cal) des valeurs
locales do DU/U.

Dens Ilitude qui nous intirosse, l'axe do torsion dtant situd A Ia mi-cordo, les vaeurs nigatives do lm(PS) sur Ia
promlrnir domi-cordo sont stabilisantes ators qulelles sont distabilgentos sur Ia seconds maitii. Cosat done on fanetian du
rapport do cos doux ivolutions qu 10 syst~me sera stable (valour nigative do Ia partie imaginaire du coefficient do
moment) ou euscontrai re Instablel(vaeur positive do lm(Cm)).

Pour cotta itude (A co niveau il semble dilicat do giniraliser), une forte accdliration prbs dui col eat done
disaebilisanta dens Is mesuro oij site dlmlnuo Ia nivau dui module do lm(PS) At lentrie du canal (ot done atir toute Ia
premibre dami-carde) store quo I'affot A Ilaval du cal, surtout local, noengendro pas do diminution importante dui couple
distabilisant (distance trop foible do laxe do torsion).

La dipendance entre Io gradient longitudinal do vitasse ot Is stabiliti eat trop fonction du mouvement vibrataire
(flexion, torsion, position do laxe do torsion) et des positions, par rapport A lace ivantuel do torsion, du cal et du choc
pour qu'll salt possible do trouver urn relation ginirale directs. Par ailleurs, Is choc erie une diseontinuit6 dui module do
Im(PS) qu'il ot nicesseira d'analysor pour 6tudier Io stabilitd.

4.2. Influence dui choc

Las diffirentes courbes prisenties au paragraphs pricidont nontrant cleiremont quo Is nivesu do lm(PS) A l'oval
dui choc eat fortomont tributelre do Is discontlnultd A trevers eelui-el. En tout premier lieu, i1 oct Intiressant d'analyse
leffot accid A lI'ntensitA du choc. La figure 10 prisonteaen pourcentaga Ia variation du module do lm(PS) A travers Ie
choc normalisi par to valour amont au choc en fonction do Is variation dui nombro do Mach normellsie ausel par Is valour
emont pour dlffdrents points do fonctlonnement obtenua pour lee pae rolatifa do 0.25 at 0.5. 11 apparait nettament qua
pour lea chocs foibles (valeura do A. M/M Infdrioures A 35 % (Ml = 1.2), los variations do lm(PS) sont systimatiquernent
faibles (infdrlaures h 15 %). Airel, loreque Ia ehoc eat foible, mime al lee conditions dicouloment cant difavorablas (voir
paragraphs aulvent), linfluence do colul-el our Imn(PS) restere moddrde. Par contre, pour des choca plus Internee,
l'.mplitude do Is variation do WmPS) nWest pas dlrectemant 116e A Ilintensltil du choc bien quo cello-el y contribue. 11
sembla donm qu'urn Intenalti eupdiure A 35 % (Ml > 1.20) salt urn condition nicessalrs male non
auffente pour crier un accroiaaomont reoaqueble dui module do lmn(PS) h trere I. choc. Pour Is plupert des ceo
4tudlie, Illnflucnce dii choc at dietabllcente, 11 eat done Important dfitudor leis paramiAtres qul condltionnent Ia
variation do lm(PS) A travere celul-ci.



30-5

fl'un point de vue atabillt6, Ie fait que ce salt lea chocs forts qui salent d6stabiiaants pondbre Ie r6suitat
pr6cddnt. En atfaet, ce qul Imports au niveau stabilltd, c'est la, valour de Is partie imaginaire du coefficient de, moment
or celie-ci eat obtenue par integration ie long du profil, par Is prodit de Ia force asacide h lm(PS) at de Ia distance au
centre de torsion. Donc ai Ia choc eat foible, ceiui-ci est proche du coi et donc de I'axe do torsion ; inai Ia domains
instabie (aval au choc) eat important. Inversement, pour un choc intense (donc proche du bord de fuite), Ie domains
[notable eat besucoup pius r6dult. Bien que dane lea cas analys6a, cat ef fat compensateur nldtait peas suffleant pour
inversar i'infiuence, due 6 ilintensjtd du choc, ii eat possible qu'li nWen soit peas de m8me pour d'eutres g6omdtries.

CL2.. Influence du gradient de, vitessa au niveau du choc

Grdent amant ou choe

Le paragraphs 4.1. a montr6 Ie rdic du gradient de vitessac longitudinal atationneire, sir Im(PS). Ce gradient
conditionne aussi iamplitude de cc terms h travers Ie choc. Ainsi nous evans dtudi6 Ilint luence de Ia veiour de cc

F radiant juste h l'smont du choc. La point ayant un rapport de preasion de 0.659 prdaante une faibie vaeur de flU/I
.062) h i'amont du chac. 11 a donc 61:6 possibie do pratiquement annuier ce gradient (DU/U1 =0,003) an n modifiant que

16gbrement Is veieur de Is vitesac, 10 % do Ia corde en amont du choc. La repartition Ie long do Is corde de irn(PS) pour
Ic point Sinai otitenue (figure 12) eat 6 comparer 6 Ia rdpsrtition initieie (figure 11). La variation relative

Alm(PS)/Im(PSI) passe sinai de 0.85 A 2.73.

Ainsi, Is ddstebilation eat consiodrabla iorsque Ia valeur do gradient do, vitassc 6 I'smont du choc, tend vera z6ro.
On notere de pius qua iamplitude de Is variation de lm(PS) pour Ie point do r~fdrence 6tait d6jh trbs impartenteaet
vrasaemblabiement lide h Is foible vaeur do DLU/Uj (0.062).

Le tableau ci-dessous Aonne lea velours des parties imaginairca at rdelles dos nombres, do Mach smont MIC ct avsi
M2c au choc sinsi que ie parties imsgineiras et r6elles do mouvement du choc Xc (normalis6 per Is cords) pour Ie paint
de rdfdrenca at Ie paint 1i fsible gradient flU/U1 .

im(Mic) Im(M2c) wmXc) Re(Mic) Re(M2c) Rc(Xc)

Ps/PT = 0.659
0.0078 0,0093 0.0146 -0.0464 -0.037 -0.070

IDU/U =0.062

Ps/PT = 0.659
0.0077 0.0083 0.0777 -0.0462 -0.041 0.0066

flU/U =0.003

Lea valeurs senaiblement dgales de, lm(Mi ) at de Re(Mj ) montrent qua Is modification do, Is vitesse statiannaire
10 % avant Ia choc nWs pas de consdquencc suir'$coulement IrstatIonnaire amont au choc. Par contre, on rcmarque un
dcart do prbs de 20 % suir lmn(M2c) mais lea velours reatant foibles. La variation Instationnaire, de l'intensit6 do choc
reate mad~rde at diminuje m~me pour Ia plus foible valaur de flU/U. Par contra, ]'amplitude do mouvement craft
ldgbrement en module (passant do 7,1 % A 7,8 %) mais surtout il s'4tablit un tranefert de phase tel quc Ic mouvement du
choc eat en opposition do phase aec, Ie mauvement vibratoira (partie imaginaire de Xc prdpond~rante) pour Ia plus foible
veleur do flU/U. Ainsi, lea variations de, WmPS) scmblent plus aenaiblee au mouvemant instationnaire du choc qu'h as
variation drlntensit:6.

Nous avona essay6 de confirmer ca rdsuitst per une dtude pour un autre rapport de prassion (0.642). Pour 'ce cgs,
naus avona offectud un bsloage an modifiant uniqucment Is valour de flU/U h Isamont du choc de -0.85 (valour do
r6f~rence) 6 . 0.80. Le figure 13 Illustre lea rdeultas abtenus sur Is partie imaginsire du coefficient de moment ainsi que
sur lea parties rielles et Imaginairea do d~placament inetatiannaire do choc. Oin pout rearquar qua Is partia imaginaire
do deplacement do choc pr6senta un maximum pour unc valeur nulle, do Dl/IJ. lUne valour n6gative do, cc gradient eat
plus p~nalissnte qu'une valeur positive. Enf in, loraque l'emplltudo, do ce gradient cat Importante, Iilnfluence, cat Clara
limit6e.

Ccs rdaultts Yont dana e ac sne (rune Intuition Ic [ choc a do mal h s tabillser our une position pr6cise loraque
I'acc~ldrstion eat foible (foible divergent). Ndanmoins, Ia falt qua Ia mouvamant do choc wilt d6pha96 (cause easenticile
do Ilinstabilit6) o trouva pas d'eapllcation 6vldenta. Oin remarqua, toujoura our Is figure 13, qua Is partie imaginaire do
coefficient de moment eat diractement proportionnelle, & Is pertie Imaginaire do d4placement doi choc. 1I exists donc urie
relation directs entra Ia stabiltil at Ia gradient de viteesee amont su chac.

L'dtude do Ia formulation do Ia lol do transfert do choc montre qua Ia terme flU/i apparatt dane Is matrice CX
asaaclle au mauvament do choc et dana lea termes do Ia matrlce CX dilpendent des fluctuations d'antrapia SY3 et do
Misse volumnique S~y1

I (cyl [ + Lcx] - , + [CR].-JR

~ '~~I t C I
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La diterminaton do Ildcouilement instationnaire 6 laval du choc requlert Is connaiasanco du mouvement du choc.
Celu-ci et obtanu notarmont orn exprimant4Xc en fonction des variables c5 y do part et d'autre dui choc donc en
inversant Is matrico CX. 5118s partie rdelle du coefficient lid 14% do Ia matrlce CX eat petite, store Ia rdsoluton tendra h
diterminer uris forte valour chi ddpiacernentlXc toutes chosa dgaiee par aleurs. Loreque tea perturbations 6 ilavai dui
chalc aeront recacuudoes, Is part). rdeIlo dui coefficient 116 hUY 3 de Is inatrico CX dtant importante (fonction dui rapport
des masses voiumlquea droa Ilinflusnce do lintenoltd du choc), Ia fluctuation d'sntrapie sore trbs grands. Cotte
Importante fluctuation d'entropio crdo uris forte augmentation do Ia fluctuation do preaaion (fonction da~y 1 + 2jY 3).
Ainal par examrple, pour Is rapport do prosalon do 0.642, Ia frdquence do 100 Hz et Ia valour mulle do DU/U 6 I'amont du
choc, Ia fluctuation d'entropis passe d'uno valour do 9.10-4 - .10-4 h urn velour do B.10-3 i L2 5 i0-3 Si do plus Is valour
dos perturbations amont aui choc avait dtd nulls, Ia fluctuation dentropie auralt dtd do 4,5.1P~ - i 3,5.10-3 co qui aurait
accnu Ia valour do Ia partie Imaginaire.

Gradent aval -u ujau

Pour Is pan rolatif do 0.50, lea perturbationa Cant fortement amorties h I'svai dui choc tout comme pour leC
rapport, do preaslon 0.710 at 0.676 dui paa rolatif do 0.25. Pour cean configurations, Is gradient DUIU oet midgatif et 6levd
en module (souf pour 0.676 W~ cleat Is point suivant gui pr6sente urn valour 6levie).

Noua eans testd I'influence do co gradient en imposent urn velour mill juste 6 i'sval dui choc pour Is rapport de
pression do 0.710. La rdpartition do pression instationnaire (f igure 14, h comparer 6 Ia figure 3) montre clairoment un
amortiaaement plus faible oir lea deux points aprbs Is choc, Ie nivosu rostant plus ndgatif (jusqu'au bord do fuite) que
dens ta configuration standard. Le mouvomont eat ainsi mains blen amorti, IC valour do IC partie imeginaira du
coefficient do moment dtant do -0.056 contre -0.148. N6anmoins, Ilamnortioaement ovai subsists ot Is gradient DU/U nWest
donc: pas Is soul responaable do cot amortissoment. En fait, Ia contribution do ce point oat idontique h cellos dos outree
points contrairemont au gradient Cmont au choc.

Un rdaultst, sous-jacent h ilenaembie do ceux prdsent6s, apparait :Ia contribution do I'aval air le mouvoment du
chac semble socondaire. En effet, ce aunt principalomont lea tormos (stationnares 0t instatlannaires) situ6s h l'amoflt gui
contribuent h modifier do flacon significative Ia diacontiitd do Im(PS) b travere Ie choc. Alnal, contrairemont h ce quo
Ilon paurrait supposor (par extrapolation dui fanctionnemont stationneire o0i Ia position du choc ddpend do Is pressioi
oval), Ie dgplacement du choc oat peu senaible eux conditions do sortie.

11 soreit alora possibie do penser quo lea thdories 161 gui utilisont une hypothhse d'homentropio 4 trevers Ie choc (cO
qui leur pormet do d~terminer Io mouvoment dui choc ind6pendammont do I'eval) Cant bien edapt6es Cu problbme pond. En
r6alltd, los rdsuitate obtenus montrent au contraire que Ie mouvoment do choc engendre un accroiaaomont trba Important
do Ia fiuctuatian dlentropie.

Par aiteura, cos rdoultats montrent Ia foible dependence de lava) contredisent i'interpr~tation do SHI4RATORI et
TANIDA 171. En effet, ceux-ci, en observant quo Io d6phasaeo du mouvement du choc sembie proportionnel 4 Ia fr~quence
r~diiite, suppasent quo ce d~phasago eat lid au temps do remontdo d'urn perturbation du bord de fuite eu choc.

5. CN...USICN

L'explaitation drurn maddlisatlan dii flottement do blocage b I'ldo d'une thdorie liiarivie a permis do d6velopper
urn 6tudo air i'influence do gradient do vitosso longitudinal stationneire. Cotta 6tude rdvble urn correspondence directs
entre i'dvolution, Ie long do Ia cords, do ce gradient do vitesse at do Ia partia imeginalre dii coefficient do pression
Instationnalre.

11 epparelt par aillours, quo ce m~me gradient do viteaae juste h ilemont do choc conditionne Ie mouvemont (ot
surtout son ddphasago) du chac instationneire qui iui-mdme determine Ie niveeu do Ia partie imegineire du coefficient do
pression juaqulau bard do fuito. Ainsi, lea foibles velours do gradient do vitesse au niveu do choc nuisent b Ia stabiiit6.
Consicutivement h ces r6aiitats, on pout reorquer urn forte dependence dui mouvoment do choc via b vie do I'amont et
invorsemont urn feible influence do l'avel.
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SUMMARY

The usual surge suppression regulation is realized by integration of a fixed limit-line
into the regulation system at a safe distance to the stability limit of the complessor.
Since additional reserves for deterioration or fouling have to be included, an interes-
ting part of the characteristic field with high efficiency is excluded so from practi-
cal use.

With appropriate means for detection of the onset of stall and surge and by fast res-
ponse of the guide vane adjustment an adaptive system for surge suppression could be
realized, which takes into account the actual state of the comprcssor.

bxpz--imental results for stall detection and for different modes of guide vane adjust-
ment are pre-ented. A six-stage axial compressor is equipped with fast acting guide
vane adjustment in ll stages. First experimental results are presented.

1. XZUROMUrLZON

For control of mass flow rate and pressure ratio of a multistage axial compressor dif-
ferent control modes are applied, dependent on the characteristics of the system and of
the compressor drive. Usually the variable speed control is very etffiient, if a com-
pressor drive with a low-loss possibility for speed regulation, e.g. a steam turbi -,
a gas turbine or an electric motor with suitable equipment, is available. For a fixed

speed drive (usually a 3-phase electric motor) other modes of compressor regulation, -s
throttling or blow-off are widely used. More recently the application of variable gu
vanes for about half of all stages of a compressor as a highly efficient and versatile
means of regulation finds increasing interest.

For axial compressors in two-shaft gas turbines or gas generators in jet engines,
marine and stationary applications, where mass flow rate and pressure ratio control is
effected largely by speed variation, variable guide vanes are applied as additional
control means for high pressure ratio machines with narrow characteristic fields and
for further optimisation of the stage flow conditions in part load conditions. Usually
an additional blow-off device is used for surge control /l/.

In modern turbojet engines the characteristic field of the highly loaded compressors is
quite narrow and usually the stationary operating line is situated in the high effi-
ciency region near the surge limit. During transient conditions as acceleration, after-
burner ignition etc., the dynamic shift of the operating line to the left can result in
surge or, at least, rotating stall. Therefore a sufficient margin for operating condi-
tions like these has to be incorporated in the regulating system. Furthermore engine
deterioration by fouling, blade erosion, blade clearance increase by wear or mechani-
cal damage will invariably lead to a shift of the surge limit towards higher mass flow
rates and further decrease of the surge margin, which has to be taken care of in the
positioning of the operating line. In total, the conventional concept of surge control
by introduction of a sufficient fixed margin for all e e,.tualities into the regulation
system renders a considerable part of the - anyway rather limited - characteristic
field of the compressor non-available for normal stationary operation at high efficien-
cy. The basic shortcoming of this solution are the lack of actual information on the
real position of the surge limit and - in addition - the time-lag occurring in the

regulation via fuel flow rate.

A quick-acting, condition-oriented, on-line surge suppression system could be realized
with a real-time surge-onset detection and a quick-acting, individual guide vane con-

trol system, which would first change guide vane positions towards a configuration with
higher stability and, probably, lower efficiency and then, in cooperation with the com-
pressor regulating system, approach a new stable and efficient operating point.

Considerable experience with the detection and measurement of flow instabilities i,
axial compressors /2/ and with the influence of guide vane control on the characte-

ristc field /3/ are the basis for the concept, which is presented here.

2. AXIAL-FLOm C4PRRSsou ?ST FACILITY

Our experimental ;ese-srch activities concerning multistage axial compressors are rea-
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lized in a test facility comprising two different
compr.ssors, a turee-stage type and a six-stage E-s, $tso,

type with variable guide vanes in all stages. - r e
Figures 1 and 2 show the cross-sections and in 5 osiagos

table 1 the main design data are listed. r o rof 0.5 0.6
To1. Oi er of 8rain U0 W0

The aerodynamic design parameters of both experi- se 1. 170M 1457

mental compressors render a performance similar to 111, II -e .1S 302 259

real machines encountered in practice e.g. in iaitve lItt Ko NIlf! 0,75 c oo

power-plant gas turbines, chemical industry and in stOfePressure Rio - .26 1.12

turbojet-engines. The similarity of design and per- Oral Pressure R-i, 2.5 2,0

formance refers to equal inlet hub ratios, inlet 0IhPi,fi 0.005 013

relative Mach numbers and in particular stage pres- fss 11. RWfe ks 1I 10.2

sure ratios. Ploer rm t t 900 8W

Blade Prof Ile ImrP W io 65
Both compressors are equipped with a diffuser . ..teo.l. .p..r. ..ao

throttling device in order to avoid classical surge W. V iWes I00./26 160,02

cycles during the experiments at the sure limit to Ro.1121 Po-?

reduce the operating risk to a ainimum. The plenum Sf.172 S372

on the pressure side of the test rig between out- Ro.2/5

let and throttlinn valve with a volume of about St.212

6 ml is reduced thus to a volume 0,03 ml (3-stage) 0.3/79

resp. 0,024 m
3 

(6-stage). This facility renders S1.f328
possible all experimental investigations near and l I
beyond the surge limit without excessive loading.
Previous experiments confirmed, that for highly Table 1: Desion Data of F.xperimerttl
loaded multistage compressors the position of the Compressors
stability limit is not influenced by this modiri-
cation.

The diffuser throttling device consists of a
movable throttling ring (fig. 1 and 2, pos. f)
which is positioned by a stepping motor (pos. g).
For experimental investigations carried out directly at the stability limit the high
accuracy and reproducibility of the positioning system is of considerable advantage.

The two compressors exhibit a similar pattern of flow instabilities, explained in detail
in chapter 4. The experiments comprising a fast acting guide vane control are limited
to the six-stage compressor with its varianle geometry.

The detection of instationary flow conditions is realized by semiconductor pressure trans-
ducers. Their geometrical arrarYement for three different cases is shown in fig. 3. In
configuration I thirteen transducers are distributed flush mounted to the casing wall in
the axial gaps between rotor and stator. This arrangement per..iL the detection of inci-
pient unsteady flow conditions in all stages. For the analysis of the dynamic phenomena
in circumferential direction five transducers have been distributed peripherally in the
axial gap before the second rotor as shown in configuration II. The development and
extension of unsteady flow conditions in radial direction was measured by means of con-
figuration II. Four pressure probes, designed for this purpose and furnished with suitable
transducers, have been installed on different radii according to fig. 3.

The b '-stage compressor is additionally equipped with a three-channel-FM/FM-telemetry
(fig. 2, pos. c) for monitoring the cyclic stress of the blading resulting from this
extreme operation. Furthermore, indications for instationary flow conditions from an
independent source vre made available thus. The vibrations of one blade in each of any
three different rotors, measured with strain gauges, are transmitted simultaneously.
The three-stage compressor, is equipped with a single-channel-FM/FM-telemetry system
(fig. 1, pos. b), serving the same purposes. The signal patterns have been recorded by
a multi-channel analog magnetic tape, then digitized and processed in a digital computer.

3. GUIDE VANE SETTING AND CONPRESSOR PERFORNANCK

Each of the guide vane rows of the six-tage compressor can be set individually and in-
dependently from all others. This results theoretically in an infinite number of possible
combinations of guide vane positions within a wide rings of stagget angle. Purely random
combinations are mostly ineffective or detrimental, systematic combinations seem to have
more practical value. Therefore several "guide vane set.ing laws" were defined and the
resulting compressor performance was investigated in a comprehensive experimental pr-gram
/3/. Fig. 4 shows the compressor characteristic field for variable speed with constant
nominal stagger angles for all guide vane rows, while three oifferent compressor maps
for variable guide vanes for three different modes of setting angle variation are shown
in fig. 5, 6 and 7. The different values of the parameter K characterize the amount of
guide vane angle variation according to the different modes. K = 0 indicates the design
configuration. Obviously the three different setting modes exemplify the three basic
possibilities of decreasing (I LE), identical (I1 LE) and increasing (III LE) angle vari-
ation along the compressor. The linear distribution is the most simple way of realisation
only, non-linear distributions are equally possible and might be even better.

In many modern turbojet-engines variable guide vanes in several compressor stages are
adopted in addition to the usual variable speed control /4, 5/. Generally the guide vane
adjustment is performed rather slowly compared with the fuel regulation and realizes a
better adaption of the characteristic field to the operating conditions, as rotational
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speed and inlet temperature. A decrease of speed will cause some opening of the front
guide %anes and some closing of the rear ones. So the stability of flow can be enhanced.

In the six-stage compressor (fig. 2) the design position of all guide vanes is because
of mechanical reason also the fully-open position, only closing is possible, i.e. only
negative adjustment angles Ams in fig. 5, 6 and 7 can be realized.

The compressor maps in figures 5, 6 and 7 show systematic differences concerning the form
of the operating field, the position of the surge limit and the pattern of the efficiency-
curves. The relative positions of the stability limits are additionally plotted in fig. 7.
Obviously the patterns of the stability limits and consequently the shift of the operating
field are considerably dependent on the selected adjustment mode.

These results of /3/ indicate, that each specific part-load working line of the compressor
can also be realized with an optimum adjustment mode, which assures best efficiencies in
all stages.

Normally a high-efficiency flow condition in a stage assures stable flow conditions, too.
However, the optimum efficiency will often be situated close to the stability limit, so
that an appropriate stability margin is not realized. If incipient instability can be
detected, the guide vane positions can be adapted in consequence.

4. FLOW INSTABILITIES IN CONPRESSORS - "ROTATING STALL" AND "SURGE"

Research concerning flow instabilities in compressor traditionally was centered on the
phyqic.l appearance of these phenomenp .nd on the formulation of governing parameters
and definition of limit values for stability, important for compressor design and operation.
Obviously the experimental research prefered fully development instabilities for its
investigation.

For the development of an on-line surge suppression by fast guide vane adjustment and the
implementation of an appropriate control system the timely detection of the onset of in-
stabilities is of utmost importance.

A practical possibility is offered by signals transmitted from semiconductor pressure
transducers, as mentioned above, which are installed in the casing according to configu-
ration I in fig. 3.

In /6/ G.R. LUDWIG reported that pressure transducers are useful sensors for detecting
incipient rotating stall. With an improved version of a rotating stall control system,
which was acting with variable inlet guide vanes and bleed doors, he was able to suppress
rotating stall, but only after it had occured for a short time (about 90 milliseconds).
Before its disappearance a stall cell had already rotated up to seven times. The few stall
cycles had no noticeable effect on the tested compressor (J-85). However, with a larger
plenum on the pressure side as e.g. in industrial installations, surge would have occurred
immediately according to our experimental experience. In addition the successfull tests
carried out by G.R. LUDWIG were restricted to rotational speeds of about 75 % of rated
value.

The basic disadvantages of this type of stall suppression are the triggering of surge,
if the system stability is not sufficient, and the additional stressing of the blading.
They could be avoided, if development of rotating stall was suppressed completely by
early detection and quick corrective action. No limitations to part-speed would be neces-
sary then.

Comprehensive experimental investigations on unsteady flow phenomena at the Institute
of Turbomachines in two rather different compressors (fig. 1, fig. 2) revealed quite
similar behavior /2/. The strong influence of the form of the compressor characteristic
in combination with the pressure side plenum could be proven again in accordance with
E.M. GREITZER /7/. The two test compressors proved to exhibit static instability, con-
sequently the stability limit was not influenced by the system configuration, as could
be shown experimentally.

Based on this statement most of our experiments on compressor instability were conducted
utilizing the diffuser throttling ring, the very smali plenum volume precluded any surge
oscillations, so that complete characterisitc fields including the region left of the
stability limit could be measured, e.g. fig. 8 for the experimental compressors. Mass
flow rate and pressure ratio are time averaged values resulting from the stationary
equipment.

A detailed evaluation including the results of the instationary pressure measurements re-
ported below revealed a specific pattern of a characteristic line with respect to the
different types of flow instability. According to the schematic presentation in fig. 9

the characteristic beginning at the chocking line describes the stable operation of the

compressor with increasing pressure ratio corresponding to increased throttling. K short

distance before the stability limit increasing, non-periodic pressure fluctuations indi-

cate instability region 1, which is probably due to stochastic flow separation at blade

tip.

upon reaching the stability limit the operating point moves very rapidly through the in-

stability region 2 (transient) and comes to rest on a macroscopically stable characteristic,
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which describes the instability region 3 with a stable full span stall. Further throttling
moves the operation point on this line to the left with increasing extension of the stall
cell, but quasi-stationary operation can be realized (with a very smali pressure-side
plenum!) down to very low net mass flow rates, where complete flow separation, instability
region 4, begins.

Fig. 10 shows the corresponding development of instationary pressure signals from trans-
ducers in two different positions. Short sections of the time-dependent pressure signals
measured during a slow throttling maneuvre characterize the different instability regions.

Of specific interest is the considerable increase of the fluctuation level in the instabi-
lity region 1, which could be utilized for detection of incipient instability. Frequency
analysis of these signals revealed a negligible periodicity, so that an interpretation
as stochastic separation seems more appropriate than a part span rotating stall.

Upon reaching the stability limit the pressure signals change rapidly and within three
to five revolutions a single-cell full-span rotating stall in all stages develops, which
remains stable in the small plenum configuration.

Tests with a large plenum volume revealed the same development of a full-span stall. The
corresponding drop in pressure ratio through the "transient" portion of the characteristic
serves then as a trigger for the considerably slower surge cycle (fig. 11). Each new surge
cycle is initiated by a new rotating-stall period.

Fig. 12 and 13 resp. show simultaneously the signals of pressure transducers in different
positions during the transient from instability region 1 to region 2 with full-span stall
on the real time scale for the 3-stage and the 6-stage compressor. Apart from the very
rapid passage through the transient part of the characteristic, it is obvious that only
some of the transducers show considerably increased fluctuation level just before reaching
the stability limit.

For a reliable on-line detection of incipient flow instability it will be necessary to
investigate the most effective positions for instationary pressure transducers for the
different modes of stall. In addition a suitable signal processing, e.g. the evaluation
of the a.c.-part of the pressure signal within a specific frequency range, and the defi-
nition of limit values for the fluctuation intensity from the experimental results.

Since the stability limit for multi-stage axial compressors with sufficient aerodynamic
loading is identical for large and small plenum volumes, all expetimental investigations
concerning the flow stability can be conducted at low risk for the integrity of the blad-
ing by use of the diffuser throttling ring.

In total the following facts resulting from the analysis of the experimental data can be
utilized for the intended regulating system:

- The stability limit of a multistage compressor is preceded by a region of irregular
pressure fluctuations

- These fluctuations can be detected by suitably placed pressure transducers of
aoequate sensitivity

- The position of the stability limit and the preceding pressure fluctuations are
independent or the volume of the pressure-side plenum.

5. DESIGN OF THE FAST ACTING GUIDE VANE ADJUSTMENT

The design of the guide vane adjustment equipment was based on a number of fundamental
considerations /8/
a) Each guide vane row can be adjusted independently to assure great experimental

flexibility
b) The adjustment mode can be chosen individually for each stage in order to be able

to realize many different "adjustment laws" for the complete compressor
c) The adjustment speed is variable between very high values - about 90

° 
stagger angle

variation per second - fir quick-acting suppression of imminent flow instabilities
and quasi-stationary movement for subsequent adaption of the blade angles to optimum
position for a new operating point.

In order to fulfill these criteria, the guide vane adjustment system is realized as a
electro-hydraulic regulating system.

For a future industrial application the layout can be based on the results of our intended
investigations and might result thus in a more or less simpler configuration with suffi-
cient capabilities.

The main parts of our experimental adjustment system shown in fig. 14 are the control
unit (pos. A) for regulating oil supply and the distributor block (pos. B), which feeds
the six adjustment units, consisting each of a four-way servo-valve (pos. C). a hydraulic
power cylinder (pos. D) and the electronic control system (pos. E), which are shown only
for one adjusting ring. The momentary position of the hydraulic actuator, which corresponds
to the stagger angle of the pertinent guide vane row, is measured by a linear potentio-
meter (pos. I). The control system comprises adjustable limits in both directions of the
. -n ....... H dna-a.- f -w an- .,- ... nA ..,, .1-~ _wninn TI ill h-, n't
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in the final configuration by an on-line control computer.

Fig. 15 demonstrates the compact design of the adjustinent system for one stage. Servo-
valve (pos. a), hydraulic actuator (pos. c) and linear potentiometer (pos. d) are arranged

on a support block (pos. b), which contains the connecting bare holes for the hydraulic
oil. Length of connections and oil volume were reduced thus to a minimum, assuring a very

quick response of the hydraulic system. The motion of the actuator is transmitted via the

connecting rod (pos. e), the adjustment ring (pos. f) and the levers to the guide vanes.

6. OPERATION OF THE FAST ACTING GUIDE VANE ADJUSTMENT

The action of the Fast Guide Vane Adjustment System has to be integrated in the control
system of an axial compressor in a suitable way.

The realization of an efficient control method necessitates complete information regarding

the operational characteristics of the compressor: Experimentally determined stage charac-
teristics in combination with a through-flow calculating code /3, 5/ can be used for the
determination of the compressor characteristic.

A considerable number of stage characteristics for different guide vane setting modes have

been measured for the six-stage test compressor with ad)ustable guide vanes /9/. A com-

puter program for the calculation of the compressor characteristic field from stage charac-
teristics has been established: Combined with data on the system supplied by the compres-
sor and the intended control function this program can realize a surge suppression regula-

tion utilizing an on-line computer. In an industrial application a specialized micro-

processor will probably be sufficient, as soon as sufficient knowledge on structure, ope-

ration and capability of such a system will be icquired.

The regulating process with a fast guide vane adjustment can be exemplified in fig. 16

for a control mode with constant pressure ratio I . Starting point is OPI, where the com-

pressor is operating on characteristic a) (defining a certain combination of guide vane

positions in the different stages) at optimum efficiency: If the mass flow, due to a

disturbance in the system supplied, is suddenly reduced, the operating point of the com-

pressor moves on characteristic a) into instability region I. The -esulting increased

pressure fluctuation is detected by pressure transducers, a regulating signal is deduced

and the fast-acting system moves the guide vanes accordingly, so that the stability limit

will not be reached. The operating point is transferred to characteristic b), which has

been calculated by the on-line computer and results from the modified position of the

guide vanes. When the dynamic phenomena have ceased, the compressor operates in point

02. It is important, that characteristic b) is chosen so, that this point has sufficient

distance from instability region I and - consequently - from the stability limit: Effi-

ciency is of minor importance in OP2.

During the fast movement of the guide vanes from characteristic a) to b) the stability

limit (indicated by lines with small circles) may also be subjected to a dynamic modi-

fication. The exact nature of the dynamic regulating process in the characteristic field

is being investigated experimentally at the moment. Three possible curves are shown in

fig. 16. Curve I would be an ideal result, since the pressure ratio It remains constant.

Curve II has to be avoided, since it crosses the stability limit and this results in a

multistage compressor with high aero-dynamic loading instantly in a transient develop-

ment of full span stall or surge. The drawback of curve III is, that the pressure ratioIT

drops off shortly, but in a dynamic regulating process this is probably admissible.

If the new steady state of the system supplied is characterized by point OP3, the guide

vane adjustment is moved slowly so that via curve IV a new characteristic with optimuM

efficiency and safe distance to stability limit is reached.

Fig. 16 shows a schematic example only. From the great many of possible solutions the

real behavior of compressors under dynamic guide vane regulation conditions will be

determined experimentally. With these information an optimum regulating strategy, the

suitable positioning of the instability detectors and the necessary configuration of

the guide vane adjustment system can be defined.

7. EXPERIMENTAL RESULTS

Measurements during a typical regulating process with the fast acting guide vane adjust-
ment system are shown in fig. 17. The guide vane position is changed from characteristic
field III LEk) fig. 7) to I LE(k) (fig. 5) with a corresponding shift of the stability

limit to considerably smaller mass flow rates, as fig. 7 shows. In the test the starting

point is situated on characteristic ITT LE(). the end point on characteristic I LE(I1,5).
The compressor speed was 11.120 rpm, a value jelow nominal speed, the guide vane adjust-
ment time was 110 msec.

The left part of fig. 17 shows the pres.ure fluctuations at the starting point condi-
tions before the guide vane adjustment. Transducers 3 and 5 in stages land 2 indicate
an operation in the 1. instability zone with increased pressure fluctuations. Similarly

the strain gauge signals from a rotor blade in the I. stage espress increased instabi-
lity. The signals of transducers 7, 9, 11 and 13 in stages 3, 4, 5 and 6 show normal

behavior without instability, likewise the strain gauge signals of rotors 2 and 5, not

shown in fig. 17, are not increased.
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During this test the crossing at the stability limit was not intended, but the operating
point of the compressor was to be moved from the 1. instability zone by operation of the
rapid guide vane adjustment to a characteristic with sufficient distance from the stabi-
lity limit.

The regulating process is shown in the middle part of fig. 17 for a total of 270 msec,
the guide vane adjustment itself takes 110 msec. During the rapid guide vane movement,
already, a considerable reduction of the pressure amplitudes in stages 1 and 2 to 66 %
and 76 % resp. of the initial values is effected. Similarly the rotor blade vibration
diminishes to 69 %.

The right part of fig. 17 shows the new stabilized operating point: the pressure ratio
has been kept constant at 1.567, the mass flow is reduced slightly for 2.9 % to
5.156 kg/sec, a very small speed increase of 0.9 % can be noted. Similar tests at nominal
speed resulted in speed increases of 2.5 to 3 %. In total the test proved that a rapid
stabilisation of the compressor at constant pressure ratio can be realized, a quite
practicable result for real compressor operation. The data of the pressure transducers
are given in a relative scale intentionally, because the interest during the first expe-
riments was concentrated mainly on the qualitative behavior of the system.

Fig. 18 shows the results of a different test with a rather identical starting

point on characteristic III LE(i) with a pressure ratio of 1.615, mass flow of 5.468 kg/sec
at 11 377 rpm. The pressure signals of stage I and 2 indicate the 1. instability zone,
The guide vane position was changed to that of characteristic I LEM3), i.e. the guide
vanes are closed considerably more than in fig. 17.

The now stable operating point shows a pressure ratio of 1.495 and 5.084 kg/sec mass flow
at 11 117 rpm.

Right after the beginning of the regulating process the pressure reduction in stages 2
to 6 starts and takes about 800 msec, while the guide vane movement is completed after
188 msec. The decrease of speed is caused by a simultaneous action of the speed regulating
system.

The amplitudes of the pressure fluctuations in stage 1 and 2 diminish to 53 % and 88 %
resp. of the initial value and prove the increased distance of the new operating point
from the stability limit.

These two examples of initial tests show, that by a rapid guide vane adjustment the
operating point of the compressor can be moved quickly into a part of the characteristic
field with higher stability. During the regulating process the compressor remained stable
without onset of rotating stall. Somewhat disadvantageous is the speed increase coupled
with the guide vane adjustment. In a computerized control system, however, an appropriate
action of the speed regulation could be anticipated and initiated.

Actually conducted tests at nominal speed rendered qualitatively similar results, so thai
the principles of operation can be generalized.

In the tests up to now the diffuser throttle ring was utilized exclusively for realizing
the operating point of the compressor, i.e. the pressure-side volume of the system was
very small. Since our former investigations had proved that the stability limit is not
dependent on this pressure-side volume, the experimental results should be valid, Test
with a high pressure-side volume will be conducted later.

8. Conclusion

The concept of an on-line anti-surge regulating system is based on the detection of in-

cipient instability by pressure fluctuations and the rapid shifting of the compressor
operating point by a quick acting guide vane adjustment system.

The system has been developed, built and tested on an experimental compressor. The results
are consistent with the basic ideas. Further extensive experimental work will be centered
first on dynamic operation, i.e. movement of the operating point towards the stability
limit before the regulating process, and then closing of the control loop, i.e. automatic
initiation of the regulation process by pressure fluctuation sensors and microprocessor
calculation of the new stable operating point will be aimed at.

9. References

/l/ Traupel, W.; Thermische Turbomaschinen - Band II, 3. Auflage, Springer-Verlag, 1982,
pp. 98-121.

/2/ Schlamann, U., Teipel, I., RieR, W.; Experimentelle Untersuchung der Stramungsph~no-
mene des Rotating Stall und des Pumpens bei mehrstufigen, hochbelasteten Axialver-
dichtern. VDI-Fortschritt-Berichte, Reihe 7, Nr. 91, DUsseldorf, 1985.

/3/ RieD, W., Kiesow. H.-J.; Experimentelle Untersuchung des Einflusses von Leitschaufel-
verstellgesetzen auf das Betriebaverhalten von Stufen und Stufengruppen eines Axial-
verdichters, VDI-Berichte 572.1, VDI-Verlag, DUsseldorf, 1985, pp. 421-436.

/4/ Hagen, H.; Fluggasturbinen und ihre Leistungen, Wissenschaft + Technik-Verlag, Karls-

ruhe, 1982, pp. 25-42, pp. 297-306.



31-7

/5/ Dettmering, W., Bitterlich, W., Grahl, K.: Theoretische Untersuchung dber die Ver-
besserung des Flugverhaltens von Strahltriebwerken bei variablen Fluganforderungen
dutch kombinierte Leitschaufel- und Schubdiisenanpassung, Forschungsberichte des
Landes Nordrhein-Westfalen Nr. 2416, Westdeutscher Verlag 1974.

/6/ Ludwig, G.R.; Tests of an improved Rotating Stall Control System on a J-86 Turbo-
jet-Engine, Aerodynamic Research Department, 1979, AFAPL-TR-79-2080, New York 14225.

/7/ Greitzer, E.M.; Flow Instabilities in Axial Fans and Compressors Including Surge
Prediction, International Seminar Advanced Turbomachinery Performance, Munich, 1985.

/8/ Rie, W., Blbcker, U.: Auslegung und Konstruktion einer schnellen Leitschaufelver-
stellung fUr einen sechsstufigen Axialverdichter, Sonderforschungsbereich 211, Uni-
versitdt Hannover, Seminarbericht 1984, pp. 75-96.

/9/ Kiesow, H.-J.; Leitschaufelverstellung bei mehrstufigen Axialverdichtern, Disser-
tation, Universit~t Hannover, 1984.

10. FIGURES

bed e

- ------isa

0l Oul Vons (Stage 1. Inlet Gude VO 1l dl Bearg gi Steopng Motor for I'S I)

b) l-Ormol-Telewtry-System 0i DilfU

c) Antenna fl fan Thrlob" Ring

Fig. 1 Three-Stage Experimental Axial-Flow Compressor



31-8

a) Guide V-se (Stage 1. tnt.) Guide Vo.) d) Ben.,ng g) StePPvng Motm fa Pmn H
b: Adjonting Ring IStoge 1) el Gift-n
xl 3-C nane4-Tele~.ry-Syterii f) Odfu-0  Thiolthg Ring

Fig. 2 Six-Stage Experimental
Axial-Flow Compressor

ILIL 111 12 1

2 3 6 7 a9 v 51213

L tI I I I I I

3 -St

ITI

I S I to

3--s

2St

Fig. 3 Configuration of Pressure 3.SI
Transducers D istribution



31-9

1.3A.

1.3 - - -- - . 1.2 -

112 - t...2SO

/ 01.975
1. Ata 9 0C85

* 0.9 0.8

0.G7

0.6 0. -. Q5 -t __7_ (t-t .

0.5- 0.6 0.7 .8 t to ttAdjustment Rule I LEWk
Relative Mass Fl-e Rat& ffi A Design Point ..0

A Deign djustment a-10 I
A einPitCharacteristic 0 

n*Rotational Speed Ratio ilO* Relatve Total 4

e:Relative Total Efficiency tceno.dg-

00 Measured Poits Guide Vane Ro.

Fig, 4 Compressor Map for Variable Speed Fig. 5 Compressor Map for Variable Guide

( DLE(0)N): Guide Vane Setting at Vane Setting (I LEW1) at Desig~n
Design Values Speed

1.3 -1.3 - -

j 1.1 __ .2

IS.959

0.9,-00.

0.6 - s "o-/ 1

0.6 - -CI -
05 0.6 0.7 OA .. to 1.0 0.5 a$O 0.7 0.6 051 1.0 1.1

Relative Mass Flow Rate il.0 Retative Moss Flee Rate ..

Adjustment Mile: 9LE (k)t Adj-ust mAn Rule: 3 LI It)

A Design Point "A Design Poin 0

Adu~n oAdjultment .1-2
Characteristcac2ers0tic

qO. Relative Total q" -200N Toa I I - I RIat Ioa 'I
EfiinyItiiecy dog

"udo Vane Rae Guide VaneRo

Fig. 6 Compressor Maop for Variable Guide Fig. 7 Compressor Map for Variable Guide
Vane Setting (II L.EWk) at Design Vane Setting (ITI LEWk) at Design
Speed Speed



3 1-10

r, - --- -ft - S sm

p

-T t o----

jm -- m ft 06 -

~- -~ :--I,- -- - -SSO Sbbf
I, - - , P. -h c5" L__ 4_ --ii, -- "

Fig. 8 Measured Compressor Maps for Variable Speed Ratios

Explanation ofNumbers-used-in-Fig._9,
Compressor Statbelty Limit Fig. 10,_Fig. 12_andFig. 13:

o2 2 0: Stationary Part of Characteristic

0 : nsabliy egonFlow Separation at Rotor Blade Tip
S 3 -

a2: Instability Region2
-Transient Regime2

U - 3e 3: Instability Region 3
A 9' Stable Full Span Stall (one Cell)

4: Instability Region 4
10,04- Complete Flow Separation

Mass Flow Rate

Fig. 9 Complete Schematic Compres- 0 -a 2 -- 3 Vo~~
sor Cha racteristic for ____
Highly-Loaded Multi-Stage
Axial-Flow Compressors with-
out System Instability

____Three -j S Stge

preseorss



31-11

V26M 3Pfsaio of Tronsaucw

vO .03m Pd f3 rndc

T IoL L 111

* 135 270 Rev. 405

*675 1350 10,j 2025

Fig. 11 Pattern Of Unsteady Pressure Fluctuation s for Surge (Large Pressure Side
Volume) and Full Spa n Stall (Small Pressure Side Volume)

-st " Is

A6

2

0 If 12 0--- 10,

Fig. 12 Patterns of Instability Development Fig. 13 Patterns of Instability Develop-
in the Blading of the Three-Stage ment in the Blading of the Six-
Compressor Stage Compressor



31-12

E Adjc.1mg RogI

Actual Volut Connection to Guide Vane

01 (DAdjusting Ring

- -- -- 0 (30 mm ; 40* Stagger Angle;
- -----iAdjusting Velocity: form4WB slowly up to 90* per second)
'~ -A Hydraulic Control Unit

p T 2Contact Thermostat
9 3 Hydraulic Accumulator

Roted Vol 4 Pressure Gauge

9 Aduatg 9g 2Ad p,~ 65 Shutoff Valve
Adutn Rig2AlsI i 6 Relief-Valve Jet

o I7 Pressure Filter

B Hydraulic Pump

CL_ 9 Coupling
P® ~10 Electric Motor

I B Distribution Frame

I - T C Four-Way-Servo-Valve

. ~ -~D Hydraulic Power Cylindor

X... EElectronic Control System

,0 IP Linear Potentiometer

ItD 11 Switching RelaisF e; 1II Linear Potentiometer
fur Rated Value (onlya in use if Control Coin-

putcr in not connected)

Fig. 14 Electrohydraulic Control System for Fast Acting Guide
Vane Adjustment

a) Foio- Woy -Sl.rO VoIOR Cl Hyd~aclC PeO-k Cyl~ndi, .I Coomchog Rod

62l Mmlctig Block dl Lrneo, 1o0fIlomel III Adjusting Bog

Fig. 15 Fast Acting Guide Vane Adjustment Device (for one Staqt,)



31-13

Fig. 16' Regulating Process with
Fast Guide Vane Adjustment
System (7&= const.)

Stability Limit according to
Adjustment Characteristic

Instability Region I

x c nst O2 I I P

AdjutmentCtarocteristir. b 6 a

Mass Flow Rate ,th

LE tIPld Adjus"~n T-i I LEtK51 Trafl*

Coot

-- -

I l~bs 1- 11

___________ ~~~# w let__ 
_ __ _ _ _ _ 

______ (Stag 21

13

0strii 

0.4.

Starting Point: III LEMi; At : 5,309 kgs-I It : 1,57 11.123 rpm

- End Point I LE(1,5); rh 5,156 kg IT= 1567; n = 11.222 rpm



31-14

__________________________TWA __I_____________________ (SaOf

Begin______ M.__ EM__________________________ tag. 2

3

2;6 660 420 00( Ri(2s 60 ((70 (680 m

Fig. 18 Adjusting Process with Past Acting Guide Vajie Adjustment System
- Starting Point: III tFs11); m 5 5468 kgs; IT- 16151; n = 11.377 rpm
- End Point : I LE(3) 8 5,084 kgs jt= 1,495 ;n = 1.117 rpm



31-15

DISCUSSION

J.F. CHEVALIER, Fr

Vous avez montri des essais avec un compresseur dont les volumes amont
et aval sont tris petits. Votre systime de contr6le peut-il fonctionner avec
des volumes amont et aval beaucoup plus grands ?

Author's Reply

The upstream volume of the system is quite large (700 mm 0 pipe, 6 m
long plus filter chamber). The downstream volume can be chosen large (6 m3)
or small (0.003 m3) with two different throttles. The situation of the sta-
bility limit and the pressure fluctuation behaviour has been proven experi-
mentally not to be influenced by the downstream volume. Therefore many of
the experiments are conducted with small volume to avoid surge and endange-
ring the compressor.

A closed-lcop control system has not been used uo to now, it will be
tried later in the project with large and small volume.

N.A. CUMPSTY, UK

Could you give more information on guide vanes, how fast, how large is

the angle of adjustement and how large is the error of setting ?

Author's Reply

The maximum adjustment speed of the guide vanes is actually 90/sec,
the hydraulic system is capable of more. The real adjusting range is
+ 0"/-30 ° because of mechanical reasons. The setting error of individual vanes
is less than 0.5 ° . The positioning accuracy of the hydraulic system is very
high. The inaccuracies of positioning from elastic deformations are small
because of its rugged design.

K.R. GARWOOD, UK

During the experiments have any measurements of the torque or stresses
generated in the variable geometry system been made, during the transient
high rate of stagger changes ?

Author's Reply

We have not measured this torque reaction. The first results that I
have presented here are carried out by the maximum variation speed. The ad-
justment mechanism is, as you have seen, very rugged. It can tolerate all
the dynamic forces and, in fact, up to now we didn't care for dimensioning.
Practical use would necessary cause detail dimensioning of the mechanism.
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RADIAL COMPRESSOR DESIGN USING AN

EULER SOLVER

M.Sc. Jan Tore Billdal
Division of Hydro- and Gas Dynamics

Norwegian Institute of Technology, Norway

and

M.Sc. Andrew Wilson
RTR, A/S Kongsberg VApenfabrikk, Norway

Summary

The steady inviscid flow through a radial compressor is computed by solving the 3-D Euler
equations on both a H-type and O-type grid. The centered finite volume method with an
explicit integration scheme is used to solve thc equations. The numerical programmes
were developed as a tool in the design process of zew, high pressure radial compressors,
with complex geometries and spitterblades.

Special emphasis is placed on transonic compressors, and the capability of predicting
complex three-dimensional flows is demonstrated. Preliminary experience using Euler
solver in design work is described with the future developments expected on this subject.

Introduction

It is common to show results from a 3-dimensional program which agree well with well
documented and abundant test data. In the normal design environment, that data is not
normally so forthcoming, and the designer is usually limited to such measurements as
upstream and downstream pressures and temperatures, mass flow and the shroud static
pressures. These must in some way be assessed in terms of design criteria such as
blockage, loss distribution and slip factor. In turn these criteria are fed back into
the design process.

The Euler solver cannot implicitly cater for the correct viscous effects in the compressor
and the solution obtained will be without regard to the criteria our experience tells us
is correct. (The flow in the exducer section of a centrifugal compressor is dominated
by 3-dimensional viscous flows). In the absence of anything better the Euler solver can
be used to give a more accurate picture of the flow in the inducer section up to the
splitter blade leading edge, and to give some basic understanding of the secondary flows
in the exducer.

Little is normally presented about the problem in running a 3-dimensional program when
things can often go wrong. The test cases presented here represent a high pressure ratio,
supersonic inlet compressor, and a low pressure ratio compressor, both with splitter
blades and their own problems. Two different types of boundary conditions are discussed
and two different grids are compared.

First the numerical method used to solve the time-dependent Euler equations is described.
This is an explicit time-marching finite-volume procedure.

Algorithm description

Governing equations

The equations which are solved are the time dependent Euler equations in a Cartesian
reference frame rotating with a uniform angular velocity 0 arouno the x-axis. Expressed
in integral form one gets:

7t f q dv + J H-idS f k dV (I)

V S V

where in 3-D space:
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P Ov

Ou = puv+Pe 0

q= v ; H = pvv+pe k = 2loe+ll'oy (2

ow owv+pe2  -2ov+Q3oz

E (E+p)v oP
2
(yv+zw)

Here q are the conservative variables and H the flux tensor, S the closed surface that
bounds the volume V with unit vector n, positive pointing outwards. The primitive
variables o,u,v,w and p are, respectively, density, velocity components in x-, y- and
directions and pressure. Total energy per unit volume is expressed as

E y- + If v = ue x y * wez

where v is the relative fluid velocity, and y is the ratio of specific heats. The right
hand side of eq. (1) are lower order terms due to Coriolis and centrifugal accelerations.

Spatial di-rotization

The numerical method used here to integrate the Euler equations in space is a centered
finite volume method. The advantage of this method is that the governing equations are
solved in a Cartesian coordinate system, and one only needs to know the volume and surface
normal directions of the cells. The curvature of the mesh is not considered in computing
surface normals, since only projections of fluxes and forces in the x-, y- and :-
directions are used. The integral-conservative form of eq. (1) has no space derivative
and therefore no special treatment of the flow discontinuities is needed, i.e. snocks
and slip surfaces.

The computational domain is divided into hexahedral cells denoted by subscripts i, j, K.
When the conservative variables q are defined at the cell centers, a system of ordinarv
differential equations is obtained by applying eq. (1) separately to the interior cells.
This gives the semi-discrete scheme:

d - ~iik = ('
Vi,j,k At qi,jk N(qi,jk =

where

N(qi,j k) = - i-l /2,j,k + Hi--12,j k 
+  

Hi J l/2,k "i,j-1/2,k

ii ,j kk/ 2 
+ 

diy skd A/il / : i

IHil/2,j,
k  [FdA x  + GdAy + dA l/ ,,k

i,j,k-l/2 [FdAx +dAy i,i H-l/2

H.n = [Fn x +n + Hn,] is the flux components in respectively the x-, y- and :-oirections

evaluated at the six surfaces of the cell, and dA = [dAx, dA, dA_ iF the vector element

of the cell surface, positive pointing outwards. The flux vectors are calculated by
interpolating flow variables, with equal weight, from t e 'wo cells that share the face.
This averaging is done without accounting for the difference in volumes of neighboring
cells. The scheme is second order accurate if the grid is sufficiently smooth.

The discrete scheme, eq. (4), is not dissipative, allowing nonphysical shocks (expanirn
shocks) and also nonlinear instabilities (oscillations with alternate sign at odd even
mesh points) being possible. This instability can be explained as follows, ref. 3.
In real flow energy is transferred from large eddies to small eddies. This energy at
small eddies is dissipated into internal energy through friction. If our scheme i- nn-
dissipative, energy which is transferred from the longer to the shorter wavelengths will
accumulate at the shortest wavelengths possible on the mesh. This accumulated energy i-
then transformed back to the longer wavelengths, which represent a nonphysical phenomena.
To avoid this a constant fourth order dissipative term is added to the discrete cheme
throughout the domain. In order to capture shocks a variable second order term is added
!-ally by a pressure sensor designed to detect these discontinuities.

The artificial viscosity terms are added to the semi-discrete scheme and we get:

V(d/dt)q = N(q) + e i ( q) e 51 (q) 153

D2 is a variable-coefficient second-order difference operator while 5u is a constant-
coefficient fourth-order difference operator. The parameters e2 and e, are user defined
constants. Details can be found in ref. 1.
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Boundary conditions

One of the most important aspects of internal flow lies in the formulation and implemen-
tation of appropriate boundary conditions. Stability and convergence of the numerical
scheme is sensitive to the conditions imposed. Here, the two distinct types involved
in internal flow will shortly be described with special attention to the inflow/outflow
conditions.

Inflow/outflow boundaries:
In order to reduce the domain of computation, artificial boundaries are often introduced
up- and/or down-stream of the blade leading and trailing edges respectively. For the
unsteady Euler equations, which are of hyperbolic type, the correct conditions to
specify at these planes are determined using the theory of characteristics. In the
subsonic case four conditions at inflow and one at outflow must be specified, while for
supersonic flow five conditions at inlet and none at outlet are specified. The classical
choice in turbomachinery flow calculations, assuming a subsonic axial velocity, is to
specify total pressure, total temperature, meridional- and blade-to-blade flow anglos.
If the flow is transonic at inlet, i.e. the axial velocity is subsonic while the relative
velocity is supersonic, there exists a relationship between Machnumber and flow angle,
the unique incidence condition. Then the swirl velocity is specified instead of the
blade-to-blade angle. Additional purely numerical boundary conditions are added by
extrapolation from the interior domain.

The initial condition can be considered as a perturbation of the sought steady solution
and, as a result, waves will start propagating in the entire computational domain. The
steady solution is found after the elimination of these waves, which is caused by the
following two processes; internal damping in the interior domain or elimination or
damping during their interaction with the boundaries. Internal damping due to artificial
viscosity introduced through the numc-ical scheme leae- to 4amping of the waves, out
this viscosity should be as small as possible since it introduces an error in the steady
solution. Waves striking solid walls are reflected without being either amplified or
damped. If the inlet/outlet boundary is suitably modelled a perfectly absorbing con-
ditljn ca,, be constructed for all waves striking these planes. Fngquist and Majda
(ref. 2) presented a mathematical theory of local absorbing boundary conditions at
artificial boundaries. Here the first approximation of their hierarchical theory is
applied. This is done by transforming the original coordinate system (x,y,z) to a local
system , located on the biundary, with the x-coordinate normal to the surface and
positive into the computaticnal domain while the other two are tangent to the surface.
By transforming eq. (4) to this local coordinate system while neglecting pitchwise and
spanwise derivatives and introducing characteristic variables, a decoupled set of five
scalar equations can be found. The number of conditions to be imposed equals the
number of characteristic directions which enter the domain, and is given by:
d5/dt=xi, i=l,...,S. According to the sign of the corresponding eigenvale a new vector

is constructed by either specifying or extrapolating the characteristic variables. At
inlet the new w-vector is constructed according to:

X O w(i) = w(
i )

1 spec. ()

>O w(i) =w
(i

i extr

It is then transformed back to conservative variables, and the flux through the inlet
boundary cell-surface is calculated. It can be shown that this technique gives stable
boundary conditions and absorbs waves very efficiently.

Solid- and periodic boundaries:
The mesh is constructed such that cell surfaces lie on the solid- and periodic boundaries.
Since the conservative variables are defined at the centre of the cells, all convective
fluxes are zero at solid walls. The only contribution to the flux come, from the wall
pressure which is extrapolated from the interior domain. The periodicity condition
imposed along periodic boundaries is such that these cells are updated just as interior
cells.

Time discretization

With the boundary conditions and the artificial viscosity included, our complete space
difference operator becomes:

t= F(q) (8)

The time is discretized according to:

qn.l = q n * AtF(qt)

n - n q - A t F ~ q ) * - A t F ( q , ) (9 )

q - q I
+n. AtF n) 7 Attl( qn1
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where

qn= qf(ntt)

This is an explicit threee-stage, second order accurate scheme well suited for obtaining
a steady solution. It is stable with a CFL condition of 2. Since the time-dependence
o f the solution is of no concern here local time-stepping is applied in order to accele-
rate the convergence to a steady--state solution.

Results

General note on splitter blades

Inc lusion of spl it ter blades in the so lution of aerodynamic flows in centrifugal com-
pressors presents an extremely difficult problem to the program. The presence of a
sharp leading edge in a flow with a high diffusion rate, such as at the shroud, adds a1
high instability factor to the process of finding a solution. Great care must also he
taIken with the geometry around the leading edge of the spl itter blade in order to allow
it to tolerate the likely incidence range even in the early stages of convergence.

It is normally required to, find a solution with the shock in the inducer section. if
Wrinig tlhe cairl v stages of convergence the shock forms in the oxdocer passage, then it

Must b-e forced forward into the inducer. This is compl icated by the spl itter blade
leiding odge with its own unique incidence condition and shocki system. Rick pressure
indI seonod ardor viscosity must be control led very cairefullIv by this proecs-

Low pressure rat io compressor

the first case is onie of 2.2':1 inl overall stage pressure ratio and a desien inlet mach
number 111 0.8 at shroud. The geometry is first run with a relativoly -hurt downstream
ri-giot mond with classical boundary condit ions (fig. I .Ar the huh, the loiding on the
splitter blade is considerably less than on main blade (as fudged Iy the differI oco he-
tnt en thbe suet ion and the pressure sur face mach numbers) . OIn the shrioid, there is a

el I ipso" of loading on the suet ion sirface of main bla:de, m IIed beY a broiL down in
the Cs li i t the leai~iig edge From mhich it never recomer,, Thiis -1,rought mbc'or
by ;i high iitiieonl the Ma1 de diirine, the eli Is etig-oitf the solutioi which iitr
dcliiC 311 ahiiesinh gh Ins in totail pressuro (fig. )

Nhe -o and has the- same giometry LI thzi yf the fiist but the exit boiund its c-mditn
ire chinged to absorbing .The e have tie :ibil 'tv of regulaiting the dis-tihution fi
fli)i, more naiturally ait thcle -st hoindirt ' id Iceolre the difference in flo an etween
Min i - s tl i tier hlIado, Iied l t 1 te ni, I t 111 I ,1 id 1 Ilie I tr ibu ' i In y'I I F i - ing I
the Ih1 III i- ion More eXt ii it tl' bobl 11ie " ',1 i)-i sf loading en the, 1 l od II

pr' lit hut iiit cii ever(, 2) .

1)i-, I t r aM ca I ,I11trig ''5e' 111-1 , X Tili.d in1 th lpio raim i s rilI wti Ii- 1 1
f I di rsy c, ndi t Ii; I f j ip I ll a Itl i i If d tCr i hict I in ;it hth' i - not i< it' 1 1
t 'ee re- n 'inI, I-or A fci I I 1 ci t i i I t lie -brooid lii' liteu 'tn el i , :I Cii 7 Cetg ul

171i11 b~ t et '"M n 0011i tt LIIi ' I Ig hub l .
t 

lii

lie II ie iii ~ e3I in VC go rert' ' I It 1 11 1 10 1 1" It 1) fos II ir. T ! 11 ' I Ii

mie l nuMbe 0r otf I ti1 I t eliralit. IChi ful Ne p 
t 

c CIM[)r o (),eTI 0 11 Ot tlie< e I-(' ot

I- hi I'om- in r uii n n i n 0 I, l -i m ' r, s T I IITI; I liu ILr Ivo e 'i, t li re ioi (.7- II TheI us
I,' nrl)Iung IeTti d it ioins li-i\-P proveil t libe sln Tl~ tf I eIn I -I i t Lasie ii t~' n I I I C tIvI '

' idIt i rii ; ne cc '"( < rIou t oi aIt I ,t I l i t l .iii Iu n F' rdi 2'I,, l' r 
t
e n I lie f i T) I

stip g 'I, I the ,lliuit 'mii

imp I" IlitI imp'hl~ I, Ih It ti'ueet 'it i I) ncie licgl;'
Il r i , l ii eel -,, 111d th ,I 11 g 1)I 1i I i IfIt xIt ,IngII-, t)( r,1 i lire Ii I e ii Ii til clcs ol 'p mu h h I he
t 111 11 1.. 11 qe)i i 11 L ~ I I f t1 i I i 'I- t-i i's I i~,; ,- ' II 1 t ud JI sc hYI m \"' il 100 I n ,I n

IfII 111U II I I t 1i C 1 1 11 1 7 ,m I it ltl 1i I Cli I c' I) d''e t tl~ iI ii I' yt''si t is n i~ ii 1 lt 
1  

li
t Iv 1) I 1 ei i lrc ,I it i t lie i lite1itli i t C ri -' -' llt wi lb f, I !. s 'TItt' .I h

I d ill II , gr iI J I is 7,. I I

- i I I I I I" n 'i ' 1 1 '1 1, d I fCIi ' . hI



32-5

Future work

It is intended to develop the grid further to include a C-grid In even a combined C-H
grid. These would provide the advantages of the O-grid at the leading edge and the
advantages of the H-grid in the passages between the blades and in the downstream region.
Of course the final step in the development of the program is the solution of the full
Navier-Stokes equations. It is believed to be more sensible to develop this than to
develop the Euler method to overcome all the problems encountered in the running of
centrifugal compressors.

Conclusion

The use of an Euler-solver has demonstrated in the design of centrifugal compressors.
As it stands it cannot be completely relied upon and the use of traditionat rethods with
their empirical rules must continue for a long time into the future. There is no doubt
however that it can contribute to our basic understanding of complex three-dimensional
flow.
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DISCUSSION

Y. RIBAUD, Fr

Avez-vous appliqui des critires de coherence pour vos calculs
d'icoulement ? Si oui ites-vous satisfait des risultats ?

Author's Reply

In the checking of the solution, we do an integration of the mass flow
up the channel, from the inlet station to the exit station. We are very hap-
py with the solution.

In the development of the program, rothalpy has been checked through
the compressor but not entropy.

N. KROLL, Ge

1) How does the picture of secondary flow change if you refins the
grid, that is, how does the secondary flow calculated with the £uker solver
depend on discretization error ?

2) Do you notice differencies in the smoothness of contour plots using
classical and absorbing boundaries conditions ?

Author's Reply

1) This compressor has only been run with the grid we have presented.

2) The contour profiles would come out different. The absorbing boun-
dary conditions have the ability of continuing the local solution at the
exit boundary.

J.D. DENTON, UK

It is a significant achievement to obtain and Euler solution at such a,
high pressure ratio (9 : 1). I and others have tried without much success be-
cause of the very strong transients which occur on starting the calculation
and which never settle down.

What is the development which makes your Euler solver works better than
others in this application ?

Author's Reply

The calculation of this compressor has not been easy and has taken ma-
ny months of work. The convergence and quality of the solution must be con-
trolled carefully during the run. The exit static pressure is gradually
increased and the second order viscosity gradually reduced. Additionally,
absorbing boundary conditions are used in the early stages, changing to
classical boundary conditions at exit for the final convergence. This is
currently a manual process.
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ABSTRACT

The flow character of a 30 deg. backswept impeller is analyzed by means of the L2F-
measurement technique available at DFVLR. Significant cross flows, noticeable distor-
tions of the through flow patterns and considerable velocity fluctuations are found in-
side the blade passages of the impeller. The distortions of the velocity patterns are
smoothing towards the impeller exit. A detailed analysis of the measured data reveals
the existence of two countcrrotating channel vortices that are significantly influ-icinq
the overall flow character.

NOMENCLATURE

c = absolute velocity x
cm  = meridional velocity r = cylindrical coordinates
c = square of the velocity fluctuations z
P parallel to the mean absolute velocity x/sm = dimensionless shroud length

cp = circumferential vortex velocity y/t = dimensionless blade pitch
C L = component of vortex velocity measured z/b = dimensionless channel depth

by laser velocimetry 
8
b = blade angle

C., = fluctuating velocity pasallel to ieanL = flow angle mcasured y
absolute velocity L2F-technique

L2F = Laser-Two-Focus 4B = difference angle between
a = mass flow rate blade angle and flow angle
n/n 0  = dimensionless shaft speed = total/total isentropic
PS = pressure side "Stt efficiency
p = static pressure V = kinematic viscosity
rmax  = maximum radius of potential vortex part 7t = total pressure ratio
r = radius of solid-body vortex P = density

= suction side w = angular velocity
Tu = turbulence intensity TuJCu,./C
u = circumferential velocity SUBSCRIPTS
wb = relative velocity parallel to the 0 = ambient condition

blade surface 1 = rotor inlet
wL = relative velocity derived from 2 = rotor exit

L2F-measurements 3 = diffuser inlet
4 = diffuser exit

INTRODUCTION

The research activities on centrifugal compressors are focused on increasing the per-
formance and economy as well as on improving the design techniques for these machines.
Extensive experimental studies are required to accomplish today's knowledge about the
real flow character in centrifugal compressors as e.g. about unsteady flows, boundary-
layers, secondary flows etc.. This is the most promising approach for establishing real-
istic flow models that subsequently can be used for a further improvement in performance
and economy of centrifugal compressors (1,2,3,4,51.
Great progress has been achieved in the experimental field by the development of the
non-intrusive optical velocimeters which enable the users to analyze the internal flow
fields of turbomachines. Even the flow character inside the rotating blade channels can
be analyzed by these measurement techniques [6,7,8,91. Generally, the absolute flow vec-
tors and flow fluctuations can be measured inside the machine at any point accessible by
the laser light from outside.
For the results to be presented the "Laser-2-Focus" velocimeter (L2F) available at DFVLR
has been applied for detailed flow studies. This paper deals primarily with the secon-
dary flows and the corresponding flow fluctuations analyzed with the L2F-technique in a
30 deg. backswept rotor.
Today, two widely differing definitions of turbomachinery secindary flows are in use.
The academic definition of secondary flows is associated with the development of stream-
wise vorticity [10,11] whereas the technical definition associates secondary flows with
all cross flows that are not following the blades (12,13]. The technical definition of
secondary flows will be the basis of this paper.

TEST COMPRESSOR AND INSTRUMENTATION

The test compressor is a single stage centrifugal compressor designed for a total
stage pressure ratio of 4.0:1 and a mass flow rate of 4.0 kg/s running at a rotor tip
speed of u =470 m1s. The compressor stage is composed of a 30 deg. backswept impeller
coupled wdih a vaneless constant area diffuser. Fig. 1 shows the performance character-
istic of this centrifugal compressor stage.
Maximum achieved total/total isentropic stage efficiency is 84%, maximum pressure ratio
- for 105% design shaft speed - is 4.5:1. The rotor was designed with a CAD-method de-
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veloped at DFVLR [3,14). It has 24 blades and its tip diameter is 400 mm.

The compressor flow characteristics were analyzed by using conventional as well as op-
tical measurement techniques. Total pressures and total temperatures were measured at
the compressor inlet and exit to determine the performance characteristic (Fig.l). Addi-
tionally, the static pressure development was measured from rotor inlet to the diffuser
exit. 24 tappings distributed over the circumference were used at the rotor discharge to
determine the mean static pressure at the rotor exit that has been used to derive the
rotor efficiency. The equations of continuity and energy were applied and a zero blockage
was assumed for this derivation. Maximum achieved total/total isentropic impeller effi-
ciency was 94%.

400 VI

30-~ Pefrac mpo h enr- Fg2 ragmn ofteopia1 maue

a 0

01

Fig.1 Performance map of the centri- Fig.2 Arrangement of the optical measure-
fugal compressor stage ment planes

The arrangement of the -surement planes in the rotor area used for the optical mea-
surements inside the moving rotor blade channels is shown in Fig. 2. Detailed laser mea-
surements were carried out at 6 measurement planes orientated perpendicular to the
shroud contour. Up to 16 measurement points are automatically measured by the L2F-tech-
nique across one blade pitch [15). At each plane measurements were carried out at 5 z/b-
positions (z/b=0.1,0.3,0.5,0.7,0.9) permitting the reconstruction of a 3-D impeller flow
pattern.
The measurement accuracy is satisfactory. Generally the error of mean velocity measure-
ments is less than *1% and the uncertainty of flow angle measurements is less than 'I
deg.. In regions of separated flow, however, the error to be expected may rise to '3% or
-3 deg..

THROUGH FLOW AND SECONDARY FLOW

Figs. 3-8 are representing the through flow character of the 30 deg. backswept impel-
ler. Lines of constant dimensionless meridional velocity c /u, are plotted in these fig-
ures for the six measurement planes shown in Fig. 2. The pTot ed results were obtained
for the design point (i=4.0 kg/s, n/n =1).
Only small variations in the meridion l velocity profile are present at measurement
plane I (Fig. 3, x/s =0). As expected, the meridional velocity profile is increasing
slightly from the pressure to the suction side and is almost constant from hub to shroud
which agrees with the design approach i.e., during the design procedure ef this impeller
a constant meridional velocity profile has been assumed from hub to shroud.
Fig. 4 shows the meridional velocity pattern obtained at measurement plane II (x/sm=0.2).
A comparison with plane I reveals that the meridional velocity is slightly accelerated
from plane I to plane I, which, of course, is not true for the mean relative velocity
that is continuously decelerated from rotor inlet to rotor exit. Maximum meridional ve-
locities are present in the middle of the flow channel. A positive velocity gradient is
observed from hub to shroud. In the pitchwise dicection the velocities are decreasing
towards the blade surfaces. A discrete boundary layer profile, however, is not analyzed
by these measurements which is due to the measurement position not permitting measure-
ments very close to the blade surfaces.
Fig. 5 shows the meridional velocity pattern measured at plane III (x/s =0.4). Altogeth-
er, the velocity profile analyzed at this measurement plane is very similar to that
found at plane II (Fig. 4). A significant difference is only seen in the shroud/pressure
side area. Here, a considerable gradient and a strong reduction are indicated for the
through flow velocity component. In comparison to the overall flow channel the area cov-
ered by the low velocity fluid is rather small.
From plane III to plane IV (Fig. 6, x/s =0.6) the low velocity fluid area is increasing
covering now a greater portion of the p~tchwise extension. The points of minimum veloci-
ties are again located close to the shroud but compared to plane III they have now
shifted from the pressure side towards the mid-pitch position. Close to the shroud (z/b=
0-0.4) maximum meridional velocities are present in the vicinity of the blade surfaces
and the area of low velocity fluid is embedded in high velocity fluid areas.
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A similar flow character is present at plane V (Fig. 7, x/s =0.8). But here, blade load-
ing has already significantly decreased in the middle of thT flow channel (z/b=0.5)
which can be deduced from the lines of constant meridional velocity that are now almost
extending from the pressure to the suction side of the blade.

PS

Fig.8 Lines of coost. meridional
velocity c /u at plane VI

00 (ri=4.0 kg/s, In0 i)0 23

Fig. 8 illustrates the through flow character at plane VI (x/s -1.004) that is located
at the impeller exi*. Due to the laser beam orientation, measurements at z/b=0.1 and
z/b=0.3 had to be taken outside of the rotor which is also the reason for the large tip
gap plotted in Fig. 8. " low velocity fluid is now concc~otrated in the vicinity of the
shroud. Only small velo 'cy gradients are present in the flow channel area (z/b=0.3-1.0)
indicating a very regular meridional velocity distribution at this measurement position.
The reduction in the through flow velocity component, primarily observed in the shroud
areas of measurement planes Ill to VI, is associated with significant cross flows. These
effects are pointed out in Figs. 9-14. In these figures the difference angle AB between
the blade and flow angle is plotted versus measurement area.
Fig. 9 illustrates the flow angle distribution at plane I (Fig. 2). An almost blade-
congruent flow is present at this measurement position. Noticeable differences between
the flow and blade angle are only seen in the hub/pressure side area which is due to the
displacement effects of the thick blades.
A throughout blade congruent flow is observed in planes II and III (Figs. 10,11). Here
the flow properly follows the blades. The differences between the flow angle and blade
angle found in the hub/prcssure side area of plane I have now faded out, negligible Ae's
are present in planes II and III.
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Fig.ll AS-distribution at plane Ill Fig.l AS-distrihution at plane IV
(t=4.0 kg/s, n/n0 l) (M=4.0 ka/s, n/n 0 =1)

Fig. 12 shows the Aa-distribution for plane IV. The secondary flow pattern analyzed at
this measurement position looks very irregular. In the hub/pressure side area (y/t=0.2,
z/b>0.4) the flow has a component towards the pressure side, whereas, close to the suc-
tion side (y/t=0.8), the flow vectors are primarily pointing in the circumferential di-
rection. A very strange looking secondary flow pattern is preseht at the middle of the
flow channel (y/t=0.5). At this measurement position, the flow directions are changing
repeatedly from shroud to hub. Looking at the entire flow channel, a distinct secondary
flow direction cannot be derived from these measurements. On the contrary, the secondary
flow seems to go in any direction. A similar secondary flow character is present at sea-
surement plane V (Fig. 13). Again a distinct cross flow direction is not seen at this
measurement position.

02 "Y02

*Y't1, o'7 I2

Fig.13 A6-distribution at plane V Fig.14 As-distribution at plane VO
(0=4.0 kg/s, n/n0 1) M=4.0 kg/s, n/n 0 =1)

In contrast to measurement planes TV and V the cross flows are clearly directed towards
the pressure side of the blade at measuroment plane VI which is located at the rotor ex-
it (Figs. 2,141. This effect is well knowjn in centrifugal compressor aerodynamics. Gen-
erally it is called the slip effect of centrifugal compressor impellers.
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INSTANTAk4EOUS RESULTS

The unsteady flow effects throughout the rotor were also ana'yzed with the L2F-
technique. As expected, maximum flow floctuations were present in the areas of great
velocity gradients. This is pointed out in Figs. 15-20.

RV 6 1. PLANE I ,z o mtS

PS6R 61, PLANE B ~
- =l4kg/, 1=2 1500, 300W,2

ISn/rozl =

-0 Ps OO,15n'SS

0 202

02

0/b

06

066

0

0

Fig.15 Velocity fluctuation s c at Fig.16 Velocity fluctuations c at
plane I Oi=4.0 kg/a, n/R -'=1 plane II (ih=4.0 kg/s, -1)

I,, these figures the kinetic energy (c =C, of the velocity fluctuations parallel to
the mean absolute velocity vector i s piotted versus the flow area. Only low flow fluc-
tuations are p-esent at measurement pian's I and 11 2 (r qs. 15,16). Here the fluctuation
intensities are varying between 150 m /s- and 300 m /s . The corresponding turbulence
intensities (Tu) are varying between 3 and 8%.

RV 61 PLANE I = lA0S030,/,1 V6 PAE 74lo

PS

0 66

Fig.17 Velocity fluctuations c at FiqiB8 Velocity fluctuations c at
plane III (6~=4.0 kg/s, RIn 0 =1) plane IV (oh=4.0 kg/s. n~n 0 =1

6.669/ 1, PL6N 6 P=N~ -,s

o' 9000, MIN,,', U~ 000SO'/1'

PS50 M 15001 905.'fl

1/bb
1110

Fig.19 Velocity fluctuations8 c at Fig. 20 Velocity fluctuations c at
plane V M-o4.0 kg/s, n/R (=1) plane VI (fr=4.0 kg/s, n~n 0 =1)
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The flow fluctuations are continuously increasing towards the impeller exit (Fins. 1
7 -

20), whic i primarily crue for the shroud area, whereas only low fluctuations
(c 150 m Is ) are present in the hub area2 I the hub areas of planes I to I the f -
tuktion intensity c does not exceed 150 m Is
However, the flow aFea portion with low fluctuation intensit iee is continuously decreas-
ing from rotor inlet to rotor exit. At measurement plane VT (Fig. 20) the low fluctua-
tion intensities have almost vanished. A small area with low fluctuation intensities is
only present close to the pressure side.
On the other hand, the high fluctuation intensity areas are increasing c~ntinuous*. 2r5
rotor inlet to rotor exit. Maximum fluctuation intensities of 2.500 m /s have teen r--
sured in the shroud area of plane V (Fig. 191. Howeer, the area coveied by these vry
high fluctuations is rather small. Towards the impeller exit the fluctuation intensit
in the shroud area are again decreasing.
Maximum fluctuation intensities at the impeller exit are 1.500 m 2/s

2 
(Fig A).t

measurement plane the turbulence intensity varies from 4 to 10% which see's to e n a-
propriate turbulence level for a diffuser inlet flow [16.]

VORTEX ANALYSIS

The results presented indicate significant cross flows and flow fluctuations in tlt
areas of reduced meridional velocities. Reduced meridional velocities and stonI a
dients in the meridional velocity prf ilcs are primarily present close to the chlr!u-.
The interrelationship of these phenomena can be best explained by a studs, Di the vr -
flow nside of the impeller channel passages.
Information about the vortex flow of a centrifugal co-pressor rotor is obtained r
lines of constant relative flow angles (isoclines). The existence of a real sot-
he deduced from the shape of the isocline pattern. The Lasis relations for the, .

a re-al :1r-t 1- nalysed bv means of the L2F-velocimetry were oriuinallv derie' ,
Binder [17T,1P]
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Fig.23 Isocline structure for a real
vortex, composed of a solid-body and
a potential vortex part

//

The corresponding isoclines are shown in Fig. 23 indicating that the isoclines are par-
allel in the solid-body vortex area whereas the isoclines are elliptical in the poten-
tial-vortex area. The vortex center is located in the middle of the parallel isoclines.
The idea described was used to look for vortices in the impeller flow. Isoclines were
plotted from the L2F-measurement results and a real vortex was assumed to be present
when an isocline pattern similar to that shown in Fig. 23 was analyzed.

PS

Fi.2 Isocin patrStknt)Fg2 soln atr g~~s.

5S6

0 4i -~ 

72

Fig.24 Isocline pattern ( konst.) Fig.25 Isocline. pattern (h =konst.2
measured at plane mea -r" at wIt T a V
(r=4.0 kg/s, n/n 0 =lj bS-4.0 kg's, n/n 0l)

Fig.26 Iso-line pattern (B =konst.)
measured at plane-oV

f-I (t=4.0 kg/s, n/n =1)

Figs. 24,25 and 26 are showing the isocline patterns for measurrment plIans IV, V and
VI. The isocline patterns are showing a distinct vortex development at these measure-
ment planes. Two counterrotating channel vortices were found at planes IV and V only
one channel vortex was analyzed at plane VI. Close to the shroud considerable flow angle
differences and parallel isoclines were analyzed at planes IV to VT. The isocline pattern
indicates a solid-body vortex part in this area which seems to he initialed by the rela-
tive motion b.tween the rotor blades and the casing.
A comparison with Figs. 3-20 clearly shows that high reductions of the through flow .e-
locity component, strong flow angle differences and fluctuations are primarily present
in the areas of increased vortex development. The vortices are generatinq secondary
flows in the pitchwise as well as in the hub-to-shroud direction. Since the L.2F-veloci-
meter is capable of measuring the veiocity components in the pitchwise direction (Fig.
22), the cross flow in this direction caused by the vortex development can be derived
from the L2F-measurements. These results are shown in Figs. 1-14. Obviously, the stranqe
looking cross flow patterns at measurement planes TV and V (Figs. i2 and 11) are easily
explained with the vortex model. A comparison between Figs. 14 and 26 - which are
showing the results obtained at the impeller exit - in suqlgstlng that the slip effects
of the 30 deq. hackswept impeller can also be attributed to the vortex development.
Obviously, t(

t
- vortices analyze

3 
at the impeller disharqe are predominantly sweeping

the flow in the neqative circumlerential directivn. These effects are clearly marked in
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the hub and shroud area whereas the cross flow towards the pressure side of the blade is
suppressed in the middle of the flow channel which seems to be due to the counter-
rotating vortices (Fig. 26).

0o Fig. 27 Through flow velocity

04 distribution in a vortex

06,,

25

0 0 02 00 01 05 06 O 06 0 

The low chrough flow velocities in the shroud areas of measurement planes IV, V and VI
(Figs. 6,7 and 8) are also supposed to be due to the vortex development. It is well
known that the through flow velocity component of a swirling flow is decreasing from the
vortex edge towards the vortex center [19,20,21 1 . Fig. 27 illustrates this effect for
three vortices. A vortex with an axial velocity component varying only in the radial di-
rection is assumed (w =w (r)). The radial velocity component is assumed to be zero
(w =0). For these assumpfions th- following relations can be derived from the Navier-
Stskes equations:

w 2/r = 1 Op/Or (3)

p(') = konst. (4)

vi 1 (r 2w
r= 0 (5)

Equation (5) can easily be integrated and the result of the integration is shown in Fig.
27.
The through flow velocity has a maximum at the vortex edge (r/r =1) and is decreasing
towards the vortex center. The desc'.t towards the center strongly depends on the radius
ratio r /r that relates the potential vortex part to the solid-body vortex part of
the overa 1 vortex. Qualitatively the results obtained are in good agreement with the
measurement results found for the impeller flow. In the impeller the thro'lgh flow veloc-
ity is also decreasing in those areas where 'he vortices are present.
The distorted actual through flow patterns are also suppoced t be due to the vortex
development inside of the flow passages.
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DISCUSSION

J. MOORE, US

Can you tell us what the tip clearance was in this impeller and what
is its distribution through the impeller ?

Author's Reply

When the impeller was operating at the design point, the tip clearance
at the impeller inlet was 0.5 mm, and 0.2 mm at the impeller exit.

J. HOURMOUZIADIS, Ge

You observed secondary flow pattern primary in the rear half of the
impeller, and you said it's because the relative motion of the impeller
casing. There is also relative motion in the front part of the impeller. Do
you have an explanation why it was predominant in the rear part ?

Author's Reply

There are significant differences in velocities through the impeller.
In the rear part they are greater than in the impeller inlet and I think
that is the reason for this phenomena.
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H. VIGNAU, Fr

A quelle distance minimale des parois avez-vous effectui des mesures ?

Author's Reply

The measurements results shown during this presentation have been ta-
ken at 1.6 mm from the wall, at the impeller exit. We also carried out mea-
surements very close to the wall, at 0.5 mm from it. These results have not
been presented here.
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METHODE DE PREVISION4 DES LIMITER DE FDNCTIONNEMENT EN DEBIT DES COMPRESSEURS CENTRIFUGES

H. MITON, C.N.R.S.-I.M.F.M., 1, rue flounnorat, 13003 Marseille (France)
G. SENATORS, I.M.F.M. * 1, rue Rornorat, 13003 Marseille (France)
J. CHAUVIN, L.E.M.F.I., Bat. 502, Campus Umiversitaire. 91405 Ornay Cedee (Farece)

tea pbdnmnnes qui imposent in d~bit minimum de fonctionnement d'un compresseur centrifuge me sont pan
toujours clairement identifids. Si Ie pompage et le dfcrocbage rournant sort soavent observes a Aebit par-
twO,' ii n-est pas certain gue ce noient seulement cnn phdnomnas purement instatienmaires gui imposent la
"igme An nompage". L'approche qui a 6tO retenue ici consiste A ucterminer cette icjre em applijant u:-
guement deacrir~ren de charge damn la region 551ame An la roue mobile et ia partie seni-aubee -du difu-
seur. La unmite de fonctiomnement ent suppes~eatteinte Iorsgue roue et diftuseur mont nmmultaciment Aecrc-

ohfs. tea rfsultats d-une mecbode d'asalyse simple appligues A dean compreannurs de caracthnistioo-ea oeo-
mdtrigues tines diffdlrentes euntrent ,in assez boe accord ectre la lirite de, fonctionnenet dlinie p-ac e
critece et la Sigme de pompage enpdrimentale.

Liste den symbolen

V Vitesac absolue
4/s Viresne ddbitantn
Vu Vitesse rangenrielle
w Vitesse relative
M Nombre An Mach abaclu
MW Numbre An Mach relatif
0 Vttesse d'entrainenent
N U2',_
x Rapport den vitesses A~bitastes sortmeientree rue
0 Coefficient Ac Adbit :VaO(02
DP-a Coefficient An obarcee iire
Phi Potestici des vitesses
B Angle entre la citesse relative et ia vitesse ddbitarte
T T-eratare

To Tmpdrtare tutole
'I Rapport des chnalcucs specifigues
Cp Chaleur spdcifiguc A jeenniem constants

em Rendement on La con mobile
.I Rapport An pressioc tot40cc
1. Facteum Ac furme Ac .ruckenromdt (puteitici Ae deformation,
R Ry' on
Rn Rayon moycs
Rp Rayom An pied
Rt Rayon Ac tte

S Section An passage
Zr Nombre An pates Ac ia roae

B. Angle Pored par ins pales ayes La Acrectio radiale (a sortie tic !a rose
I Direction Au miliagle

Direction Au naillaje

C"efficrent An glise-nt

indices

I Etree Ac Ia ro-c =ettl
ti. C.,d Ac a mouc mobile

Sortie An ia roun nubile
etr6 _ Au dif faur
C.1 Au diffasnam

4 Sor tie cempresser

I. INTRODUCTION

Si c dhi mcmm dun cupresneor entrifugeepea ce*denhsn c 'olt6. Amoc 11 nen-me
sail prisoir la saturation Ade AffErenti conposants, ins pidnomnees gui imposerit sont Jetli it

nesnt pan toujours ciaireme t ideTifie6s.
IL c onvieant d'abord de prfecisem lea pi~nomhnres g6ndmainnent mis en caluse

lei punpage vraf
-lI ddcrssiage toursant

et d'effectuer use rc.iargun coecemeant l'usage An es termes.

Le pempage "vral" intoresse l'enseshle du compresseur et son circuit. Son amplitude pest 6tre myrtante
( fl uc tua tio0ns An I a vitesse atteignant IOC % Au niveau mopes). Sa fr~gsence est gdn 6malememr f aible. II
pe ur sea prndu ire Ats gun is pente An la courbe caractdristlgue dahit-presslos g lobale Au cumpresseum pre-
sen te une certaine valnur positive. Son apparition et son amplitude sent fortent iefluaneees par Ina cir-

cuit recepteur. 11 nest pas ntscessairement provoqua par le d~crochage toummant.
Le tere de " d-crochage tournant" d~sigme en rfalit6 plusleurs phenom~nes An nature compl~ltement diff~ren-
te Au pr 6cdent. Xl s agit d',imstabillt~s de mama type gun celles observ~ns dams Ins compresseurs as'aus,

pr seanta nt certames caractdristigue s propresa aun c onpresseurs centrifluges. Fs partuculser, on peut Acne-

le a n d~crochage tourn ant d ans ane snule par tin du compressnu r non resse nt 1 dams d .autres 
par tiesde la

mahine, m~me volsises.



35-2

Les informations dont on dispose de Ce point de vue sont anuvent ambigndes. 11 est en effet d'usage de d6-

signer Ia lmite de tonctxu-nnement dun compresseur par le ters de "ligne de pompage", sans 0q.e 1'ofl

puisse toujoura identifier expdrizsentalement le phdnom !ne rdellement en cause. 11 eat dans cs conditions
diff iciled'dtablir one m4thode de pr~vision si I'on ne cosnalt pas sur quelles bases cotte ligne a 6t"

rdelleaent d~terminde, bases qui dana certains cs peuvent 4tre same quelque peu sob jectives.
Le pompage et plus frdquemment Ie ddcrochage tournant sont souvent observ.§s h d~bit partiel ;il nlest
cependant pas certain que dana tous lea cas, Ces phdnomenes purement inatationnairs imposent Ia ligne
de pompage. Des d~collemnts de la couche limits dans certaines rdgiona du compresseur, seme Stationnai-
tea dana us rep? re fixe 00 mobile, mais toujours A l'origine de phdnomenea inatatiosnaires intenses A ra-
Vera le moovement relatif, peuvent parfaitemnt perturber le fonctionnement A faible d~bit. Par ailleurs,
en raisonde leur influence sot Ie Prof iI des soothes caractdristiques des diffdrentes 616ments de IS ma-

chine, ces d~collements peuvent contrdler pat ce bieis l'apparitiondes phnomenea instationnaires d~crits
ci-dessoos.
Enf In, au-deIA de l'aspect phdnom~nologique do probi~me , siIl'mn a'en tient au point de s'ue de la prd so-

Sin, ii eat dvident que, decrochage atationnaite relatif A on composant, decrochaqe tournant o pompage
ont one cause commbune et se sont que lea diffdrentes cona~qunces d'une charge excessive impoade A l'dcou-

lement dana certaines parties de Ia machine.
Deux approches nt dtd envisagdes pour traitor ce problesme dont la nature seast done pas toujoura Claire-

sent d~f Isle, m~ine bora des essais:

- Analyse d~taille de la stabllltt4 de l'6coulement. Cette approche largement utilisde dana lea compres-
sours axiaux revient A identifier is pospoqe aves one inatabilitd de 1' coulement auivant le temps. Elle

paratt avoit dtd aurtout mise en oeuvre poor traitor le cas des diffuseurs lisses (R~f. I A 4).
Entrent egalement dana cette catdgorie lea travaux basfs sot l'6tode de la pests des coorbes caractdris-
tiqoes d~bit-pression. Appliqudes a lensemble do circuit, ces m~thodes permettent de provoir le ponmpage
"vrai".
Toutefois, IS stabilitd do chaque composant (roue, difluseur, volute) pent dtre 6tudi~e Sdparftent, appro-
she ' lncalisde" qui pAralt mieux adapi~e A Ia pr~vision do ddcrochage tournant (volt par exempts lea
Rdf. It et 12 pour te cas des diffoseurs aubds( . 11 eat cependant permm de a'interoger aur la validit6
des approches tin~airea dens los comapresseuts centrifuges en raison de I amplitude des phdnom~nes insta-
tonnaires,mAme an point de fonctionnement nominal.

- Application de critLbres de charge (souvent trh s empiriquos) dana certaines parties de Ia machine fai-
sant intervenir des caractdristiques gdnmttiques (sombre d'auhes, rapports do rayns) et certaines per-
formances locales o glonates. Cette approche, tinatement voisine do cotle adopt~e dans co travail, tend
A identifier l'estrde en "pompage" Ai lappatition de certains phdnomdnes stationsaires.
Slappliguant do fan "localis~e" aux diff~tents 6l6menta do Ia roue et do diffuseur, olse patalt 6gate-
sent intdresser particulih!rement les machines plus fotment concerndea par le ddcrochage tournant quo ie
pompage "vtai".

11. RAPPEL DE CERTAINES OBSERVATIONS EFFECTIJEES All VOISINAGE DE LA tIGht DE POMPAGE.

Poor proposer on modille, ii appatait o~cessaire de tester dg6clairclrdansgouet ordre lea diff~rents ph6-
nombnos susceptibles d'imposer Ia ligne de "pompage' sont genoralement observ,§a.
10 decrochage tournant a 414 solos 6tudid gue pour lea compresseurs axiass. 11 a hiss 6td obsetv6 sxp ts-
mentalement Sot des roes et des diffuseurs do compressours centrifues.FRGNE et VAN DEN BRAEMBUSSCHE
(R4f. 5) not dtudid on cnmpresaeur 6quipd d'un diffuseur lsse, et mis on 6videsnce que plusieurs rdgimes
de ddctochage toursast precbdent qdndralement ilentr~e so pompage "vrai'1.
Dana la rooe mobile, trois typos do d~crochagea toornant se distingoant par tout amplitude et lout frd -
quonco pouvent Ato obtonus.

- decrochage "faibte"
- ddcrochage progresaif, d'amplitude continuoment variable inraque to Point de fonctionnement so ddplace

sot Ia courhe caractdristiqus (poor n'apporattre qu'A cottaines vitesses do rotation)
- dcrochage "brutal", c'eat-A-dire apparaissant brusquement ) l'amplitude maximum A partir d'un certain

d~b It.
Le d~crochage, tournant de typo "progressif" mostre one amplitude maximm A us d 6hit intermddaire entro is
ddbit donnant ie rapport do pressin maximum et to d~bit correspondent A l'apparition du ddcrochage bru-
tal. Coast anuvest A Ce d~bit intsrm~diaslre qu'apparait le pompags "vrai" (ddfini en tant auoinstahilitL5
do d~bit d'amplitude importante) qui pour dgalemnt @tre daclenchO per is d~crochage "brutai".
Dans lesdiffuseurs, deux types do d~crochage tournast ont 414 mIs en Avidence par lea mdmes autoura
- decrochage A haute fr~quence pour lea plus grands d~bits;
- d~crochage A basse frequenco poor tea d~bits plus faibies (pr~c~dant one entr~e 6ventueite en pompae

"vrai").
Cos auteura ont observ4, par ailleurs, gus si Ilenrr~e en d~crochage do Is rouobwite eat rdatis6, i
pout emp~cher l'appariton do diucage -curnant dana Ie diffuseor pour des d~bits plus faibies.

Si so probleme paralt avoir 414d 6tudi6 de fagon tr~s d~taiti~e pour tea diffuseurs lisses (Rdf. 5 et 6),
typo do machine gui ptdsente mons dlint~rAt actuettement, iI paraitdifficiied'avnir des informations
aussi prdcLses concernant lea diffoseurs aub~s.
Dana so domains, des travaux coscernast Ia stabilit6 des diff~rentos parties do diffosour ont copendast
dtd effectu~s. Par exemple. SAGRADI (R41. 7) a pu mettre on Ovidence Qe influence stabilisattice do Ia
partie lisse et semi-aobde (ponte de Ia courbe caracteristique toojours n~gative) . Lo regime do fose-
tionnement, stable o instable, do diffusevr se-ait Sinai tmposo par Is partie aoh~e.
On ne dispose cependant pas d-informations pr4cises permettant de savoir at h one telle instabiltt oat
associ4 or, d~crochage tournast o on pompage "vtai".
11 ressort de cette premiere analyse sonla ire, goe dans lee compresseurs centrifuges, to pompage "vrai"
est gdraieinent prdcdd par on rigime do d~crochage tournant intdressant au wins5 ia roue mobile. D'an-
tre part, on cogpresseur peut parfaitement @tre Is siO~qe d'un phdnomnkne ddscrochage toursant do type "pro-
gressif", avant d'atteindre a& ligne de pompage.
En ce qul concerns to d~crochage tournant dana les diffuseurs Aub~s, son ncourance parait avoir At# mins
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bien else en 6,vldence.
II convient enfin do rappeler, d'un point de cue pratiqun, que si le ddcr-csiage tournant oct un phenomena
tr~s critique dans lee cempresseurs axlaux, lee cempresseurs contrifugede par inur structure plus comn-
pacts, sent gdralnmont A t'abri des rieques do rupture par centruinte d'origine adrodynamiguo (sauf el
lee prossione de fonctiennemsont sent 6slev6os).

111. L'APPROCHE RCTCNIJC

En censdquonce il apparait que t'un des points essentoet eel d'identifler corroctoment lee composants do
!a machine dent le coisportenent esti torigine des Ovpnonents se produisant A Ia limite acceptable do
fenictionnement.-
De ce point de vue, in travail de VOSHINAKA (Rdf. 8) et particuli !reu.t sincificatif. Cot auteur ~ss
l'ontrde en "pompage'aa d~cellennnt simuitan6 de la rigisn doentrfe do la rose (herd d'attaque-col( ot do
diffusour (rdgien seni-auh~e( (Fig. 1).
Cello des desm r~giens entrant en d~crochago peur in d~blt le pluis faibie ontralse alors In ponpage as
moment de son ddcoiinment.

Cotte approcho denne un sens nouveau ue ndthedee ha-
sdes sur lee criteros de charge en 00 sens gun l'ap-
paritios du tiCrohero plus Ia cuodge~ee au
comportement d-un soul 618,eent do comprossear, male
de plosinure. Cette hypoth se et confronroce par
lastour A des rdsoitate emp~romentaue giobaus pour
uno s~rie de comprossoors A rapports do preesion 6le-

REGIONY 2 VIfu6u - (11;1). Lee coons et diffuesest soot icntiguos,
et lee compresseare ee diffdrenciant usiguement par

parties 1;sse ets7-t/e le taum do pr~retation en amoct de I oe
Un accord eatisfaisant eel obtena, sauf en r~girno do
rotation iotorrnediairn avec pr~rotation scile ci la
pr6visioin eel eptimeiste- Cetto dilffdrnce pout 6tre
dile a une interaction forte diffoseur-rese mobile, on
raison d'un d~crochago Icurnant "brutal" danis cello
dorn lre.

RElIlI:Enree roue bIle Au ye do nes r~suitate, il noos a pars int~ressant
de vdrifier 00 concept do crithro de double lfscolie-
cent ear des g4om(trios diffdrentee, aissi quo is for-

Figure Imulation 01 los vainurs numdrigues des fornuies do
charge linite, puis Ia sonnihilit6 does r~suitate ci-

tens aum param~trne mis on jes.
Dane on premier temps, on programme do calcul do performances do type "ligno moynnon'" a 010 6talbli. 11
s'agit, pour 1. rose, d'une mdthodo do "niveas II" suivant Ia classification do JAPISIIC (801. 9) . mo- eo-
nant , A co stbade, an certain nombre do recalaqos eporinontaiut, Olin a pereis d'6oaljer los charg)es, pois
lees conditions do ddcrochagn, dane lee avant-roune e1 ins rdgione soni-aub~es do doom conprossoors "tests'

dogomtrie tr~s diffdronte.
Avec des tomps do cabaul etrrlznmont rOduote, il parait ainsi (sassiblo do poescir la 'lagno do pompanoe"
avoc one orrour g~n~ralement infdriesro A 10 % nor lo d~hit 01 d'idntifier gdndralomont sane ambiquft6
in cemponant reponsablo.
Co s preminre r~sultate nt conduit A entreprendro one doueihnoe Otane, dane isauiso ins ciargos limitos
nont caical~es pour chaqun cempeseur A chaque silence de rotation. Cos calculs font intervecor one inS-
thodo do typo "trois zones" (Ocosloment sais et cooches linstos) appliqu~os Iccaement dans lee doe r6-
goons critiques. Si cello 6tado eel toojours on coors, lee rdsoitats partiols gui sent prcentlse parsos-
sent confirnor los conclusions propos~os A loissan do ia preribro e(tapo.

4. LfS blUE PRINCIPALCS CDMPOSANTSS DE LA METHOOC DE PREVISION

4.1. CalcoT A Ia ligo moyenoco

11 saqgit d'une m~thodo directe dane laqoello is 1(oneStrio, lo nonbco do tours el 1n jSbat sent d-nn .
Lee objoctifs sent do calcuier rapidonont, sync oine prdcisin oatlasaste, los utandoors ciractirietijaos
(angles, olteses, prossiens) do l'6coolomont:
- de Inritrcsn as cob lane la partie amialo do is rose mobile
- do (a sortie do la roan as cel du diffuseur.

En cons~gaonce, cetto m~thode pr~sonte lee caractdristiqaos subosotes
a) Calcul ear one lignode courant repr~sontativn unique (raf-ditO d'1eecoton(
b) Bosn prOcisien A Ia traversen do Ia rose pose donnor los conditins correcten A I'entrle du diffosnur;
c) Evaluation asse gresli rn des perfornancee do is part 10 ashe du diffuseur or do la rdgion de refesie-
coot dent Iiiportanco n'est pae eseentootie dane In oadre do 00 traval.
Pour satosfabre Ie point b, on suiie cettaine r~suitats A' zesginoexnpOrinnntaie notamment lo rendonent
dn Ia rose. Le gliesemont et calesi6 saivant ia fornsie do ECK, adaptso as cas do cempresoar oStudi6
(voir tableau + 2 An. 1) b e niveas do correction est fahbln et dane ia Precision does mthodos do typo 11
d'apree JAPISKE (8Sf. 9)., Cello r~sfsronco jastifie 6gainena In fait gun ctte correction poisso 6tre of-
fectu~e une snule foes dane tout le champ I a d~viatien standard de correction d'anglo pour reproducre
ins performances exp~rimentalee eel do I'ordre do dogr6 sur I 'ensenie de celsi-ci.
Lee hiocage as niveas do col do diffosnur seont Ovalose, soil Mdans la promit'ro 6tapo 5)A, suivant ice
fornuies dorigine osp~rimentain proposnes par KENNY (Wo. 13), enit (dane la desu0me etapo 6) par
calcul do d~veloppemeet de la couche limite.
Compte tens des informations dorigine esp~riinnntain atliese, ce calesi na done pas la prcstention d'4-
Cre one ndtleode g4n~raie do pr~vision du champ caract~ristigue compiet d'une machine guelcongue.
e description compl~rn en et donnon dane la r~foronco 20, et an r6SoMO6 en Annexe 1.
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4.2. Prevision du d~crochage des composants

On utilise des coefficients de charge linite caractdrisant l'accroissement de presslon statique A la tra-
versde de la r~gioo considdrde.
- l'entrde de ia roue mobile:

DPsaxlth =Pth - P1/Pot - Pl
entre le hord d'attaguc et le col, divis4 par la diffgrence entre la pression d'arr~t et !a pressiom sta-
tique.
- A l'entrde ds diffuseur

D5A53-* Pa - P3/Po3 - P3

Doe sources snt utilisdes pour la d~termination de la valeur limite
- formules empiriques de type KENNY (Rdf. 13) (Fig. 6) relevdes pour des diffuseurs A cacaos et ailetes do
compresseurs PRATT et WHITNEY, donmant on rapport de pression de 6:1, seosibloment plus 41ev4 que reli
des deus machines ronsidcsr~es cci. Suivant ces formules, la charge limite est fooction seulemeot du oe-
bre de Mach as bord d'attague des aubages.
- ralcul local suivant so mod~le A trois zones (6coslemeot sain, plus couches limitos) , coo coupldes pour
la roue, couplde pour le diffuseur. Les rdsultats de ccc calculs permetteot d'dtabllr des couches de type
KENNY pour rho-:-e type de machine et chaque c~gion considdrde.

4.3. Les compresseors etudids

La m~thode de prdvisioo brl6vement prdesnthe dans le pacagraphe prc6deot a tt misc en oeuvre pour doss
rompresseucs seosiblemeot diffdcemts pour lesquels on dispose an coins d'un certain sombre de r~sulrats
d'essais

- compressour DFVLR (Rdf. 10)
- compresseor TURNONECA (Rdf. 14)

Los pricipales carart~ristiques do ces machines snt repr~sseothos dons Ie tableau I ri-dessouc

Nose Diffuseuc

*Rp/R2 a Rt!R2 * type pales * cibr. pales a N3/e2 c nbc. pales *
Tableau 1 - - - - - - - - - - - - - - - - - - - - - -- - - - - - - - - - - - - - - - - - - - - -

DFVLR 0.2 . 0.7 * radiales * 14 . 1.1 * 27

T1JRBOMECA *0.35 0.603 a couch~os f1, I. D24 - 15

4.4. Validation do ralcul A la ligne cayenne

Les performances de ces deus rompronseurs oct 6td ddtermin~os par misc en oeuvce de la m~thode do ralcul
,) la ligne moyeono. Les rendemnts de ia rose mobile nt 414, esrim6s d'aprocs los maximum mosuc4s le long
do chaque isovitesse Ioic All5). Les couches reprdseordes our les figures 2 et 3 correspoodact ass deus
comprosseurs, donnant unc seule valeur par d~bit, nt 4t4 ainsi obteoses.
Par ailleurs, le fadtouc de glissemeot a LsrO 01s A one valour unique adapt6 A pactic de Ia lormole de

Les .6sultats ainsi obtenus snt pc4sontfs our lea figures 4 et S.
Compte tens do Ia of~thode otlio~e pour 6valsec lo ceodemeot des roses mobiles, les rappocts de pressoo
oalcslfsco'nrldeotr cfllemeot aver leo valours meour(fes seulomont pr~s de la ligne do pompage, coost-h-
dice, loruque Ia valour do reolemest stilisfe duos Ie calcul eat volslc do roodocont reol. Leo probl~lmos
qul floss intfcosseot pronant place prfniufoeort lacs cetto region do champ, coo rfsultats peuvoot r~tce coo-
sid~ri s cme satisfaisants.

Figure 2 Fcguro 3

08 - ---

ioerecnsr DF1. g- --

0,7 --- - -

CumpresscurTUBnC

3 £ 5 6 7 8 9 ,~ '
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Fiu4 Figre

5. MSE E GEIVRE E LAMEToGEG RVSO VCCIEE rCAREEPRMNAX(rmodae

5.1. Crtrsdocag lmt r isprioeiabed ifsu

5.1nit e par choc limitcristde p resio dls a partie sersi-aubdo du diffuseur.

11u est itrssast-de reruo quo YGSNAseA iiR, le) coeuct los chrgeiits oti dte rapprt5 pus lauti
utlse ans dusombr soelMaoche us c. officient. 1 uciorsden dalA .4 raidesat doqA05 smaxeu docb
Cen crituroMw co=iu 1.s5 qelgetsorte no eMificati e do cel lh roposd par KENNY. n d a o
lsi fo r uatoss diifdrostos ooisetees o dautr s paate qu s om-abe do Maffs.Ospucto

11EBET ontren CAM CR61. 1),pur gui YisAK paadref dossas et lS rapporat do suras Au/Agolus reprd-

monte la surface souilldo do l'espace sesi-aubdse, Ag la surface .3dosdtruquo da ccl. Cos autours sotost
6gaiozsest use cortaiso influence cur la charge Simite do sombre d'aubes do diffusour, aissi quo des per-
formances du collecteor sostds en aval. Coposdant, les rdsuitats qu ic prdsentost so perse.ttoct pam do
conpresdro do fagon tr !m claire isfionce do sos parashtres as cosposants do compresser.
HELDER et GILL (R~f. 12) ost 6tudi6 l'isfiuence do sombre d'aubes do ia roue mobile soc la charge isite.
Cotto tentativo est intdressaste dans la sesore ofi ols pernet do prosdre isdirectemest en corsote l'ie-
fluesce des phtsnomhcnes isstatiossairem cur ie functiosnnmost do la partie cesti-aohd6e do diffuseor. Ce-
pesdast, Sours rdsoitats prdcestest use dispersion importasro et ieur nature puromost eapdrisestuie so
pormot pratiquemont pas dmsntroduiro cette influence lass on sodeie thdocique.
Dass coi conditions, los crithres do KENNY ost 6t6 appiiques diroctesost aux doom diffuseors 6Stodids.

5.2. Criteres do charge limite pour la rdgios d'estrde do la rose mohile.

Il nomxisto A notra connaissanco pasuo selaoi sostlahiem A cellos do KENNY poor la portie do rotor si-
toRe ontre llentrde et lo col des casaum (los relations basdos cur le facteir do diffusios do type
Liobleis 6tant difficiLemont applicahies aus aubagos d'une roue contrifuge).
Aissi, on a dt6 contraist, dass one premi.Lre 6tape, d'appliquer au rotor les crit %res do -5me type qluo por
le diffuseur, coast-A-dire sopposer gulil esiste on coefficient do charge Steite oniqoeiest fonction do
nombro do Mach relatif A iestrdo kiwi.

5.3. Application de relatioss do charge ((site type KEN4NY aug compresseurs DFVLR et TIJRBOMECA.

iLe calcul A la Ligne moyonso fournit los caracrdrisrlgues do I'4sosiement (W, p. T) dass los doss rdgiocs
critiques:

- avant-rose :do 1lentrRe as cot formd par la pales (lea valeus sost alors ponddrdes par lo d~hit(
- r~gion semi-aub~e du diffuseur :do hord d'attaue des aubagos A L'estrde des cinaux ister-asbes.
Pour chaque point do fonctionnemest, lo coefficiest de charge ontre la sortie or iosrrde do coo deus rO-
gloss esr slors calcuid et corsparO as coefficient do charge critique d~termind d'apr~s lea valeurs do som-
bre de Mach retatif en amont de is roue or du liffuseur, donn~es par le calcul sosodisensionsei. Ces char-
ges limites sont repr4sost~os sue Ia figure 7 pour le compressour GFVLR et (a figure 8 pour le coerprosseur
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TIARBOMECA, dans le dooarne limit6 par la vitesse de rotation la plus faible et la plus d lovde.

A p/q (max) A p/q (max)

6 CooP, do charge I m dlfrsour jCooF, O charge l e diffi.seo

.4 - - - .4 -,-

.3-h-T--- - W-j e 1 e1 0- -b- e-

9.3 0.4 9.5 0.8 1. r1w 9. 0.1 9.6 9.9 1. P~w
Frgure 7 Figure L

Sur ahaque isovitessi, on olitient ainsi deas points de fonctionnem-et particul iers, :rr~o~rt

1 ,unA 1entrdo du d6crochn§ du diffuseur, lautre a Pentrdse en dderchaa Ac I 'avat-r-u. Er, 22
1Yes di f frent s points corrizpondants aux diffdrentes isovitesses reprisentie uars ' 1, 0 ,SvX
ci se trouve ainsi s 6par6 en 4 r 6gions

-Zone 1 DiE fuseur decroch6 et roue non ddnrochc
-Zone 2 DiffuSeur et roue ddorochds.
-Zone 3 Diffuseur non ddcroc h6 et roue decrochte..
-zone 4 Diffuseur et raue ddcrochds.

6uinant 1P tipe Ii ti- -t

YOS.HINAK, ntlpic.
Icr.. carescna au d-1ul -171 1

racm7e J~ udfues al>

pie p.r rapp.rt a., clstre a, ic-a-C

I ks.,,& O~iorOOOmit. srL 5c

A - ce 5 d dbit pou r Ies iscov. tc-reo

//121,-a 0Or 228011 t.r, ea r t e "
A intersec tion d-c dean courbs 1-i1it. '
d/ i dbt de poopage epdrimentale Oct 1o "'d, i.
12 0 Y e long9 de Ilisovitesne noyennr I

DCce qui paralt excessif dans Ye caurc A anc
I. .thode de prevision catisfaisante.

a . 1. RE11.1 Le/s t composant renponsable do 1'entrde erreqcnr
de pampage esr cependan t assea tier iderti~
par , e calcul. Le long des isoviteccec Yes p1~

Figure 9 basses, n'eat Y'entrtse de la r... mobil.I-
ddcroche pour Yes ddbits les plus furier par

contre, Ai Patre extrdmit6 da champ, n'est Ye diffuseur gui parait Ye plus resistant.
Loes rdsu t a ts noncornant Ye romprossoar TIIPBOMECA cant reprtsserirds sur La figure 11)
ns onstat quo dans no 1ac I 7LuO

pa ra It pratiruorsont, na gui rend Ia roue
ronpon sable de 1ontr~e en pompago dams
rout Ye domaino do fonctinnemont dui con-
pros sour,. La co urbe do charge limite ear-
respondan t ciu d~crochage do Ia roue coin- 4. F,

1de sensibleset avon Ya ligne do pompage - ~ 7
IA mains do 1;) pour los isovitesces Ins F ro o i ~,s li,

plus bazoos (46 t e t lo s plus 6levdes
ldo 84 %A 1vO %I) Pa r costre pour YesI
* Iresses do rotati on intermr'diaires. Y'd 1.6
c art est plus important, encore do l'or-
doe do 10 % pour us ddkit do I kg/.
e rossultats, ci its siant encore in- i

siffisants pour valider Ia prdssonte mL-
thode do pr~vislan do Ia ligne do p00- LO
page, snt copendant onnourageants dans
la m.suro of ila poemprront d ,obtenir use
approxlmtiom souvont acceptable du debit fWS
minimumi do fonctlonnem~ent OP aucci d'i- S 1.PW."'
dentifler 4mndailement sans ambiqultO si
Ia. roue ou Ye diffuseur sost reaponsables
diu pompage en mettant en oeuvre des
noyene de calcul tr,%s simoples. c-igure 10
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6. MISE EN OEUV/RE tDE LA METHODE DE PREVISION AVEC CRCFEMES DE CHIARGE CAIO&ULES (deaxieco 6tape;.

6.1. Rdsuhtats des calculs de charge liiite pour les diffuseurs DFVLR et TURBOMECA.

L'4couleisent est calcuI6 par la c6thode d6crite dans 1s ROE. 20 et dans la.nsexe A2 en portent ds 'ertree

du diffuseur jusgu'A une certaine distance en oval du C01 (repr6sestont 5 A 6 fois la distance eotre lrs

flosques) pour des conditions A la sortie ds la roue foarnies par le calcul coodlnensionnel.

Figure 11

La figure 11 nentre us' esenpie de rfsultot de ralcul conceccost l'6couleoest potectrel (bourbon isocaz

dons Ia pantic seni-aubde du compresseur TURBOMECA pour an conbre de Mach aIa sortie de Ia r 6-

().91) . an cecargue que Is colcul prfesit us rhoc de foible ittensite : 'ectre do canal roto-ours

Saivont le nonhre de Mach et Ia direction d'6coulenent Zi Ia sortie den la rouc (00 debit) , 1c allh

course linite coupid A relui de IPecoulenent potestoil (coin annexe A2) indilue or decollesnt cort cn

cal do cal, colt en smnt. La figure 12 contre ainsi deux types d'eoolarc Au poceotiel ind frot

A tracers icr parties lisses et semi-aub6e. Lo d~collenent eat ubteco pour L Faisact con ec G- .s-ca-

tiguecent he d~hit ) l'entrde cur one isovitesse (M 6toot sessilenent octil , 1, our

constituer le checlnecest do ddcolienent dana Cette rfgion, puis ds 36renciosr par irtrpo
lit critique procuquont an ddcotleneni- jucte dons Iecaol.

Les prossiuns corrosponduntes obtenues par In ralcul de CI'dcouieect poter.tis) pcrsrtsr-t 0n t

pour claque enbre de Mach an reefficiest de charge heirse poor icc partiss I icos et, sirs-

fuseun.

Fiqurn 12

in's coefficients de charge lucite calculfe aur rette base curt reprdceetos socrt toure IS (01 -r o

pre sseur DFVtH et la figure 14 pour Le ronpresseur TUTIHOMECA.

La companaison des figures 7 et 13 net en 6,eidence, pour In compreaseur 0FV.R, jue le sicros dous -li--t

do Charge critique eat sensslecent plas 41-c6 gas celul prier 1aprt s KVNNY.u L-~ In.ros~ presiccs s- -
citessos (sochnre de Mach < 0.9) , le siceau caoe attelet 1.6 cocirn ).4 dooc Ic a. res (rt '-

courhes prO sentent C ependant une allure sechialole. ie chocqecest <1( ('ete de la our-c 1- FENNY, -rh-

pondast A l'pparitlon dun C ee au hord doattaque pour Mw I,(tant Cqaleer-tpis

Jr Mach plus falble (0.6).
L~e cairnl de la charge iscite sapact pa, A Iheure actuelle, ;,t-e ffotroc i 1,r )I Im-

s ur la fig ure 13 l'6colution atilise dans ia preci~re 6tapr.
D)es conclusions analogues psucvent Otre tcrses cesrereact ls campresseuc .TUROGErA .Lrice- nt
cite ohtess rests vois de 0.5. t'infisesce do rhor a- bird Vo~taiqur creIn ms r05,~

pe de diffuseor. Cependont, Is nombre de Marl, aui cord J'attac (ores is liit(,a -I pora irr

ro ta tlor Ia plan. ece

Iocrnn a roue cohile, Ia necargue effertude roscercant 11 -mso onpri ,rsapliu
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.7 oo!. re chard Coo!, do charge 1ot. d, ffuSu

.6

.4 .4

2 ~~~~~~~~ roof do chre ol oeoo/e. Pe!d charge I ot i 51t

P.2 0.4 0.6 0.8 1. fl, 8.21 0.4 0.6 0.8 I. w

Pugure 13 Figure 14

6.2. Consdguooces do cc calcul pour la prevision do la ligno do ponpago.

Ii out int6rossar do replacer does Ie plan ddbit-pression is coorbe do ddcrochago du dcff-.euir, obtorur
A Ilis sue do co c al1cul1pour examinor notaovsont is sonsibilitddu d~bct do ddcrochaqe vis-A-vu do lachr

Figjure 15

2.fvqsUEI

0.S 2. PI. I P DBT (kgq's'

lans le can do corpresseur TURBOMICA (Pug. IS, l'accrossement do Ia chargo lindo du luffisour obtera par
rapport A la premiIre 6tapo (voir FLtj. 3 ot 14) se tradIuit naturellonect par uin ddplarcnent do la nourhe

do ddcrochago coos la gacodo [a figure. Sc, oh torme do ddbut ubsois, il parsut pluas imnpc'tact pour lrs

uctessos do rotation leuen d~but rolatif, cc d6placceet cut A peu po es coctnt do i. Vilscus do

rotation Ia pilus basso A la plus 61e-6 (- 5, % - h6 evi ron) . Compte tees do la dil f 6ronce , iportante
estre los coofficiests do charge [iito utilisis, co dfplaceruont do is courbo do dt crochago Parait dJur

rolativement ood~r6. Ii n'est, en tous cas, pas saffisast pour modifior l'dnu4du coeposant -spoo-
sable. Sauf peut-Atre poor is citesse do rotation is plus faibic, coost enicore Ia rose, or onle sosie,
gui parait [mposer is [imute do foeictionnomost.4. 1T

Figure 16 1t lf ~w

2. -- s IFTS FORKF I

2. ~ ~ 0 4FB 6 . I. 171 (WgA)



.t.du corpr.Seur DF5111 (Fig. 16) est en pu pius couplre analyser. Ace norucoes Pe rotation iFlu-
ones lePr-oeet s la gauche de Is recite aedo erorhage out cc Me oudre de orandur gue Pans be

0.45 UII1 rmprossear prh~c6demt (cent-A-dire voisin 1u 5 %) . Four len isovatessoc lea plus basses, le if-
(-(-eoment ost, par centre, pius important (- 10 %, au moms), metrmmemi A 1200C r/ms . Lu composanit gut io-

cooe cIn debit minimis e P fonictiomnemest route imchanq6 (Piffuseur pour (us faitles vitesses de rotation,
rcon pour las vite-sses Picnics).

Copondeni, A' 12000 t/mn (vitusse clu rotation la plus fuile), la coorbe de dicroosage do diffuceir passe
dlrrihro la iigse do poepae cupfr isostale, ce gui parnit contredire loralemunt La definition _,s etell i
-pin udoptfc dania to prescnt trasail.

lictflroseo eaplicatcons pesoeni Fire cepundacit uvam-en, csptipcast Pe teflon sositicos coopertess-s Pu
La eorti Pu dfceocnage du diffoseur et Pe 'a ligjne Pu pompuge.*
[I elord I 'lnprecrios do Is ehode do rulcop dolt necessairenent 6ire prise en couple (coien Pu la ii-
-;rie scoyomme, en pertioulier) possast domoer one erreur Po u peioes % nor le debit. Ce type P'inoerrotodo
-re ic~rrtunemoint rdit par cno noilleure eopfrlcsre do (a mdthode. Par aiileors, il podt Otre imanae
1.i preustemce dosn Pfcullument toornant Pans Ia roue, prosopuami cn second drollemest prfcuiurd Pars 1c

'lit tosser. Ce type Pu piifnom~nu me peer AItro p-e em compte par 1e efth.,de, OL rhugue coimposun.t 0s1 sppo-

or alimne par on 6roolemunt moyem stationnuire (Cf. plcs ioin) . De ce point do roe, ii fast nenargcer

-joe So ddcroohago Pu I uvunt-rooc A 1200> t/me so prodoic pour on Pacit relatiement eic-igod Pu debit doe

la lipsne Pu pompago. 01 est done proiable que Sen conditions P'alimemietion Pu Piffcsur no soot pus ir ,n
sulinfuisnnrs, lorspuos s'appronite Pu celleor. Dc cc point do voe, ii esi preres Pe sooeur So pro-

Ime., -psi senrile acir 6t6 rslvag6 par JPFISKF (0ff 9) de lu Phftmitisn ullo-odoe don Prculemest rncyoc
onu pr once dc ph~mom, scs instaionmuiros intees-n
losquc i queule mesure est-il pemm Pu caiculor et d1ctiiiscr Pec c-onditions niatonairen A 'ertr~e

d'un diffcsesr sito en coal dccce rose nobile Post (a pani- ruadide cci le siLfge Pu decelloeots lmor-
tents or c11sdirublec ("jot-nillage") , ulimienids do ta cs ediocre par l'aant-roc?
11 sgait, Pies enlemdou, dils proilcmo qci dpsse le cadre do co rompte-rendo, nuts -gci p-tOro, sue-

A predre on compte Puss So futur, emcm Pu fagcc arossiihre, pour culcuier Ion conditiont iIerr

dliff-ucor a partr do SI'(oclement supposf oitemsc A la sortie do Is rour.

7. CONCIIJOIILI

Usec ufihode Pu pr~vesiom Pu la ligne Pu pompuso pour les cemprossers centrifuges est proposee sise our

den observaions eff-uotois par YOPHNINA(A (Rdf. 8) , son prunolpe peor Fire epsutu duos *e fail gouun
compresseir cecir fuse so pout untrer on rfptimo Pu pompaale (plus nraisembicblememt en oilc-m Pe P6P rchai-
so tocreant notable), pee no des P~co1> mssts duos ls pantic air~ do ]a rose or iu fee tue ,emi-iee
P, diffinreor -- itent irrultl-Itcn.

Conte approrhe Pu Iroilemc, gui nat-pie, nuns uccun Poole, cc certain nosilre P. irr-trs ads
pffeoni.nes, no nomulo cepondast run -oetrodcte per loopiorco. Elio nrslne, par aillocres, uaatujs

Po Pssticgues Puss une machime inc routes rosponsbie Pu ientrce Pans Ia zone do poispage. Bien c ISi soil

encore largonent pr~matoePs Pu tirtr des conclusions dhfisuttnos cir Jo Poorer use allure do p nohru cr4

ju observatiocs uffercfues, on pout tupond-Aet neppoler Ion printipaelo tpe- et rilsolturn de0 to travail.

Usec cemperuisos eapfrience-culcul effortu o sur oneto Paso et d-s r6Scitatn 'ensuaic c tc r~alisee -on-
corsumi decs compresceoro he irOseittn ouun irLacrnr r- om privisios do Ia sitution

iPYrolie Cu non .pcil(den docx ec. ncus components a ete effe~tuc do do-Is frc- Dac, so fre r

tO-fO, no appliguant axlePos. 6Slccori, co)poseo (ci il.s s-sbe tr t di)f-uso-") P -u-d

charge lioIc Pisplius exebimccofaioerat cur -rruso types so comgruts-orn. Los resolcits olbreoc., cir n -P
cette Prape seer coffroots, carns pour stint pun fun pUISSV Atr ass- e 10r validoic~ en raion do

.euspco Putformutiess our Ion ih~etooeone- prUdouisac t r(,loc - ms a onechinos A faoiel dcbPt Ccc
celecidoece, souvemi suinfaisasto sst olserv~o cairo ion I locs do pompupo, rol- shopdn lerstuiemest et

PJficie sulousnt La seticon propesio ilus hitt
Densi us d-ssih e mps, 1-o facr-es ini c-n ont 1 ftrmnees pour is defnor or rn-t co , -to I '-

-dIti-n Prde 1.ri s Smote. .ss r.-sci tale o -Iclun soot cones Plffiifoon i-or cc sian. (--i liev a c

-coocoeoeo don- o st 1- p ir rapport cux Sale 5 utiis is~-nPas L-i fromiot pur'i - ,sirs

dc :ipesoio i iidi (tm-ICNY c Ceesdar , a- strlution reIulsosisitrito de- - its Pr -1

etre Pu PmFf -fit iit6 AP-nrvfc Ft asllis 1o- - mps s idontoiio,, 1cm pci--o - . I

rssainnaits dolee (n.- PaoIi -nie Pu pompape:,, - n la >01I.5insroI S, en ii po-nto PIe-ei oil0
Fir Flanris. cs r6-1tit is s,- rt Pose pas sf~itifs Os post conr sean uscr n c i e

charge-s I imetee qui- par I'o6- Itt des couh i 1is i oteo f-er Is r-1rlo , mi n n err i-c

Iscrit p-, n dhe P (ru;n tro tnl cIcpr s on-r-(11,5

ccu on pies -retipo-, -s aos--t;,t (ae-ri ii tsr
0  

, (cmae-1 neS tocdisi 1-- r jl . -

lit JPc ltis-osr -lIoo'un e n 11FrOnrIITtToIi c- 11 s (rr reico oo-si il.ii~on
cite lee debits micetun do fodonsectd 05c ic

..A~iIN Y.P tIOicoptah Y r rc1idie cM. o lft -o. In M; rm t f-ofI Pa ii: f~~a 1ot -, S - - %r-S.

rts I. cif Fllis rep., voil. Yi, N5 1, pp. 1.2--lIP, Munch 19-
iAlfII"ll( A. Atlsoof retattig tall -o vUirees Pof~ine .,f rriforeli, eO -I--- -. CM (-cr

-iii ri-I 1 uP
,l, ufPiuo Y., 111 01 ii M. :frsJlitii. of flmw nseparatioc to a Ii tEie I--bundary, Iv-r c--ole!- cm.

-r,. J. of Fli-in tog,., Viii. 05, N' 2, pp, 175j-1hug, lonie PW
-Fl! lGNt P.-, VANJ DIV0 BllAFpMBl.lliHf R. : Dis tircties lbie,- 1sf fo roi,1~c -Aiip (rs- iii ,iia-

ts ntall is -cntcifisqal cemprstol silo vaculss diffocoer. SUf Piano .1 -ft fii Oe,1 lair). NO-- ,,d.
ts, Jl. i,)(, 14 2., pp. -168-474, April 1984

VAN61 DIN lPiif-iiili;iClt r5. : ongsj an stall on cestrifs'lat .ore uirs. 'NIer s r 1 11 4 - -

-. ted~ ga r Ma.1 m~rus hy 29-i10 1R4
H.lAtIlADI 2 . ! Tici I 'elIf "t-te blades wakes on ceetrit-igl .- pressor dilf-si- ;n--i ,ie- -. A -mp

i-ils- upt iiii -ASME ITrans. .r . 141-i tspq.. Vol . 991, N" I1, pp. 4S-02 ierib I l-O
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ANNEXE I : METHODE DE CALCUL A LA LIGNE NOYENNE

1I s'agit d'une mathode de calcul directe qui s'applique sur une ligne moyenne suppos6e reprfsentative.
Les caractdristiques gdom~tripies de l'Otage (y compris le pr6-distributeur si il existe) sont rdputdes
connues, y compris les sections gdomdtriques de I'avant-roue et du diffuseur aubd. Le ddbit et le nombre
de tours sont donnds.

Al. I. Calcul de I 4coulement A l'entrde de la roue mobile

Une local isatlon exacte du col demande une connaissance tridimensionnelle de 1'6coulement que i'on ne pos-
sede pas. Aussi, celul-ci est-il dfini approximativement A un rayon donnA par la distance mesurde suvant
la perpendiculaire A l'extrados d'une pale, passantpar le bord d'attaque de l'aube suivante. Cette appr6-

ciation s'est avdr~e correcte pour les compresseurs qui ont servi de cas test A la prsent m~thode
(Cf. calcul du d~bit de saturation).
Entre I'amont et le col, 1'coulement relatif subit ne dflexion d'autant plus importante que l'angie
d'entr~e 81 est AlevA.
Ce phdnom.ne se prodult aussi pour des vitesses supersoniques en amont, la compression s'effectuant alors
partiellement A travers une onde de choc dont le pied est situA sur l'extrados. La prfsence de cette onde,
qui peut 6tre situ~e A une distance asset en amont de i'avant-roue, modifie le col afrodynamique par I'in-
termddiaire du blocage. La position relle de l'onde, ainsi que le blocage crAA, ne sont pas pris en
compte dans la mod~lisation. Par application de l'quation de continuitf ) chaque rayon, on d~termine des
conditions corresopndantes au niveau du col. Le facteur de charge DP (Cf. § 4.2) peut alors Atre obtenu
au rayon moyen kin dffini par :

RE,

(al) p, . Va1 .I . Ra = "Wa . R dR
p1

Cettevaleur du facteur de charge est alors comparde A une valeur maximum donnee expfrimentalement (§ 5)
ou calculde (§ 6).

AI.2. Calcul de l'6coulement A la sortie de la roue mobile.

B2. dsignant l'angle formO par les pales A la sort
i
e r- la roue avec la direction radiale, la vitesse

tangentielle A la sortie de la roue s'6crit :

(a2) Vu
2 =  

X . (U2 - Va2 * tgB2,)

On en ddduit le rapport des temperatures totales absolues entrse-sortie par application de 1'quation de
Euler :

(a3) To 2/To = I + (1 - ER2 " tgolm " 0 - A . R12 . tgB2. X - 0) . N2/Cp

00 :

RR 12 1 I/R 2

L'Aquatlonde continuit crite A la travers~e de la roue mobile donne le rapport X des vitesses axlales
et radiales entre lentrde et la sortie de la roue, que Ilon peut crire en fonction du rapport des tem-
pdratures totales et du rendement polytropique totale A totale n r de la roue

I/(g -9)1 -nr/(g |

(a4) X = IT I/T 21/ 1) . (To2/ToI)g(I 1 . SI/S
2

Ie rapport des temp4ratures s'exprimant en fonction de celul des temperatures totales et des vitesses et

01



des angles, lea dquations (a3) et (a4) forment on systdmo donnant le rapport des vitessas ddbitaotoa A1I
traversde de is roue et ainsi, l'ensomble des elements de ld6coulemcnt A sa sortie.A partir, outre sos ca-
ractdristiqoas ddfinies plus haut

- do rendement de l~a roue 0, (voir § A.5)
- do coefficient de glissemont X Ivoor § A.6)

Al.3 Cabotl de l'dooleaont ) is traversde de Is pantic semi-aubdo et dans to col do diffuseur.

on calcol analogue au prdcddent, sais simplxio (Ia temperature d'arr~t dtsnt Idi aupposdo constante) don-
ne is vitessa ddbitante et linclinaison de Is vitease par rapport A la direction radish a otnt-de do is
region semi-aub6e. On obtient alors facilesant le coefficient do charge associd au diffuseur.

Al.4 Calcol do rapport de pression global do diffuseur.

Ce rapport de pression eat calculd en supposant on rendement constant pour Is partie subde do diffosour et
le systd me de rafoolesent aitud en aval.

Al.5 Odtermination du rendezsont de Is roue mobile

Lea randeisents de roue soot des donndes du Schema de calcol choisi dana cette phase de validation de ls
sdthode. On a cholsi doutiliser les renderents expdrisientaux fournis par los conatructears des rouea 6to-
dides. tea rend~menta ddpendent easentieliemnt de deos paraxsdtres :ddbit et vitesse de rotation.
En rdslitd, si on examine ies diagrasrias correspondants, on constate gue lea daffdrontca courbas corres-
pondant A chaque vitosse de rotatlor prdaentant one enveloppe gIui neat function que do dehit, tout en
d--nn '- a-nc 2ji ih,.o ;, .-,,des.. r pool -ea ---.,vus do legime 00 pompau. .4-....: -
ressent ici. Les valeors du randement utilisdes soot dunc celies dondes par l'envoloppe. Ceci n'est ovd-
rLd suffisant, do momns dana le cadre des ob~ectifa actuela.

A1.6 Calcol du factoor de glissement

Le fanteor de glissement eat calculd so ddpart soivant la founole de ECK (881f. 5)

(a6)X =(1 72. cos (s))) 2 .Zr .)I -Rml/R 2) 
1

pois ronal6 A oine valeor unique dana toot le champ poor respecter so minux loensemble desnsivcaoe do pros-

Le tableau 2 ci-deasoos donrc lea valeorsasinai naiculdses et cellos offoctivenent otiliados.

* 0Valour standard (a6) * valour otilisdo

Tableau 2 0FVIS . 3 * .88

* NRBOMBEA - h6 . P6

ANNEXE 2 :METHODE DE CALCULI DE LA CHARGE LIMITE (Diffoset-)

Os rdalise us couplago 00100 une r~thode do relasation csantropcgoo eedle pour in calcol do li6coolemant
sain at doun calcol do noocha linite nor los flasquos. Lo calosi do Idncoulomost polostool at nolso do Is
coucho limilo sont lids soivant on procd itdratif. Un mailiago sur loquol soot (ivaloos ins diffIdronten
grandeurs relatives A I d-oulmont oat podaishlamant ddtat-slnd. L'essemblo do calcol oat sos on noocre
nor so domaiso limitd A on canal.

A2.1 Calcol do ld6coolamont suba A aubo

La fluide ant soppose parfait et non viaquoux, ldncoulomont stationnairo at isootropique. L~e mailiaga sbus-
si oat curviligne at orthogonal (rig. A).
La mdthode do calcul eat do type quasi 3D, hasde sor is rdaolotion esacto do idLquatioo do potential. Un,
appiication do cotta odthodeauso diffoseor, do nonprasseora centrifuges (aubos dpsisaas) a ddjA dtd offoc-
lode par VERDOICK (W4. 19).-
Pur prendra an coepta la cafactd re olliptiqsieoo hyporboligoa des dquationa soivant le nombra do Mach lo-
cal, dean schdmas oomdriqoas ont Ald sdoptds

- centrd (can sobsonique)
- ddoantrd aval Ices soparsonique)

11 on rdaulta ia formo soivanto do l'dquation disnortiada do potential

Phils, n) P F)Phisl,n), Phils-lan), Phi~s,nel), Phila, n-1), Phi~s- -1), Phi(a-l. n-i)
Philsol, n-I), Phi(ncl, nol)

Phils, a) zP (Phi(s-3,0), Phl~s-2,n), Phi~s-I,n), Phi~s, sol). Phi~a,n-I), Phi(s-2,nnl),

Phi~s-2,n-l), phi)5-l,5+l)

One relsxation do potantiol des viteasos eat affocloda A chague itdrstion soivant

Ph i (9.0) = r . Phis sn) + (i-r) . Ph iK (sn)

ohi K reprdsenta le nudro do l'itdration at r le fantaur do relaxation variant do 0.1 A 0.5. Catto edthoda
gui no prond pas en omapto lea relations do Raskin Hogoniot no pout dooc promdre an comspte lea
ondes do choc do forte lotanaild.
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A2.2 Calcul de la couche listxte

Les caractdristiques des couches limites situbes Suir les flasques du diffuseur, assinil~es A des parain
planes, saint estimdes par Ia rsahode de LE FOLL-PAPAILIOU-HJO 1848. 15 A 17) gui resoud les equations di-
tes de Is couche listite sous tine forme intd grale.
Le saut des grandeurs int~gralss de cette couche lisite A Is travers~e des andes de coo (d~tect~es A Cc
nsveau par ume M6thode de capture) est calcul4 par la tsfthode prapoede par PANARAS (lint. 18).

A2.3 Couplage Calcul botetttiel - Calcul cauche limite

Lee vitesses potentiel Lee cant 0ans us premier temps d~termindes dans Ie plan subs A subs. Aprhs us cer-
tain sombre d'itdrstians, Ia cauche limite cur les flasques est d~terminde en prenant coma 6eaulemnt ex-
tdrleur celul qui exists cur la ligne centrale du maillags, euppacde reprdssststive de l'6caulsment
moyen. Lee blanages mtridiens de Ia veinescost slurs r~inject6s dans In calcul potestiel. Cette technique
st rdp6t4e juegu'A convergence.
Gdndrslement. le calcul de Is cauche lbtMits nlest elfectuO gum tastes lee 20 it6ratxans du calcul Pates-
tiel. On laisse siesi A l~caulement on temps d'adaptatias, cc gui dance us gain de tesps.

A2.4 Calcul des charges unmites

Cette m~thade de calcul danne l'6tst ds Is cauctie lincte dane le col farm6 par les pales de is roue mo-
bile oti A la sortie de Is region semi-aubde (col du diffuseur). On cansidLre que 116tst critique et at-
teint lorequoun d~callement de Is cauche limite et abservd dane ce col. Il est slurs sis6 de calculer le
coefficient de charge en fanction du nambrede Mach A l'entrde. Des exmpies cant lances dane Is teste.

Figure A
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ABSTRACT

The aerodynamic and mechanical design features of an advanced F100 compressor are
described. The design objectives were to increase the efficiency and stability, along
with simplifying the mechanical configuration in order to reduce the number of parts.
Test results from a compressor rig and core engine are shown. Comparisons of the
performance to the current F100 compressor are made. Results of testing with inlet
pressure distortion are shown. Configuration features to improve reliability,
durability, maintainability, and producibility are described.

PROGRAM OVERVIEW

In the late 1970's Pratt & Whitney realized that military power plants would soon need
increased performance, and a compressor with significantly improved efficiency was
required. In 1980, configuration studies began to define an F100 replacement
compressor. Compatibility with existing F100 engine models was an important
consideration. The overall letayth and interfaces of the new compre-sor with the
intermediate and diffuser cases had to remain the same, as did rotor speed, flow rate
and pressure ratio.

Ultimately, a nine stage compressor with a larger annulus area and increased diameter
flowpath was selected. This compressor was eventually tested in two compressor rigs
and two core engine configurations under combined funding provided first by P&W
independent research and development program and subsequently by the U.S. Air Force.

In late 1984, the U.S. Air Force defined new engine requirements for an F100 Improved
Performance Engine (IPE). These requirements led to the choice of a 10 stage
compressor with higher airflow and pressure ratio than the nine stage compressor that
had been under development. This new 10 stage compressor incorporates the same
aerodynamic design philosophy as the 9 stage and in fact uses the identical rear 5
stages. This 10 stage compressor is approximately 3 inches longer than the production
and 9 stage compressors. However, by shortening the diffuser and combustor, the total
length of the engine remained unchanged.

At the time of this writing, the 10 stage design has been completed but only limited
testing has been done. Therefore, the aerodynamic performance results reported will be
from the 9 stage configuration. The mechanical design description will be for the 10
stage configuration.

AERODYNAMIC DESIGN

The 9 stage F100 replacement compressor was designed with constraints that would make
it essentially a 'plug-in' for the production model. The overall length and
interfacing dimensions remained unchanged as did rotor speed, flow rate and pressure
ratio. The aerodynamic design goals included:

Pressure Ratio 8.2
Adiabatic Efficiency 86%
Stall Margin 24%

Achievement of these goals would provide an approxi-ate 4 yntnt -Oficiency improvement
and stall margin equal to the production compressor. In addition, a reduced stall line
sensitivity to inlet pressure distortion was desired.

The compressor configuration that was selected evolved from 'meanline design* stulies
of many different des4l-. These studies were done with tb- P&W aiialyt ! mo" fhat
has been developeo to a.curatyly prouict eLLlcez...e. 4nd stall margins for multistage
axial compressors and fans. This model allows for rapid analysis and performance
prediction of the potential efficiency and stall margin levels of a compressor without
having completed a detailed design. The model was used to select number of stages,
flowpath shape, aspect ratio, solidity, reaction, and stage work distribution.
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Within the constraints of the conf4guration studies, 8, 9, or 10 stages could have been
selected. The predicted efficiency potential was highest with 8 stages, and the 10
stage design would have the greatest stall margin, but any of the three could meet the
24% objective. The 9 stage was selected because of its better efficiency potential
over the 10 stage and its better stability potential over the 8 stage.

The selected configuration is shown in comparison to the production compressor in
Figure 1. The concept for the improved efficiency is based on higher work per stage

o MMANPAIA P100 IA'7A'RChA'NVCgA1LIFrY
o INCRIASZD 'ArIX' SPEZID THROUGA' INCRZESD AVIRAC0 PIAMA7R
o V01'R ASPACf RAflO AiRFOALS

ADVANCID 140 COMPRISSOR

FP10 PRODUtION COMPRESSOR

FIURI 1. BACKGROUNDO/CONCP OF ADVAA'CID 1O0 COMPRISSOR

and increased annulus area. This is accomplished with a higher average wheel speed
which results from increasing the diameter of the middle stages. In addition there is
a benefit due to lower aspect ratio airfoils. The increased stage loading required for
9 stages instead of 10 results in a need for slightly .,igher solidity stages. A
balance between rotor and stator loading levels was achieved by selection of the stage
reactions.

Following the configuration selection, a detailed design was initiated. This design
was performed using an axisymetric streamline design model. Radial distributiov of
loss aLd work input were selected to completely define the velocity triangles. Airfoil
shapes were selected using P&W cascade data in all rows except the first rotor where
higher Mach numbers dictated a design composed of multiple circular arcs.

For adequate starting and off-design operation a start bleed and 3 rows of variable
geometry were selected. The start bleed was located aft of the 4th compressor stage.

For the initial aerodynamic evaluations of the compressor, a rig with its own separate
drive source was used. This testing was done in P&W's X-27 test stand in East
Hartford, Connecticut. This test facility provides standard sea-level atmospheric
inlet conditions.

The compressor rig configuration consisted of a flight-type rotor, "boiler plate" split
cases, and adjustable stator rows with synchronizing rings in all stages.
Instrumentation cnsisted of a full complement of inlet and exit rakes for pressure and
temperature measurements and up to 5 radial location pressure and temperature sensors
on the vane leading edges of each stage to acquire stage data for aerodynamic analysis
and development. Flow rate was determined by a calibrated orifice.
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PERFORMANCE RESULTS

The first rig test of the advanced Fl00 compressor was conducted in mid-1982. Overall
performance results showed good efficiencies, but stall margins below goals. Analysis
of the interstage data revealed premature stalling was occurring because of
insufficient work input and inadequate leading edge camber in the airfoils.
Adjustments were made to the airfoil designs based on the data analysis. New rotor
airfoils were procured while stator modifications were made by a reforming process.
The second rig test of the modified design was conducted in the same test facility in
mid-1983.

The pjrformance of the second test configuration is shown in Figure 2. The results

' PRODUCTION100 EFPICI'NCY .. 
,

NS

' : ADYAN'CED P100 STALL LI/i'

- OPAR.4TIN LI/ifr

60 0 60 0 80 90 lO Ito
PERCENT DESIGN CORRECTED AIRFLOW

f/CURE 2 ADVANCED .100 COMPRESSOR - SECOND VG EST

were considered to be excellent. Efficiency and stall margins met or exceeded goals
over the entire operating range. Shown for reference are the stall line and operating
line efficiencies of the production F100 compressor. Efficiency improvement of over 4
points was demonstrated. In addition, this configuration showed very little loss of
efficiency from the peak value on the speedline to the operating line. Also, there was
a broad range of high efficiency as speed and flow were varied. This broad range of
good efficiency covered the entire flight regime from subsonic to high supersonic
flight conditions.

Analysis of the interstage data showed that the stages were well matched and were
achieving the desired work and range levels.

A comparison of the goals and achieved performance levels are shown in Table I.

Table I

Aerodynamic Performance

Goal Achievement

Efficiency 86.0 86.5
Stall Margin 24 30

A
r
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Following the successful completion of the 
second rig test it was decided that

additional evaluation of this configuration 
in a core engine was desirable. The core

engine test facility had capabilities for 
increased inlet pressure and temperature

which would allow a more severe structural 
evaluation of the design and would also

allow evaluations of the interactions of 
the compressor, burner, and turbine during

starting and stall recovery. For this testing a full complement of airfoil 
strain

gages was installed. This would also allow for testing with inlet 
pressure distortions

and flutter evaluations without excessive 
risk of blade failures.

The core engine tests were conducted in late 
1983 and early 1984 at P&W's C-21 facility

in West Palm Beach, Florida. The performance data confirmed the results 
from the rig.

In addition, the measurements of turbine discharge 
conditions and fuel flows confirmed

that the compressor efficiency was higher 
than the production compressor by the amount

indicated by the compressor efficiency measurements.

A distortion screen covering half of the 
compressor face was fabricated for testing and

comparison of results to the production compressor. 
The stall lines of the compressors

are compared in Figure 3. Limitations on engine turbine inlet temperature 
prevented

&l0:

,RO- \ PROU

-" P "-100 U'DISTOA'ffD

1.00- STALL LINfr." 6.- PRODUCTION

-
P10 CORP STALl 1/NP

Ff r/T VD ST. SCREEN ~

ADVAANCeD 109 CONPRTSSOR
A/CI I &WO1ST&' Tr
CONE D/S O
CORE W /IT 'IST SCREN

2

40 5 60 8 s0 /00

PAWCAWT DrSaN CORRECTE'D AIRZOF

f/c9Y . ADVAN'CTD PJ0 COMPRESSOR 51O S FXCELLENT D/STORTION TOLERAN'CE

determining the stall line for the advanced compressor above approximately 
90% speed.

It can be seen that there was very little loss 
of stall line due to the presence of the

distortion screen, whereas the production compressor 
did show a loss. It can also be

seen that the advanced compressor stall line 
with the distortion screen is higher than

the undistorted production compressor stall line.

Starting evaluations were conducted by varying 
fuel flow rates between the minimum

self-sustaining value and the value to cause compressor 
stall. Transient data were

recorded to determine pressure ratio and flow rate. A comparison of these results is

shown in Figure 4. The advanced compressor shows a slightly lower 
stall line than the
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production compressor. But because of its higher efficiency, the operating line is
also lower, resulting in a higher stall margin for the advanced compressor.

Tests were conducted to determine the recoverability characteristics after a stall for
both the advanced and production compressors. Intentional stalls were induced over a
range of speeds and variable vane geometry settings. The speed boundary at which
compressor Totating stall occurs was determined. These boundaries are shown in
Figure 5. It is desirable to have the recovery boundary as low as possible in flow and

I'-ADVANCED Ff00 COMPRISSOR
RACOVERr J/T' INIT/IL VARIABLE
VAHIFS SdhIDUII1LS

RICO VBRARI/I r-
ROUANDARP

INC/I' /II

PRODUCT/ON fP00 COMPRISSOR CORA'

AA VA'4"CBD f00 COwPRSSOR VOR"F/TW S'0D/f/BD VANE SCHIDUIBS

I I I I I

0 .7 4 .7 30 40 44 f 4 so 50

PEReCA'NT DBS/MN CORRFC AIRPLOF

FIGURE 5, VARIA B2 VANS OPTrMZID ON ADVANCD COPRSSOR CORE FOR RICOVARARIIIT
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pressure ratio to preclude a stalled compressor from decelerating into the
non-recoverable (rotating stall) cond'tion. Although the boundary for the advanced
compressor with the initial variable geometry sett..gs was higher in pressure ratio and
flow than the production compressor, it was well below the engine idle speed.
Modifications to the variable vane settings proved to be effective in moving the
boundary to lower flows. The best recovery boundary achieved is shown to be below thp
production compressor boundary, however, the starting characteristics and efficiency
were not as desirable as with the initial vane settings.

MECHANICAL DESIGN

The advanced 100 compressor, through the use of design innovations, manufacturing
processing improvements and material advancements, is designed to achieve an 8000 total
accumulated cycles (TAC) low cycle fatigue (LCF) life with a 4000 TAC service
inspection interval.

The advanced P100 compressor configuration uses a drum rotor, shrouded stator
configuration with four rows of variable stator vanes. The rotor system features an
inertia-welded, damage tolerant process (DTP) titanium lst/2nd stage drum, an
independent 3rd stage disk/hub assembly and an inertia-welded DTP IN100 4th through
10th stage drum. The rear drum rotor is inertia-welded to an IN100 compressor drive
shaft. This system forms a rigid rotating member with improved durability and
performance retention. Each disk has integral knife-edge seals coated with aluminum
oxide for wear protection. Rotor blade material for stages I through 4 is titanium,
while nickel-based alloys are utilized for the remaining stages. The case structure
consists of an axially split, titanium front and rear case for ease of maintainability.
The stator vanes are all nickel-based alloy, the Ist, 2nd and 3rd stages being
individual vanes and the 4th through lh being fixed cast rings. Rapid solidification
rate (kZR) nickel (alloy Y) material is used as a blade tip abradable rubttrip coating
while all inner seals utilize small-cell honeycomb rubstrips. The compressor
cross-sections in Figures 6 and 7 illustrate the significant design featvres of the
advaz.ed F100 compressor.

DAMAGE- TOLERANT
TITANIUM CRONT DRUM ISE MATERIAL

(DURAWBILITY) DANA* GXB- TOZ ERA A'?T
IA'l,9 REA4R DRUIA D/SK MfAR/A4L

/ROTATING COMPR 'SSOR
DISCHARGE SEAL(THRUST RALANCE/

SINGLE PIECE INERTIA r-" INTEGRAL COATED
D'ELDED rj ORoING XEDGE SHAPED KNIE
(PURWB1L1Y,1PXRPORAN EDGE SEALS (PERFORMANCEDURABIL1TY

FIGURE 6. ADVANCED P0o0 DESIG' FEATURES - VOTATAG STEUCUR-E
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The rotor consists of only three major components: (1) an inertia-welded two-stage
front drum rotor assembly, (2) an independent mid-rotor disk/hub assembly, and (3) a
7-stage inertia-welded rear drum rotor assembly that izkcludes a compressor rear drive
shaft. The three components are attached by body-bound studs located at the third
disk. The current production FI00 compressor rotor is made up of individual disks and
spacers that are bolted together. Figure 8 shows a comparison of the two rotors. The
advanced FlOO compressor rotor will have a substantial reduction in number of parts and
mechanical joints, thus providing a stiffer, more reliable component.

With the exception of the fan/comptessor intermediate case and IGV outer support case,
he advanced F100 compressor design incorporates a split case concept for drum rotor
compatibility and ease of maintainability. The split cases are bolted together at the
horizontal centerline. Figure 9 illustrates the case configuration. Two major case
structures encompass the rotor system. A fo vard case, which extends from the 1st- to
the 7th-stator vane, incorporates variable stator vanes, abradable blade tip liner
segments and stait bleed provisions. The rear case, which extends from the 7th-stator
vane to the diffuser case outer front flange is designed to isolate the hotter
compressor case temperatures from those of the cooler fan air for improved blade tip
clearance control. All cases are designed for an 8000 TAC life.
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SPECIAL MANUFACTURING TECHNIQUES

Inertia-Weld Rotor Attachment Process

Advanced manufacturing processes are an integral part of the program developmert phase
and have contributed greatly to achieving production of highly reliable, durable engine
parts. Inertia welding, a unique form of friction welding, comes under this category.
The process is used extensively in the manufacture of the high compressor drum rotor.
A total of 11 inertia wLld joints are used to attach the various details of the rotor
assembly. The weld loc-ions are shown in Figure 10. This process provides a
consistent, high quality weld necessary for today's advanced technology rotor _ystems.

FIGUR' 10 ADYANCK, F100 COMFREA'SSOR ROTOR SYSTEA'M INERT/A - YELD LOCAT'ONS

Inertia welding utilizes kinetic energy stored in a flywheel system for all of the
heating and much of the forging required. The basic process is shown in Figure ii.

AZyYR,'NL IS ACCELERATi. TO

PtdS'7 SPEEAD

-A" SPAD A R/VR I'S T CC7N 4,V,
9,,s. A/RA' 7//N/ISP /CEhF

E PLASTiC. TNT DtSAS ON7
TOCETHE'R AND STOP FLYZEL
ROTATION ORICIAL SUVR1FACES
A//A' EXPELIED AND FELLD IS
COMPL ETE

FIGURE I. INERTA YELD P.POCA'S5
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One disk detail is fixed in a stationary holding device. The adjacent disk, clamped in
a spindle chuck with an attached flywheel, is accelerated rapidly. At a predetermined
speed driving power is cut and two disks are thrust together. Friction between the
disks decelerates the flywheel converting stored energy to frictional heat. This heat
is enough to soften, but not melt, the two parts. The energy level is established to
be sufficient to achieve forging temperatures. The rate of energy consumption is
determined by the weld itself. When fully consumed the weld is completed and the
flywheel rotation stops. Solid-state bonding, rather than welding may be a more
appropriate term for the process. Advantages of this process include:

1. Preeld surface cleanliness insignificance because rubbing tends to

disrupt and expel films and flaws.

2. Minimization of the heat-affected zone.

3. Localized heating and the absence of melting make welding better suited
for joining dissimilar metal combinations.

4. Weld joints having forged properties can be as strong as base material.

5. Easily achievable process automation.

SUMMARY

1. A 9-stage advanced F100 compressor has been aerodynamically developed to achieve a
4 point efficiency improvement and a 6 point stall margin increase relative to the
current F00 production compressor.

2. This compressor has shown reduced sensitivity to inlet pressure distortion.

3. Rotating stall boundaries have been shown to be well below engine idle speed.

4. Start region testing has shown improved stall margin due to higher efficiency and a
lower operating line.

5. A 10 stage higher airflow and pressure ratio compressor has been designed using the
proven aerodynamic concepts, including identical rear five stages, demonstrated by
the 9-stage compressor.

6. Through innovative design concepts, manufacturing processing improvements, and
material advancements this configuration provides improved reliability, durability,
maintainability, and producibility.

DEFINITIONS

Enthalpy Rise
Work Coefficient

Number Stages (Average Wheel Speed)
2

Aspect Ratio Blade Height/Chord

Solidity Chord/Tangential Gap

Rotor Static Pressure Rise
Reaction

Stage Static Pressure Rise

Stall Pressure Ratio 1
Stall Margin 1 - x 100

Operating Line Pressure Ratio Constant
Flow

Ideal Enthalpy Rise 1
Adiabatic Efficiency Z X 100

Actual Enthalpy Rise]
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DISCUSSION

H.J. LICHTFUSS

1) Can you mention the radial tip clearance ?

2) The shown absolute efficiency levels are they Reynolds corrected ?

3) Can you please comment on the influence of low aspect ratio blades
on efficiency ?

Author's Reply

1) The average tip clearance for the data shown was .009 inches.

2) Yes. The tests were conducted at a Reynold- Index of approximately
.76. The efficiencies have been adjusted by Pratt & Whitney standard
empirically based adjustment technique to the Reynolds Index equi-
valent to operation at sea level static conditions downstream of
the 3-stage fan.

3) The choice of aspect ratio for best efficiency depends upon the ae-
rodynamic loading. The more highly loaded the compressor the lower
the required aspect ratio for best efficiency.

L. BATTEZATO, It

Can you please give informations about the dimensions of the parts
(discs and distance pieces) being friction welded in the compressor drum.
Also I would be interested in knowing the force and the speed imposed on
the parts being welded.

Author's Reply

The joins which are welded together are on the order of 20U/100 of an
inch thick.

R.G. THOMPSON, US

What is the connittment of the F-100 advanced compressor to full scale

engineering development ?

Author's Reply

The full scale development program is currently in progress with pro-
duction scheduled for 1990.

J. ALBRECHT, Ge

What operating blade tip clearances do you attempt in this engine with
bleeded casing ?

10mn mm ~ m m mw
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Author's Reply

It is 15/1000 of an inch, averaged value.

J.F. CHEVALIER, Fr

1) For what reason is the advanced 9-stage compressor surge line in-
sensitive to distortion ?

2) With the very low damping of the integral drum rotor, how do you
avoid vibration ?

Author's Reply

1) The advanced 9-stage compressor is probably less sensitive to dis-
tortion because of its lower flow coefficient.

2) All I can say is that our experience to date with these rotors has
shown no vibration problems.
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par
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et
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RESUME

Les dtudes d'un rompresseur haute pressuon avanc6 montrent que Ie rotor d'un Atage de tote est super-
sonque sur toute l'envergure de seo aubes.

La SNECMA a dessin6 et construit uon compresseur monodtage qui est repr~sentatif pour 6valuer les perfor-
mances et notamment leo Acoulements secondaires. Les essais sont rdalis~s par lEcole Centrale de Lion
qui a construit un banc d'essals de deux mdgawatts pour accuelllir cc compresseur.

Nous dscrivons d'abord le projet du compresseur, Ia gdomdtrie de Is veine et Les triangles des vitesses
choisis au point de fonctionnement nominal. Les profils supersoniques sont optimiss par des calculs
directs r6solvant les quations d'Euler tridimensionnelles. Les profils subsoniques sont optimiists par
une mthode directe potentielle coupl~e h un calcul de couche limite. Les performances globales ont At
re!eves. Les champs a~rodynamsques mesur~s et moyenn~s azimutalement sont compards t des pr@visions
thoriques dans la zone des Acoulements secondaires pari~taux.

1 - INTRODUCTION

Dans un projet moderne de turbordacteur on cherche A abaisser le poids, Ia complesit6 et in coot en
rcduisant le nombre d'6tages du compresseur haute pression. L'6lvation du rapport de pression AlA-
mentaire qui en rdsulte conduit en g9ndral A den coefficients de charge adrodynamique ( AHU

2  
plus

Alevse mais aussi A des vitesses de rotation plus Alev~ee. Les Atudes prdliminaires au dessin des
compresseurs montrent alorsque le premier Atage a un rotor supersonique sur toute la hauteur de
pale. 11 importe done de savoir pr~dire avec suffisamment de precision les performances d'on tel
Atage (rendement isentropique et marge au pompage) pour juger de son int6r~t. Un des points ies
plus mdconnus est le ddveioppement des Acoulements et des pertes secondaires au moycu d'un rotor
supersonique.

Coest pourquoi la SNECMA a d~cidA de dessiner et de fabriquer un compresseur monodtage, aver roue
directrice d'entrde, dont les nombres de Mach relatifs du rotor, soient repr~sentatifs de ceus d'un
Atage de tote d'un compresseur haute pressuon avanc6. Les essais et une grande partie de I'analyse
des r~sultats exp~rimentaux sont rdaliss par le SocitA MEIRAFLU et l'Ecole Centrale Je lyon qui
ont construit un bane dlessais de 2 mgawatts pour accueillir ce compresseur appe16 "EC3".Jes prin-
cipaux buts de cette Atude sont les suivants :

- valider les m~thodes de dessin de compresseurs dont l'coulement relatif b l'amont du rotor est
enti6rement supersonique.

- Analyser finement les Acoulements secondaipes en presence de chocs pour asseoir les mdthodes de
pr~visions correspondantes.

2 - CONCEPTION AERODYNAMIgUE IU CUMPRLSSLUR

2.1. - Caractdristiques gn6rales

Au point de dessin, et dans des conditions d'alimentation standard (Pto = 1 atmosphhre,
Ito = 150C), les principales caractdristiques du compreeseur s'nt les suivantes

* Nombre de Mach relatif, amont rotor Mwl = 1.1 A 1.3
* Rapport de moyeu, amont rotor VE 0.7,
* Ddbit spdcifioue D/SE s 180 kg/s/m2

* Rapport de pression d'arrLt I: 1.84
ombre de Mach axial mcyen en sortie N9  0.48

Le compresseur est AquipA d'une roue direc- -

trice d'entrde (RDE)

La vitesse d'entralnement pdriphdrique est limitde supdrieurement pour des raisons a~rody-
namiques (limitation du nombre de Mach relatif incident en tote et surtout en pied de Is
roue mobile) et des raisons mdraniques (limitations des efforts centrifuges). Elle est
fixde A 455 m/s.

1/
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Le rapport de moyeu choisi A l'entre du rotor est un compromis permettant de limiter 1

nomt. e de Mach relatif incident au pied de Ia roue mobile A une valeur voisine de 1.1.,tout
en ayant une vitesse dentralnement suffisante pour assurer le rapport de pression.

Le nombre de Mach axial A la sortie du compresseur r6sulte de l'6tude d'optimisation de
futurs compresseurs multi-stages.

2.2. Dessin de Ia veine et trianqles de vitesse

La figure 1 presente la coupe mdridienne de Ia veine. La convergence s'effectue & la fois

par le profil de paroi interne et par le profit de paroi externe afin de mieux optimiser la
rdpartition radiale des parambtres adrodynamiques. Les 6cartements choisis entre deux gril-
les adjacentes permettent lintroduction de sondes de pression et de temperature ainsi que
des visdeo "LASER" dans de bonnes conditions.

Les principales caractdrstiques structurales adoptdes pour les aubages tiennent compte A la
fois des exigences atrodynamiques et mdcaniques.
Les altongeoents sont de ]'ordre de 2 pour Ia roue directrice d'entrde, 1.2 pour la roue
mobile et 1.5 pour le redresseur.

Le rapport de pression de Is roue mobile, hors pertes secondaires, est de 1.892 et ne pre-
sente pas de variation radiale. Les pertes totales de la roue directrice d'entr6e sont de
0.5%. Les pertes de profit de Is roue mobile sont modttisses come suit :

- Les pertes dues aux couches limites (sillages) sont 6tabties A laide de corrdlations qui
sont ddrivxes des travaux de Lieblein [1]

- Les pertes par choc sont donndes par une mdthode simplifioe mise au point A la SNECMA.
Cette mdthode tient compte des 6carts entre le point de fonctionnement rel des profils
et le point de ddsamorgage de ceux-ci [2]

Les pertes secondaires sont, pour linstant, calculdes par une methode intdqrale simplifies
qui fournit les 6paisseurs caractdristiques des zones visqueuses parittales en amont et en
aval de chaque rangde d'aubages ainsi que les bilans d'enthalple et d'entropie [3], (4].
La figure 2 docne Idvolution du coefficient d'obstruction (Kd) et des 6paisseurs de ddpla-
cement (5 i, 5 e) des zones visqueuses de moyeu et de carter.
L'optimisation adrodynamique nous a conduit A adopter une roue directrice d'entrde quicrde
one prerotation de 50 au pied et de 190 en tete. La giration rdsiduelle en aval du redres-
eur est de 110 au pied et de 150 en ttte. La figure 3 fournit les nombres de Mach amont
(Mwl , aval Mw2) et Ia deviation de l'dcoulement vus par lx roue mobile. On remarque que

laube mobile est entolrement supersonique A lamont et que le profil de pied dolt raslomer
une deviation de 1805 A un nombre de Mach dlattaque de 1.1. Les ralentissements et les fac-
teurs de diffusion de Lieblein du rotor sont fournis par Ia figure 4 qui montre qu'il s'agit
d'un compresseur charge. Le nombre de Mach absolu maximum en amont du redresseur est de 0.76
Les ralentissements et lem deviations de l'dcoulement vus par le redresseur sont reprosentds
sur Ia figure 5.

2.3. Dessin des aubages

Nous ne prdsenterons pas le dessin des profits de La roue directrice d'entrde qui presente
peu de difficult6 adrodynamique.

2.3.1. Dessin de laubage du rotor

Les profils supersoniques de la roue mobile sont cr66s par une methode mixte (gdom6-

tci'7' et adrodynamique) crd6e A l SNEGMA. Cette mdthode intbgre tes notions classi-
ques dincidence unique en 6couement amorce, de marge au blocage, de position rela-
ive du col adrodynamique par rapport au syst~me de chocs obliques et de chocs drolts

et d'6cart flux-profil. Une premiere critique des profils est r6atisde A taide d'un
calcul rsolvant les equations d'Euler bidimensionneles sur une nappe de courant de
rdvotution (calcul dit 2.5D) [5].

Au vu des rdsultats de cc calcu, les profils sont modifies pour attdnuer l'intensitd
des chocs et les decdrations trop importantes qui pourraient provoquer de forts
ddcollements des couchts limites des profils. Le processus est repdt6 plusieurs fois
pour ddgrossir le dessin des profils. Les calculs rdsolvant 1es equations d'Euler
r~ellement tridimensionnelles [6], [7] sont engages trem tot dans lx procedure d'op-
timisation des profils ; ils conduisent A apporter des modifications au dessin ini-
tial jusqu'b tobtention d'une roue mobile adrodynamiquement satisfaisante.

Les figures 6 et 7 fournissent 1em rdsultats des calculs tridimensionnels au point de
dessin.

lea pics de survitesses juste en amont des chocs droits sont des imperfections num6-

riques (schma aux diffdrences finies de Mac-Cormack) et Wont pas de signification
physique.

Ce travail d'optimisation a conduit A ddfinir une roue mobile comportant 44 aubes
dent lea pas relatifs et lea 6paisseurs relatives maximales sont compatibles avec les
exigences de resistance statique et dynamique.
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Les marges au blocage sont de i'ordre de 5%. La forme des profils est ajustde jusqui
obtenir, par le calcul effectud en fluide parfait, une surd~viation de lordre de 20
pour prendre en compte les phdnomnes visqueux.

2.3.2. Dessin de laubage du redresseur

lea profile du redresseur sont crdes par une mcthode inverse [8) permettant le dessin
deprofils plans. L'aube eat ensuite engendrte par enroulement conforme de ces profils
sur les nappes de courant issues du calcul meridien. Les calculs a~rodynamiques 2.50
sont 6xcutds sur les profils gauches A l'aide d'une mcthode r~solvant l'Lgudtion
complete du potentiel [9]. Ce calcul eat couplA b un calcul de couche limite [10,11)
qui utilise une mthode inttgrale et qui prend en compte les courbures de paroi, la
convergence transversale et lea d6collements faibles. Au vu des r~sultats obtenus,
notamment ceux concernant l'6tat de is couche limite, les profils sont modifies par
la mthode inverse et le procLdd est rditdrd jusqu'A lobtentuon d'un aubage satis-
faisant.

On cherche cn partuculier a obtenir une merge en incidence satisfaisante et de
faibles pertes de pression totale dana lea conditions nominales. La figure 8 fournit,
en deux points de fonctionnement, lea r~partitions de nombre de Mach et le facteur de
force des couches limites relatives au profil de pied du redresseur.

3 - BANC DESSAIS ETi MESURES

Le banc d'essais de 2000 Ks installA au laboratoire de tEcole Centrale de Lyon a 6ti conqu pour
recevoir des compre~seurs axiaux ou centrifuges. 11 eat quip6 pour le surveillance mcanique des
maquettes, lea mesures de leurs caractdristiques a~rodynamiques stationnaires, globales ou locales.
Des mesures instationnaires peuvent Agalement 6tre implantes dens le banc d'ssai.

3.1. - Description du local banc

Le local banc copnd d'une part la chalne motrice, d'autre part La chalne adrauiique et
leurs annexes.

3.1.1. La chalne motrice est constitute d'un moteur Alectriquc unchrone auto-pilotA four-
nissant Ia puissance nominale de 2MW A 3000 tr/mn. La variation de vitesse et ob-
tenue par un ensemble onduleur-hacheur 5 thyristor dont Ia frdquence nominale est de
100 Hz et un courant nominal de 1300A. Le moteur entraine un multiplicateur de
vitesse A un train d'engrs- permettant d'atteindre la vitesse de 17000 tr/mn au
niveau de 'accouplement de Ia maquette dessai.

Cet accouplement eet cnnstitu4 d'un empilage de lames de type "flector". L'ensemble
est montA rigidement sur Ln chassis qui permet 6galenert i fixation de Ia maquette
et est scellA sur un massif b~ton, posd sur plots 6lastiques, dissocid des bitiments.
La frtguence propre de sassemblage obtenu est alors tris largement inffrieure
aus vitesses en utilisation normale du banc.

3.1.2. La chalne adraulique est en boucleouverte fig.91. A lamont du compresseur elle com-
porte :

a) Une chemine d'aspiration gernie de panneaux filtrants et uine batterie de silen-
cieux acoustiques. Ella dsbouche, cur le local banc, dans une chambre de tranqui-
lisation.

b) Une manche d'entrde, propre au compreseur, placde symdtriquement dans le plan
vertical de la chambre de tranquilication.

A laval du compresseur le circuit de refoulement comprend : a) une manche de sortie
fixe, b) une conduite de raccordement munie d'une manchette Alastique qui amort:t les
vibrations et absorbe lea dilatations, c) une conduite de sortie gui comporte une
vanne d'urgence et un registre de rdglage du ddbit, d) un conduit collecteur qui
dfbouche dans une chemin~e d'6vacuation avec un joint gonflable pour assurer lltan-
chditd. En effet, la conduite de sortie est mobile pour permettre son adaptation en
fonction de la position relative de la volute de la msaquette par rapport A une
conduite munie d'un venturi interchangeable en fonction des gammes de debit &
mesurer et d'un silencieux d'6vacuation.

Des Al6ments annexes permettant de recueillir les mesures 6lectriques de temporature
et de pression sont implants Sur le site.

3.2. - Moyens de mesures

Ces moyens sont regroup~s dans le local de mesure. Lelui-ci eet protgA smcaniquement et

acoustiquement. 1I eat isold des vibrations A laide d'une dalle sur plots Alastiques et
lalimentation 6lectrique des appereils passe par un transformateur d'isolement.

Les mesures de surveillance mdcanique, vibrations, contraintes et tempdratures sont sous
contrble manuel constant de loprateur de banc. Lee mesures qArodynamiques sont effectues
A laide d'un calculateur associd A des pdriphdriques.

I
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3.2.1. Mesures stationnaires : ce sont d'une part les mesures permettant Ia caractrisation
globale de Is "anuette, d'autre part celles obtenues par des sondes introduites dans
diffdrents plans de mesure prddterminds. Les sondes utolisdes pour le compresseur
"ECL 3" sont de deux types : sonde de type "cylindrique" et sonde de type "cobra"
(fig.10). La presitre permet d'obtenir une bonne qualitd des mesures prds de Is paroa
carter car le diamstre de sonde est identique au diam~tre de lorifice de passage. La
distance de l'extrdmat6 de sonde au plan de mesure des pressions ne permet pas de
meaure au moyeu. Insersement, Is sonde "cobra" permet cette approche mays reste
imprecise au LdrLer. Ces sondes sont done utilisdes compldmentasrement, ce gui permet
en outre un recoupement des rdsultats dens lea zones 6loign6es des parois. Les
valeurs obtenues sont langle absolu de I'dcoulement grace aux pressions direction-
nelles gauche et droite, Ia pression darrst, Is temperature d'arret et Ia pression
statique. Cette dernibre eat lue directement pour is sonde "cobra" ou d~duite de
l'Etalonnsge des pressions directionnelles pour Is sonde "cylindriqe". Lea sondes
sont tAl6commsand6es depuis le local de mesures par l'intermsdiaire de chariots porte-
sniode assurant Ia rotation et le d6placement radial, eux-msmes pouvant 8tre mis en
place sur des chariots de ddplacement azimutal.

3.2.2. Mesures instationnaires tiles permettent, soit des mesures de pressinsstatiques
paridtales, soit du champ de viteqse dans Is machine. Les mesures effectufes parandmo-
mdtrie laser ne perturbent pas l'6coulement, done sont aptes aux explorations pros
des parois et dans des veines de dimensions r6duites, d'autre part elles autorisent
des mesures dans lea Eilments mobiles en particulier dens les passages inter-aubes.
On obtient aors le champ de votesse par is m~thode dite "A temps de voi" I 'aide
d'un andmombtre h 2 points (fig.11) EtudiE et rdalisd A l'Ecole Centraie de Lyon
(systbme optique et 6lectronique). 6 hublots de verre ont Etd implant~s dans le car-
ter esterne du compresseur afin de mettre en oeuvre I'andmomdtrie laser suivant 9
an-s de vis~e iff~rents (fig.12).

Le compresseur ECL3 compte sujourd'hul environ 200 h de rotation A i'Ecoe Centrale
de Lyon et un certain nombre de r~sultats expdrimentaux ont EtO acquis.

4 - RESULTATS DES PREMIERS ESSAIS

4.1. - Performances globales

Lea eassis ont EtE rdalisds avec un calage fixe de Ia roue directrice d'entrEe. Ie champ de
caract~ristiques d~bit standard - rapport de pression est repr~sentE en variables rddultes
sur is figure 15. Ce champ a 6tE obtenu avec un jeu tr6s faible en sommet de l'aubage mobile
(de l'ordre de 0.2 mm). On remarque que, sur la ligne de fonctionnement et h Ia vitesse de
rotation nominale le d6bit projet eat obtenu A 1% pres. La merge par rapport au pompage eat
de 15%. On observe, sur l'isovitesse de rotation nominale, un rendement maximal de 0.86.

L'analyse ddtaillde de l'Ecoulement montre qu'un certain nombre de modifications permet-
traient d'accroltre cette valeur (vrillage des aubes de la roue directrice d'entrde, aoap-
tation plus fine du redresseur aus Ecoulements secondaires dAiivrds par le rtor.

4.2. - Etude de 1'6coulement

L'Ecoulement en un point de fonctionnement situ sur l'isovitesse nominale a 6t6 caractd-
risE par des mesures de pression totale, de tempdrature totale et de direction du vecteur
vitesse dans lea plans 1, 2 et 3 (cf. fig.1). Afin de valider notre msthode de calcul
d'dcoulements secondaires visqueux [12], on a r~alisd on couplage du calcul de l'Ecoulement
meridien avec ladite m~thode de calcul d'Ecoulements secondaires. Bien entendu, seules lea
donn~es esprimentales de Is zone "saine", non perturbde par lea dcoulements secondaires
visqueux, sont introduites dans le calcul mdridien. La comparaison thoorie-exp~rience se
fait dana lea zones paridtales de moyeu et de carter (fig. 14 A 17). On remarque que le
recoupement caicul-mesures est sastsfaisant sau dans Is zone de carter A laval de Is roue
mobile o6 Is prediction thdorique donne des ph~nombnes secondaires trop accentu6s ; en par-
ticulier, lea accroissements de temperature calculs sont un peu trop forts. Ces mesures
seront done utilisdes pour amdliorer Is schdmatisation des Ecoulements secondaires, notam-
ment dens lea rotors supersoniques.

5 - CONCLUSIONS

Ia SNECMA, en collaboration avec lEcole Centrale de Lyon, s'est dot~e de moyens expErimentaux pour
Etudier l'a~rodynamique des 6tages de tote de compresseurs haute pression avancrs qui ont des nom-
bres de Mach relatifs Elevds A l'amont du rotor :

Un Etage r~alissnt un rapport de pression de 1.84 et ayant des nombres de Mach relatifs A i'smont
du rotor compris entre 1.1 et 1.3 ,a 6tA rdalisE et essayd sur un banc construit h cet effet par
I'Ecole Centrale de Lyon. Lea objectifs en merge au pompage et en d~bit ont WEE atteints. Le rende-
ment maximal est satisfaisant (0.86) msais ii peut etre amlior6 en adaptant plus prdcisdment be
redresseur Bux Ecoulements secondaires d~livr~s per Is rotor.

Lea caractdrisations prAcises de l'coulement par des sondages de pression et temp~rature sont en
cours. Des esais de vdlocim~trie LASER suivront. Ces donnaes expdrimentales permettront de mattre
au point lea codes de calcul des dcoulements secondaires dana lea compresseurs supersoniques. Les
premires tentatives prdsentLes laissent bien augurer des capacitds du code de calcul.
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DISCUSSION

R.G. THOMPSON, US

What was the motivation to design a high hub ratio compressor ?
Normally one would employ lower hub ratio to lower the relative Mach
numbers, into the rotor.

Author's Reply

In the design of core engine with multi-stage high pressure
compressor, there are some technological and structural limitations in in-
creasing rotational speed and lowering hub radius on the front stages.
Moreover, if one wants to obtain high pressure ratio per stage, particularly
on the hub region, it is necessary to have sufficient hub speed and so that
hub-to-tip ratio cannot be significantly lowered.

We also point out that this work is mainly devoted to the design pro-
ccss for supersonic roturs and to the analysis of secondary flows. It is not
a complete study of a multi-stage HP compressor.

F. BREUGELMANS, Be

1) A des nombres de Mach compris entre 1.1 et 1.2, londe de choc dans
le rotor est ditachie et est relativement normale i l'extrados de
l'aube. Elle se propage donc loin en amont et peut interfirer avec
le bord de fuite du pri-distributeur. Est-ce qu'il y a eu des con-
sidirations de ce genre pour diterminer la distance axiale entre le
pri-distributeur et le rotor ?

2) S'attend-on i des problmes de fonctionnement du rotor supersonique

quand on fera varier le calage de la pale du pri-distributeur ?

Riponse de l'Auteur

1) La distance axiale entre la roue directrice d'entrie et le rotor a
iti choisle pour pouv;ir effectuer correctement des sondages et de la vilo-
ctimtrie LASER. Aucune consideration relative i la propagation des ondes de
choc issues du rotor nest intervenue.

2) Le calage des aubes de la roue directrice d'entr~e peut itre modi-
fit en fonction de la vitesse de rotation itudiie. 11 West pas privu de
fixer la vitesse de rotation et de "piloter" le compresseur en agissant sur
le calage des aubes de la roue directrice d'entrie.

Les aubes ont iti optimtsies i la vitesse de rotation maximale. Aux
faibles vitesses de rotation, l'coulement est subsonique relativement au
rotor, et on ne s'attend donc pas j des problimes de fonctionnement. Le pro-
blame se posera peut-itre aux regimes tnterm~diatres (90 %). A l'heure
actuelle, nous n'avons pas fait d'essals i diffirents calages de la roue di-
rectrive d'entr~e.

OKi



39-I

EXPERIMENTAL INVESTIGATION OF A SUPERCRITICAL COMPRESSOR ROTOR BLADE SECTION

by
R. Fuchs, R. Kaymaz, H. Starken, W. Steinert

Institut fUr Antriebstechnik
DFVLR

Linder Hdhe
D 5000 K61n 90
W.-Germany

SUMMARY

A controlled diffusion rotor blade section was designed for a supercritical inlet
Mach number of M =0 .85 and a flow turning of 20 . The blade section has been tested in a
cascade wind tunAel under various inlet flow conditions and axial velocity density rati-
os. Detailed investigation about transition and separation points were carried out at
the design and at two off design inlet flow conditions. The results are presented and
discussed.

NOMENCLATURE

c =chord = boundary layer displacement
H12  shape factor 61/62 thickness
N Mach number 62 = boundary layer momentum
p = static pressure thickness
p = total pressure w = total pressure loss coefficient
tc pitch to chord ratio = (Pt -P )/(p 1 -p )x = coordinate in chordwise direction 0 = axial tel6gity dansity ratio

= coordinate in circumferential (AVDR)
direction

B = flow angle with reference to SUBSCRIPTS
circumferential direction

s = stagger angle with reference to 1 = inlet plane
circumferential direction 2 = outlet plane

1. INTRODUCTION

In recent years considerable improvement has been achieved in the design of axial
flow turbomachines by making use of numerical blade design methods [1,2,3,4]. Different
names have been used like "custom tailoring", "controlled diffusion" or "prescribed ve-
locity distribution" to characterize these designs. A similar concept has been developed
in the "Institut ffr Antriebstechnik of the DFVLR" in Cologne in cooperation with the
"Institut ffr Aerodynamik und Gasdynamik" of the University of Stuttgart. In Cologne the
compressor blade surface Mach number distribution has been optimized by application of
boundary layer calculations and cascade tests [5,6,7], whereas in Stuttgart the required
inverse design code has been established [8,9].

This method has been applied in the past mainly for stator blade sections [10,111.
But there is also a big interest in the improvement of rotor blade sections, especially
at supercritical operating conditions. Therefore a research program was initiated by the
German gas turbine industry and carried out in Stuttgart and Cologne in order to develop
a supercritical blade section with low losses and large operating range with respect to
the inlet flow angle.

This paper describes the experimental cascade test results of the blade section
SKG-FVV 3.3 developed within this program. The aim of the experiments was

- to check the design code and the direct code, used to develop the blade section,
by measuring surface Mach numbers, losses and turnings. This is published in
(12,13].

- to check the boundary layer calculation by measuring transition and separation
points.

- to identify the reason for the loss rise at high inlet Mach numbers.
- to identify the reason for the loss rise at high and low inlet flow angles.

2. EXPERIMENTAL SET UP

2.1 CASCADE WIND TUNNEL

The DFVLR transonic cascade wind tunnel is a continuously running facility operating
in a closed cycle driven by two radial flow compressors with a flow capacity of 10m

3
/s

each. One of these compressors is connected to the suction system which is used to re-
duce the upstream side wall boundary layer through protruding slots and to vary the
axial velocity density ratio via slotted side walls. The pressure ratio of four renders
possible a Mach number range from 0 to 1.4 and a variation of the axial velocity density
ratio even at supersonic inlet velocities.

The cascade span is 168mm and the cascade height can be varied between 150mm and
450mm. Fig. I shows a cross section of the tunnel.
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Fig. 1 Cross sectional view of the transonic cascade wind tunnel of the DFVLR-Institut
fUr Antriebstechnik

The blades are mounted between plexiglass w -ndows in the rotatable side walls of 2m
diameter. By turning the aide walls the inlet flow angle 8is adjusted before running
the wind tunnel. The upper floor is fixed and carries the variable half nozzle. The bot-
tom floor can be moved horizontally and vertically to adjust the geometry of the bottom
by-pass passage.

Inlet total pressure and temperature were measured in the settling chamber. In a
plane half a gap axially upstream of the leading edges the inlet static pressure was
measured ahead of the center blades at one side wall (Fig. 2).
In the same plane (measuring plane I) the periodicity of inlet velocity and inlet flow
angle was checked by three flow angle probes.

In a plane half a gap axially downstream of the trailing edges the total pressure,
static pressure and flow angle distribution were measured by moving a combined probe
stepwise over slightly more than one blade pitch at cascade midspan. The traversing sys-
tem provides rotation around the upstream probe head for angle measurements.

The effect of variation of the axial velocity density ratio in the cascade midspan by
suction through slotted side walls is shown in Fig. 3.

view A
suction of wall

* buinday toye,

view A
N'~P Ipw 2sin0 2

p W -SinV

suction for
f variation

measuring plane I

Fig. 2 Test section arrangement with Fig. 3 Test section cross view
measurement positions without (top) and with

(bottom) boundary layer
suction on the side walls

The design geometry and flow data of the cascade SKGdVV 3.3 are:
inlet Mach number 

1 0
.
85

inlet flow angle $1=142.00 with reference to circumferential direction
outlet flow atrgle B 2122 0p
stagger angle B 2= 129.80
pitch-chord ratio t/h=p.0-
AVDR 0=1.15

Six blades of 70mm chord length have been installed in the wind tunnel. The third
blade was equipped with 16 pressure taps on the suction aide and the fourth blade with
14 pressure taps on the pressure side in such a way that the flow in one blade passage
could be recorded.

v00o wl
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2.2 TEST PROGRAM

The inlet flow angle 0 was varied from 1380 to 1450 and the AVDR from .0 to 1.2.
The Mach number was varied from 0.60 to 0.88 at the design inlet angle 142 only. The
other inlet angles were tested at the design Mach number 0.85 only.

It has to be remarked that instead of the design Mach number 0.85 in the experiments
a reduced Mach number of 0.84 was adjusted. The reason for that is the flow acceleration
between the measuring plane I (Fig. 2), where M1 was determined, and the cascade inlet
plane due to growing side wall boundary layers.

2.3 VISUALIZATION OF BOUNDARY LAYER BEhAVIOUR ON PROrILE SURFACES

Three methods have been used for boundary layer visualization on the profile surfaces:
the azobenzene sublimation method, the ink tracing method and the surface oil flow tech-
nique. The pictures produced by these methods give information of:

- the laminar separation bubble
- the secondary flow pattern
- the backflow in separated areas
- wedges of turbulent flow by isolated excrescenses

The great advantage of these methods is in giving information not only point by point
but also over the whole profile surface area, especially in case of the azobenzene- and
the oil surface technique. This is of importance for the knowledge of the transition
line position, which is influenced a great deal by loc.l disturbances causing turbulent
wedges.

In the ink tracing method coloured ink is introduced into the profile surface bounda-
ry layer through one or more profile pressure taps. By this method boundary layer sepa-
ration can be detected. But it is difficult to analyse turbulent reattachment after
laminar separation in the front part of the blade. In this case a second test run may be
performed by introducing ink into a pressure tap further downstream. Alternatively inkof different colour may be released Out of several pressure taps.

The second technique is a method of sublimation [14]. The model is sprayed by a mix-
ture of azobenzene and gasoline. Spray distance should be large enough to enable evapo-
ration of gasoline before coating the profile and bonding of the small parts of azoben-
zene on the profile surface. By that surface roughness is low enough to avoid natural
transition. Visualization of the transition line works by quicker sublimation of azoben-
zene in the turbulent boundary layer region because mixing is more intensive.

The third method used is the surface oil flow technique [15]. The coating material is
a mixture of oil, titanium dioxide (TiO ) and oleic acid. The proportions of the mixture
depend on flow Mach number and total prissure level. The proportions for the tests pre-
sented are: oil (g) : TiO 2 (g) : oleic acid (drops) = 1 : 1: 1. Oil in use was Shell
Carnea 460.

3. EXPERIMENTAL RESULTS

3.1 TOTAL PRESSURE LOSSES VERSUS INLET MACH NUMBERS

The variations of the total pressure loss coefficient for various inlet Mach numbers
and three different inlet flow angles are presented in Fig. 4.

SIG-FVV 3.3 1986

.2 t

.I8 . -

.18t H

.82

.8

.60 .65 .70 .75 .80 .85 .90 .95
iv -

Fig. 4 Loss coefficient versus inlet Mach number at three different inlet flow angles
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Looking first at the design inlet flow angle 8 =1420, very low values of loss coeffi-
cient w not much more than 1% up to the experimenial design Mach number M =0.84 can be
seen. If the Mach number exceeds 0.85 the losses increase rapidly. The sahie increasing
tendency is shown in Fig. 4 for the lower and higher inlet flow angles.

An explanation for this characteristic increase can be given by Fig. 5. This figure
presents the surface profile Mach number distribution for the ghree Mach numbers o. Fig. 4
M -0 75 (top left), .0.84 (top right), 0.88 (bottom) and 0 -142 . Under each Mach number
cirve the lose coefficient distribution is shown, which wis measured close behind the
cascade exit plane (measuring plane T! Fig. 2). In case of the low Mach ndmber Mj1=0.75
as well as at the design Mach number M =0.84 a very small and narrow wake is to 8e seen.
That means no boundary layer separatioAI occurred and the losses are therefore extremely
low.

.0 0 MI =0.75 .2s = 0.841.0 O0
0  

PI = 142 >

000 0 00 = 0.013 *1 10 M 142

' '1 0 .0 1 5
0 .1.1718

.80 0 E

A-AA

.8 .2 .4 .6 .8 f-.

./chard
€ 1I°°°°° °° ° °°°°°°°°°°°°°° °.8 .2 .4 .6 .8

2 x/chord

. .2 .4 .6 .8

I/spacing

.0 .2 .4. .6 .

fl/spocing

1.2 '00
0 

0 MI = 0.88
0 0 1 = 142

= 0.082

S1.0 0 = 1.14

E C

.8 " AA¢

A
•6 AAAAA A

.01
.0 .2 .4 .6 .8

x/chord

.2 seporotion

.Y

.0 .2 .4 .6 .8
I/spacing

Fig. 5 Profile Mach number and loss distribution in the cascade outlet plane at three
different inlet Mach numbers

In contrast to this the bottom part of Fig. 5 shows a large wake mainly widened to-
wards the suction side. In this case the higher Mach number M =0 88 leads to an increas-
ing maximum Mach number on the suction surface, followed by an increasing deceleration
which ic realized by an compression shock. The shock strength obviously leads to shock
induced separation and therefore to high total pressure lsses.

On the other hand, the measured suction surface Mach number distribution downstream
of the shock position at 50% of the profile length shows no region of constant Mach num-
ber due to separation rather than a continuous deceleration.

3.2 LOSSES VERSUS INLET FLOW ANGLE

In Fig. 6 the loss characteristics are shown for inlet flow angle variations at de-
sign Mach number and two different axial velocity density ratios (AVDR). Loss minimum
can be found at design condition $ =142 and at slightly negative incidence angles. The
low loss incidence range is quite Imall and the losses increase steeply at lower and
higher inlet flow angles.
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Two loss curves are presented for AVDRS 0=1.15 and 1.05. Both curves are of similar
increasing character in the positive as well as in the negative range. The loss curve is
shifted to higher inlet flow angles with increasing AVDR. At positive incidences this
phenomenon is caused by a decreased suction surface diffusion and at negative incidences
by an increased supersonic diffusion.

S51-FVV 3.3 1986

5. ....

.18

.89

.8

.87

.0

.05

.84

.83

.02

.81

.88
138 139 140 141 142 143 144 145

Fig. 6 Cascade losses versus inlet flow angle at design inlet Mach number and two

different AVDRs

3.3 BOUNDARY LAYER BEHAVIOUR

The intend of the boundary layer investigation was to find out the reason for the loss
increase at high and low inlet flow angles, respectively high positive and negative in-
cidences. Therefore, three different flow cases have been selected and the methods de-
scribed i chapter 2.3 have been applied. The flow cases are the design point condition
at 8 =142 and the off-design conditions at 8 =1380 and 8 =145 , the latter of which are
the inimum and maximum measured inlet flo aAgle.

3.3.1 THEORETICAL PREDICTIONS

With the inviscid-viscous interaction method, described in (12,13] (flux finite element
method coupled with McNally integral boundary layer method) the boundary layer has been
calculated. In table I the predicted positions of the transition and separation points
are presented for both blade surfaces. As free stream turbulence level the measured val-
ue of 2.3% h~s been used.

At 80=138 laminar turbulent transition is calculated at 52% of chord followed by a
shock ilduced turbulent separation at 63% on the suction surface. At tge design inci-
dence, transition is predicted at 29% with no separation and at B =145 the transition
moved further upstream to 17% followed by a shock induced separation at 27% of chord. On
the pressure surface the transition point moves downstream from 10% to 28% of chord with
increasing incidence and no separation was calculated in this incidence range.

inlet flow angle surface transition separation
01 x/c x/c

suction 0.52 0.631380

pressure 0.11 --

suction 0.29 --1420
pressure 0.21 --

suction 0.17 0.27
1450

pressure 0.28 --

Table 1 Calculated transition and separation point positions (method described
in 112,13])

01
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3.3.2 MEASUREMENTS AT DESIGN INLET FLOW ANGLE (61.142°)

The results of the azobenzene test are shown on the top of Fig. 7. The left picture
shows the suction surface with the laminar-turbulent transition visible at 42% of chord
which is different from the theoretical prediction at 29%. However, the ink test showed
a laminar separation starting at 30% of chord along one half of the blade span.

This asymmetric picture is confirmed by the corresponding oil flow pattern shown in
Fig. 7 (bottom), with the additional information of a laminar separation bubble ending
around 42% of chord.

An explanation for this phenomenc-i is, that the boundary layer is just at the border
of laminar separation and small differences either in inlet flow angle or turbulence
level cause this effect. The transition point location, theoretically predicted near the
point of laminar separation, seems to substantiate this assumption, &lthough small dif-
ferences between calculated and measured surface velocities may also be responsible for
this.

On the pressure surface the azobenzene test and especially the oil flow pattern do
not show a distinct transition point rather than a certain transition region between 22
to 34% of chord. This is in reasonable agreement with the theoretical prediction of 21%.
From the ink test it can be concluded that no laminar separation bubble does exist on
the pressure surface and that the turbulent boundary layer is not separated on both sur-
faces. The latter is confirmed by the low loss level of 1.5% measured at the design
point.

3.3.3 MEASUREMENTS AT MINIMUM INLET FLOW ANGLE (81=1380)

At this high loss level condition in Fig. 8 both the ink test as well as the oil flow
pattern show a severe laminar flow separation at 45% of chord over the whole span of the
suction surface. The theory predicts transition at 52% and a shock wave at 63% of chord
followed by turbulent separation. The differences between theory and experiment are due
to the fact that the prediction does not yet include the upstream influence of the shock
boundary layer interaction leading to a lambda shock system. However, the surface Mach
number distribution again does reveal the separation just as little as the shock wave.
The shock wave pressure rise is smeared out and the separated flow exhibits a consider-
able pressure increase. A possible existence of flow reattachment was excluded by an ad-
ditional test introducing ink out of a rear pressure tap into the separated region
(Fig. 8, middle).

By releasing ink out of the first and the fourth pressure tap and applying the sur-
face oil flow technique it was found that on the pressure side a very short laminar sep-
aration bubble existed just near the leading edge. After turbulent reattachment the
boundary layer remained unseparated.

The theory did not reveal the measured suction peak, which is probably terminated by
a shock wave, ano predicted the transition point therefore at 10% of chord.

3.3.4 MEASUREMENTS AT MAXIMUM INLET FLOW ANGLE (81=1450)

The theory predicted at this inlet flow angle transition at 17% and shock induced
turbulent separation at 27% of chord on the suction surface. From the oil flow pattern
in Fig. 9 (bottom) transition was observed between about 17 and 22%. It looks like a
laminar separation bubble, but the ink test (Fig. 9, top) did not confirm this. It show-
ed only a turbulent separation occuring at around 60% of chord. Due to instationary and
secondary flow effects, especially at high incidences, the visualization results are not
as distinct as in the other flow cases and spanwise variations are difficult to avoid.
Nevertheless there is a clear difference between the measured and calculated separation
point probably due to the separation criteria (H12=2.5) used within the shock interaction
model.

Again from the blade Mach number distribution alone the turbulent boundary layer
separation cannot be detected at all.

On the pressure surface, ink and oil flow pattern (Fig. 9) showed a transition region
between 28 and 35% and no boundary layer separation. The transition prediction is in
good agreement with the beginning of the transition region similarly as it was the case
at design inlet flow angle.

4. CONCLUSION

The loss behaviour of a supercritical compressor rotor cascade has been investigated
experimentally. The reason for the loss rise at high inlet Mach numbers and at high pos-
itive and negative incidences could be identified by analysing oil flow patterns, ink
traces, and wake measurements.

In all cases early boundary layer separation, caused or influenced strongly by
shock-boundary layer interactions, was observed on the blade suction side.

In spite of this, the surface pressure distributions showed a considerable pressure
rise downstream of the separation point. Therefore, it is not possible in this Mach num-
ber range to detect a boundary layer separation using only the blade surface pressure
distribution. The measured positions of transition and separation points are valuable
information for the improvement of viscous codes. Comparisons with a viscous-inviscid
interaction method are encouraging.
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DISCUSSION

N.A. CUMPSTY, UK

Can you give any more information about this rise in loss at M1 = 0.88 ?
Why does the separation not appear in the pressure distribution ?

Author's Reply

The loss rise at M1 = 0.88 is due to the fact, that the higher inlet
Mach number with respect to the design flow case leads to an increasing
maximum Mach number on the suction surface followed by an increasing decele-
ration which is realized by a compression shock. The shock strength leads to
shock induced separation and therefore to high total pressure losses.

The deceleration downstream of the separation point may be caused by
the channel type flow region ducted by the opposite pressure side. J. Hour-
mouziadis (MTU) notified similar results in turbine cascades, where a depen-
dency on the boundary layer thickness at the separation point was observed.



J. MOORE, US

Can you please answer a few questions about your interesting experi-
mental and computational studies ? What were the blade Reynolds numbers and
what was inlet free stream turbulence intensity ? What were the endwall
boundary layer parameters at the cascade inlet ? Also, in the calculations,
how were the AVDR's distributed axially through the cascade ?

Author's Reply

The blade Reynolds numbers varied between 1.1 and 1.2.106 and the
free stream turbulence level was 2.5 %. Measurements were taken only in cas-
cade midspan and no endwall boundary layer parameters are therefore available.

In the calculations the ADVR's were distributed lineartly between lea-
ding and trailing edge plane equivalent to the design procedure.

R.G. WILLIAMSON, Ca

The pitchwise loss distribution at M = 0.88 of Figure 5 shows not only
a deeper and broader wake, but also an appreciable pitchwise shift of the wake
towards the pressure side of the blade. Could you explain this ?

Author's Reply

The pitchwise shift of the wake in Figure 5 has no physical meaning.
The pitchwise position of the wake depends on the starting position of the
traversing probe which was arbitrarily chosen somewhere between two adjacent
profile trailing edges.

N.J. SEYB, UK

I had five questions but three have already been asked. My remaining
questions are :

1) Were the boundary layer predictions based on a measured or predicted
pressure distribution ?

2) If the boundary layer predictions were based on predicted pressure
distributions, could you please comment on the agreement with the
measured pressure distribution ?

Author's Reply

The boundary layer predictions were based on predicted pressure
distributions. The comparison predictions - experiments of the pressure dis-
tributions will be presented by Weber et al. at the ASME Gas Turbine Confe-
rence in Anaheim (ASME Paper n 87-GT-256).
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CALCUL D(S ECOULEWMNTS SECONDAIRES
OAKS tN COWPRESSENR AXIAL MI I IA&E

F.FALCHEITI - J.BROCHET
SNECMA, Centre de Villaroche

77550 MOISSY CRAMAYEL - FRANCE

Rdasia

La SNECMA a industrialisd et dtendu le domaine d'application d'une mthode de calcul des dcoulements se-
condaires au cas des compresseurs multidtages. Cette mdthode prend en compte les phdnom~nes secondaires au
Cayen d'une correction visqueuse apportde A un dcoulement mdridien classigue. Cette correction est calcu-

Mde en moyenne azimutale dane tout le plan niridien, y compris l'intdrieur des aubages, en rdsolvant tn
systkme d'dquations ddduites des dquations de Navier-Stokes 3D, parabolisdes. Le couplage entre le calcul
des 6coulements secondaires et le calcul m6ridien est assurd de fagon classigue par des injections de
ddbit.

Aprbs un rappel des principes de la mdthode, nous pr6sentons dans cet article une application A un com-
presseur multidtages, et montrons l'intdrdt de cette methode pour le dessin des aubages A extrdmitds vril-
Ides.

Abstract

SNECMA has developped and extended the use of a secondary flow computation method for multistage axial
flow compressors. This method takes into account the secondary phenomena through a viscous correction ap-
plied to a through Flow calculation. This correction is calculated in the complete meridian plane, inclu-
ding the bladerows. A set of equations is solved, which are deduced from 3D parabolized and pitchurse ave-
raged Navier-Stokes equations. A classical coupling process between the secondary flow and the through-
flow computations is insured through mass flow injection.

After reviewing the main features of the method, this paper presents an application to a multistage
compressor, and shows the interest of this method when designing end-bend blades.

Nomenclature

B z coefficient de blocage
h v hauteur de veine
hm, h

b  z mdtriques b h,
ki, n courbure( --- I

(m,b,e) a systbme de coordonndes curvilignes axisymatriques
v pression statique

P v pression totale
(s,b,n) z systbme de coordonndes intrinskques, orthogonal
u-, ub z coordonndes selon les directions m et b
T tempdrature totale

vitesse absolue
S vitesse relative

(z,re) systbme de coordonndes cylindriques1Oc angle absolu de l'Icoulement (= tan (ve/v,))
J3 angle relatif de l'dcoulement ( tari'(we/wm))
A, =angle du profil
6 dpaiaseur de Is couche limite

(paisseur de ddplacement mdridienne
dpaisseur de ddplacement transversale

hq ddficit de dbit ( 21elr(Th t L V)
A OADe = composantes du ddficit de force d'aubage
A0 3 m = ddficit de pression statique
0 angle entre lea directionsz et m
0 = vitesse angulaire de rotation

= vorticitd relative (= "^7)
z masse volumique
viscositd cin6matique turbulente

- tenseur des tensions visqueuses

indices infdrieurs :

= valeur h Ia paroi
mble = composantes d'un vecteur dana le systkme de coordonndes axisymdtriqueS
I,b,f = composantes d'un vecteur dana le systdme de coordonndes intrinsaques

= valeur A Ia limite extdrieure de la couche visqueuse

indice supdrieur :

A = relatif A l'dcoulement sain non visqueux
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Introduction

La demande de consommation sp~cifique et de coOt d'exploitation direct toujours moins dlevs a conduit a
Ia recherche de compresseurs de plus en plus chargds a6rodynamiquement et avec de meilleurs rendements. La
rdalisation de cet objectif passe par one meilleure analyse et on contrOle plus efficace des diff~rentes
sources de pertes. Les dcoulements secondaires constituent une importante source d'irrdversibilits, sur-
tout dana lea dtages arribre des compresseurs HP, no lea rapports de moyeu sont elevs et ob les allonge-
cents sont faiblca. tea Acoulementa secnndaires sent hi6s a. Uut.-uppement des couches limites sac lea
parois do moyeu et du carter. Leur presence peut modifier notablement l'coulement, de sorte que leurs
effets doivent etre mod~lis~s de faqon precise et pris en compte de faqon complkte dans le dessin des au-
bages pour atindre de bonnes performances.

La SNECMA a dsveloppd depuis one douzaine d'anndes one m6thode originale de conception de soufflantes
et de compresseurs axiaux qui met en oeuvre on ensemble complet de mthodes num~riques . te calcul des
6coulements secondaires intervient ds le d~but de cette mthode de conception, au nJieau du calcul cdri-
dien, avec lequel sont optimises les valeurs des principaux paramtres a~rodynamiques (forme de la veine,
emplacement des roues, trianglesdes sitesses). A ce stade de la conception, les m~thodes de calcul des
6coulements secondaires comie celle de Mellor et Wood [i sont trbs pratiques car elles peuvent facilement
Atre coupldes au calcul mridien et elles sont capables de traiter an compresseur complet en quelques se-
condes, ce qul permet des Atudes paramdtriques. La SNECMA utilise one version amtlior~e de ce code Acrite
par Papailiou [2 et elie poss~de aujourd'hui une dizaine d'anndes d'exp~rience avec ce programme. Cepen-
dant cette msthode calcule uniquement le blocage et leffet global des Acoulements secondaires sur les
performances de chaque roue. Elle ne donne pas l'dvolution radiale des effets secondaires, qui est one
information indispensable pour le dessin des profils d'aubes prbs des parois. Dans ce .ntexte il est ap-
paru utile de disposer d'une mthode numrique, qui, comme celle de Mellor, apprdhende les ph~nom&nes se-
condaires par one correction visqueuse apportde 4 on calcul mdridien, mais qui fournit des informations
moins globales que Ia mthode de Mellor. Certains ont r~pondu h ce besoin en introduisant, entre autres
Aldments, des familles de profils de vitesse dans la mAthode de Mellor (par exemple [3], [4] ).Cette appro-
che est int~ressante mais e1e a l'inconvnient de faire appel b beaucoup de lois empiriques. D'autres
chercheurs b lEcole Centrale de Lyon (FRANCE) et b l'Unaversit d'Athbnes (GRECE) ont pr~fdr repartir
des Aquations de base (oquations de Navier Stokes 3D) et construire one nouvelle m~thode num~rique, mieus
adapt~e ao besoin exprim ci-dessus (de [5] b [7]). Cette mthode est conque pour calculer Is valeur loca-
le, moyennde en azimut des effets secondaires dans on compresseur complet, y compris dans les roues aubLes
Les coulements secondaires sont trait~s comme deux couches limites 3D couplses 4 on calcul mdridien, qui
represente l'coulement sain, non visqueux. Sur le plan numdrique, cette mthode entre 4 la fois dans Is
catdgorie des mthodesde couche limte de paroi et celle des mthodes d'6coulement secondaire [8]. La v-
tesse longitudinale est calcule en r~solsant on systkme d'dquations int~grales et an utilisant un profi]
de la famillede Kahn et Nielsen [ 9 ]. La vitesse transversale est obtenue 4 partir de l'6quation diffA-
rentielle de transport de la vorticit longitudinale.

La SNECMA a industrialis Ia mthode qu le Docteur F.LEBOEUF a mise au point sur des compresseurs et
des turbines monotages [10]. Eliea plus r~cemment tendu son domaine d'application au cas des compres-
seurs multiitages. Cet article a pour but de presenter les d~veloppements de cette mthode numrique, qut
ont permis son application aux ccapresseurs multi~tages et de montrer coment elle peut utilemert servir A
Ia conception des aubages. Auparavant, les caractdristiques fondamentales de cette c~thode seront exposdes.

1. Mwthode de calcul

1.1. Une approche de type couche limite

6q

couche vequeuse corter

A
ecoulemwnt ain / _

wm

couche vesqueuse moyeu Sq

Fig. 1 - Modlisation de 'coulewnt :,ridien
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tie Cagon clossique pour une opproche de type couche-lievte, l'doulesent est reprdsentL4 dons cette ed-
thode de calcul par un sod~le 6 trois zones :deus zones dites "sisqocuses' au soisinaqe des parois du
moyeu et du carter de Ia machone, sdpardes par un zone dite samne, non visqueuse. Les caractdristiques de
I'6ouleent en zone samne sont supposes Atre rorrecteeit reprdsentdes par Les r~sultats d'un calcul
mdridien 'nion vosqous". Les droulements serondaires sont aors appr~hendids par une correction viiqueuie
apportde h Idr6oulement sain, due 0 Ia pr~sence de couches (incites sur le soyei et le carter. lNous note-
roris que Ie calcul cdridien nest pos enti~recent de notur- non visoiie--. En rffet 1ev couchcs licotes
de' protilo y sont prises en compte sous la force de pertes et dldcart flus-profil. tes Llroulecentsseron-
doires sont calcolds asec un niveso d'approsisation comparable ave, celui do m2z)eridien. La mdthode
calcul.- Ia voleur soyennde en azosut oes effets secondaires dons tout le' plan m~ridien, y compris 0 l'i-
tdrieur des ouboqes. tes couches visqucuses sur le coyeu et le carter sont traites seporecent, aver com'-
Me deotlecent estdrieur de rdfdrence Ia saleur b Ia paria de Idroulecent sain. L'6ouleent coeplet eat
reronstito6 en Fin de ralcul. Lin couplaqe classique mdridien-couche vsqueuse est i-dalis66 par des injec-
tions de d~bithqi an niseau des parois coyeu et carter, qui reprdsentent le dficit de debit. des rcourhes
risquenses Fiq.2)

N1N)

CALCUL MERIDIEN
NON VISOUEUK

BOUJCLE
CALCUL CALCUL DiE
COUCHE COUCHE COUPLAGE
VISOUEUSE VISQUEUSE N=N.l
fMOYEU CARTER

tiEsir INJECTES

fig.2 Couplaqe calcul Sridiem - Ecoulement secondasre

1.2. Equations furidocentales

Lo correction sisqoesse relative 6 chaque paoi est obtenue en rtssolsont n systeme dt0quotions d~ri-
ides des tquotioni de Nosier-Stokes, stationnoires et porobolisdes dons lo direction de Pidrolement. Les
6qnotions de base sont trois equations intdqrales, 6rrites dons le systbme de coordonndv's (m,b,G N(Fiq.5'
to precibre. est Iqoation intdqrol' de continuit6 coyennde en azicut. tile inst intdqrde depuis Ia pa-

rot (b =o) jusqukA la frontibre estdrieure de Ia rouche limite (b = b

-1.. fBrw,, dbolBef' ), Jfh -5hk 1  /

Le' second seebre de rette 6qnation, qni reprdsente lougmentotion de' dhit dons la couche limite. en)t
calculd aync le' codole empirique de la loi dentralnement de Heod [111.

b h
EronIhere ext eeure

cuhe visqueuse

axe de rotation

Fig. 3 - 1nt~gration des Ajuatiorfisuivant I Rfverqure
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Lea deux autres 6quations foridameotales Sont les composantes scion m et (6 de I Lfquat nao int6grale de
quantit6 de, mouvement, moyenn6e en azimut. Celles-ci sont 6crites sous forme d6ficitaire par rapport &
l'Oscoulement sain, et intL~qres depuis la paroi (b =0) jusquNA Ia limite ext~rieure du domaine fluide
(b hi) (cf Fig. 4)

j_'f AA2 2 h~hF'' ~ -FB~n1O~t
2  

b
J B~fd~f~,~db ,c n~5~.5 i0  ~ e 9 90 1,, (2)

hL AA A~ rfo , AA 0 I All Aj.O,,VQ -dbLbcr- i 5  08h SoC (f BI V 05 C

0 cn(VV/WeV, db 6n , (3)

Dans les 6quations (2) et r3), les qiiantit"6s D1m et tnDlg sont les composantes du vecteic i701, le-
quel repr6sente leffet nisqueun sir Ia force d'aubage. Au second membre tiD3m est an terme ue correction
visqueuse nor Ia pression statique moyenne. Oans les expressions pr~scddentes, ins termes lids aux fluctua-
tions azimutales ont 6td6 suppriaids, car leurs effets soot ndqligeables dans les compressears. L expression
complbte de ces 6quations est donnde en rdfdrence [6].

te traitement de ces deun 6quations est diffrent selon que le calcal est fait daris les autiages no a
Pextdrieur :en zone libre d'aubaqe, len termes de force d'aiibaqe, 8D1 soot nuts. et len dqnations 2 et
(3) soot rdsolues. En cone abde au contraire, les termes ADim et 6D1E) , non oils, nont 61iirit entre
les deun 6quations par la relation empirique (4). A~ I-E)tnf' A1 O(

tine scale equation reste alors 6 cdsoudre. Deans la relation eapirique (4), l'nntrnduction doj paramodtreC
ddj6 atilind par Mellor et Wood [1], est ndcessaire pour len applications 6 des comp!-cnseucs multidtaqci.
En effet, lhypoth !se d'uo ddficit de force perpendiculaire A laubaqe F( 0) conduit axec cette odihode
oum~rique 5 one croissance inddfinie de ld6paisseor de, ddplacment 9~,, la traverode d'un conprensco- nut-
tidtage, cc qun est contraire a la rdalit6 (Fiq.12). Noun obtenons des valcurs coccectes de blocaqe dans
ins compressears basse pression anec des valears def voisines de 0.7.

2.5.

20 IGV RI 5 R2 51R3

IL

Lx 0.7

-10 i00 200 300 400
Fiq. 4 Influence du cetticientEF-sur l'dpaisseur de ddplaceinnt

Ou Pyt uncomres9seu & 3 6taqes
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1.3. Nod~le pour le calcul oes champs de vitense secondaire

La risolution des 6quations fondamentales (1),(2) et (3) ddpend de la ddtervvnatiuin des troin cnmpoiisn-
tes Ge la valeur moyennde en az.nut du %erteur vitesse.

Fig. 5 Syatbme orthogonal de coordwwtmas intrinsquem

Lertaunes enp~ruences montrent qu'il est posmible de decrire la composante de citesne dans Ia direction
principale s (celle de l66coulement sain) par certaines families de profals analytiques. Erk revanche de
telles descriptions semblent difficiles pour les deum autres composantes de vitesne Wn et Wb, en particu-
lier h l'int~rieur des roues aubdes. En pratique, la composarte longitidH-ale s ent GA-rite par tin profil
de Kuhn et Nielsen [9].

La componante tranmversale an est obtenue par une m~thude dift~rentielle ddri,-e des thurien rlassi-
goes de calcul d~coulements secondaires r~nolution d'une i

5
quat inn de transport pouir obteriir la curt i

ritAs secondaire, longitudinale

* Wlkb2u
5

) I law. lU,. .± .'j -' L)ar
(nv 2st~ln.95h _bta 'o +h lure ) = am'

puis, rdsolution d'une equation Ge Laplace dans le plan transversal 64a- Os (6
faisant internenir une fonctuon de courant v~rifiant :~ 11i- (7

Dans l'6quation (5), lem termem d'oriqine nisquvume mont tr~s simplifi~s, seul subsuste le second membre,
u6 la viscosit6 curbulente est i--- dun modtle de turbulence Ge Ieberi-Smith, de type longuvur de 'm6-
lange.

En trousibme composante de vitesse est quanit 6 elle obteruje en rdsolvant une forme appropride de lA'-
qustion de continuit6 (Eq.8) 8f~)-bB d

Le caicul Ge la vitesse est compl~tL6 par ceus de Is pression statique et Ge Ia tespdrature totale. L' 4-
cart de pression statique asec l'6coulemient main est calculd en rdsolvant la cosposante melon b de l'6qua-
tion de quantut6 de mouvement. Ea temp~rature totale T , qua intervient dans le ralcul de Ia masse volu-
mique q, evE obtenue en rdsolvant la forme non nimqueuse de P~quat ion de Id6nergie :conservation Ge la
rothalpie le long des lignem Ge courant.

1.4. Architecture g~n~rale de la c~thode

Nous noun int~ressons ii ti larchitecture d'ensemble Ge la c~thode. Noun consuddrons le traitecent
d'une parni (le moyvu par ememple) A une certaine it~ration de couplage aver le calcul mdridien. Len don-
n~es initinlem du calcul nonE d'une part len valeurn Ge l'6coulement main A la paroi. d'autre part Len cm-
ractdristiquen Ge la couche vsqeune dans le plan amont du calcul. t'6coulement main h la parovol u so
doun calcul mdridien prenant en compte den injectiorre d~bit SqZ calculdem a lutdratuon de rouplage
prdc~dente. Les Acoulements mecondaires pour In parmi consuddrde, mont calcul~m en rdnolvant 1ev Aquations
do paragraphe prdc~dent, plan par plan, depuim l'amont jusqul& laval (processus parabolique). t'Ofcoule-
vent Atant noppost& stationnaire par rapport A chaque mubage, le domaine de calcul vinE diyanA en mutant de
noun-domminem que de roovs, et on changement de rep~re emt effvctud b chaque passage d'un sous docaune 6
l'autre (Eig.6 et 11)

Fig. 6 amine de calcul - Naillage au royeui
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- CAGE RESULTREPE

Fig. 7 Calcul des 6aoulements secondaires sur une paroi

La parabolisation des equations conduit h des temps de calcul raisoonables, mais peut entratner des
probl~mes de stabilit6s b cause das effets elliptiques qul ont 6t6 n~qliq~s. Ces effets aunt surtout 116s
au champ de pression statique qui.b une faibile correction vsaqueuse pr~s, coincide avec celui de l'6sou-
lement sain. Dana notre modt'le, ces effets sont restituds de fiqon approch~e, en risolvant une 6quation
suppldmentaure relative lIdcoulement sain. en s~me temps qua lea 6quations pour licoulement visqueus
En pratique cette 6quation se pr~aente comme une 6quation enV'r. at calcule les effets de blocagi, et de
courbure h Is paroi mur 1A6coulement san, induits par lea variations do d~ficit de d~bit de la coucne vis-
queuse entre deux itdrations de couplaqe. Apcba discr~tisation. cette Lsquatun s'6crit anus Ia forme vec-
torielle (Eq. 9)

A 6q B (9)

o6, A eat one atrice carr~e d'ordre N. tine fois conn Wm, lea autres Qrandeurs de 1 coulement sum,. dusit
Ia preasion statique, aunt mia & jour en conservant $ at T , entre deos it~rations de couplaqe. [a cor-
rection sinai upport~e 5 l16coulement main assure une bonne stabilit6 numirique et permet use coorerqenme
rapude do proceasuLs de cooplaqe calcul vsageux - calcul meridien (Fig. 12).

11 ous resta A pr~ciser da quelle faqon las 6quations soot r~solues dana un plan da calcul d'iodiceI
donn4.

tea r~sidus des 6qoations principales (1) at (2) sont conaid~r~s coome des fonctions implicites de pa-
ram~tres convanablament choisis (en pratique, Ia vitesse 'w de l'6coulemant samn b la paiol at 1'dpaisseur
6de-la couche limite). Un procesmus de minimisation classique (Gauss-Newton) optimise tea valeurs de ces
parambtres (Fiq. 8)

CALCUL AEROIdAIIIE PERTURBATION

Fig. 0B Rdsolution des dqustions principsies, au plan
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Pour chaque valeur testde des parasL'tres principaus 0'Z', le champ a6rodynaovque est calcuI6 en suivant
l'organigram~e simplifiA de Ia figure 9.

ICHOD( DE 5 FARAMETRE5 NV,6)1

CORiRECTIONd DE L ECOULEM.ENT SAIN (EQ. 9)1

VITE55E LONG)TUOINALE W$ (FAMIUE CIE COLES)

MINIMr.ATION VITE55E TRAN5VER5ALE W.' (EG, 5,6,7)

VITE5',E NOIRMLE W6 (EQ. 8)1

AIJTRE5 VARIABLE5 p ,t

HE5IDU15 DE5 EQUJATON PRINCIPALEO,

TE$T GE CONVERGENCE

iz.

Fig. 9 :Calcul 96rodynainique danm le plan

2. Application h iii compressur mltid age

Nous prdsentons une application sur on compresseur basse pression de trois dtages avec une roue direc-
trice d'entrde (Fig.10), et pour lequel nous disposons de mesures suffisamment pinches des parois. tes
deus premibres routs mobiles ont one nageoire respectivement h 60 %et 55 % de hauteur. Le point de fone-
tionnement Lstuditd correspond b un taux de compression de 3.48. Compte tenu des valeurs assez faibles du
rapport de moyeu (0.3 A l'entrde, 0.725 4 Is sortie), les couches limites de parois occupent one fraction
assez faible de Ia veine (rig.))). La determination de l'dcoulement samn de r~fdrence ne pose donc pas
d'ambiguitL'. Celui-ci est mod~lis6 par on calcul m~ridien dans lequel soot impos~es les distributions ca-
diales depreskoet temperature totale A Ilaval des roues mobiles, de pression totale et d'angle absolu
5 Ilaval i&s redresseurs. Ces distributions correspondent aus valeurs mesurdes, saf pr~s des parois oi
Les forts gradients soot dC..mindss (fig.1))

Les r~sultats de la mdthode de calcul des 6roulements secondaires sorit prdsent~s pour lea plans de sor-
tie du second redresseur et de Ia troisieme roue mobile (stations 6 et 7, Fig. 1)(. Nous constatons un
escellent recoupement des valeurs espirimentales au moyeu coimne au carter en ce qui concerne Is pressbon
totale (Fig. 11-A-8), l'angle absolu (Fig. 11C-D( et l'angle relatif (Fig. 12-A). Seule, Is temp~rature
totale calculde diffbre largement de celie mesur~e pr6s des parois (Fig. )2 B). Ceci est probablement lid
b Ia non-prise en compte de la forme visqueuse de Il6quation de l'snergie dans la m~thode actuelle, et
6galement 6 Ia non-prise en compte des ph~nom6nes de rs6lange. f15Ja 1[17] )

Nous notons enfin le boo accord entre leo valeurs calcul6es de Is pression statique et leo mesures ef-
fectudes asx parois(Fig 12 C et 0), preuve que Ce blocage induit par les couches limites de paroi est
correctemeot caild1.

Fig. 10 -Comraaeur 8P A trois 6tages

Vue mfiridienne do Is veine
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3. Application au dessin d'ataes

La mdthode de calcul qui vient d'ttre prfsentde constitue un outil pratique pour dessiner les aubages.
Elle a lavantage de calculer lea phdnom~nes secondaires dana tout le plan mridien, et son niveau d'ap-
proximation est comparable A celui du calcul m6ridien avec lequel sont choisis lea principaux paramttres
adrodynamiques. La SNECMA l'utilise en particulier pour dessiner lea redresseursavec extr6mit~s vrill~es,
dont la gdomdtrie permet uiee augmentation du rendement et de Ia marge au popage d'un compresseur multi-

6tage. Dans l'exemple reprdsentd en Fig. 1IA, ces redresseurs se distinguent des aubages classiques par
une forte augmentation de l'angle de calage des profils prbs des parois. Cette transformation gdom~trique
rdpond A deux objectifs ; Vers le bord d'attaque, l'augmentation de l'angle des profils permet de mieux
adapter l'aubage h 6coulement incident (Fig.13.B) ; vers le bord de fuite, l'augmentation de l'angle des
profils permetde rdduire la charge adrodynamique prbs des parois, et donc de limiter le d~veloppement des
ph~nombnes secondaires. Ceci permet dgalement d'attinuer les variations sur Is hauteur de l'angle absolu
A la sortie du redresseur (Fig. 13C et 130). Par composition des vitesses, l'angle d'incidence sur Is roue
mobile suivante s'en trouve ldgbrement rdduit (Fig. 13E).

La mdthode de calcul des 6coulements secondaires, couplse au calcul mdridien, fournit lea informations
n~cessaires au rdglage de l'angle des profils pros des parois en calculant lea angles A l'entr~e et A l
sortie des redresseurs et roues mobiles. Enfin, de fa;on plus gdn~rale, cette mdthode permet de mesurer
l'effet de ces modifications gdomdtriques sur le d~veloppement des phlnom~nes secondaires.

ConclUaon

ta SNECMA a industrialisd et 6tendu au cas des compresseurs axiaux multidtages une mthode de calcul
mise au point par le Docteur F.Leboeuf sur des compresseurs et turbines monodtages [6]. Cette mthode re-
pose sur la mod~lisation de l'coulement m~ridien par un dcoulement sain sdparant deux couches visqueuses
de paroi. Elle a l'avantage de pouvoir calculer Is valeur moyenne en azimut des ph6nomlnes secondaires
dana tout le plan mdridien, y compris A l'intrieur des aubages.

La comparaison calcul - experience sur un compresseur basse pression de trois 6tages montre un excel-
lent accord en ce qui concerne le blocage, la pression totale et lea angles. Seule la temperature totale
calculdepr6sente des 6carts notables avec l'exprience. Ceux-ci sont attribuds en partie h l'absence de
rtsolution de I'dquation complete de I'dnergie.

Cette m~thode de calcul est d'un grand intdr~t pour la conception des aubages, en particulier des re-
dresseurs A extrdmitLs vrilldes.
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A - Stator SNECKA avec "end-bend"

fh incidence positive h sous dviation

; c<1 (2

+ + 4+ 4- 4-: angle du profil au bord
d'attaque

B - Angle d'entrde du stator C - Angle de sortie d'un stator onvetionnel

h 
h

sous d6viation - --- incidence pos t ve - -

/i

D - Angle de sortie d'un atator avec "end-bend" E -Angle d'entr6e de l roue mobile suivante

calcul mdridien

- calcul avec 6coulements secondaires (stator conventionnel)

(stator avec end-bend)
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DISCUSSION

N. KROLL, Ge

How are the Plliptic effects accounted for in the solution process ?

Author's Reply

The elliptic effects neglected in the parabolic process are related to
the static pressure gradients in the marching direction. These are taken in-
to account by solving an approximate inviscid flow equation simultaneously
with the wall layer equations. This equation is expressed in the form of a
correction of the external flow according to the blockage induced by the
wall shear layers.

This strong coupling ensures a good numerical stability. For more de-
tails on this point, you may refer to F. Leboeuf, "Annulus End-Wall Boundary
Layer Theory", VKI Lecture Series 84-05.

K.R. GARWOOD, UK

Having presented data on how you propose to design the stators, how
would you propose to design the rotor blades, particularly the casing sec-
tions ?

Author's Reply

This is a difficult problem and investigations are currently under way.
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